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AAS  98-346 


NEAR  COMET  ORBIT  PLANNING  AND  NAVIGATION* 

Dr.  Miguel  Bello  Morat,  Mr.  Jose  Prieto  Munoz1,  Dr.  Jose  Rodriguez-Canabal* 

This  paper  presents  the  near  comet  orbit  planning  and  navigation  results 
obtained  during  the  mission  analysis  study  for  the  ROSETTA  project  of 
the  European  Space  Agency.  The  orbital  strategy  for  near  comet 
operations  is  designed  in  9 different  phases  including  the  approximation 
trajectory,  global  mapping  of  the  nucleus,  close  observation  of  candidate 
landing  sites  and  the  ejection  and  landing  on  the  nucleus  of  a Surface 
Science  Package  (SSP)  to  perform  the  in  situ  analysis  of  the  comet.  The 
orbit  determination  in  the  vicinity  of  the  cometary  nucleus  will  be  primarily 
based  on  the  combination  of  natural  landmarks  observations  (using  on 
board  camera)  and  Range  and  Doppler  measurements  from  ground 
stations.  The  navigation  process  includes  the  simultaneous  estimation  of 
the  spacecraft  position  and  velocity  relative  to  the  comet,  the  comet 
position  and  velocity  relative  to  the  Sun,  the  SSP  position  and  velocity 
relative  to  the  comet,  the  nucleus  Euler  angles  to  define  the  body  fixed 
frame  orientation  relative  to  the  inertial  coordinate  system,  the  angular 
velocity  of  the  nucleus  in  body  fixed  frame,  the  nucleus  gravitational  field 
parameters  (up  to  order  and  degree  four),  the  inertia  matrix  of  the 
cometary  nucleus  (inertia  matrix  and  second  order  gravitational 
parameters  are  related)  and  the  location  of  the  selected  landmarks.  A 
navigation  tool  based  on  a Square  Root  Information  Filter  (SRIF)  has 
been  designed  and  integrated  in  the  Rosetta  Near  Comet  Operations 
Simulator  (RONCOS)  program  which  performs  end  to  end  numerical 
simulations  of  all  near  comet  operations  considering  orbit  strategy  and 
navigation  aspects.  The  most  important  results  for  all  the  phases  in  the 
vicinity  of  the  comet  are  summarised  in  this  paper. 


INTRODUCTION 

The  European  Space  Agency  considers  ROSETTA  to  be  the  third  cornerstone  of  the  Horizon  2000 
Program.  The  prime  objective  of  the  ROSETTA  Comet  Rendezvous  Mission  is  the  in-situ  analysis  of 
the  chemical,  mineralogical  and  isotopic  composition  of  a cometary  nucleus,  in  this  case  the  comet 
Wirtanen.  ROSETTA  will  be  launched  by  Ariane  5 from  Kourou  in  January  2003,  it  will  perform  one 
swingby  of  Mars  and  two  swingbys  of  Earth.  In  addition,  it  will  do  flybys  of  the  asteroids 
Mimistrobell  and  Rodari.  The  comet  rendezvous  will  be  in  2011.  A period  of  32  months  is  required 
from  launch  to  Mars  arrival.  The  spacecraft  will  be  in  hibernation  until  approximately  three  months 
before  the  swingby  date.  A powered  gravity  assist  of  Mars  will  be  performed  in  August  2005.  Daily 
tracking  with  two  groundstations  will  be  resumed  three  months  before  Mars  arrival  for  retargeting  and 
correction  maneuvers  before  and  after  the  swingby.  The  first  Earth  gravity  assist  will  be  performed  in 


This  work  has  been  carried  out  under  ESA  contract  (COPNAV,  ESOC  1 1250/94/D/IM) 
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November  2005  with  a hyperbolic  excess  velocity  of  9.6  km/s.  Similar  the  Mars  swingby,  daily 
operations  will  be  resumed  3 months  before  the  swingby  and  continue  up  to  1 month  after  the  swingby 
for  targeting  and  correction  maneuvers.  The  first  Earth  gravity  assist  will  inject  the  spacecraft  into  an 
orbit,  which  crosses  the  orbit  of  the  asteroid  Mimistrobell.  The  flyby  of  Mimistrobell  will  be 
performed  in  September  2006.  Detection  of  the  asteroid  by  the  spacecraft  will  occur  about  8 days 
before  the  flyby.  Science  data  will  be  stored  onboard  for  later  transmission  to  Earth.  The  second  Earth 
gravity  assist  will  be  performed  in  November  2007.  This  swingby  will  inject  the  spacecraft  into  a high 
energy  heliocentric  orbit  on  route  to  the  comet  Wirtanen.  This  trajectory  will  cross  the  orbit  of  the 
asteroid  Rodari.  A flyby  of  Rodari  will  be  performed  in  May  2008  at  a relative  velocity  of  1 1.3  km/s. 
ROSETTA  spacecraft  will  arrive  at  the  comet  Wirtanen  in  201 1 near  the  cometary  aphelion  at  a Sun 
distance  of  4.5  AU.  The  relative  velocity  of  the  encounter  will  be  1 .24  km/s.  ROSETTA  will  start  near 
comet  operations  after  the  rendezvous  in  201 1 and  finish  after  the  comet  perihelion  in  2013. 

THE  ROSETTA  NEAR  COMET  OPERATIONS  SIMULATOR  PROGRAM  (RONCOS) 

A Rosetta  Near  Comet  Operations  Simulator  Program  (RONCOS)  with  120,000  lines  of  code  has  been 
developed  for  the  analysis  of  the  orbital  strategy  and  navigation  in  the  vicinity  of  the  nucleus.  This 
simulator  program  performs 

> orbit  planning, 

> navigation, 

> parameter  estimation  and, 

> auxiliary  calculations 

for  all  the  phases  in  the  vicinity  of  the  comet  nucleus  from  the  orbit  matching  manoeuvre  up  to  the 
extended  monitoring.  RONCOS  may  be  ran  in  three  different  modes: 

> Nominal  mode:  only  orbit  planning  and  simulation  of  the  nominal  trajectory  is  performed. 

> Navigation  mode:  parameter  estimation  is  also  performed  for  a single  simulation  with  the 
corresponding  Covariance  Analysis. 

> Monte  Carlo  mode:  several  simulations  are  computed  to  get  statistics  of  the  navigation  and 
parameter  estimation  errors  for  cross  checking  with  the  Covariance  Analysis  results. 

The  Rosetta  Near  Comet  Operations  Simulator  includes  the  following  modules: 

> INITIALISATION : Characterisation  of  the  irregular  shape  comet  nucleus  and  navigation 
statistics  for  initial  phase. 

> ORBIT  PLANNING:  Computation  of  orbital  strategy  for  each  phase  according  to  the  best 
estimation  of  spacecraft  and  comet  nucleus  parameters. 

> SIMULATION:  Real  World  and  On  Ground  Computer  Modelled  World  are  simulated: 

• DYNAMICS:  Spacecraft  dynamics  (comet  high  order  gravity,  solar  radiation  pressure,  solar 
tidal  force,  nucleus  gas,  dust  and  jets  model,  manoeuvre  execution)  and  comet  nucleus 
kinematics  (rigid  body  motion  with  nutation)  are  simulated. 

• MEASUREMENTS:  On  ground  (range,  Doppler,  Diff.  VLBI)  and  on  board  (imaging 
system)  measurements  are  simulated. 

> NAVIGATION : A Square  Root  Information  Filter  (SREF)  is  used  for  orbit  determination  and 
nucleus  parameter  estimation. 

> RESULTS  EXPLOITATION:  An  independent  plotting  system  is  used  to  monitor  the  evolution 
of  all  near  comet  orbit  and  navigation  parameters  (more  than  200  different  plots). 

Comet  Nucleus  Model 

An  irregular  shape  nucleus  is  considered  in  RONCOS  (example  in  Figure  1),  the  cometary  parameters 
selected  for  numerical  simulations  (28  cases)  are  summarised  in  Table  1 . 
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Figure  1 . Typical  Comet  Nucleus  Shape  and  Identified  Landmarks. 


Table  1 

COMET  NUCLEUS  REFERENCE  CASES 


Comet 

Density 

Rot.  Period 

Nutation 

Spin 

Shape  Irre. 

Activity 

Case 

10  At- 

5° 

Perp. 

Medium 

Medium 

Small 

500  m 
Small 

0.2  gr/cm3 

240  hr 

12 

10  hr 

0° 

13 

10° 

14 

5° 

Inclined 

15 

Perp. 

High 

16 

Medium 

High 

17 

1 .5  gi /cm3 

Medium 

18 

600  m 
Wirtanen 

0.75  gi /cm3 

1 hr 

5° 

Perp. 

Medium 

Medium 

Wirtanen 

14  hr 

22 

240  hr 

23 

1 hr 

0° 

24 

10° 

25 

5° 

In  Orbit 

26 

Inclined 

27 

To  Sun 

28 

Perp. 

Low 

29 

High 

210 

Medium 

Low 

211 

High 

212 

7 hr 

5° 

Big 

240  hr 

Perp. 

32 

0° 

Medium 

Medium 

33 

2.5  Km 

1.5  gr/cm3 

10° 

34 

Big 

1 hr 

Inclined 

35 

5° 

High 

36 

Perp. 

Medium 

High 

37 

0.2  gr /cm3 

Medium 

38 
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The  model  of  cometary  activity  has  been  developed  by  Prof.  Ivashkin  (Russian  Academy  of  Sciences) 
under  GMV  contract.  It  is  based  on  previous  studies  (J.F.  Crifo,  A.H.  Delsemme,  N.  Divine,  C. 
Froeschle,  T.I.  Gombosi,  J.A.M.  McDonell,  R.F.  Probstein,  H.  Rickman,  Z.  Sekanina,  L.M.  Shul’man, 
M.K.  Wallis,  F.L.  Whipple,  et  al.)  and  it  has  been  compared  with  more  sophisticated  models, 
astronomical  observation  and  laboratory  experimental  data. 

Near  Nucleus  Dynamics 

The  motion  of  the  S/C  and  the  SSP  in  the  vicinity  of  the  comet  is  simulated  taking  into  account: 

> The  gravitational  field  of  the  irregular  nucleus  up  to  order  and  degree  four 

> The  solar  tidal  force 

> The  solar  radiation  pressure 

> The  effect  of  comet  outgassing  (background  and  jets,  gas  and  dust) 

> The  kinematics  equations  of  the  nucleus  which  relates  the  Euler  angles  with  the  angular  velocity 

> The  equations  of  the  nucleus  as  rigid  body  which  relates  the  angular  velocity  with  the  moments  of 
inertia  and  external  torque  (due  to  jets) 


Measurements  Model 

The  following  measurements  models  have  been  implemented  in  this  tool  for  cometary  navigation: 

On  ground  radiometric  measurements: 

^ Two  way  range  from  up  to  10  groundstations 
^ Two  way  range  rate  or  Doppler  from  up  to  10  groundstations 
^ Differential  range  from  up  to  10  baselines 

> ADOR  (Double  Differential  One  Way  Range)  from  up  to  10  baselines 

On  board  measurements  with  Narrow  (NAC)  and  Wide  (WAC)  Angle  camera: 
r*  NAC  and  WAC  optical  tracking  of  comet  direction  as  a point 

> NAC  and  WAC  optical  tracking  of  comet  direction  as  extended  body 

> NAC  and  WAC  optical  tracking  of  landmarks  (up  to  5)  versus  star  background 

> NAC  and  WAC  optical  tracking  of  landmarks  (up  to  5)  without  a fixed  background 

r-  Radar  altimeter  ranging  to  the  comet  surface 


The  results  presented  in  this  paper  are  based  on  the  use  of  conventional  range  and  Doppler  (from 
Weilheim,  Perth  and  Villafranca)  combined  with  NAC  (3.4°  x 3.4°)  and  WAC  (15°  x 15°)  images  of 
the  comet  nucleus  (differential  VLBI  and  radar  has  not  been  used). 


Near  Comet  Navigation 

The  orbit  determination  in  the  vicinity  of  the  cometary  nucleus  will  be  primarily  based  on  the 
combination  of  natural  landmarks  observations  (using  the  wide  angle  camera)  and  Range  and  Doppler 
measurements  from  ground  stations.  The  navigation  process  includes  the  simultaneous  estimation  of 
the  following  dynamical  state  variables  (53): 

• Spacecraft  position  and  velocity  relative  to  the  comet  (6). 

• Comet  position  and  velocity  relative  to  the  Sun  (6). 

• SSP  position  and  velocity  relative  to  the  comet  (6). 

• Euler  angles  (3)  to  define  the  body  fixed  frame  orientation  relative  to  the  inertial  system. 

• Angular  velocity  of  the  nucleus  in  body  fixed  frame  (3). 

• Gravitational  constant  of  the  comet,  gravitational  field  parameters  and  the  inertia  matrix  of  the 
cometary  nucleus  (inertia  matrix  and  second  order  gravitational  parameters  are  related). 

• Coordinates  of  the  selected  landmarks  in  the  body  fixed  frame  (15  variables  for  5 landmarks). 
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A navigation  tool  based  on  a Square  Root  Information  Filter  (SRIF)  has  been  designed  in  the  current 
Near  Comet  Orbit  Planning  and  Navigation  study.  This  tool  has  been  integrated  in  the  Rosetta  Near 
Comet  Operations  Simulator  (RONCOS). 

ROSETTA  NEAR  COMET  OPERATIONS 

The  cometary  environment  will  be  largely  unknown  before  the  Rosetta  spacecraft  approaches  the 
comet.  Ground  observations  can  possibly  determine  the  size  of  the  nucleus  and  the  spin  rate,  but  the 
shape,  gravity  and  kinematics  will  be  completely  unknown.  They  will  be  determine  by  means  of 
onboard  observations  during  the  near  comet  phase.  A detailed  analysis  of  all  near  comet  operations  has 
been  performed  within  the  Near  Comet  Orbit  Planning  and  Navigation  study.  The  near  comet  baseline 
is  decomposed  in  9 different  phases,  described  in  the  subsequent  paragraphs. 

NEAR  COMET  DRIFT  PHASE 

The  comet  rendezvous  manoeuvres  in  2011  will  inject  the  spacecraft  into  a trajectory  with  a residual 
drift  (about  25  m/s)  with  respect  to  the  comet.  Actual  approach  operations  have  to  be  delayed  due  to 
following  technical  constraints: 

> Under  the  current  design  a maximum  Sun  distance  of  4.2  AU  is  required  for  the  solar  array  to 
provided  the  required  power. 

> In  order  to  guarantee  a high  enough  bit  rate  using  the  15  m dish  ESA  antenna,  a maximum 
distance  to  the  Earth  of  3.5  AU  is  imposed. 

The  drift  phase  is  design  such  that  at  the  end  of  the  required  waiting  period  the  spacecraft  reaches 
a desired  point  relative  to  the  comet  at  the  time  at  which  the  actual  approach  operations  can  be 
started.  The  final  point  is  selected  such  that  cometary  debris  is  avoided  (normally  near  the  comet 
flight  path)  and  good  comet  illumination  conditions  are  obtained.  This  is  the  Comet  Acquisition 
Point  (CAP).  A comet  distance  of  100,000  km  has  been  proposed  as  baseline  for  the  CAP.  It  is  a 
compromise  between  safety,  comet  detection,  time  and  initial  target  bias.  A smaller  value  presents 
the  problem  of  crossing  the  comet  track  at  a short  distance  (a  large  dispersion  is  expected  at 
CAP),  in  addition  a complex  scanning  should  be  necessary  to  find  the  comet  at  a closer  distance. 
A larger  value  presents  the  problem  of  very  large  distances  for  the  beginning  of  the  near  comet 
drift  (several  millions  of  km).  In  addition,  this  distance  ensures  a very  good  acquisition  even  for 
the  worst  comet  case.  The  CAP  velocity  is  set  to  25  m/s.  Simulations  with  different  values  show  that 
a smaller  value  imposes  very  large  duration  for  the  far  approach  while  larger  values  imply  very  large 
distances  for  the  beginning  of  the  near  comet  drift. 

The  illumination  angle  at  CAP  has  been  set  to  45°.  A parametric  analysis  of  the  total  required  AV  as  a 
function  of  the  illumination  angle  has  been  performed.  The  total  required  AV  decreases  for  increasing 
values  of  the  illumination  angle.  The  maximum  permissible  angle  is  70°.  However,  the  very  large 
dispersion  at  CAP  (up  to  20°  in  illumination  angle)  imposes  a compromise  of  45°  with  a corresponding 
AV  of  1235.6  m/s. 

The  bias  target  at  CAP  is  10,000  km.  The  orbit  strategy  is  not  very  sensitive  with  respect  to  this 
parameter.  The  total  number  of  manoeuvres  has  been  set  to  4.  Simulations  with  3 manoeuvres  present 
a larger  sensitivity  with  respect  to  manoeuvre  execution  errors  while  5 manoeuvres  strategies  do  not 
present  important  improvements. 

The  time  before  nominal  rendez  vous  manoeuvre  to  start  the  near  comet  drift  phase  initialisation  to  has 
been  set  to  14  days.  The  total  duration  of  the  near  comet  drift  phase  is  98  days.  The  nominal  size  of 
manoeuvres  is  710,  267,108  and  53  m/s.  The  time  between  manoeuvres  is  8.4  days  (25  days  for  all 
manoeuvres).  The  total  AV  budget  for  this  phase  1 136  m/s.  A final  drift  of  64  days  at  about  25  cm/s 
towards  the  CAP  is  done. 
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FAR  APPROACH  TRAJECTORY  PHASE 

Far  approach  operations  starts  at  CAP.  Comet  optical  images  are  processed  to  improve  the  relative 
navigation.  After  detection,  knowledge  of  the  comet  ephemeris  will  be  drastically  improved  by  the 
processing  of  the  onboard  observation.  Image  processing  on  ground  will  derive  a coarse  estimation  of 
comet  size,  shape  and  kinematics.  The  approach  manoeuvre  sequence  will  sequentially  reduce  the 
relative  velocity  to  finally  2.5  m/s  after  77  days.  The  manoeuvre  strategy  will  be  design  to: 

• Progressively  reduce  the  relative  velocity. 

• Retain  an  apparent  motion  of  the  comet  with  respect  to  the  star  background. 

• Retain  the  illumination  angle  (Sun-comet-Spacecraft)  below  70°. 

• Avoid  the  danger  of  impact  with  the  cometary  nucleus  in  case  of  manoeuvre  failure. 

The  Far  Approach  Trajectory  ends  at  the  Approach  Transition  Point  (ATP),  which  is  the  point 
where  a first  estimate  of  the  comet  Euler  angles,  angular  velocity  and  location  of  landmarks  is 
obtained  from  the  analysis  of  the  NAC  images.  The  ATP  is  located  on  the  Sun  direction  at  about  300 
comet  radii  from  the  nucleus.  The  far  approach  trajectory  strategy  is  illustrated  in  Figure  3.  The 
spacecraft  moves  from  the  Comet  Acquisition  Point  CAP  (defined  by  its  distance  dCAP  = 100,000  km 
and  illumination  angle  <pCAP  = 45°)  with  a relative  velocity  V cap  - 25  m/s  and  target  bias  bCAp  = 10,000 
km,  towards  the  Approach  Transition  Point  ATP,  which  is  also  defined  by  a comet  distance  ( dArp ) on 
the  comet  - Sun  direction  to  optimise  the  illumination  conditions  with  a given  relative  velocity  VAtp 
and  target  bias  bArp-  The  duration  of  the  far  approach  phase  (77  days)  is  given  by  the  Earth  distance 
constraint  imposed  by  the  required  transmission  rate  for  operations. 

The  Approach  Transition  Point  (ATP)  is  selected  at  a comet  distance  of  300  comet  radii  as  baseline. 
The  ATP  point  is  characterised  by  the  fact  that  at  this  moment,  a first  estimate  of  comet  nucleus 
kinematics  and  landmarks  location  is  derived.  The  ATP  velocity  is  set  to  2.5  m/s.  Simulations  with 
different  values  show  that  a smaller  value  imposes  very  large  duration  for  the  close  approach  while 
larger  values  imply  very  short  duration  for  the  same  phase. 

The  illumination  angle  at  ATP  has  been  set  to  zero  in  order  to  optimise  the  nucleus  illumination 
conditions  in  the  subsequent  phase  which  is  critical  for  the  characterisation  of  the  comet  nucleus 
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kinematics.  The  bias  target  at  ATP  is  set  to  50  comet  radii.  The  total  number  of  manoeuvres  has  been 
set  to  5.  The  time  between  manoeuvres  is  3.1,  37.7,  18.6,  9.4,  4.7  and  3.1  days  respectively.  The 
nominal  size  of  manoeuvres  is  6,  3.5,  3.7,  4.3  and  6.1  m/s.  The  total  AV  budget  is  23.7  m/s.  The 
illumination  angle  during  this  phase  is  reduced  from  45°  to  the  final  value  of  0°. 

TABLE  2 


NAVIGATION  ERRORS  (1-q)  AT  THE  END  OF  THE  FAR  APPROACH  PHASE 


Comet 

S/C  Pos.  (Km) 

S/C  Vel  (mm/s) 

Com.  Pos.  (Km) 

. 

Com.  VeL  (mm/s) 

Grav.  Cte.  (%) 

Small 

0.648 

3.736 

368.4 

50.00 

29.9 

Wirtanen 

0.766 

4.354 

368.6 

50.15 

30.0 

Big 

1.424 

10.58 

369.7 

52.69 

27.5 

Figure  3:  ROSETTA  Far  Approach  Trajectory  Phase 

CLOSE  APPROACH  TRAJECTORY  PHASE 

Close  approach  operations  starts  at  ATP.  Line  of  sight  to  comet  nucleus  landmarks  are  processed 
together  with  on  ground  radiometric  measurements  in  order  to  estimate  the  s/c  relative  position  and 
velocity,  comet  absolute  position,  comet  Euler  angles,  nucleus  angular  velocity,  gravitational  field  and 
location  of  landmarks.  A very  good  estimate  of  the  comet  kinematics  and  gravitational  constant  is 
obtained  at  the  end  of  this  phase  which  is  the  Orbit  Insertion  Point  (OIP).  At  this  point  the  s/c  is 
injected  into  a hyperbolic  arc  around  the  comet,  at  a typical  distance  of  60  comet  radii  and  a velocity 
of  some  cm/s,  depending  on  the  comet  size  and  density.  The  close  approach  trajectory  strategy  is 
illustrated  in  Figure  4.  The  spacecraft  moves  from  the  ATP  (defined  by  its  distance  dATP  = 300  Rc  and 
illumination  angle  <pATP  = 0°)  with  a relative  velocity  VATP  = 2.5  m/s  and  target  bias  bATP  = 50  Rc 
towards  the  Orbit  Injection  Point  OIP  which  is  also  defined  by  a comet  distance  ( d0iP ) on  the  plane  of 
the  orbital  mapping  motion.  The  OIP  is  a point  where  the  spacecraft  is  injected  into  a hyperbolic  arc 
with  impact  vector  b0iP  and  percenter  radius  RP. 

The  OIP  is  located  in  the  plane  selected  for  global  mapping.  This  is  a plane  which  is  defined  by 
rotating  an  angle  a around  the  perpendicular  to  the  comet  - Sun  line  the  plane  determined  by  the 
angular  momentum  vector  L and  the  Sun  direction.  This  rotation  is  introduced  in  order  to  avoid  Sun 
eclipse  and  Earth  occultation.  Figure  4 illustrates  the  selection  of  the  global  mapping  plane.  The  value 
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of  the  angle  a is  computed  from  the  following  parameters:  the  safe  distance  to  the  eclipse  condition 
(SDIS,  typically  1 comet  radius),  the  minimum  orbital  radius  at  global  mapping  ( R0rb . about  10  comet 
radii)  and  the  maximum  comet  radius  Rmax 

The  angle  a is  rotated  in  the  direction  to  avoid  Earth  occultation  constraints  as  it  is  illustrated  in  Figure 
4.  A comet  distance  of  60  comet  radii  has  been  proposed  as  baseline  for  the  OIP.  The  pericenter  of  the 
hyperbolic  arc  is  set  to  25  comet  radii  (maximum  mapping  distance).  The  module  of  the  impact  vector 
is  set  to  35  comet  radii.  The  total  duration  ranges  between  3 (low  density)  and  13  days  (dense).  Total 
AV  for  this  phase  ranges  between  190  (big,  dense)  and  250  cm/s  (small). 


Figure  5.  Typical  Sequence  of  Nucleus  Images  at  the  Close  Approach  Phase. 


548 


TABLE  3 


NAVIGATION 


ERRORS  (1-q)  AT  THE  END  OF  THE  CLOSE  APPROACH  PHASE 


• ._  ...  . X;::.  ::: 

Nom. 

:'.C 

Long 

Per. 

V.L. 

Per. 

:no  . 
Nut 

' 

• 

High 

Nut: 

Spin 

InO. 

Inch 
Spin  : . 

Spin  to 
Sun 

* ’Low  • . 
Irreg. 

High;: 

Irreg. 

Low 

-Act1 

■ ..  ■ -:r 

High 

Act 

SC  Pos  (m) 

231.9 

262.3 

265.3 

237.6 

213.8 

262.7 

231.1 

205.8 

234.1 

250.4 

247.0 

262.5 

SC  Vel.  (mm/s) 

1.38 

1.48 

1.47 

1.41 

1.33 

1.49 

1.40 

1.28 

1.38 

1.49 

1.45 

1.50 

Com.  Pos.  (Km) 

341.9 

341.8 

341.8 

341.9 

333.6 

343.6 

242.3 

343.1 

341.9 

341.5 

333.9 

343.6 

Co.  Vel.  (mm/s) 

47.1 

47.1 

47.1 

47.1 

46.5 

47.2 

47.2 

47.2 

47.1 

47.1 

46.5 

47.2 

Eul.  Ang.  (°) 

1.04 

1.20 

3.14 

0.885 

1.35 

0.85 

0.96 

1.39 

0.96 

0.828 

0.864 

0.849 

Ang.  Vel.  (%) 

0.058 

0.080 

2.21 

0.028 

0.081 

0.053 

0.049 

0.050 

0.055 

0.059 

0.053 

0.054 

Grav.  Cte.  (%) 

28.3 

28.4 

28.3 

28.4 

28.2 

28.6 

28.5 

28.40 

28.41 

28.72 

28.50 

28.68 

lx  (%) 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

10.0 

Iy/Ix 

0.017 

0.021 

0.069 

_ 

0.009 

0.015 

0.018 

0.020 

0.010 

0.020 

0.014 

0.016 

Iz/Ix 

0.022 

0.025 

0.05.7 

_ 

0.011 

0.020 

0.024 

0.023 

0.025 

0.023 

0.018 

0.020 

X Land,  (m) 

10.2 

10.4 

20.8 

10.4 

7.7 

8.7 

13.3 

16.7 

9.8 

9.3 

7.9 

8.7 

YZ  Land,  (m) 

6.3 

9.9 

32.0 

6.2 

5.0 

7.3 

9.8 

3.2 

6.6 

8.5 

5.9 

8.4 

TRANSITION  TO  GLOBAL  MAPPING  PHASE 

The  transition  to  global  mapping  starts  at  the  OIP.  A hyperbolic  arc  is  used  down  to  a distance  to  the 
comet  of  about  25  comet  radii  where  a capture  manoeuvre  circularize  the  orbit.  Processing  of  on 
ground  /on  board  measurements  continue  the  estimation  of  all  comet  kinematics  and  gravitational 
parameters.  This  phase  ends  at  the  Global  Mapping  Injection  Point  (GMI)  where  the  S/C  is  injected 
into  a circular  orbit  to  map  the  comet  nucleus.  The  transition  to  global  mapping  strategy  problem  is 
illustrated  in  Figure  6.  The  spacecraft  moves  from  the  Orbit  Insertion  Point  OIP  (defined  by  its 
distance  d0ip  = 60  Rc,  impact  vector  modulus  b0ip  and  pericenter  radius  RP  of  hyperbolic  arc)  towards 
the  Global  Mapping  Injection  Point  GMI  which  is  defined  by  a comet  distance  (Rgm,  computed 
according  to  the  mapping  strategy)  on  the  plane  of  the  orbital  mapping  motion,  in  the  opposite 
direction  to  the  Sun  projection  on  the  orbit  plane. 


Figure  6:  Transition  to  Global  Mapping  Phase 
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The  total  duration  is  44,  24  and  5 days  for  small,  Wirtanen  and  big  comet  respectively.  The  nominal 
size  of  manoeuvres  ranges  between  1 and  32  cm/s.  Small  trajectory  correction  manoeuvres  (less  than  1 
cm/s)  are  introduced  in  large  orbital  arcs.  The  total  AV  budget  is  18,  23  and  72  cm/s  for  the  small, 
Wirtanen  and  big  comet  respectively.  The  final  relative  velocity  ranges  between  4 and  46  cm/s.  The 
final  distance  to  the  comet  is  10-25  equivalent  radii.  The  time  between  manoeuvres  ranges  between  40 
hours  (big)  and  9 days  (small  comets). 

TABLE  4 


NAVIGATION  ERRORS  (1-q)  AT  THE  END  OF  THE  TRANSITION  TO  GLOBAL  MAPPING 


Nom. 

Long 

Per. 

V.L. 

Per. 

No 

Nut. 

High 

Nut. 

Spin 

InO. 

Incl. 

Spin 

Spin  to 
Sun 

Low 

Irreg. 

High 

Irreg. 

Low 

Act. 

High 

Act 

SC  Pos  (m) 

24.2 

20.2 

23.2 

18.5 

26.4 

25.8 

25.8 

26.92 

25.7 

28.1 

28.7 

30.5 

SC  Vel.  (ram/s) 

0.380 

0.379 

0.321 

0.380 

0.387 

0.374 

0.363 

0.390 

0.436 

0.425 

0.394 

0.411 

Com.  Pos.  (Km) 

166.4 

166.5 

165.9 

166.1 

164.7 

167.0 

165.9 

167.4 

165.9 

165.5 

163.3 

166.5 

Co.  Vel.  (mm/s) 

27.8 

27.8 

27.7 

27.8 

27.3 

27.9 

27.6 

28.1 

27.6 

27.5 

27.2 

27.8 

Eul.  Ang.  C) 

0.151 

0.162 

0.583 

0.129 

0.208 

0.169 

0.229 

0.134 

0.208 

0.171 

0.138 

0.267 

Ang.  Vel.  (%) 

0.007 

0.008 

0.122 

0.002 

0.014 

0.011 

0.009 

0.008 

0.007 

0.009 

0.010 

0.012 

Grav.  Cte.  (%) 

0.577 

0.561 

0.599 

0.557 

0.601 

0.527 

0.600 

0.559 

0.579 

0.604 

0.596 

0.774 

lx  (%) 

9.9 

9.9 

9.9 

10.0 

10.0 

10.0 

10.0 

10.0 

9.9 

9.5 

10.0 

9.9 

Iy/Ix 

0.003 

0.003 

0.016 

- 

0.001 

0.004 

0.003 

0.003 

0.001 

0.004 

0.004 

0.004 

hAx 

0.003 

0.004 

0.019 

- 

0.002 

0.004 

0.004 

0.004 

0.003 

0.005 

0.005 

0.005 

X Land,  (m) 

2.3 

2.4 

5.6 

3.3 

1.5 

8.7 

3.0 

16.7 

2.5 

9.3 

7.9 

8.7 

YZ  Land,  (m) 

0.9 

0.9 

6.2 

0.86 

0.83 

8.4 

1.4 

2.3 

0.8 

8.5 

7.7 

8.4 

GLOBAL  MAPPING  PHASE 

The  preliminary  survey  of  the  surface  of  the  comet  is  known  as  global  mapping.  At  least  80  % of  the 
illuminated  surface  is  required  to  be  mapped.  Stable  circular  polar  orbits  around  the  comet  at  a 
distance  between  10  and  25  nucleus  radii  will  be  used  for  the  mapping  of  the  surface.  The  semimajor 
axis  of  the  mapping  orbit  will  be  chosen  as  a function  of  comet  gravity  and  spin  rate,  taking  into 
account  the  following  constraints:  coverage  without  gaps,  safety  considerations  (no  impact  on  comet 
nucleus),  volume  of  data  for  real  time  transmission,  maximum  time  to  complete  surface  mapping, 
minimum  resolution  and  viewing  angle  to  surface  normal  and,  continuous  communications  to  Earth. 

The  following  conclusions  are  derived  from  the  analysis  of  the  global  mapping  trajectory  for  the  whole 
domain  of  comet  nucleus  density,  rotation  period,  shape  and  kinematics  conditions: 

• The  mapping  distance  ranges  between  10  to  25  comet  radii.  Fast  rotating  comets  require  a smaller 
distance.  The  larger  the  shape  irregularity  or  the  nutation,  the  bigger  the  distance. 

• Very  slow  comets  requires  2 orbits,  3 orbits  or  two  perpendicular  (polar  + equatorial)  orbits. 

• The  mapping  duration  ranges  between  4 days  (full  orbit)  for  fast  and  typical  rotating  comets  up  to 
90  days  for  3 orbits  around  an  irregular  and  low  dense  comet. 

• Orbit  control  manoeuvres  are  introduced  at  the  crossing  of  the  plane  which  contains  the  Sun 
direction  and  the  perpendicular  to  the  Sun  direction  (4  correction  manoeuvres  per  orbit,  targeting  to 
the  next  crossing  point).  The  total  AV  for  those  correction  manoeuvres  is  about  7 cm/s  for  the 
typical  comet. 

During  this  phase,  the  nucleus  shape  and  surface  properties  (roughness,  physiography)  and  kinematics 
and  gravitational  models  will  be  derived  using  optical  landmark  observations.  At  the  end  of  this  phase, 
based  on  mapping  and  remote  observation  data,  some  five  areas  (500  x 500  m)  will  be  selected  for 
close  observation. 
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TABLE  5 

NAVIGATION  ERRORS  (1-q)  AT  THE  END  OF  THE  GLOBAL  MAPPING  PHASE 


Nom. 

Long 

Per. 

V.  L. 
Per. 

No 

Nut 

High 

Nut 

Spin 

InO. 

Incl. 

Spin 

Spin  to 
Sun 

Low 

Irreg. 

High 

Irreg. 

Low 

Act 

High 

Act 

SC  Pos  (m) 

13.9 

13.7 

19.4 

12.2 

14.6 

25.0 

20.2 

15.4 

12.6 

19.4 

24.2 

24.2 

SC  Vel.  (mm/s) 

0.274 

0.298 

0.327 

0.286 

0.276 

0.427 

0.357 

0.296 

0.270 

0.356 

0.425 

0.514 

Com.  Pos.  (Km) 

140.8 

133.2 

130.9 

144.2 

126.7 

141.8 

140.8 

141.3 

140.9 

130.4 

139.0 

142.7 

Co.  Vel.  (mm/s) 

23.51 

22.58 

22.17 

23.90 

21.77 

23.66 

23.51 

23.64 

23.50 

22.18 

23.3 

23.87 

Eul.  Ang.  (°) 

0.13 

0.12 

0.32 

0.11 

0.91 

0.15 

0.17 

0.125 

0.151 

0.137 

0.122 

0.226 

Ang.  Vel.  (%) 

0.006 

0.006 

0.101 

0.002 

0.012 

0.007 

0.009 

0.007 

0.004 

0.009 

0.009 

0.012 

Grav.  Cte.  (%) 

0.28 

0.19 

0.180 

0.259 

0.216 

0.279 

0.295 

0.298 

0.286 

0.199 

0.259 

0.507 

ix  m 

9.9 

9.8 

9.5 

9.9 

7.78 

10.0 

10.0 

9.9 

6.7 

8.7 

10.0 

9.9 

b/lx 

0.002 

0.002 

0.008 

- 

0.001 

0.003 

0.003 

0.003 

0.001 

0.003 

0.002 

0.003 

Wx 

0.003 

0.003 

0.009 

- 

0.001 

0.004 

0.003 

0.003 

0.003 

0.004 

0.003 

0.004 

X Land,  (m) 

1.8 

1.7 

3.67 

2.55 

1.13 

2.3 

2.53 

2.6 

2.0 

2.2 

2.3 

2.3 

YZ  Land,  (m) 

0.62 

0.59 

3.59 

0.61 

0.51 

1.4 

1.1 

1.5 

0.6 

1.2 

1.2 

1.4 

CLOSE  OBSERVATION  PHASE 

A manoeuvre  strategy  has  been  design  for  sequences  of  close  observation  orbits  to  fly  over  the 
selected  surface  points  at  altitudes  below  1 nucleus  radius,  taking  into  account:  uninterrupted 
communications,  continuous  illumination  of  solar  arrays,  safety  constraint  (no  nucleus  encounter  in 
case  of  manoeuvre  failure),  debris,  dust  and  gas  jets  avoidance,  observed  area  under  illumination  and 
viewing  angle  normal  to  the  local  surface  below  30°. 

The  full  close  observation  phase  is  performed  in  the  same  plane  in  order  to  avoid  expensive  change  of 
plane  manoeuvres.  The  orbital  plane  is  selected  to  avoid  eclipse  and  Earth  occultation,  to  maximise  the 
achievable  comet  surface  and  to  provide  a flyover  close  to  the  terminator  for  the  analysis  of  the 
warming  up.  The  flyover  time  corresponding  to  each  candidate  site  is  given  by  the  time  of  crossing  of 
this  site  with  the  selected  orbital  plane.  The  flyover  altitude  of  each  candidate  site  is  selected  according 
to  the  resolution,  field  of  view  and  safety  constraints.  Only  in-plane  phasing  manoeuvres  are  required 
in  order  to  ensure  the  flyover  of  the  spacecraft  above  the  candidate  site  at  the  right  time.  Two  phasing 
manoeuvres  are  required  per  flyover.  In-plane  phasing  manoeuvres  are  very  cheap  (nearly  Hohmann 
transfer  type).  Several  options  are  feasible  depending  on  the  number  of  complete  revolutions  of  the 
comet  nucleus  before  flyover.  If  the  number  of  revolutions  increases,  the  phasing  AV  decreases  and 
the  duration  increases.  The  final  result  is  obtained  as  a trade  off  between  duration  and  propellant 
requirements.  The  selection  of  the  close  observation  orbital  plane  is  performed  by  taking  into  account 
that  eclipse  and  occultation  must  be  avoided,  observation  close  to  the  terminator  is  desirable,  the 
coverage  of  comet  surface  must  be  maximised,  and  the  maximum  illumination  angle  is  70°. 

The  best  plane  for  eclipse  and  occultation  avoidance  and  warming  up  observation  is  the  terminator. 
However,  the  illumination  angle  at  flyover  of  a candidate  site  in  this  plane  is  close  to  90°,  violating  the 
constraint  of  maximum  value  (70°).  The  finally  selected  orbital  plane  for  close  observation  is  the  one 
resulting  from  the  rotation  of  the  terminator  an  angle  of  40°  around  the  line  perpendicular  to  the  Sun 
and  contained  in  the  plane  defined  by  the  comet-Sun  line  and  the  comet  spin  axis  (angular  momentum 
vector  if  it  is  nutating).  This  plane  provides  a good  comet  surface  coverage  under  the  required 
illumination  constraint  while  being  close  to  the  terminator  for  analysis  of  surface  warming  up  and 
avoidance  of  eclipse  and  occultation  constraint.  In  addition,  the  dynamics  perturbation  on  the 
spacecraft  due  to  the  comet  gas,  dust  and  jests  is  minimised  in  this  plane  close  to  the  terminator. 
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The  total  duration  of  this  phase  is  12,  11  and  6 days  for  small,  Wirtanen  and  big  comet  respectively. 
Nominal  manoeuvres  ranges  between  1 and  50  cm/s.  Small  trajectory  correction  manoeuvres  are 
introduced  (less  than  1 cm/s)  in  large  orbital  arcs.  The  total  AV  budget  for  this  phase  is  about  18  cm/s 
for  small  comets  and  3 m/s  for  big  comets.  The  final  relative  velocity  ranges  between  5 and  150  cm/s. 
The  final  distance  to  the  comet  is  1 equivalent  radii.  The  time  between  manoeuvres  ranges  between  12 
hours  and  1 day  depending  on  the  comet  size. 


TABLE  6 

NAVIGATION  ERRORS  (1-q)  AT  THE  END  OF  THE  CLOSE  OBSERVATION 


Nom. 

Long 

Per. 

V.L. 

Per. 

No 

Nut. 

High 

NuL 

Spin 

InO. 

Incl. 

Spin 

Spin  to 
Sun 

Low 

Irreg. 

High 

Irreg. 

Low 

Act 

High 

Act. 

SC  Pos  (m) 

7.1 

8.7 

7.2 

15.0 

8.5 

7.1 

6.6 

7.8 

7.5 

7.5 

6.8 

11.8 

SC  Vel.  (mm/s) 

0.46 

0.59 

0.57 

4.29 

1.4 

0.453 

0.45 

0.59 

0.78 

0.62 

0.42 

1.5 

Com.  Pos.  (Km) 

105.0 

99.0 

85.0 

91.5 

92.1 

108.6 

107.0 

102.0 

107.0 

97.0 

105.0 

111.0 

Co.  Vel.  (mm/s) 

20.1 

19.5 

18.2 

20.8 

18.9 

20.5 

20.3 

20.0 

20.3 

19.3 

20.1 

20.6 

Eul.  Ang.  (°) 

0.15 

0.14 

0.34 

0.30 

0.15 

0.16 

0.16 

0.14 

0.15 

0.17 

0.13 

0.23 

Ang.  Vel.  (%) 

0.005 

0.007 

0.073 

0.002 

0.009 

0.009 

0.007 

0.006 

0.005 

0.007 

0.008 

0.010 

Grav.  Cte.  (%) 

0.15 

0.13 

0.12 

0.16 

0.14 

0.16 

0.17 

0.15 

0.17 

0.13 

0.15 

0.23 

lx  (%) 

5.42 

4.15 

5.0 

5.1 

3.7 

3.5 

3.37 

0.61 

5.87 

2.13 

4.08 

3.66 

Iy/Ix 

0.002 

0.002 

0.005 

- 

0.001 

0.003 

0.003 

0.002 

0.001 

0.003 

0.002 

0.003 

Iz/Ix 

0.002 

0.003 

0.006 

- 

0.001 

0.003 

0.003 

0.003 

0.003 

0.004 

0.002 

0.003 

X Land,  (m) 

1.5 

1.5 

2.5 

2.0 

1.1 

1.9 

1.8 

1.8 

1.7 

1.8 

1.8 

1.9 

YZ  Land,  (m) 

0.5 

0.3 

1.8 

0.4 

0.3 

1.0 

1.0 

1.3 

0.5 

1.1 

1.2 

1.3 

SURFACE  SCIENCE  PACKAGE  (SSP)  DELIVERY  PHASE 

Three  different  options  are  considered  for  the  SSP  delivery  system: 

□ Passive  System:  It  is  based  on  a passive  SSP  which  is  ejected  from  the  main  S/C  with  a given 
separation  velocity  (tunable  up  to  50  cm/s).  The  SSP  flies  down  to  the  comet  nucleus  without 
manoeuvering  capability.  The  orbiter  aligns  the  Z-axis  along  the  normal  to  the  comet  surface  at 
landing  before  ejection  of  the  SSP.  A momentum  wheel  on  the  SSP  guarantees  the  attitude 
stability  down  to  the  comet  surface. 

□ Pyro-Thruster  System:  The  SSP  ejection  is  performed  in  a similar  way  to  the  passive  system 
(tunable  Delta-V  up  to  50  cm/s).  After  ejection,  a pyro  thruster  (solid  propellant)  in  the  SSP 
provides  a vertical  (non  tunable)  AV  in  the  range  10  to  30  cm/s.  This  manoeuvre  is  done  5 
minutes  after  ejection  (150  m S/C  distance  for  a separation  manoeuvre  of  50  cm/s)  in  the  opposite 
direction  to  the  vector  normal  to  the  nucleus  surface  point  at  impact. 

□ Active  Descent  or  Cold  Gas  System:  The  SSP  is  equipped  with  an  active  cold  gas  system.  This 
active  system  concept  is  similar  to  the  previous  options  up  to  the  ejection:  the  orbiter  aligns  the  Z- 
axis  along  the  normal  to  the  comet  surface  at  landing  before  ejection  of  the  SSP  and  a separation 
mechanism  ejects  the  SSP  with  a tunable  Delta-V  up  to  50  cm/s.  After  ejection,  the  active  descent 
system  provides  a lander  slew  manoeuvre  to  align  X-axis  if  required.  A thruster  along  the  X-axis 
provides  a tunable  AVX  if  it  is  required.  A second  thruster  along  the  Z-axis  provides  a tunable  AVZ 
along  the  opposite  direction  to  the  vector  normal  to  the  nucleus  surface  point  at  impact  (Z-axis). 
The  maximum  total  AV  is  limited  to  1 m/s. 

The  geometry  of  the  Surface  Science  Package  (SSP)  delivery  is  illustrated  in  Figure  7.  At  the  ejection 
point  the  orbiter  Z-axis  (in  the  same  direction  that  the  SSP  axis)  aligns  the  vector  normal  to  the  comet 
nucleus  surface  at  landing  point  to  provide  the  required  probe  attitude  at  impact.  The  X-axis  aligns  the 
SSP  ejection  direction  vector.  An  ejection  mechanism  separates  the  SSP  with  a tunable  ejection  AV 
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(maximum  of  50  cm/s).  The  angle  8 between  the  SSP  axis  and  the  ejection  AV  is  90°  (perpendicular 
ejection).  The  ejection  velocity  vector  can  be  selected  in  any  direction  within  the  plane  perpendicular 
to  the  surface  normal  vector.  The  reference  direction  in  this  plane  is  the  intersection  with  the  plane  of 
the  SSP  orbital  motion  which  is  shown  in  Figure  7 (ux).  The  angle  between  the  reference  direction 
and  the  ejection  manoeuvre  \|/  completely  defines  the  ejection  AV  vector. 


Figure  7:  Geometry  of  Surface  Package  Delivery 

SSP  manoeuvres  are  performed  depending  on  the  above  defined  delivery  system  option.  Five  minutes 
after  ejection,  the  orbiter  performs  a manoeuvre  in  order  to  provide  optimum  visibility  conditions  of 
the  SSP  at  impact  (overfly).  The  impact  velocity  V,  is  the  SSP  velocity  with  respect  to  the  landing  site 
at  the  impact  point.  The  maximum  is  actually  set  to  2 m/s.  The  impact  angle  y is  the  angle  between  the 
impact  velocity  and  the  local  surface.  It  must  be  maximised  to  ensure  stabilisation  at  touch  down,  the 
optimum  value  is  90°.  The  angle  of  attack  a is  the  angle  between  the  SSP  axis  and  the  normal  vector  to 
the  local  surface  at  touch  down.  It  must  be  minimised  to  ensure  the  correct  attitude  at  touch  down,  the 
optimum  value  is  0°.  The  SSP  delivery  strategy  problem  is  formulated  as  a constrained  parameter 
optimisation.  The  cost  function  is  the  SSP  flight  time  duration.  Minimum  time  delivery  presents  the 
best  performances  in  term  of  impact  dispersion  errors  which  are  critical  for  the  feasibility  of  the 
mission  (in  addition,  there  is  a larger  duration  of  batteries  for  payload  operations).  The  following 
constraints  are  imposed: 

> Safety  Constraint:  The  safety  constraint  is  imposed  by  defining  a safe  volume  around  the  irregular 
comet  nucleus  (minimum  altitude  of  1 km  must  be  guaranteed).  This  volume  should  never  be 
intersected  by  the  spacecraft  trajectory.  The  safe  volume  is  an  ellipsoid  of  rotation  with  the 
symmetry  axis  along  the  direction  of  the  angular  momentum  of  the  comet  nucleus. 

> Visibility  Constraint:  One  of  the  requirements  of  the  SSP  is  the  visibility  of  the  probe  from  the 
spacecraft  during  the  period  15  minutes  before  and  after  impact.  There  are  two  ways: 

• By  including  this  constraint  within  the  SSP  delivery  optimisation  process. 

• By  performing  a manoeuvre  in  the  spacecraft  after  ejection. 

Both  solutions  have  been  analysed,  the  conclusion  of  that  analysis  was  that  the  best  option  is  to 

provide  SSP  coverage  at  impact  by  performing  a post-ejection  manoeuvre  to  the  orbiter. 

> Minimum  time  in  delivery  orbit  before  ejection:  The  spacecraft  shall  remain  within  the  vicinity 
of  the  comet  (at  a maximum  distance  between  15  and  20  comet  radii  depending  on  the  size  of  the 
nucleus)  a minimum  period  of  time  before  (for  good  orbit  determination  after  the  last  manoeuvre). 
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A period  of  16  hours  has  been  selected  in  this  study  as  minimum  time  between  the  injection  into 
the  delivery  orbit  and  the  ejection  point. 

^ Impact  Velocity  Constraint:  A maximum  value  of  2 m/s  is  imposed  to  the  impact  velocity  due  to 
the  limitation  of  the  damping  system. 

> Ejection  AV  Constraint:  A maximum  value  of  50  cm/s  is  imposed  to  the  ejection  AV. 

> Solar  Aspect  Angle  Constraint:  The  solar  aspect  angle  of  the  orbiter  at  the  ejection  must  be  in  the 
range  60°  - 120°  in  order  to  guarantee  the  required  energy. 

> Solar  Panel  Articulation  (180°  rotation)  Constraint:  A limitation  in  the  solar  panel  articulation 
(only  1 80°  of  freedom)  is  included  as  a technical  constraint. 

> Eclipse  Constraint:  The  orbiter  and  SSP  trajectories  are  design  such  that  eclipse  is  avoided. 

> Illumination  Constraint:  In  order  to  ensure  a good  illumination  of  the  SSP  at  landing,  the 
maximum  illumination  angle  at  impact  is  constrained  to  60°  (minimum  Sun  elevation  of  30°). 

The  obtained  SSP  delivery  results  (about  6000  cases  have  been  solved)  are  summarised  in  Table  8. 


TABLE  8 

SUMMARY  OF  SSP  DELIVERY  PARAMETERS 


SSP 

SYSTEM 

COMET 

SIZE 

AV  EJECT, 
(cm/s) 

FLIGHT 

TIME 

(minutes) 

IMPACT 
VEL.  (cm/s) 

EJECT. 

ALT. 

(Km) 

VERT. 

AV 

(cm/s) 

LAT.  AV 
(cm/s) 

SMALL 

10-4  22 

125-4  285 

10-4  18 

1.5  ->  1.9 

0 

0 

PASSIVE 

TYPICAL 

19  -4  37 

75  ->  236 

22  -4  43 

1.5-4  2.5 

0 

0 

BIG 

50 

60  ->  350 

142  — > 271 

6.9  -4  23 

0 

0 

SMALL 

13-4  25 

54-4  66 

33  -4  41 

1.4  —4  1.8 

30 

0 

PYRO-T 

TYPICAL 

21  -4  42 

42->54 

41  ->54 

1.4 ->  2.0 

30 

0 

BIG 

50 

48  -4  348 

127  —>  281 

6 ->  24 

30 

0 

SMALL 

13  — 4 25 

24— > 27 

100-4  108 

1.4->  1.7 

100 

0 

COLD  GAS 

TYPICAL 

20-4  43 

20-4  25 

103  -4  116 

1.4 ->  1.9 

100 

0 

BIG 

50 

21  -4  66 

120— >235 

3.0  ->  5.9 

0-4  83 

17-4  100 

Each  cell  of  the  table  presents  two  values,  they  are  the  minimum  and  the  maximum  value  found  for  all 
the  simulated  cases.  A robust  orbital  strategy  has  been  designed  for  the  transfer  between  the  final  point 
of  the  close  observation  phase  and  the  injection  into  the  delivery  orbit.  The  following  approach  is 
proposed  (illustrated  in  Figure  8): 


Figure  8:  Orbital  Strategy  for  SSP  Delivery  Preparation 
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The  spacecraft  is  initially  located  in  a close  observation  orbit  with  very  low  altitude  (point  1).  An 
apocenter  raising  manoeuvre  AV , is  performed  at  this  initial  point  in  order  to  reach  a distance  Rmax- 
This  manoeuvre  is  done  for  safety  considerations,  to  obtain  a comet  distance  which  reduces  the 
required  plane  of  change  manoeuvre  and  to  wait  some  time  for  the  decision  of  the  scientist  on  the 
selected  landing  point.  At  this  stage,  close  observation  of  the  last  candidate  site  has  been  performed, 
some  days  are  required  for  the  analysis  of  results  and  the  final  decision  on  the  impact  point  for  the 
SSP.  A very  small  variation  of  this  maximum  distance  Rmi  is  used  in  the  planning  of  the  delivery 
strategy  by  the  simulator  in  order  to  phase  the  impact  point  with  the  rotation  of  the  comet  nucleus.  The 
size  of  this  manoeuvre  is  about  3 cm/s,  5 cm/s  and  35  cm/s  for  the  small,  Wirtanen  and  big  comet 
respectively.  At  the  subsequent  apocenter  (point  2)  a circularization  manoeuvre  is  performed  (AV2). 
The  size  of  this  manoeuvre  is  about  1 cm/s,  3 cm/s  and  22  cm/s  for  the  small,  typical  and  big  comet. 
The  spacecraft  circular  orbit  at  is  propagated  up  to  the  point  3 which  is  on  the  nodal  line  of 
intersection  between  the  close  observation  plane  and  the  delivery  orbital  plane.  At  this  point,  a change 
of  plane  manoeuvre  AV3  is  performed  in  order  to  inject  into  the  circular  orbit  at  R^  in  the  required 
orbital  plane  for  the  delivery.  In  the  worst  case  the  size  of  this  manoeuvre  is  6 cm/s,  14  cm/s  and  0.75 
m/s  for  the  small,  typical  and  big  comet  respectively.  Two  different  cases  (Figure  9)  are  presented  for 
the  final  injection  into  the  delivery  orbit: 

> Case  1:  the  apocenter  of  the  delivery  orbit  is  larger  than  the  maximum  distance  Rmax-  The  orbit  is 
propagated  up  to  the  intersection  with  the  delivery  orbit  (4).  At  this  point  the  spacecraft  is  injected 
into  the  delivery  orbit  by  a manoeuvre  AV4.  Due  to  the  imposed  constraint,  the  spacecraft  remains 
in  this  orbit  for  a period  of  at  least  16  hours  before  the  ejection  of  the  SSP  (5). 

> Case  2:  the  apocenter  of  the  delivery  orbit  is  smaller  than  the  maximum  distance  Rmax.  The  orbit  is 
propagated  in  the  circular  orbit  up  to  the  crossing  of  the  apsidal  line  (pericenter  - apocenter)  of  the 
delivery  orbit  (4).  At  this  point  a braking  manoeuvre  injects  the  spacecraft  into  a transfer  orbit  to 
the  apocenter  of  the  delivery  orbit  (5).  The  delivery  orbit  injection  manoeuvre  AV5  is  performed  at 
this  point.  This  strategy  is  not  optimal  from  the  point  of  view  of  propellant  (Hohmann  transfer  to 
pericenter  is  optimum),  however  safety  considerations  are  overruling  in  this  case. 


The  dispersion  errors  at  the  impact  point  of  the  SSP  landing  (la  level)  for  the  different  delivery 
options  and  comet  nucleus  cases  are  illustrated  in  the  following  tables: 
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TABLE  12 

PASSIVE  DESCENT.  WIRTANEN  REFERENCE  CASE:  1-q  DISPERSION  ERRORS 


CASE 

INom. 

Long 

Per. 

Very 

Long 

Per. 

No 

Nut. 

High 

Nut. 

Spin 

In 

orbit 

Incl. 

Spin 

Spin 

to 

Sun 

Low 

Irr. 

High 

Irr. 

Low 

Act. 

High 

Act. 

Longitude  (m) 

27 

26 

15 

27 

26 

27 

20 

61 

18 

17 

27 

28 

Latitude  (m) 

11 

11 

17 

11 

11 

11 

19 

46 

9 

9 

11 

11 

Longitude  (°) 

1.7 

1.7 

1.1 

2.0 

1.8 

1.8 

3.0 

12.3 

1.4 

1.0 

1.8 

2.1 

Latitude  (°) 

0.8 

0.8 

1.1 

0.9 

0.8 

0.9 

1.8 

5.2 

0.8 

0.6 

0.8 

0.8 

Altitude  (m) 

26 

32 

40 

25 

26 

28 

75 

48 

30 

20 

29 

43 

Impact  time  (s) 

94 

111 

125 

92 

97 

103 

252 

138 

96 

52 

107 

155 

Impact  Vel.(cm/s) 

2.1 

2.2 

2.1 

1.9 

2.1 

1.9 

10.6 

5.0 

2.8 

1.0 

1.7 

2.2 

mean  a.o. attack!0) 

3.3 

2.9 

3.0 

3.1 

3.3 

3.3 

1.9 

3.1 

1.9 

3.7 

3.2 

3.5 

worst  a.o. attack!0) 

6.7 

5.8 

8.2 

6.2 

6.8 

5.9 

5.2 

8.9 

4.3 

10.7 

6.4 

6.7 

mean  imp  angle!0) 

84 

85 

85 

84 

84 

84 

84 

67 

85 

86 

83 

83 

| worst  im. 

angle!0)  1 

77 

79 

80 

75 

73 

76 

66 

40 

78 

79 

73 

75 

TABLE  13 

PYRO-THRUSTER.  WIRTANEN  REFERENCE  CASE:  1-a  DISPERSION  ERRORS 


CASE 

Nom. 

Long 

Per. 

Very 

Long 

Per. 

No 

Nut. 

High 

Nut. 

Spin 

In 

orbit 

Incl. 

Spin 

Spin 

to 

Sun 

Low 

Irr. 

High 

Irr. 

Low 

Act. 

High 

Act. 

Longitude  (m) 

16 

11 

12 

15 

15 

13 

17 

22 

14 

13 

14 

14 

Latitude  (m) 

10 

14 

16 

11 

12 

12 

10 

20 

9 

9 

11 

12 

Longitude  (°) 

1.2 

0.7 

0.9 

1.2 

0.9 

0.8 

2.4 

5.5 

1.2 

0.7 

1.0 

1.0 

Latitude  (°) 

0.8 

1.0 

1.0 

0.8 

0.9 

0.8 

0.8 

2.0 

0.7 

0.5 

0.9 

0.8 

Altitude  (m) 

16 

15 

20 

16 

17 

17 

27 

18 

17 

15 

15 

25 

Impact  time  !s) 

37 

34 

42 

37 

40 

40 

58 

38 

35 

25 

35 

60 

Impact  Vel.  cm/s) 

1.3 

1.0 

1.0 

1.2 

1.2 

1.2 

6.3 

3.4 

1.7 

0.7 

1.2 

1.3 

mean  a.o. attack!0) 

2.6 

2.7 

2.7 

2.7 

2.5 

2.4 

1.1 

1.3 

1.6 

3.0 

2.5 

2.6 

worst  a.o. attack!0) 

5.6 

5.9 

6.2 

5.6 

5.9 

5.3 

2.5 

3.2 

3.3 

10.6 

5.4 

5.3 

mean  imp  angle!0) 

86 

86 

87 

86 

87 

87 

88 

79 

88 

87 

86 

86 

worst  im  angle!0) 

83 

81 

83 

82 

82 

83 

82 

68 

85 

79 

83 

83 

TABLE  14 

COLD  GAS.  WIRTANEN  REFERENCE  CASE:  1-a  DISPERSION  ERRORS 


CASE 

Nom. 

Long 

Per. 

Very 

Long 

Per. 

No 

Nut. 

High 

Nut. 

Spin 

In 

orbit 

Incl. 

Spin 

Spin 

to 

Sun 

Low 

Irr. 

Hijih 

Irr. 

Low 

Act. 

High 

Act. 

Longitude  (m) 

16 

12 

19 

10 

9 

10 

9 

11 

16 

14 

10 

10 

Latitude  (m) 

9 

15 

17 

16 

16 

12 

14 

13 

11 

10 

12 

16 

Longitude  (°) 

0.7 

0.8 

0.5 

0.6 

0.7 

0.7 

1.4 

2.7 

1.1 

0.8 

0.7 

0.8 

Latitude  (°) 

1.0 

1.1 

0.3 

1.0 

1.2 

0.9 

1.1 

1.4 

0.9 

0.6 

0.8 

1.1 

Altitude  (m) 

15 

17 

19 

14 

15 

15 

15 

13 

18 

16 

13 

19 

Impact  time  (s) 

14 

16 

17 

13 

14 

14 

14 

12 

16 

14 

13 

18 

Impact  Vel. (cm/s) 

1.2 

1.1 

1.0 

1.1 

1.1 

1.1 

2.4 

1.9 

1.2 

1.1 

1.0 

1.1 

mean  a.o. attack!0) 

2.5 

2.7 

3.5 

2.5 

2.9 

2.3 

0.9 

0.8 

1.8 

3.8 

2.2 

2.9 

worst  a.o. attack!0) 

7.9 

8.3 

8.9 

7.8 

7.7 

5.3 

1.9 

2.0 

3.5 

10.8 

5.2 

8.1 

mean  imp  angle!0) 

87 

87 

86 

87 

87 

87 

89 

88 

88 

86 

87 

87 

Worst  im  angle!0) 

78 

81 

80 

81 

81 

84 

87 

85 

85 

78 

84 

81 
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There  are  some  landing  points  which  present  larger  dispersion  errors  due  to  the  effect  of  outgassing 
and  fourth  order  gravitational  term  errors  when  landing  at  high  latitude  close  to  large  shape 
irregularities.  The  comparative  analysis  of  the  different  SSP  delivery  options  is  presented  in  Table  15. 
The  nominal  small,  Wirtanen  and  big  comets  are  selected  as  test  cases. 


TABLE  15 

COMPARATIVE  ANALYSIS  OF  SSP  DELIVERY  ERRORS 


COMET 

SSP  DEL. 
SYSTEM 

Eject. 

AV 

(cm/s) 

Flight 

Time 

(hours) 

Impact 

Vel. 

(cm/s) 

long.  lo 

error  (m) 

lat.  lo 

error 

(m) 

worst 
ang.  of 
att.  (") 

worst 

impact 

ang.C) 

Passive 

20 

2.6 

12 

21.4 

11.3 

8.2 

75.7 

Small 

pyro-thr. 

21.5 

1.0 

33 

12.3 

11.1 

5.9 

81 

cold  gas 

16 

0.43 

100 

10 

13 

5.5 

83 

Passive 

36 

1.5 

25 

27 

11 

6.7 

76.8 

Wirtanen 

pyro-thr. 

37.5 

0.85 

42 

15.1 

10.9 

5.6 

82.8 

cold  gas 

28.5 

0.39 

104 

9.5 

16.1 

7.9 

79 

Passive 

50 

1.4 

169 

74.1 

19.9 

3.8 

84 

Big 

pyro-thr. 

50 

0.9 

158 

31.6 

13.1 

3.4 

85 

cold  gas 

50 

0.4 

162 

39.5 

15 

3.5 

85 

SSP  Delivery  Conclusions 

A suitable  SSP  delivery  strategy  is  found  for  landing  at  any  illuminated  point  of  all  reference  comets 
and  descent  options:  passive,  pyro-thruster  and  cold  gas  system.  The  impact  dispersion  errors 
associated  to  the  passive  descent  system  are  very  high  for  some  comets  and  landing  sites.  The  landing 
on  high  latitude  regions  of  small  and  typical  comets  is  not  feasible  (too  large  error  in  angle  of  attack 
and  impact  angle).  The  pyrothruster  option  reduces  very  much  the  impact  dispersion  errors  allowing  a 
feasible  landing  on  any  point  of  the  reference  comets.  Only  landing  at  high  latitudes  of  a typical  comet 
with  spin  axis  close  to  the  Sun  direction  presents  a large  value  on  the  velocity  impact  angle  (worst  case 
68°).  The  cold  gas  system  descent  further  improves  the  two  previous  delivery  options.  Impact 
dispersion  errors  are  in  all  simulations  within  a very  good  range  of  values. 

The  solar  aspect  angle  constraint  at  ejection  is  satisfied  without  the  need  of  a rotation  mechanism  and 
with  a limited  rotation  Capability  of  the  solar  panels  (only  180°).  Small  and  typical  comets  use  the  cold 
gas  system  manoeuvering  capability  in  a single  manoeuvre  along  the  vertical  component.  Big  comets 
perform  two  manoeuvres,  a big  one  along  the  lateral  direction  and  a second  one  with  the  remaining 
propellant  (if  any)  along  the  vertical  direction.  For  big  comets  and  high  solar  declination,  the 
maximum  impact  velocity  must  be  increased  up  to  2.8  m/s  for  the  passive  and  pyro-thruster  systems 
and  2.35  m/s  for  the  cold  gas  system  in  order  to  provide  a feasible  landing  on  a large  nucleus  region. 
The  total  duration  of  the  SSP  delivery  phase  ranges  between  4 and  30  days.  The  total  required  AV  is 
about  0.5  m/s  for  the  small  comet,  1 m/s  for  Wirtanen  and  3-5  m/s  for  the  big  comet. 

Uncertainty  in  high  order  gravitational  terms  (fourth  order  expansion  of  gravitational  field)  provides  a 
quick  and  sharp  increase  in  the  SSP  velocity  at  impact,  with  important  effect  on  the  impact  angle  error. 
This  is  the  most  important  contribution  source  to  the  final  error  in  the  SSP  impact  velocity.  This  effect 
is  more  important  at  high  latitudes  and  close  to  shape  irregularities.  The  uncertainty  in  the  outgassing 
parameters  generates  a large  dispersion  error  at  the  ejection  point,  with  important  influence  on  the  final 
dispersion  errors.  Therefore  very  high  activity  provides  much  larger  dispersion  errors.  If  ejection  is 
close  to  the  comet  zenith  point,  the  dispersion  is  much  larger  due  to  the  higher  mass  flow  rate.  The 
effect  of  the  outgassing  contribution  to  the  impact  dispersion  error  is  more  important  for  small  and  low 
dense  comets.  The  flight  of  the  S/C  close  to  a gas  jet  during  the  preparation  of  the  ejection  produces  a 
very  large  error  on  the  impact  point  (several  hundred  of  meters).  Therefore  jet  overfly  must  be  avoided 
during  the  SSP  delivery  phase.  The  above  presented  dispersion  errors  are  very  sensitive  to  the 
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outgassing  error  model:  3 ECRV's  and  2 bias  errors  with  a 3-a  level  of  60  % each.  If  larger  errors  are 
presented,  larger  dispersion  errors  are  expected. 

The  final  dispersion  error  is  also  very  sensitive  to  the  accuracy  of  the  ejection  mechanism.  Above 
results  are  based  on  ejection  errors  of  1 % in  size  and  0.5°  pointing  (1-ct  level).  With  this  assumption, 
the  impact  dispersion  error  due  to  the  ejection  mechanism  is  similar  to  the  error  due  to  all  other 
sources  (about  1 1 x 7 m).  If  a higher  ejection  error  is  considered,  this  is  the  dominant  contribution  to 
the  impact  dispersion.  For  ejection  errors  around  4 % in  size  and  2°  pointing,  the  total  dispersion  error 
is  multiplied  by  3 (45  x 27  m). 

SURFACE  PACKAGE  RELAY  PHASE 

After  SSP  delivery,  the  spacecraft  will  be  injected  into  an  orbit  which  is  best  suited  to  receive  the  data 
transmitted  from  the  surface  package  and  to  relay  them  to  Earth.  The  surface  package  will  have  a 
nominal  lifetime  of  3.5  days.  The  following  requirements  have  been  defined:  the  SSP  must  be  visible 
from  the  spacecraft  during  the  period  between  15  minutes  before  and  after  nucleus  surface  impact, 
communication  is  needed  for  three  hours  or  more  during  the  first  24  hours  on  the  surface,  and  at  least 
15  minutes  every  16  hours  thereafter  at  a range  of  no  more  than  150  km,  for  the  remaining  60  hours. 
The  design  of  the  relay  orbit  shall  satisfy  above  set  of  requirements  and  in  addition:  the  orbit  shall  be 
safe,  in  failure  cases  the  predicted  orbit  shall  not  intersect  the  comet  nucleus  within  a time  of  10  days, 
continuous  illumination  of  the  solar  arrays  is  required  and,  uninterrupted  communications  with  Earth. 
The  driving  parameter  for  the  selection  of  the  relay  orbit  is  to  obtain  a continuous  link  with  the  SSP 
along  the  whole  duration  of  this  phase  (3.5  days).  If  continuous  communications  is  not  possible,  the 
maximum  gap  shall  be  limited  to  16  hours.  The  design  of  the  relay  orbit  depends  on  the  following 
parameters:  comet  nucleus  shape,  location  of  landing  site  (longitude  and  latitude),  nucleus  kinematics 
(rotation  period  and  nutation),  comet  nucleus  density,  nucleus  activity  and  comet  gravitational  field. 

It  is  not  possible  to  define  a single  relay  orbit  strategy  which  satisfy  all  the  requirements  for  the  full 
range  of  landing  latitude  (-90°  to  90°),  nucleus  density  (0.2  to  2 gr/cm3)  and  comet  rotation  period 
(from  3 hours  to  infinity).  Five  different  cases  have  been  considered  in  order  to  provide  the  required 
SSP  coverage  for  the  full  range  of  parameters: 

• Case  1:  Polar  Elliptic  Orbits  (illustrated  in  Figure  10) 

• Case  2:  Synchronous  Orbits 

• Case  3:  Equatorial  Elliptic  Orbits 

• Case  4:  Retrograde  Elliptic  Orbits 

• Case  5:  Retrograde  Circular  Equatorial  Orbits 


Figure  10:  Polar  Elliptic  Relay  Orbit  (High  Latitude  Landing) 
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EXTENDED  MONITORING  PHASE 

After  the  end  of  the  activities  related  to  the  surface  package  science,  the  spacecraft  will  spend  at  least 
200  days  in  orbit  in  the  vicinity  of  the  comet  until  perihelion  passage.  The  objective  of  this  phase  is  to 
monitor  the  nucleus  (active  regions),  dust  and  gas  jets,  and  to  analyse  gas,  dust  and  plasma  in  the  inner 
coma  from  the  onset  to  peak  activity.  The  ground  support  activity  will  continue  with  two  shifts  of 
operations  using  two  15  m dish  antenna  ground  stations. 

Orbits  design  will  depend  on  safety  considerations  and  scientific  goals  taking  into  account  that 
communication  relay  service  has  to  be  provided  in  case  of  long  life  surface  packages.  Mission 
planning  will  depend  on  the  result  of  previous  observations,  such  as  the  activity  pattern  of  the  comet. 
Extended  monitoring  of  different  regions  in  the  vicinity  of  the  nucleus  will  be  performed  by  successive 
hyperbolic  flybys  configuring  petals-like  trajectories. 

CONCLUSIONS 

A feasible  orbit  planning  and  navigation  strategy  for  the  complete  end  to  end  near  comet  operations  of 
the  ROSETTA  mission  has  been  proposed  in  this  paper.  Good  navigation  results  have  been  obtained 
for  the  initial  phases  of  the  near  comet  operations  and  for  the  estimation  of  cometary  parameters 
(ephemeris,  Euler  angles,  angular  velocity,  nutation,  gravitational  field,  moments  of  inertia,  etc.).  A 
feasible  SSP  delivery  strategy  is  found  for  landing  at  any  illuminated  point  of  all  reference  comets  and 
descent  options:  passive,  pyro-thmster  and  cold  gas  system.  The  impact  dispersion  errors  associated  to 
the  passive  descent  system  are  very  high  for  some  comets  and  landing  sites.  The  landing  on  high 
latitude  regions  of  small  and  typical  comets  is  not  feasible  (too  large  error  in  angle  of  attack  and 
impact  angle).  The  pyrothruster  option  reduces  very  much  the  impact  dispersion  errors  allowing  a 
feasible  landing  on  any  point  of  the  reference  comets.  Only  landing  at  high  latitudes  of  a typical  comet 
with  spin  axis  close  to  the  Sun  direction  presents  a large  error  on  the  velocity  impact  angle  (worst  case 
68°).  The  cold  gas  system  descent  further  improves  the  two  previous  delivery  options.  Impact 
dispersion  errors  are  in  all  simulations  within  a very  good  range  of  values.  The  recommended  option 
for  the  SSP  delivery  is  the  pyro-thruster  option  or  the  cold  gas  system.  The  pyro-thruster  provides  a 
feasible  solution  for  all  comets  with  less  complexity.  However,  if  redundancy  for  the  ejection 
mechanism  is  required,  the  cold  gas  system  is  needed.  In  this  case,  with  a lower  total  AV  it  is  possible 
to  reduce  the  error  in  the  impact  parameters. 
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THE  CONTOUR  NASA  DISCOVERY  MISSION 

Edward  L.  Reynolds* 


The  Comet  Nucleus  Tour  (CONTOUR)  mission  has  been  selected  by 
NASA  as  the  sixth  Discovery  flight  program.  Over  a period  of  six 
years,  a single  spacecraft  will  fly  to  within  100  kilometers  of  three 
major  near-Earth  comets  - Comet  Encke  in  2003,  Comet  Schwass- 
mann-Wachmann-3  in  2006  , and  Comet  d'Arrest  in  2008  - taking 
images,  making  spectral  maps,  and  analyzing  dust  flowing  from  the 
bodies  to  dramatically  improve  our  knowledge  of  comet  nuclei  and 
their  diversity.  The  payload  includes  fixed  and  tracking  imagers  that 
will  provide  high  resolution  images  and  spectral  maps  of  each 
comet  nucleus  on  both  approach  and  departure.  In  addition  to  the 
baseline  three  comet  mission,  CONTOUR’S  mission  design  allows 
spacecraft's  trajectory  to  be  retargeted  to  a "new"  comet  --  possibly 
another  Hale-Bopp. 

CONTOUR  uses  several  innovative  techniques  for  performing 
deep  space  flyby  missions  at  very  low  cost.  These  techniques  in- 
clude its:  1)  launch  strategy,  2)  unattended  hibernation  capability, 
and  3)  an  innovative  mission  design,  and  spacecraft  design. 

Launch  Strategy:  CONTOUR  takes  advantage  of  an  innova- 
tive indirect  launch  mode  that  can  potentially  benefit  many  future 
high  C3  deep  space  missions.  The  indirect  launch  mode  uses  phas- 
ing orbits  around  Earth,  followed  by  a solid  rocket  motor  injection  to 
place  CONTOUR  on  its  initial  mission  trajectory.  The  indirect 
launch  mode  allows  the  use  of  a smaller  launch  vehicle,  an  uncon- 
strained launch  window,  and  the  opportunity  for  checkout  and  cali- 
bration while  the  spacecraft  orbits  Earth  prior  to  final  injection. 

Cruise  Hibernation:  While  cruising,  the  spacecraft  sleeps  in  a 
spin  stabilized  configuration  with  no  contact  from  the  ground  for 
months  at  a time.  This  unattended  cruise  capability  greatly  reduces 
CONTOUR’S  mission  operations  staffing  and  costs. 

Mission  and  Spacecraft  Design:  CONTOUR  makes  use  of 
Earth  gravitational  assists  as  a tool  to  retarget  from  one  comet  en- 
counter to  the  next.  CONTOUR’S  baseline  mission  uses  seven  gravita- 
tional assists  instead  of  relying  on  propellant.  If  a new  comet  is 
discovered  while  CONTOUR  is  on  orbit,  another  gravitational  assist 
will  be  used  to  intercept  it.  CONTOUR’S  spacecraft  configuration  is 
very  simple  and  robust. 

This  paper  provides  an  overview  of  the  CONTOUR  mission, 
the  spacecraft,  and  its  scientific  payload. 

INTRODUCTION 

The  COmet  Nucleus  TOUR  (CONTOUR)  will  investigate  several  comet  nuclei  and  assess 
their  similarity  and  diversity.  Our  aims  are  to  extend  knowledge  of  comet  nuclei  (structure, 
composition,  processes)  beyond  the  level  realized  by  the  Halley  flybys  and  provide  data 
which,  in  combination  with  those  to  be  obtained  by  NASA’s  Stardust  and  the  European  Space 


f CONTOUR  Mission  System  Engineer.  The  Johns  Hopkins  University  Applied  Physics  Labora- 
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Agency’s  (ESA’s)  Rosetta  missions,  will  increase  our  understanding  of  comets.  To  achieve 
these  aims,  the  CONTOUR  mission  will  concentrate  on  improving  knowledge  of  key  comet 
characteristics  and  on  assessing  the  diversity  of  comet  nuclei.  Table  1 lists  CONTOUR’S 
science  objectives  and  Figure  1 shows  an  artists  conception  of  CONTOUR  approaching  a 
comet. 

The  measurements  will  be  obtained  by  a focused,  four-instrument  payload.  The  primary 
goal  of  the  payload  is  to  improve  our  knowledge  of  nucleus  surface  structure,  composition, 
and  processes.  The  payload  consists  of:  a wide-angle  imager  (CFI),  a high-resolution  im- 
ager/spectral mapper  (CRISP),  a dust  analyzer  (CIDA),  and  a neutral  gas/ion  mass  spectrome- 
ter (NGIMS).  All  four  will  allow,  for  the  first  time,  a meaningful  assessment  of  the  diversity 
of  the  nuclei  of  short-period  comets  and  a comparison  of  these  properties  with  those  of  the 
Comet  Halley  nucleus,  and  eventually  with  Wild2  (Stardust)  and  Wirtanen  (Rosetta). 

Comets  are  widely  believed  to  be  the  most  pristine,  primitive  bodies  remaining  in  our  solar 
system.  Due  to  their  pristine  nature,  comets  should  preserve  clues  to  the  important  chemical 
and  physical  processes  that  took  place  when  the  planets  formed,  clues  which  have  been  so 
strongly  altered  by  subsequent  processes  in  larger  bodies  as  to  be  difficult  to  recognize.  There- 
fore, comet  nuclei  may  be  the  only  accessible  objects  that  still  retain  a clear  memory  of  the 
key  chemical  and  physical  events  that  took  place  during  the  formation  of  the  solar  system, 
processes  such  as  condensation,  agglomeration,  and  mixing.  They  probably  also  contain  clues 
to  the  chemistry  that  led  to  the  formation  of  the  complex  organic  molecules  known  to  exist 
in  comet  nuclei  and  which  may  have  been  the  original  source  of  organics  on  Earth  from 
which  life  arose.  It  is  also  very  likely  that  comets  contain  a variety  of  presolar  system, 
interstellar  grains  that  can  provide  clues  to  which  locales  in  the  galaxy  the  solar  nebula  mate- 
rials came  from. 


Table  1. 

SCIENCE  OBJECTIVES 

Image  parts  of  the  nucleus  at  effective  resolutions  of  4 meters  per  pixel  to  reveal  details  of 

morphology  and  processes  that  will  show  us  how  comets  work. 

Determine  nucleus  size,  shape,  rotation  state,  albedo/color  heterogeneity,  and  activity  through 

global  imaging. 

Map  composition  of  nucleus  surface  and  coma  through  spectroscopy. 

Obtain  detailed  compositional  measurements  of  gas  and  dust  in  the  near-nucleus  environment 

at  precisions  comparable  to  those  of  Giotto  or  better. 

Assess  level  of  outgassing  through  imaging  and  spectroscopy  as  well  as  gas  and  dust 

measurements. 

Assess  the  diversity  of  comets. 

If  possible,  investigate  a new  comet. 


The  spectacular  results  obtained  by  Giotto  during  its  flyby  of  comet  Halley  provided  the 
first  essential  measurements,  but  left  much  to  be  done.  CONTOUR,  by  studying  a diversity  of 
comets  and  by  studying  each  to  a finer  degree  of  detail,  provides  the  next  logical  step  in  the 
exploration  of  comets.  It  is  also  a valuable  precursor  to  more  complex  comet  missions  such 
as  Rosetta  and  can  serve  to  extend  the  knowledge  gained  for  Wild  2 by  Stardust  to  other 
comets. 

It  is  becoming  evident  that  not  all  comets  are  alike.  Remote  sensing  data  indicate  that  there 
are  significant  differences  in  terms  of  the  composition  of  both  the  volatile  and  refractory 
components,  as  well  as  in  the  relative  amounts  of  the  two.  CONTOUR  is  an  important  first 
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step  in  addressing  these  differences.  First,  the  CONTOUR  mission  will  obtain  detailed  com- 
parative data  on  three  diverse  short-period  comets,  allowing  us  to  address  the  similarity  and 
diversity  of  the  gas  and  dust  compositions,  as  well  as  their  surface  processes  as  revealed  by  the 
high-resolution  imaging  and  spectroscopy.  Second,  the  data  obtained  will  be  easily  comparable 
to  Halley  Giotto  data,  helping  us  to  address  the  question  of  diversity  among  Halley-like 
comets  and  truly  short-period  comets  such  as  Encke,  Schwassmann-Wachmann  3 and 
d’Arrest.  Third,  our  dust  analysis  data  will  be  directly  comparable  with  those  of  Stardust  (same 
dust  analyzer),  making  it  easier  to  extend  the  knowledge  eventually  gained  from  the  direct 
analysis  of  Wild  2 sample  materials  to  the  CONTOUR  comets.  Finally,  the  mission  flexibility 
of  CONTOUR  ensures  the  capability  of  taking  advantage  of  the  apparition  of  a new  comet 
during  the  CONTOUR  mission  to  address  the  most  important  question  of  diversity  between  a 
short-period  and  a long-period  comet. 


Figure  1.  Artist  conception  of  CONTOUR  approaching  comet  nucleus.  Spacecraft  is  3-axis 
stabilized  during  encounter.  Dust  shields  protect  spacecraft  during  closest  approach. 


Imaging  Science.  The  primary  imaging  objective  is  to  characterize  the  physical,  morpho- 
logical, and  geological  nature  of  the  cometary  nucleus.  These  objectives  will  be  addressed 
through  observations  at  about  4-m  resolution  of  surface  structures,  and  of  dynamic  processes 
on  the  comet’s  surface  and  in  its  near-surface  atmosphere  (coma).  In  addition  to  these 
detailed  studies,  which  will  be  accomplished  using  the  highest  resolution  images,  we  will  also 
determine  important  global  properties  for  each  comet  nucleus,  including  data  on  its  size, 
shape,  and  rotation  characteristics,  and  produce  a map  showing  major  albedo,  color,  and 
geologic  boundaries  as  well  as  the  location  of  active  jets.  The  CFI  can  be  used  to  study  the 
transition  between  the  coma  and  tail  structures. 

There  is  abundant  evidence  that  comet  nuclei  have  highly  irregular  shapes  and  complex 
rotation  states.  Encounter  imaging  should  establish  an  instantaneous  rotation  vector  that 
satisfies  the  data.  Coma  images  just  before  and  after  encounter  will  be  compared  to  the  high- 
resolution  views  and  predicted  positions  of  jet  sources  to  test  for  a more  complex  rotation. 
Very  little  is  known  about  the  detailed  surface  configuration  and  surface  processes  on  comets. 
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Of  particular  interest  are  the  characteristics  of  surface  mantles.  The  accumulation  of  non- 
volatile mantles  is  considered  to  play  a primary  role  in  the  evolution  of  comets.  Comets  are 
believed  to  become  inactive  when  their  mantles  grow  too  thick  to  be  ejected  during  perihelion 
passages.  CONTOUR  images  in  conjunction  with  CRISP  spectral  mapping  will  make  it  possi- 
ble to  delineate  the  extent  of  mantling  on  each  of  the  target  nuclei.  CONTOUR  images  will 
provide  important  new  constraints  on  models  of  jet  eruption  and  data  on  the  crucial  question 
of  the  degree  to  which  jets  are  collimated.  It  may  prove  possible  to  determine  ejection  ve- 
locities from  time-sequenced  images. 

Gas  Science.  The  first  objective  for  mass  spectrometric  observations  is  a chemical  analysis 
of  the  gas  to  determine  which  molecular  species  are  present.  A second  objective  is  the  deter- 
mination of  the  isotopic  composition  of  the  major  volatile  elements,  of  great  interest  for 
understanding  the  origin  of  cometary  material  and  in  identifying  the  contribution  of  this 
material  to  planetary  volatile  inventories. 

Although  the  surfaces  of  short-period  comets  have  been  modified  by  both  heat  and  cosmic 
and  solar  radiation,  relatively  unaltered  materials  should  exist  within  meters  of  the  surface 
and  may  in  fact  be  exposed  during  venting  events  to  which  most  comets  are  prone  when  close 
to  the  Sun.  The  mass  spectrometer  will  determine  the  chemical  composition  of  all  gaseous 
species  emitted  from  the  comet  nucleus  within  the  range  of  the  instrument  sensitivity. 
Thermal  ion  composition  measurements  will  also  be  made  alternately  with  the  neutral  gas 
analysis  to  study  the  photochemical  processes  in  the  coma.  CONTOUR  provides  the  first 
opportunity  to  make  such  detailed  compositional  measurements  for  the  comas  of  several 
short-period  comets,  and  to  compare  these  results  to  those  obtained  for  Halley. 

Dust  Science.  Dust  analysis  measurements  on  CONTOUR  will  allow  a direct  comparison  of 
each  comet  with  comet  Halley  as  well  as  an  intercomparison  of  our  three  comets.  Given  that 
CONTOUR  will  have  a significantly  upgraded  version  of  the  PIA  instrument  used  so  success- 
fully at  Halley,  we  expect  to  improve  both  the  statistics  and  the  quality  of  data  available  for 
the  particulates.  Furthermore,  the  lower  encounter  velocities  on  CONTOUR  will  facilitate 
detection  of  complex  organic  compounds.  The  extraordinarily  high  encounter  velocities  (70 
km/sec)  at  Halley  destroyed  all  but  traces  of  these  molecular  signatures,  and  made  calibration 
difficult.  The  lower  velocities  that  obtain  for  CONTOUR  can  be  readily  duplicated  by  particle 
accelerators,  making  accurate  instrument  calibration  possible.  With  comet  Halley  data  in 
hand,  the  results  expected  from  Wild  2 (Stardust),  and  the  new  data  provided  by  CONTOUR, 
it  will  become  possible  to  assess  the  diversity  of  dust  in  a comprehensive  manner. 


THE  CONTOUR  COMETS 

These  targets  were  selected  because  of  their  different  physical  characteristics  and  their 
proximity  to  the  Earth  around  the  encounter  dates.  Encounter  data  regarding  each  comet  is 
listed  in  Table  2. 

Encke:  Comet  Encke  has  been  observed  at  more  apparitions  (57)  than  any 
other  comet  including  Halley.  It  is  one  of  the  most  evolved  comets  that  still 
remains  active.  Encke  returns  to  perihelion  (0.34  AU  distance)  every  3.3 
years.  Because  Encke  has  been  in  this  orbit  for  thousands  of  years,  its  contin- 
ued high  level  of  activity  is  puzzling. 

SW3:  First  discovered  in  1930,  the  activity  pattern  of  SW3  is  usually  very 
predictable.  However,  in  late  1995,  SW3  split  into  three  pieces.  When 
CONTOUR  arrives  in  2006,  it  is  likely  that  relatively  unmantled  materials 
will  be  visible  in  the  cleaved  areas,  and  that  evidence  of  internal  structures  will 
remain  exposed. 
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d’Arrest:  Since  its  discovery  in  1851,  the  observed  light  from  apparition  to 
apparition  has  been  very  repeatable.  This  suggests  that  the  rotation  state  is 
stable,  and  that  its  surface  outgassing  vents  change  veiy  little  with  time. 


Table  2 

Comet  Encounter  Data 


Encounter  Date 

Sun  Distance 
(AU) 

Earth  Distance 
(AU) 

Flyby  Velocity 
(km/sec) 

Encke,  Nov  1 2,  2003 

1.07 

0.27 

28.2 

SW3,  June  18,  2006 

0.95 

0.33 

14.0 

d’Arrest,  Auq  16,  2008 

1.35 

0.36 

11.8 

BASELINE  MISSION  PROFILE 

The  CONTOUR  mission  uses  Earth-gravity  assist  maneuvers  to  accomplish  the  multiple 
encounters.  The  CONTOUR  mission  profile  is  extremely  flexible  and  could  be  modified  to 
include  a first-ever  study  of  a new  comet. 

A bipolar  plot  of  the  CONTOUR  trajectory  sequence  is  shown  in  Figure  2.  The  sequence 
begins  with  a 1-year  Earth-return  loop  (segment  1)  that  positions  the  spacecraft  for  an 
encounter  with  Encke  in  November  2003.  Two  Earth-swingby  maneuvers  are  then  used  to 
retarget  the  spacecraft  for  an  encounter  with  Schwassmann  Wachmann-3  in  June  2006.  Two 
more  Earth  swingbys  enable  CONTOUR  to  reach  its  final  target,  comet  d’Arrest,  in  August 
2008.  Throughout  the  6-year  mission,  the  spacecraft-Earth  distance  is  always  less  than  0.70 
AU.  The  spacecraft-Sun  distance  varies  between  0.83  and  1.35  AU.  Especially  noteworthy  is 
the  fact  that  all  three  encounters  are  extremely  close  to  the  Earth  (0.27,  0.33,  and  0.36  AU). 
All  baseline  comet  encounters  take  place  at  times  of  excellent  viewing  from  Earth,  providing 
opportunities  for  cooperative  worldwide  supporting  observations  by  ground-based  and  Earth- 
orbiting  telescopes.  In  addition  to  professional  astronomers,  student  and  amateur  observing 
teams  are  expected  to  play  an  important  role  in  conducting  these  supporting  observations. 


SW3 


Sun 

©- 

• Sun  distance:  0.83  to  1.35  AU 

• Earth  distance:  < 0.70  AU 

• The  trajectory  between  Aug.  13,  2004,  and 
Feb.  9, 2006,  oscillates  above  and  below 
the  ecliptic  plane,  crossing  this  plane 
every  6 months  in  the  vicinity  of  the 
Earth. 


Earth-Swing  by  Maneuvers 

Date 

Perigee 
(Earth  radii) 

8-1 3-2003 

13.2 

8-13-2004 

6.4 

2-8-2006 

5.7 

2-9-2007 

4.0 

2-10-2008 

1.1 

Figure  2.  Mission  Trajectory  Bi-Polar  Plot 
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The  mission  scenario  requires  injection  at  a fixed  time  on  August  13,  2002,  an  innovative 
technique  that  employs  “phasing  orbits  is  used  to  obtain  an  acceptable  launch  window.  With 
phasing  orbits,  perigee  heights  and  inclinations  can  be  adjusted  with  small  delta-V  corrections 
to  satisfy  required  conditions  for  the  injection  maneuver  on  August  13,  2002.  The  injection 
maneuver  is  performed  with  a STAR-30  solid  rocket  motor  at  a perigee  altitude  of  approxi- 
mately 300  kilometers.  The  delta-V  cost  is  approximately  1745  m/s.  The  use  of  phasing 
orbits  makes  it  possible  to  schedule  a launch  anytime  before  July  31,  2002.  This  flexibility 
allows  considerable  freedom  in  specifying  a launch  window  for  CONTOUR.  Another  advan- 
tage of  using  phasing  orbits  is  the  orbit  checkout  of  the  spacecraft  while  still  close  to  Earth. 
By  using  phasing  orbits,  CONTOUR  launches  on  a Medlite  Delta  7425: 


SPACECRAFT  DESIGN 

The  spacecraft  design  is  simple.  Figures  3 and  4 show  the  spacecraft  configuration  in  its 
flight  configuration  and  with  its  outer  shell  removed,  respectively.  CONTOUR  has  few  ar- 
ticulated mechanisms;  the  solar  array  is  body  mounted  and  does  not  require  drive  motors.  The 
mission  geometry  allows  CONTOUR  to  use  fixed,  passive,  existing  antenna  designs.  With  the 
exception  of  along-track  pointing  of  CRISP,  all  instrument  pointing  and  antenna  pointing  is 
controlled  by  moving  the  spacecraft.  A dust  shield  made  of  Nextel  and  Kelvar  protects 
against  impacts  for  the  dust  sizes  and  densities  expected  at  the  three  encounters.  The  hydra- 
zine thrusters  mount  in  four  pods  located  on  the  solar  array  shell.  This  arrangement  provides 
maximum  torque  for  efficient  roll,  pitch,  and  yaw  maneuvers  and  keeps  effluents  well  away 
from  the  science  instruments. 


Aft  Thruster 
Pod  (1  of  2) 

18  ’ High- 
Gain  Antenna 

Spinning  Sun 
Sensor  (1  of  2) 

CRISP 


Forward  Imager 
Radiator 


Dust  Shield 
(6  Layers) 


Aft  Hemispherical 
Low-Gain  Antenna 

Pancake”  Antenna 
Aft  Solar  Array 


Body 

Solar  Array 
(8  Panels) 


NGIMS 


Battery 

Radiator 


Forward 

Thruster 

Pod 


• Total  Mass:  871  kg 

- Dry  Spacecraft  370  kg 

-STAR  30  SR M 426  kg 

- Hydrazine  75  kg 


• Simple,  compact,  innovative  design 

• Body  mounted  solar  array 

• Unattended,  spin  stabilized  cruise  mode 

• Precision,  three-axis  stabilize  encounter  mode 

• Designed  for  0.75  to  1.5  AU  solar  distance 

• Fixed  18-in  high  gain  antenna 

• Robust,  protected  system  configuration 

• High  redundancy 

• Two  5 Gigabit  solid  state  recorders 

• Data  rates  at  encounter  > 100  kilobit 


Figure3.  Flight  Configuration. 


The  CONTOUR  spacecraft  has  three  operating  modes:  hibernation,  rotisserie,  and  en- 
counter mode.  In  both  the  hibernation  and  rotisserie  modes  the  spacecraft  spins  about  its 
main  axis;  in  hibernation,  the  spin  rate  is  20  rpm  and  the  spacecraft  sleeps  unattended  for 
long  periods  of  time.  In  rotisserie  mode  the  spin  rate  is  much  slower  and  the  spacecraft  keeps 
the  high-gain  antenna  pointed  toward  Earth  for  tracking  and  communication.  Both  spin 
modes  keep  the  spacecraft  temperatures  even.  Encounter  mode  is  3-axis  stabilized,  which  is 
required  for  the  imager  operation.  When  the  spacecraft  stops  rotating  for  an  encounter,  the 
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instruments  cool  to  their  optimum  temperatures.  The  spacecraft  attitude  during  an  encounter 
is  fixed  with  the  dust  shields  and  instruments  aligned  to  the  comet  relative  vector  with  only  a 
small  roll  maneuver  to  keep  the  nucleus  centered  within  CRISP.  The  spacecraft  can  stay  3- 
axis  oriented  for  at  least  6 hours. 


Battery 


Figure  4.  Internal  Configuration. 

During  an  encounter,  the  spacecraft  is  protected  by  its  dust  shield  system  mounted  in  the 
ram  direction.  The  shield  design  is  based  on  the  Nextel  Multishock  Shield  concept  developed 
by  NASA  for  Space  Station.  The  basic  concept  of  the  shield  is  to  use  multiple  layers  of  high- 
density  fiber  fabrics  (Nextel)  separated  by  space  to  break  up  an  impacting  dust  particle  and 
then  to  absorb  the  disbursed  particle  pieces  using  a Kevlar  backstop. 

THE  SCIENCE  PAYLOAD 

The  CONTOUR  payload  consists  of  four  instruments:  a wide-angle  imager  (CONTOUR 
Forward  imager,  CFI),  a high-resolution  imager/spectral  mapper  (CONTOUR  remote  im- 
ager/spectrograph, CRISP),  a dust  analyzer  (CONTOUR  impact  dust  analyzer,  CIDA),  and  a 
neutral  gas/ion  mass  spectrometer  (NGIMS). 

Imaging  Instruments:  CRISP  and  CFI 

The  core  of  the  CONTOUR  imaging  and  spectral  mapping  experiments  is  the  CRISP.  The 
imager/spectral  mapper  will  have  a target  tracking  capability  to  ensure  that  the  key  high- 
resolution  frames  are  obtained.  The  imager  is  multispectral  and  has  the  capability  to  image  in 
OH,  CN,  and  C2.  The  spectral  mapper  will  cover  the  spectral  region  0.4  and  2.5  um.  For 
reasons  of  economy,  the  spectral  range  of  the  spectral  mapper  does  not  extend  into  the  3-5 
um  region.  Excellent  supporting  data  of  this  type  can  be  obtained  from  telescopic  and  Earth 
orbital  facilities  at  the  time  of  the  encounters  because  all  encounters  occur  at  times  of  excel- 
lent viewing  from  Earth  and  near  times  of  maximum  comet  activity.  The  instrument  payload 
also  includes  a simple  wide-angle  camera  to  serve  as  backup  and  provide  global  views  of  the 
nucleus  and  coma.Key  features  of  the  CRISP  and  CFI  are  summarized  in  Tables  3 and  4. 
Figure  5 shows  the  physical  layout  of  the  two  imaging  instruments  and  Figure  6 shows  the 
optics  layout  of  the  CRISP. 
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Table  3 

CRISP  Characteristics 


Mass 

12  kilograms 

Power 

36  Watts 

Telescope 

Ritchey-Chretien  reflecting 

Focal  Length 

660  mm,  f/6.6 

Field  of  Regard 

3°  to  30°  approach,  30°  to  0°  on  departure 

Imager 

Spatial  Resolution 

20  microrad/pixel  (4  m @ 200  km) 

Field  of  View 

1.2°  x 1.2° 

Spectral  Range 

0.3  -1.0  micrometer 

Filter  Wheel 

8 positions  ( 2 coma,  5 geology,  1 broadband  ) 

Integration  Time 

10  ms  to  100  seconds 

Output 

1 frame  per  second,  12  bits  per  pixel 

Detector 

1024  x 1024  square  pixel  CCD,  14  urn  pixels 

Imaging  Spectrograph 

Spatial  Resolution 

61  microrad  per  pixel  (12  m @ 200  km  ) 

Field  of  View 

0.87°  x 0.0035° 

Spectral  Range 

0.4  - 2.5  urn 

Integration  Time 

10  ms  to  1 second 

Output 

<10  frames  per  second,  12  bits  per  pixel 

First  Order 

1 .0  - 2.5  um,  spec.  res.  6.8  nm 

Detector 

256  x 256  square  pixel  HqCdTe  array 

Second  Order 

0.4  - 1.0  um,  spec.  res.  3.5  nm 

Detector 

14  um  pitch 

Table  4 

CFI  Characteristics 


Mass 

3.9  kg,  including  mirror  & dust  protection 

Power 

1 .9  Watts 

Lense 

Cooke  triplet 

Focal  Length 

85  mm,  f/4 

Detector 

CCD  with  Lumoqen,  1024x1024,  14um/pxl 

Integration  Time 

10  ms  to  100  seconds 

Spatial  Resolution 

20  microrad/pixel  (4  m @ 200  km) 

Field  of  View 

9.1°  x 9.1° 

Spectral  Range 

0.4  -1.0  micrometer 
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CRISP  Layout 


CFI  Layout 


Figure  5.  Layout  Configuration  of  CONTOUR  Imaging  Instruments 


Figure  6.  CRISP  Optical  Layout 


Gas  and  Dust:  NGIMS  and  CIDA 

The  mass  spectrometer,  NGIMS,  and  dust  analyzer,  CIDA,  will  be  mounted  to  look  in  the 
direction  of  flight  at  closest  approach  (CA).  These  two  instruments  have  a very  high  degree 
of  heritage  and  require  no  development.  The  dust  analyzer  is  a significantly  improved  version 
of  instruments  that  were  flown  successfully  on  Vega  and  Giotto  during  the  Halley  encounters, 
and  is  a copy  of  the  instrument  being  supplied  for  the  Stardust  mission.  It  will  be  built  and 
calibrated  by  vonHoemer  and  Sulgerof  Germany.  CONTOUR’S  mass  spectrometer  (Neutral 
Gas  Ion  Mass  Spectrometer,  or  NGIMS)  will  be  provided  by  NASA  GSFC.  It  is  very  similar  to 
the  INMS  instrument  on  Cassini.  The  NGIMS  instrument  characteristics  are  detailed  in  Table 
5 and  the  CIDA  instrument  characteristics  are  detailed  in  Table  6.  NGIMS  is  placed  on  the 
spacecraft  within  the  dust  shield  as  far  forward  as  possible  to  minimize  contamination  from 
spacecraft  impact  debris.  It  will  be  powered  and  collect  data  continuously  during  the  12  hours 
that  surround  closest  approach.  Figure  7 shows  the  schematic  of  the  CIDA  instrument  sensor. 
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Table  5 


MGIMS  Characteristics 

Mass 

8.8  kilograms 

Power 

22.6  Watts 

Gas  Sampling  System 

Open  Source/molecular  beaming;  Closed  source 

Ion  Sampling  System 

Thermal  and  suprathermai  positive  ions 

Mass  Analyzer 

Quadruple  mass  filter 

Ion  Source 

Electron  impact  ionization 

Mass  Range 

1 to  300  amu  nominal 

Viewing  Angle 

Open  Source:  8°.  Closed  Source:  2 pi  steradians 

Scan  Modes 

Survey:  mass  scan  over  entire  mass  range  in  1/8  or  1 
steps;  Adaptive  Mode:  selectable  mass  values 

Detector 

Dual-detector  pulse-counting  system;  approximately 
10"  fora  signal  to  noise  ratio  of  1;  background  level  1 
count/minute  (0.017  seconds  per  period) 

Table  6 

CIDA  Characteristics 


Mass 

4.5  kg  Electronics,  7.5  kg  Sensor 

Power 

13  Watts 

Target  Size 

1 00  cm2 

Ion  type 

positive  and  negative  ions 

Mass  range 

1 to  330  Daltons 

Resolution 

m/dm=150  (goal  of  300) 

Dust  grains 

2x1  O '6  to  3 x 1 0'9 

Data  Storage 

60  kbits/spectrum,  CIDA  can  store  15  to  25  spectra. 

+/- 1.2  kV 


TYPICAL  ENCOUNTER  SCENARIO 

During  the  Earth-swingby  phase  that  precedes  each  of  the  comet  encounters,  the  space- 
craft and  its  instruments  are  awakened  and  thoroughly  checked.  Using  tracking  data,  the 
spacecraft’s  trajectory  is  accurately  determined,  and  a coarse  targeting  maneuver  is  executed 
at  25  days  prior  to  the  encounter.  The  science  timeline  begins  at  10  days  prior  to  an  encoun- 
ter. At  this  time,  the  spacecraft  leaves  its  hibernation  spin  stabilized  attitude  and  becomes 
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three-axis  stabilized  (with  a slow  ‘rotisserie’  rotation).  Imaging  and  spectral  observations 
begin  when  the  imaging  resolution  is  about  200  kilometers  per  pixel  . OpNav  and  coma 
monitoring  observations  will  be  obtained  each  day.  This  phase  will  end  one  day  prior  to 
closest  approach  when  the  resolution  becomes  20  kilometers  per  pixel. 

The  baseline  ‘miss’  distance  is  100  kilometers  from  the  nucleus  at  closest  approach.  This 
distance  is  a trade-off  between  science  value  and  spacecraft  safety.  For  CONTOUR,  at  100 
kilometers  there  is  less  than  a one  percent  probability  of  encountering  a dust  grain  greater 
than  0.1  grams,  while  still  capable  of  collecting  4 meter  resolution  images.  Earth-based  opti- 
cal and  radar  observations  of  the  comet’s  dust  environment  taken  shortly  before  the  encoun- 
ter will  be  used  to  update  the  miss  distance.  The  final  targeting  maneuver  is  executed  one  day 
prior  to  encounter.  The  encounter  mode  begins  at  E-0.5  days. 

At  this  time,  the  range  is  about  500,000  kilometers  and  the  resolution  is  close  to  the 
expected  diameter  of  the  comet  nucleus.  CRISP  images  can  be  obtained  until  20,000  kilome- 
ters out  (400  meters  per  pixel)  after  which  the  spacecraft  will  remain  on  a velocity  vector 
orientation,  allowing  continuous  coverage  by  NGIMS  and  CIDA  for  one-half  hour  on  either 
side  of  closest  approach.  The  last  CFI  image  is  obtained  under  2 minutes  before  closest  ap- 
proach at  190  meters  per  pixel.  High-resolution  CRISP  images  start  when  the  nucleus  is  6° 
off  the  velocity  vector  with  a resolution  of  19  meters  per  pixel.  Figure  8 shows  the  encoun- 
ter of  d’Arrest  as  viewed  by  the  CRISP  imager  (the  other  two  encounters  are  similar).  CRISP 
images  continue  until  a range  of  200  kilometers  (4  meters  per  pixel  resolution),  then  resume 
at  a similar  range  after  closest  approach.  CRISP  maintains  a resolution  of  better  than  200 
m/pxl  for  nearly  15  min  after  encounter.  The  encounter  phase  ends  at  +0.5  days.  Shortly 
after  this  time,  the  spacecraft’s  high-gain  antenna  is  pointed  at  Earth  and  the  high-rate 
downlink  of  encounter  data  begins. 


Inbound 


Outbound 


E — 60  S 


E - 30  s 


E - 15  s 


E + 15  s 


E + 30  S 


E + 60  s 


Figure8.  Encounter  of  Comet  d’Arrest  as  viewed  by  CRISP.  Using  a tracking  mirror 
system,  images  and  spectra  data  are  taken  on  both  approach  and  departure. 


CRUISE  STRATEGY 

During  the  cruise  intervals  between  comet  encounters  and  Earth-swingby  maneuvers,  the 
CONTOUR  spacecraft  will  be  placed  into  a spin-stabilized  ‘hibernation’  mode  (similar  to  the 
Giotto  spacecraft  from  1986  to  1990).  The  spacecraft  will  be  oriented  with  its  major  axis 
normal  to  the  orbit  plane  and  then  spin  stabilized  at  20  rpm.  Instruments  and  many  subsys- 
tems will  be  powered  off.  Only  the  command  receivers,  thermo-statically  controlled  heaters, 
and  critical  components  will  be  powered.  It  is  assumed  that  there  will  be  no  ground  contact 
with  the  spacecraft  while  it  is  in  this  hibernation  state.  Over  CONTOUR’S  mission  lifetime  of 
roughly  6 years,  DSN  assets  are  required  just  6%  of  the  time. 


571 


AAS-98-347 

NEW  COMET  OPTION 

A key  aspect  of  CONTOUR  is  the  flexibility  to  retarget  to  a new  comet  and 
extend  the  diversity  study  beyond  the  realm  of  the  Jupiter  family  comets,  allowing 
us  to  compare  directly  the  characteristics  of  an  Oort  Cloud  comet  with  those  origi- 
nating in  the  Kuiper  Belt.  By  a new  comet  we  mean  one  that  is  on  its  first  pass  through 
the  inner  solar  system  and  experiencing  its  first,  and  possibly  last,  exposure  to  intense  levels 
of  sunlight.  Almost  half  of  these  new  comets  are  perturbed  during  their  transit  of  the  Sun’s 
neighborhood  onto  hyperbolic  orbits  and  escape  from  the  solar  system.  As  new  comets  ap- 
proach the  Sun,  they  often  show  unusually  high  levels  of  activity  that  gradually  fade  into 
normal  behavior.  This  pattern  is  thought  to  reflect  the  removal  of  a surface  layer  of  highly 
volatile  materials.  Mantle  formation  and  the  establishment  of  active  regions  may  begin.  A 
mantle  may  establish  itself  on  the  less  active  regions,  while  the  more  active  areas  remain 
mantle-free. 

Newly  discovered  comets  also  include  objects  of  long  periods,  such  as  the  recently  discov- 
ered Hale-Bopp  and  Hyakutake,  that  were  perturbed  into  their  present  orbits  many  thousands 
of  years  ago.  Such  comets  may  have  made  several  passes  close  to  the  Sun.  The  record  pre- 
served in  the  Jupiter  family  comets  will  reflect  the  characteristics  of  the  nebular  regions  near 
the  present-day  Kuiper  Belt,  whereas  the  record  in  new  long-period  comets  will  be  character- 
istic of  nebular  regions  interior  to  Neptune’s  orbit,  from  where  most  of  the  comet  nuclei  now 
resident  in  the  Oort  Cloud  are  believed  to  have  been  scattered. 

It  is  not  possible  to  predict  when  a new  or  long-period  comet  will  be  discovered.  However, 
on  average  about  ten  such  comets  are  discovered  each  year.  Most  are  discovered  1-3  months 
before  their  perihelion  passage;  a few,  such  as  Kohoutek  and  Hale-Bopp,  are  discovered  much 
earlier.  Because  of  the  relatively  short  time  available  to  reach  the  average  new  comet  and 
their  generally  near-parabolic  eccentricities  and  high  inclinations,  newly  discovered  comets 
are  challenging  targets  for  space  missions.  The  short  planning,  development,  and  flight  times 
that  must  be  accommodated  and  the  ephemeris  uncertainties  intrinsic  in  initial  orbit  solu- 
tions, as  well  as  large  C3  requirements,  demand  an  innovative  approach  if  such  comets  are  to 
be  studied  by  spacecraft. 

What  is  the  likelihood  of  retargeting  CONTOUR  to  intercept  a new  comet  ? 

The  answer  is  surprisingly  good.  CONTOUR’S  nominal  mission  uses  Earth  swingby  events 
which  can  be  used  to  retarget  to  a newly  discovered  long  period  comet.  A series  of  Monte 
Carlo  simulations  combining  comet  discovery  probabilities  and  optimal  trajectory  calcula- 
tions (random  sampling  of  intrinsic  distribution  of  comet  orbital  elements  and  absolute  mag- 
nitude). More  than  50,000  sample  trial  results  were  obtained  over  CONTOUR’S  six  Earth 
swingby  events.  The  results  show  that  the  probability  of  at  least  one  new  comet  flyby  oppor- 
tunity during  the  nominal  CONTOUR  mission  profile  is  ninety-seven  percent  (Friedlander 
and  German,  1996).  Table  7 shows  CONTOUR  cumulative  new  comet  encounter  probabilities 
relative  to  brightness  (HiO<10)  and  encounter  phase  angle  (lighting  conditions)  constraints 
over  the  mission  lifetime.  If  only  large  bright  comets  were  acceptable  (H10<6)  then  the 
probability  is  reduced  to  18%. 


Table  7 

Cumulative  New  Comet  Encounter  Probabilities 


Limiting  absolute  magnitude,  H10 

Constraint  of  Phase  Angle 

10 

9 

8 

7 

6 

5 

4 

<140  degrees 

0.969 

0.863 

0.636 

0.386 

0.180 

0.064 

0.017 

<110  degrees 

0.933 

0.786 

0.544 

0.315 

0.143 

0.050 

0.013 

Encounter  constraints:  Heliocentric  distance  between  0.8  and  1.4  AU;  Earth  distance  < 2.4  All. 
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Using  an  innovative,  flexible  mission  design,  CONTOUR  provides  the  major  next 
step  to  understanding  the  diversity  of  comet  nuclei.  A simple,  reliable  spacecraft,  a 
capable  payload  with  high  inheritance,  and  robust  margins  in  all  critical  areas 
combine  to  make  CONTOUR  an  excellent  low-risk  mission.  CONTOUR’S  major 
asset  is  its  dedicated  Team,  the  core  of  which  consists  of  highly  experienced  indi- 
viduals with  outstanding  records  on  recent  missions. 
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USING  SOLAR  RADIATION  PRESSURE  TO  CONTROL  L2  ORBITS 


Noam  Tene,  Karen  Richon,  David  Folta 

The  main  perturbations  at  the  Sun-Earth  Lagrange  points  LI  and  L2  are  from 
solar  radiation  pressure  (SRP),  the  Moon  and  the  planets.  Traditional 
approaches  to  trajectory  design  for  Lagrange-point  orbits  use  maneuvers  every 
few  months  to  correct  for  these  perturbations.  The  gravitational  effects  of  the 
Moon  and  the  planets  are  small  and  periodic.  However,  they  can  not  be 
neglected  because  small  perturbations  in  the  direction  of  the  unstable 
eigenvector  are  enough  to  cause  exponential  growth  within  a few  months. 

The  main  effect  of  a constant  SRP  is  to  shift  the  center  of  the  orbit  by  a small 
distance.  For  spacecraft  with  large  sun-shields  like  the  Microwave  Anisotropy 
Probe  (MAP)  and  the  Next  Generation  Space  Telescope  (NGST),  the  SRP  effect 
is  larger  than  all  other  perturbations  and  depends  mostly  on  spacecraft  attitude. 

Small  variations  in  the  spacecraft  attitude  are  large  enough  to  excite  or  control 
the  exponential  eigenvector.  A closed-loop  linear  controller  based  on  the  SRP 
variations  would  eliminate  one  of  the  largest  errors  to  the  orbit  and  provide  a 
continuous  acceleration  for  use  in  controlling  other  disturbances. 

It  is  possible  to  design  reference  trajectories  that  account  for  the  periodic  lunar 
and  planetary  perturbations  and  still  satisfy  mission  requirements.  When  such 
trajectories  are  used  the  acceleration  required  to  control  the  unstable  eigenvector 
is  well  within  the  capabilities  of  a continuous  linear  controller.  Initial  estimates 
show  that  by  using  attitude  control  it  should  be  possible  to  minimize  and  even 
eliminate  thruster  maneuvers  for  station  keeping. 

INTRODUCTION 

Current  numerical  trajectory  analysis  does  not  take  full  advantage  of  optimization  tools  and  analytical 
methods  for  designing  transfer  trajectories  and  gravity  assists  to  the  Sun-Earth  LI  and  L2  Lagrange  points. 
The  effects  of  perturbations  due  to  the  variation  in  solar  radiation  pressure  and  the  periodic  effects  of  the 
Moon  should  be  used  in  selection  of  the  nominal  L2  orbit; . By  redefining  the  nominal  orbit  instead  of 
trying  to  control  these  perturbations  later,  we  reduce  deviations  by  several  orders  of  magnitude.  The 
authors  are  prototyping  analytical  tools  in  Mathematica  and  MATLAB  to  design  and  select  nominal  orbits 
of  this  type.  The  new  tools  are  being  designed  so  they  can  easily  be  incorporated  into  the  next  generation 
of  operational  flight  dynamics  tools. 

These  methods  have  applications  for  any  Lagrange-point  mission  and  implications  for  phasing  loop  and 
lunar  gravity  assist  trajectories.  The  case  studies  used  for  this  analysis  focus  on  the  MAP  mission.  The 
tolerance  already  available  in  the  pointing  of  the  MAP  sun  shield  can  be  used  to  produce  variations  in  the 
SRP.  Although  the  resulting  control  force  is  small  it  is  the  same  order  of  magnitude  as  the  perturbations 
that  remain  after  applying  the  new  methods.  This  should  allow  for  station  keeping  without  requiring  any 
propulsion  maneuvers.  This  paper  provides  some  of  the  mathematical  background  required  for  targeting  to 
L2  and  describes  how  it  can  be  applied  to  identify  the  relationships  between  the  targeting  variables  and 
goals  for  the  MAP  mission. 
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MAP  MISSION  DESIGN  CRITERIA 

The  mission  requirements  for  the  MAP  trajectory  design  involve  the  fuel  budget  (110  m/s),  launch  vehicle 
dispersions  (as  large  as  10  m/s)  and  the  required  launch  window  (any  day  of  the  month).  In  addition, 
constraints  from  the  power,  thermal  and  communication  systems  need  to  be  taken  into  account. 

The  criteria  for  the  L2  orbit  design  are  defined  using  the  Earth’s  shadow  and  the  distance  from  the  Earth- 
Sun  vector.  The  spacecraft  must  stay  out  of  the  Earth’s  shadow  to  prevent  loss  of  power  from  the  solar 
arrays  but  still  stay  close  enough  to  the  Earth-Sun  line  to  satisfy  communication  requirements  and  to  keep 
thermal  radiation  from  the  Earth  and  Moon  from  bypassing  the  sun-shield.  For  MAP  the  angle  between  the 
Map-Earth  vector  and  the  sun-line  must  be  between  0.5°  and  10°  which  translates  to  a minimum  distance 
of  13,000  Km  and  a maximum  distance  of  260,000  Km  from  the  Earth-Sun  line. 

The  minimum  distance  requirement  rules  out  the  option  of  going  directly  to  the  L2  point  exactly  and 
staying  there.  The  types  of  orbits  that  can  maintain  this  distance  without  escaping  are  halo  orbits  and 
Lissajous  orbits.  Lissajous  orbits  have  different  oscillation  periods  for  the  ecliptic-plane  and  out-of-plane 
motion.  The  resulting  Lissajous  pattern  (Figure  1)  inevitably  passes  through  the  shadow  every  7.5  years. 
Halo  orbits,  on  the  other  hand,  are  periodic  and  avoid  the  shadow  problem  by  using  non-linear  effects  of 
large  amplitudes  in  the  ecliptic  plane.  For  MAP  the  maximum  distance  of  260,000  Km  rules  out  halo 
orbits,  leaving  Lissajous  patterns  as  the  only  choice.  The  eventual  closing  of  the  Lissajous  pattern  is  not  a 
major  concern  for  MAP  since  the  projected  mission  length  is  less  than  3 years. 

TRANSFER  TRAJECTORIES 

Direct  transfers  to  L2  are  very  sensitive  to  small  launch  vehicle  (LV)  dispersions.  Figure  2 shows  that  a 
very  small  error  in  orbit  determination  or  in  AV  at  perigee  leads  to  very  large  errors  in  the  approach  to  L2. 
Errors  as  small  as  3 cm/sec  are  large  enough  to  cause  significant  effects  in  the  final  orbit  that  must  be 
corrected  within  a month  or  two  of  arrival.  Dispersion  errors  can  not  be  immediately  corrected  since  it 
takes  time  to  detect  them.  By  the  time  the  error  has  been  detected,  the  spacecraft  has  climbed  out  of  the 
Earth’s  gravity  and  the  orbit  is  no  longer  as  sensitive  to  the  AV  of  correction  maneuvers.  The 
magnification  of  the  initial  error  becomes  critical  for  realistic  dispersion  errors  since  an  uncorrected 
injection  error  of  3 m/sec  would  miss  the  desired  orbit  at  L2  and  diverge  from  the  desired  trajectory  in  less 
than  a month. 

Direct  insertion  from  parking  orbit  into  large  halo  orbits  can  be  achieved  in  special  cases'  (Figure  3). 
However,  the  final  orbits  have  very  large  amplitudes  that  violate  the  260,000  Km  requirement.  Achieving 
a tighter  Lissajous  pattern  would  require  large  insertion  maneuvers  at  L2  even  with  no  dispersion  errors. 
For  smaller  Lissajous  patterns  with  a reasonably  short  (6  months)  flight  time  this  option  does  not  seem 
promising.  The  MAP  trajectory  design  has  opted  to  use  a combination  of  phasing  loops  and  a lunar  flyby 
in  order  to  save  fuel  .eliminate  the  need  for  an  insertion  maneuver  at  L2  and  avoid  the  sensitivity  of  direct 
transfer2. 

The  lunar  flyby  provides  a significant  gravity  assist  that  reduces  the  total  launch  energy  (C3)  and  eliminates 
the  need  for  an  insertion  maneuver  to  achieve  a small  Lissajous  pattern  near  L2.  Lunar  flyby  orbits  of  this 
type  require  precise  targeting  to  achieve  the  correct  timing  and  orientation.  They  are  also  very  sensitive  to 
LV  dispersions  and  small  variations  in  the  orbital  elements  at  perigee.  These  variations  can  cause  the 
spacecraft  to  miss  the  Moon  altogether  or  to  fly  by  too  close  and  achieve  escape  velocity  from  the  Earth- 
Moon  system.  In  addition  to  the  sensitivity  problems,  direct  injection  into  a lunar  flyby  trajectory  would 
restrict  the  launch  window  to  a few  days  each  month. 
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PHASING  LOOPS 

Phasing  loops  provide  an  elegant  solution  to  both  the  launch  window  and  LV  dispersion  problems.  The 
injection  burn  into  the  phasing  loop  can  be  performed  at  almost  any  time  of  the  month.  The  first  loop  is 
designed  to  purposely  miss  the  Moon.  The  first  apogee  also  provides  an  opportunity  to  raise  perigee  (if 
necessary)  and  adjust  the  orbit  inclination  at  a very  low  AV  cost.  Moreover,  by  the  time  of  the  next  perigee, 
orbit  determination  (OD)  should  be  good  enough  and  the  correction  compensating  for  the  initial  dispersion 
would  not  require  too  much  AV. 

The  trajectory  is  still  very  sensitive  to  small  variations  in  AV  and  to  the  initial  conditions  on  the  launch 
date.  However,  this  sensitivity  is  now  an  advantage,  allowing  us  to  use  very  small  maneuvers  to  achieve 
our  goals.  We  can  wait  for  accurate  OD  data  and  use  it  to  determine  an  optimal  trajectory  that  is  designed 
specifically  for  the  known  launch  date  and  LV  dispersion  errors.  The  optimization  goal  for  the  phasing 
loop  stage  is  to  achieve  the  precise  timing  and  orientation  required  for  a successful  lunar  flyby. 

To  get  an  initial  estimate  of  the  timing,  location  and  orientation  of  the  flyby  trajectories  we  can  integrate 
the  equations  of  motion  backward  from  L2  and  determine  when,  where  and  from  which  direction  the 
spacecraft  approaches  lunar  orbit.  A rough  initial  approximation  that  does  not  include  lunar  gravity  effects 
(Figure  4)  shows  that  the  spacecraft  crosses  the  lunar  orbit  twice  each  month  at  a specific  location  and 
orientation.  This  rough  approximation  shows  the  location  of  the  two  lunar  flyby  opportunities  within  a few 
degrees.  While  the  back-propagation  results  obtained  by  neglecting  lunar  gravity  can  not  be  used  for 
approximating  the  actual  flyby,  they  do  provide  us  with  some  design  information  for  the  mission.  The 
timing  of  the  flyby  is  determined  by  the  intersection  of  the  spacecraft  and  lunar  orbits  since  the  Moon  has 
to  be  close  enough  to  provide  a gravity  assist.  The  asymptote  for  a B-plane  analysis  can  also  be  determined 
with  this  method. 

We  can  use  the  approximate  flyby  times  to  choose  the  number  and  periods  of  the  phasing  loops.  The  path 
followed  by  the  spacecraft  several  days  after  the  flyby  is  nearly  independent  of  the  lunar  gravity.  The 
arrival  time  at  L2  is  very  sensitive  to  the  exact  timing  of  the  flyby.  The  exact  arrival  time  at  L2  is  not  a 
major  concern  for  most  missions.  We  can  therefore  afford  to  make  small  adjustments  in  the  timing  of  the 
flyby  as  long  as  the  departing  asymptote  is  adjusted  to  assure  that  the  spacecraft  arrives  at  the  desired 
trajectory. 

The  final  orbit  parameters  at  L2  are  extremely  sensitive  to  the  choice  of  departing  asymptote  from  the  lunar 
flyby.  Numerical  studies  using  Swingby’  show  that  small  adjustments  of  the  incoming  asymptote  (a  day 
before  the  flyby)  and  at  periselene  are  sufficient  to  determine  the  entry  point  on  the  Lissajous  pattern  or 
even  to  reverse  its  direction.  However,  the  qualitative  results  of  these  numerical  investigations  are  limited 
by  the  fact  that  very  small  numerical  errors  in  the  initial  conditions  grow  exponentially  with  time  so  that 
numerical  targeting  schemes  can  not  be  used  effectively  for  more  than  5 months.  Successive  targeting  with 
appropriate  cost  functions  that  measure  the  deviation  from  a nominal  orbit  at  L2  can  be  used  to  achieve 
better  results3.  The  definition  of  these  cost  functions  relies  on  a linear  approximation  of  the  orbit  at  L2. 

Meaningful  definitions  of  the  goals  at  L2  can  be  phrased  in  terms  of  the  size  of  the  unstable  eigenvector, 
the  size  of  the  two  oscillations  (AY  and  Az),  the  phase  difference  between  the  oscillations  (A<J>),  the 
common  phase  at  insertion  (<j>bar)  and  the  arrival  time.  Controlling  the  unstable  eigenvector  is  critical  for 
maintaining  an  orbit  at  L2.  However,  the  design  of  the  phasing  loops  can  not  effectively  perform  this  task. 
A station  keeping  method  (periodic  thrust  maneuvers  or  induced  SRP  variations)  must  be  used  regardless 
of  the  phasing  loop  strategy.  The  size  of  the  two  oscillations  Ay  and  Az  must  satisfy  the  requirements  for 
minimum  and  maximum  angle  from  the  sun  line  but  are  allowed  to  vary  within  that  range.  The  phase 


’ Swingby  is  the  Mission  Analysis  tool  developed  and  used  by  the  Flight  Dynamics  Analysis  Branch  and 
Goddard  Space  Flight  Center.  Swingby  was  used  for  SOHO,  WIND,  Clementine  and  Lunar  Prospector 
trajectory  design  and  maneuver  calibration. 
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difference  A<j>  determines  where  the  spacecraft  is  on  the  Lissajous  pattern.  Targeting  to  an  opening 
Lissajous  pattern  (Figure  lb)  assures  that  the  spacecraft  will  not  pass  through  the  shadow  for  at  least  3 
years  (as  long  as  the  unstable  eigenvector  is  controlled). 

The  allowed  variation  in  the  three  parameters  AY,  Az  and  A4>  is  limited  by  mission  requirements.  However, 
the  size  of  the  stable  eigenvector  (related  to  the  arrival  time  at  L2)  and  <j>bar  (the  position  on  the  Lissajous 
orbit)  do  not  affect  any  mission  requirements  and  do  not  need  to  be  controlled.  In  designing  the  phasing 
loops  and  lunar  flyby,  AY,  Az  and  At})  should  be  used  as  targeting  goals  instead  of  numerical  estimates  that 
rely  on  plane  crossings  available  in  tools  like  Swingby.  This  makes  it  possible  to  satisfy  mission 
requirements  without  placing  unnecessary  restrictions  on  the  targeter  which  make  it  converge  on  non- 
optimal  solutions.  This  targeting  method,  when  combined  with  accurate  modeling  of  SRP  and  lunar 
perturbations  can  reduce  errors  to  the  point  that  intentional  variations  of  the  MAP  sunshield  attitude  are 
sufficient  to  perform  station  keeping.  Any  deviations  from  desired  performance  can  be  controlled  through 
the  attitude  control  system  and  propulsive  maneuvers  are  not  required. 

LINEAR  ANALYSIS  AT  L2 

The  formulation  of  the  non-linear  equations  of  motion  is  done  in  a rotating  coordinate  system  centered  at 
the  Earth-Sun  barycenter  with  the  x-axis  along  the  Sun-Earth  line,  the  z-axis  toward  the  ecliptic  north  and 
the  y-axis  chosen  to  complete  an  orthogonal  right  handed  system.  Normalized  units  for  this  system  are 
1 AU  for  length  and  Year/(27t)  for  time.  However,  for  practical  calculations  it  is  often  convenient  to 
express  length  as  a fraction  of  the  distance  from  L2  to  Earth  and  time  in  a multiple  of  the  time  constant  (x) 
or  periods  (2-71/0)^  and  27t/coz)  that  correspond  to  the  eigenvalues  of  the  linear  system. 

Figure  5 shows  a cross  section  along  the  XY  plane  (ecliptic)  of  the  non-linear  potential  in  the  Rotating 
Libration  Point  (RLP)  coordinate  system  centered  at  L2.  We  can  see  that  a linear  approximation  about  the 
Lagrange  point  is  valid  for  a Lissajous  pattern  (the  ellipse)  with  a maximum  excursion  of  5°  from  the 
Earth-Sun  line.  For  larger  orbits,  the  non-linear  effects  become  more  significant  but  the  approximation  still 
gives  reasonable  results  even  for  a 10°  excursion. 

The  linearized  system  has  one  unstable  mode  (eigenvector)  that  grows  exponentially  with  an  eigenvalue  of 
1/t  = 2.5*(2n/year)  =1/(23  days).  This  means  that  small  errors  and  the  effects  of  perturbations  in  the 
direction  of  the  unstable  eigenvector  will  double  every  16  days  (x  In  2).  The  system  also  has  a stable 
eigenvector  that  decays  at  the  same  rate.  Initial  displacements  in  the  direction  of  the  stable  eigenvector  will 
shrink  to  a half  in  16  days  as  well. 

In  addition  to  the  stable  and  unstable  eigenvectors,  the  system  also  has  two  pairs  of  imaginary  eigenvalues. 
One  of  the  pairs  (eoz  = 1 .99  periods  per  year)  corresponds  to  a pure  oscillation  in  the  z direction  (the 
corresponding  eigenvectors  have  no  x and  y components).  The  fact  that  all  other  eigenvectors  have  no  z 
component  indicates  that  as  long  as  the  linear  approximation  is  valid,  motion  in  the  ecliptic  plane  and  the 
out-of-plane  oscillations  are  completely  independent.  The  ellipse  in  Figure  5 traces  the  trajectory  of  a pure 
oscillation  in  the  ecliptic  plane  which  corresponds  to  the  second  pair  of  eigenvalues  (coXY  = 2.07  periods 
per  year). 

SOLAR  RADIATION  PRESSURE  (SRP)  EFFECTS 

As  mentioned  earlier,  SRP  is  the  main  perturbation  to  spacecraft  orbits  in  the  near  vicinity  of  the  Earth-Sun 
L2  Lagrange  point.  Figure  6 shows  the  MAP  spacecraft  with  it's  large,  5 meter  diameter,  sunshield.  It  is 
easy  to  compensate  for  the  average  MAP  SRP  value  (0.2  pm/s2)"  and  for  the  first  order  effects  of  the  Moon 


‘ Based  on: 

Mass  = 850  Kg 
Reflectivity  = 1 .9 
Solar  pressure  = 5 pN/m2 


578 


at  L2  by  moving  the  spacecraft  a few  hundred  Kilometers  closer  to  the  Sun.  However,  very  small  variations 
in  the  orientation  of  large  sun-shields  can  excite  (or  control)  the  unstable  eigenvector  and  thereby  cause  (or 
prevent)  escape  from  the  vicinity  of  L2. 

The  effect  of  predicted  errors  in  MAP  attitude  determination  (0.02°)  and  attitude  control  (0.1°)  on  the  x 
component  of  the  SRP  vector  are  expected  to  be  negligible’.  However,  a small  bias  in  the  spin  axis  of  the 
spacecraft  can  generate  a small  constant  acceleration  in  the  y or  z directions.  The  angle  between  the  x-axis 
and  the  spacecraft-sun  line  depends  on  the  size  and  phase  of  the  orbit  and  introduces  a known  bias  with  a 
corresponding  acceleration  in  the  y or  z direction.  Known  accelerations  can  be  accounted  for  in  the  orbit 
design,  however,  with  an  attitude  pointing  tolerance  of  0.25°,  the  variation  in  acceleration  can  be  as  high 
as:  0.2  pm/s2  * Sin(0.25°)  = 0.9  nm/s2. 

An  acceleration  of  0.9  nm/s2  in  the  z direction  is  too  small  to  have  an  effect  on  a periodic  oscillation  with 
magnitude  measured  in  thousands  of  Kilometers.  However,  the  same  acceleration  in  the  y direction 
contributes  0.3*x*0.9  nm/s2  =~  0.3*(3.5  Km  /t)=—  1 .2  Km/tt  toward  the  derivative  of  the  state  component 
that  grows  exponentially  in  the  direction  of  the  unstable  eigenvector.  To  compensate  for  this  derivative  the 
spacecraft  would  have  to  be  1.2  Km  away  from  the  nominal  trajectory  in  the  opposite  direction. . If  an 
unpredicted  error  of  1 .2  Km/x  is  allowed  to  accumulate  and  we  can  not  prepare  for  this  displacement,  we 
should  expect  the  error  to  double  every  16  days.  If  we  assume  eight  maneuvers  with  a fuel  budget  of  8 m/s 
for  stationkeeping,  maneuvers  are  limited  to  1 m/s=~  2000  Km/x  and  the  time  between  maneuvers  can  not 
exceed  170  days  (x  /n[2000/1.2]=7.4x). 

On  the  other  hand,  a closed-loop  onboard  controller  with  access  to  the  ACS-reference  input  can  purposely 
generate  a bias  of  up  to  0.2  pm/s2  * Sin(0.25°-0.1°)  = 0.5  nm/s2  to  control  deviations  from  the  nominal 
trajectory.  The  controller  would  saturate  for  position  errors  larger  than  2 Km  (with  no  velocity  error)  or 
velocity  errors  of  1 mm/s  (2  Km  /x,  with  no  position  error).  Designing  our  nominal  trajectories  with 
sufficient  detail  to  have  deviations  on  the  order  of  several  hundred  meters  should  allow  us  to  maintain  the 
orbit  at  L2  without  saturating  the  onboard  controller.  This  strategy  would  eliminate  propulsion  maneuvers 
for  the  duration  of  the  mission. 

SYSTEM  INTEGRATION 

The  results  in  this  paper  show  a strong  interaction  between  navigation,  orbit  determination  and  attitude 
control.  In  order  to  use  a closed  loop  controller  based  on  solar  radiation  pressure,  the  corresponding 
spacecraft  systems  would  need  to  be  integrated.  The  integrated  system  should  communicate  state 
parameters  and  use  these  parameters  to  improve  the  accuracy  of  the  OD  and  control  commands. 

It  is  clear  that  both  the  OD  and  navigation  need  to  have  access  to  accurate  and  timely  attitude  data.  In 
addition,  the  closed  loop  controller  should  be  able  to  command  the  ACS  to  perform  minor  adjustments  to 
the  nominal  direction  of  the  spin  axis. 


Sun  shield  area  =~  20  m2 
Effective  area  = 20*cos(22.5) 

Average  acceleration  = 1.9  * 5 pN/m2  * 20  m2  * Cos(22.5°)  / 850  =~  0.2  pm/s2 


’ Since  the  MAP  spacecraft  makes  a full  rotation  about  an  axis  pointing  away  from  the  Sun  every  hour,  the 
average  SRP  acceleration  is  directed  away  from  the  Sun.  If  the  spin  axis  points  exactly  away  from  the  Sun 
and  the  spin  motion  is  symmetric,  there  would  be  no  acceleration  perpendicular  to  the  spin  axis.  Any  bias 
in  the  spin  axis  would  cause  a perpendicular  force  in  the  y or  z direction  (RLP  coordinate  system). 


f The  derivative  was  calculated  in  time  units  normalized  so  the  time  constant  x of  the  unstable  mode  is  1. 
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FUTURE  ANALYSIS 

The  variation  in  SRP  due  to  small  changes  in  attitude  should  be  included  in  the  OD  process.  Most  current 
OD  tools  assume  a spherical  spacecraft  with  constant  cross-sectional  area  and  do  not  model  the  forces  as 
normal  to  the  surfaces  exposed  to  the  SRP.  In  order  to  perform  accurate  control,  the  controller  must  have 
accurate  data.  Orbit  determination  methods  need  to  be  improved,  to  match  the  accuracy  of  the  analysis. 
One  way  to  do  this  is  to  design  a Kalman  filter  that  will  perform  OD  in  real  time  as  part  of  an  integrated 
onboard  ACS  and  navigation  system. 

Future  analysis  should  address  the  open  questions  regarding  attitude  control  and  the  possibility  of  handling 
the  windmill  effect.  The  strategy  of  designing  nominal  momentum  wheel  states  to  match  the  expected 
perturbations  created  by  the  difference  between  the  center  of  gravity  and  center  of  pressure  can  have 
similar  results  to  those  presented  here.  This  option  should  be  studied  in  more  detail  since  the  possibility  of 
using  small  variation  in  attitude  to  control  the  remaining  deviations  may  work  in  this  case  as  well.  The  full 
advantage  of  eliminating  station  keeping  maneuvers  can  not  be  realized  if  propulsion  maneuvers  are  still 
required  for  momentum  dumping.  Solar  radiation  pressure  also  affects  the  total  momentum  of  the 
spacecraft  and  it  may  be  possible  to  use  a similar  strategy  to  eliminate  the  need  for  momentum  dumping. 

CONCLUSIONS 

The  methods  discussed  in  this  paper  can  be  applied  to  any  Lagrange-point  mission,  with  implications  for 
phasing  loop  and  lunar  gravity  assist  trajectories.  The  importance  of  accurate  SRP  modeling  in  the  design 
of  the  nominal  trajectory  has  been  demonstrated  and  a direct  application  for  the  MAP  mission  has  been 
shown.  Using  attitude  variations  as  small  as  0.25°  can  affect  the  SRP  enough  to  control  the  orbit  at  L2. 
This  seems  like  a promising  method  for  minimizing  or  eliminating  propulsion  stationkeeping  maneuvers 
for  MAP.  If  the  onboard  controller  is  successfully  flown  on  MAP  as  a technology  demonstration,  NGST 
would  be  able  to  use  it  as  proven  technology. 
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TRAJECTORY  DESIGN  STRATEGIES 
THAT  INCORPORATE 
INVARIANT  MANIFOLDS  AND  SWINGBY 

J.  J.  Guzman,*  D.  S.  Cooley,*  K.  C.  Howell,*  and  D.  C.  Folta§ 


Libration  point  orbits  serve  as  excellent  platforms  for  scientific  investigations  involving  the 
Sun  as  well  as  planetary  environments.  Trajectory  design  in  support  of  such  missions  is  increas- 
ingly challenging  as  more  complex  missions  are  envisioned  in  the  next  few  decades.  Software 
tools  for  trajectory  design  in  this  regime  must  be  further  developed  to  incorporate  better  un- 
derstanding of  the  solution  space  and,  thus,  improve  the  efficiency  and  expand  the  capabilities 
of  current  approaches.  Only  recently  applied  to  trajectory  design,  dynamical  systems  theory 
now  offers  new  insights  into  the  natural  dynamics  associated  with  the  multi-body  problem.  The 
goal  of  this  effort  is  the  blending  of  analysis  from  dynamical  systems  theory  with  the  well  es- 
tablished NASA  Goddard  software  program  SWINGBY  to  enhance  and  expand  the  capabilities 
for  mission  design.  Basic  knowledge  concerning  the  solution  space  is  improved  as  well. 


INTRODUCTION 

The  trajectory  design  software  program  SWINGBY,  developed  by  the  Guidance,  Navigation  and 
Control  Center  at  NASA’s  Goddard  Space  Flight  Center,  is  successfully  used  to  design  and  support 
spacecraft  missions.  Of  particular  interest  here  are  missions  to  the  Sun-Earth  collinear  libration 
points.  Orbits  in  the  vicinity  of  libration  points  serve  as  excellent  platforms  for  scientific  investiga- 
tions including  solar  effects  on  planetary  environments.  However,  as  mission  concepts  become  more 
ambitious,  increasing  innovation  is  necessary  in  the  design  of  the  trajectory.  Although  SWINGBY 
has  been  extremely  useful,  creative  and  successful  design  for  libration  point  missions  still  relies 
heavily  on  the  experience  of  the  user.  In  this  work,  invariant  manifold  theory  and  SWINGBY  are 
combined  in  an  effort  to  improve  the  efficiency  of  the  trajectory  design  process.  A wider  range  of 
trajectory  options  is  also  likely  to  be  available  in  the  future  as  a result. 

Design  capabilities  for  libration  point  missions  have  significantly  improved  in  recent  years.  The 
success  of  SWINGBY  for  construction  of  trajectories  in  this  regime  is  evidence  of  the  improvement  in 
computational  capabilities.  However,  conventional  tools,  including  SWINGBY,  do  not  currently  in- 
corporate any  theoretical  understanding  of  the  multi-body  problem  and  do  not  exploit  the  dynamical 
relationships.  Nonlinear  dynamical  systems  theory  (DST)  offers  new  insights  in  multi-body  regimes, 
where  qualitative  information  is  necessary  concerning  sets  of  solutions  and  their  evolution.  The  goal 
of  this  effort  is  a blending  of  dynamical  systems  theory,  that  employs  the  dynamical  relationships 


* Graduate  Student,  School  of  Aeronautics  and  Astronautics,  Purdue  University. 

f Aerospace  Engineer,  Flight  Dynamics  Analysis  Branch,  Guidance,  Navigation  and  Control  Center,  God- 
dard Space  Flight  Center. 

1 Professor,  School  of  Aeronautics  and  Astronautics,  Purdue  University. 

5 Aerospace  Engineer,  Systems  Engineering  Branch,  Guidance,  Navigation  and  Control  Center,  Goddard 
Space  Flight  Center. 


581 


to  construct  the  solution  arcs,  and  SWINGBY,  with  its  strength  in  numerical  analysis.  Dynamical 
systems  theory  is,  of  course,  a broad  subject  area.  For  application  to  spacecraft  trajectory  design,  it 
is  helpful  to  first  consider  special  solutions  and  invariant  manifolds,  since  this  aspect  of  DST  offers 
immediate  insights.  An  understanding  of  the  solution  space  then  forms  a basis  for  computation 
of  a preliminary  solution;  the  end-to-end  approximation  can  then  be  transferred  to  SWINGBY  for 
final  adjustments.  Accomplishing  this  objective  requires  an  exchange  of  information  between  two 
software  packages.  At  Purdue,  various  dynamical  systems  methodologies  are  included  in  an  internal 
software  tool  called  GENERATOR.  GENERATOR  includes  several  programs  that  generate  differ- 
ent types  of  solution  arcs,  some  based  on  dynamical  systems  theory;  the  user  then  collects  all  the 
arcs  together  and  differentially  corrects  the  trajectory  segments  to  produce  a complete  path  in  a 
complex  dynamical  model.  A two  level  iteration  scheme  is  utilized  whenever  differential  corrections 
are  required;  this  approach  produces  position  continuity  (first  level),  then  velocity  continuity  (sec- 
ond level).1'4  SWINGBY,  on  the  other  hand,  is  an  interactive  visual  tool  that  allows  the  user  to 
model  launches  and  parking  orbits,  as  well  as  design  transfer  trajectories  utilizing  various  targeting 
schemes.5  SWINGBY  is  also  an  excellent  tool  for  prelaunch  analysis  including  trajectory  design, 
error  analysis,  launch  window  calculations  and  ephemeris  generation.6  SWINGBY  has  proven  to  be 
an  improvement  over  previous  non-GUI  (Graphical  User  Interface)  programs.  The  goal  here  is  a 
procedure  to  use  the  tools  in  combination  for  mutual  benefit. 

INVARIANT  MANIFOLDS 

The  geometrical  theory  of  dynamical  systems  is  based  in  phase  space  and  begins  with  special 
solutions  that  include  equilibrium  points,  periodic  orbits,  and  quasi-periodic  motions.  Then,  curved 
spaces  (differential  manifolds)  are  introduced  as  the  geometrical  model  for  the  phase  space  of  de- 
pendent variables.  An  invariant  manifold  is  defined  as  an  m-dimensional  surface  such  that  an  orbit 
starting  on  the  surface  remains  on  the  surface  throughout  its  dynamical  evolution.  So,  an  invariant 
manifold  is  a set  of  orbits  that  form  a surface.  Invariant  manifolds,  in  particular  stable,  unstable, 
and  center  manifolds,  are  key  components  in  the  analysis  of  the  phase  space.  Bounded  motions  (in- 
cluding periodic  orbits)  exist  in  the  center  manifold,  as  well  as  transitions  from  one  type  of  bounded 
motion  to  another.  Sets  of  orbits  that  approach  or  depart  an  invariant  manifold  asymptotically  are 
also  invariant  manifolds  (under  certain  conditions)  and  these  are  the  stable  and  unstable  manifolds, 
respectively. 

In  the  context  of  the  three  body  problem,  the  libration  points,  halo  orbits,  and  the  tori  on  which 
Lissajous  trajectories  are  confined  are  themselves  invariant  manifolds.  First,  consider  a collinear 
libration  point,  that  is,  an  equilibrium  solution  in  terms  of  the  rotating  coordinates  in  the  three- 
body  problem.  The  libration  point  itself  has  a one-dimensional  stable  manifold,  a one  dimensional 
unstable  manifold,  and  a four  dimensional  center  manifold.  As  has  been  described  in  more  detail 
in  Ref.  7,  there  exist  periodic  and  quasi-periodic  motions  in  this  center  manifold.  Two  types  of 
periodic  motion  are  of  interest  here,  i.e.,  the  planar  Lyapunov  orbits  as  well  as  the  nearly  vertical 
(out  of  plane)  orbits.  The  familiar  periodic  halo  orbits  result  from  a bifucartion  along  the  planar 
family  of  Lyapunov  orbits  as  the  amplitude  increases.  Also  in  the  center  subspace  are  quasi-periodic 
solutions  related  to  both  the  planar  and  the  vertical  periodic  orbits.  These  three-dimensional,  quasi- 
periodic  solutions  are  those  that  have  typically  been  denoted  as  Lissajous  trajectories.  Although 
not  of  interest  here,  a second  type  of  quasi-periodic  solution  is  the  motion  on  tori  that  envelop  the 
periodic  halo  orbits. 

The  periodic  halo  orbits,  as  defined  in  the  circular  restricted  problem,  are  used  as  a reference 
solution  for  investigating  the  phase  space  in  this  analysis.  It  is  possible  to  exploit  the  hyperbolic 
nature  of  these  orbits  by  using  the  associated  stable  and  unstable  manifolds  to  generate  transfer 
trajectories  as  well  as  general  trajectory  arcs  in  this  region  of  space.  (The  results  can  also  be  ex- 
tended to  more  complex  dynamical  models.4,8)  Developing  expressions  for  these  nonlinear  surfaces 
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is  a formidable  task,  one  that  is  unnecessary  in  the  context  of  their  role  in  this  particular  design 
process.  Rather,  the  computation  of  the  stable  and  unstable  manifolds  associated  with  a particular 
halo  orbit  is  accomplished  numerically  in  a straightforward  manner.  The  procedure  is  based  on  the 
availability  of  the  monodromy  matrix  (the  variational  or  state  transition  matrix  after  one  period 
of  the  motion)  associated  with  the  halo  orbit.  This  matrix  essentially  serves  to  define  a discrete 
linear  map  of  a fixed  point  in  some  arbitrary  Poincare  section.  As  with  any  discrete  mapping  of  a 
fixed  point,  the  characteristics  of  the  local  geometry  of  the  phase  space  can  be  determined  from  the 
eigenvalues  and  eigenvectors  of  the  monodromy  matrix.  These  are  characteristics  not  only  of  the 
fixed  point,  but  of  the  halo  orbit  itself. 

The  local  approximation  of  the  stable  (unstable)  manifolds  involves  calculating  the  eigenvectors 
of  the  monodromy  matrix  that  are  associated  with  the  stable  (unstable)  eigenvalues.  This  approxi- 
mation can  be  propagated  to  any  point  along  the  halo  orbit  using  the  state  transition  matrix.  Recall 
that  the  eigenvalues  of  a periodic  halo  orbit  are  known  to  be  of  the  following  form:9 

Ai  > 1 , X2  — <1  > A3  = A4  = 1 , 

X5  — XI  , and  |As|  — |A6|  — 1 , 

where  A5  and  A6  are  complex  conjugates.  Stable  (and  unstable)  eigenspaces,  Es  (Eu)  are  spanned 
by  the  eigenvectors  whose  eigenvalues  have  modulus  less  than  one  (modulus  greater  than  one).  There 
exist  local  stable  and  unstable  manifolds,  W^oc  and  , tangent  to  the  eigenspaces  at  the  fixed 
point  and  of  the  same  dimension.10,11  Thus,  for  a fixed  point  XH  defined  along  the  halo  orbit,  the 
one-dimensional  stable  (unstable)  manifold  is  approximated  by  the  eigenvector  associated  with  the 
eigenvalue  A2  (Ax).  First,  consider  the  stable  manifold.  Recall  that  a periodic  orbit  appears  as 
one  fixed  point  in  a Poincar6  map;  thus,  the  halo  orbit  is  identified  as  XH  in  the  two  dimensional 
representation  in  Figure  1.  Let  Yw‘  denote  a six-dimensional  vector  that  is  coincident  with  the 
stable  eigenvector  and  is  scaled  such  that  the  elements  corresponding  to  position  in  the  phase  space 
have  been  normalized.  This  vector  serves  as  the  local  approximation  to  the  stable  manifold  (Ws). 
Remove  the  fixed  point  XH  from  the  stable  manifold  and  there  remain  two  half-manifolds,  W5+and 
Ws  . Each  half-manifold  is  itself  a manifold  consisting  of  a single  trajectory.  Now,  consider  some 
point  X0  that  lies  exactly  on  Integrating  forward  and  backward  in  time  from  XQ  produces 

Ws+ . Of  course,  the  stable  manifold  approaches  the  fixed  point  asymptotically,  so  W5+ reaches 
XH  only  in  infinite  time.  Nevertheless,  conceptually,  calculating  a half  manifold  is  composed  of  the 
following  two  steps:  locating  or  approximating  a point  on  Ws  , and  numerically  integrating  from 
this  point. 

To  numerically  generate  the  stable  manifold,  an  algorithm  originally  developed  for  second  order 
systems  has  been  employed.12  The  algorithm,  however,  does  not  possess  any  inherent  limit  to  the 


Figure  1 Stable  and  Unstable  Manifolds  Associated  with  a Fixed  Point  XH 
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order  of  the  system  and  has  been  used  successfully  here.  Near  the  fixed  point  X H , the  half-manifold 
Ws  is  determined,  to  first  order,  by  the  stable  eigenvector  Yw‘ . The  next  step  is  then  to  globalize 
the  stable  manifold.  This  can  be  accomplished  by  numerically  integrating  backwards  in  time.  It  also 
requires  an  initial  state  that  is  on  VE5+but  not  on  the  halo  orbit.  To  determine  such  an  initial  state, 
the  position  of  the  spacecraft  is  displaced  from  the  halo  in  the  direction  of  Yw‘  by  some  distance 
d3  such  that  the  new  initial  state,  denoted  as  X™‘ , is  calculated  as 


X™-  =XM  + dsY 


H 


rW‘ 


(1) 


Higher  order  expressions  for  X^‘  are  available  but  not  necessary.  The  magnitude  of  the  scalar  d, 
should  be  small  enough  to  avoid  violating  the  linear  estimate,  yet  not  so  small  that  the  time  of 
flight  becomes  too  large  due  to  the  asymptotic  nature  of  the  stable  manifold.  This  investigation  is 
conducted  with  a nominal  value  of  200  km  for  ds  since  this  application  is  in  the  Sun-Earth  system. 
A suitable  value  of  d3  should  be  determined  for  each  application.  Note  that  a similar  procedure  can 
be  used  to  approximate  and  generate  the  unstable  manifold.  One  additional  observation  is  notable. 
The  stable  and  unstable  manifolds  for  any  fixed  point  along  a halo  orbit  are  one-dimensional  and 
this  fact  implies  that  the  stable/unstable  manifolds  for  the  entire  halo  orbit  are  two-dimensional. 
This  is  an  important  concept  when  considering  design  options. 


APPLICATION  TO  MISSION  DESIGN 

Trajectory  design  has  traditionally  been  initiated  with  a baseline  mission  concept  rooted  in  the 
two-body  problem  and  conics.  For  libration  point  missions,  however,  a baseline  concept  derived 
from  solutions  to  the  three-body  problem  is  required.  Since  no  such  general  solution  is  available, 
the  goal  is  to  use  dynamical  systems  theory  to  numerically  explore  the  types  of  trajectory  arcs  that 
exist  in  the  solution  space.  Then,  various  arcs  can  be  “patched”  together  for  preliminary  design;  the 
end-to-end  solution  is  ultimately  computed  using  a model  that  incorporates  ephemeris  data  as  well 
as  other  appropriate  forces  (e.g.,  solar  radiation  pressure). 


Force  Models 

The  dynamical  model  that  is  adopted  to  represent  the  forces  on  the  spacecraft  includes  the  grav- 
itational influences  of  the  Sun,  Moon  and  Earth.  (Additional  gravitational  bodies  can  certainly  be 
added.  This  subset,  however,  includes  the  dominant  gravitational  influences  and  is  a convenient  set 
for  this  discussion  and  demonstration.)  All  planetary,  solar,  and  lunar  states  are  obtained  from  the 
GSFC  Solar  Lunar  and  Planetary  (SLP)  files.  The  SLP  files  describe  positions  and  velocities  for 
nine  solar  system  bodies  (excluding  Mercury)  in  the  form  of  Chebyshev  polynomial  coefficients  at  12 
day  intervals.  These  files  are  based  on  the  Jet  Propulsion  Laboratory’s  Definitive  Ephemeris  (DE) 
118  and  200  files.13 


Solar  radiation  pressure  is  also  included  in  the  differential  equations.  It  is  modeled  as  follows:5’14 


F=- 


F3M 


1 aun-spacecraft 


“ ^sun-spacecraft 


M 

3 ^sun-spacecraft  i 

^"sun-spacecraft 


(2) 


where  M is  the  spacecraft  mass,  f8un.3pacecraft  is  the  vector  from  the  Sun  to  the  spacecraft,  and  the 
scalar  variable  Fs  is  used  to  represent  all  other  predetermined  constants  in  the  model.  The  scalar 
quantity  F3  includes  information  regarding  the  characteristics  of  the  spacecraft  and  certain  physical 
constants.  For  instance,  the  parameter  k represents  the  absorptivity  of  the  spacecraft  surface  over 
the  range  0 < k < 2;  A is  the  effective  cross  sectional  area;  c is  the  speed  of  light;  S0  is  the  solar 
light  flux  at  1 A.U.  from  the  Sun;  D0  is  the  nominal  distance  associated  with  Sc;  and  f3  is  the  angle 
of  incidence  which  can  be  calculated  (for  Sun  radiating  radially  outward)  as  follows 


584 


(3) 


0 = cos" 1 f — n ~ r3un'3P&Cecr&ft  \ > 

\ ^sun-spacecraft  / 

where  n is  the  unit  vector  normal  to  the  incident  area.  In  this  study,  the  solar  radiation  pressure 
model  will  be  simplified  by  assuming  that  the  force  is  always  normal  to  the  surface,  i.e.,  0 = 0.  In 
terms  of  the  spacecraft  engine,  only  impulsive  maneuvers  are  considered.  Of  course,  the  analysis 
must  be  consistent  across  all  analysis  tools. 

Nominal  Baseline  Trajectory 

Assume  a mission  concept  that  involves  departure  from  a circular  Earth  parking  orbit  and  trans- 
fer along  a direct  path  to  arrive  in  a halo  or  Lissajous  trajectory  associated  with  an  Li  libration 
point,  defined  in  terms  of  a Sun-Earth/Moon  barycenter  system.  Thus,  the  baseline  trajectory  is 
composed  of  two  segments:  (a)  the  Earth-to-halo  transfer,  and  (b)  the  Lissajous  trajectory.  The 
design  strategy  is  based  on  computing  the  halo/ Lissajous  trajectory  first,  since  this  type  of  orbit 
enables  the  flow  (the  stable/unstable  manifolds)  in  the  region  between  the  Earth  and  L\  to  be 
represented  relatively  straightforwardly  in  configuration  space  using  the  invariant  manifolds.  An 
appropriate  Lissajous  orbit,  i.e.,  one  that  meets  the  science  and  communications  requirements,  is 
computed  using  GENERATOR.1  A Lissajous  trajectory  is  quasi-periodic;  however,  two  revolutions 
along  the  path  can  be  assumed  as  a nearly  periodic  orbit  for  construction  of  a monodromy  matrix. 
The  transfer  design  process  then  consists  of  identifying  the  subspace  (or  surface)  that  flows  from  the 
vicinity  of  the  Earth  to  the  Lissajous  trajectory  by  computation  of  the  associated  stable  manifold. 
Using  the  stable  manifold  to  construct  the  transfer  trajectory  from  Earth  implies  an  asymptotic 
approach  to  the  “periodic”  orbit  and,  even  in  actual  practice,  may  result  in  no  insertion  maneuver. 
So,  rather  than  a targeting  problem  to  reach  a specified  insertion  point  on  the  halo  orbit,  the  transfer 
design  problem  becomes  one  of  insertion  onto  the  stable  manifold,  directly  from  an  Earth  parking 
orbit,  if  possible.  The  flight  time  along  such  a path  is  actually  very  reasonable. 

Unfortunately,  not  every  halo/Lissajous  orbit  possesses  stable  manifolds  that  pass  at  the  precise 
altitude  of  a specified  Earth  parking  orbit.  However,  the  stable/unstable  manifolds  control  the  be- 
havior of  all  nearby  solutions  in  this  region  of  the  phase  space.  Thus,  the  behavior  of  the  manifolds 
provides  insight  into  optimal  transfers  and  serves  as  an  excellent  first  approximation  in  a differential 
corrections  scheme.3  Of  course,  altitude  is  not  the  only  launch  constraint.  Once  an  appropriate  ini- 
tial transfer  path  is  available,  a series  of  patch  points  (“control  points”)  are  automatically  inserted. 
A two-level  iteration  scheme  then  shifts  positions  and  times  to  satisfy  constraints  on  launch  altitude, 
launch  date,  and  launch  inclination  as  well  as  placement  of  the  transfer  trajectory  insertion  point 
as  close  to  perigee  as  possible.15  Note  that  this  process  for  computation  of  the  transfer  leaves  the 
Lissajous  trajectory  intact.  This  is  extremely  difficult  to  accomplish  solely  in  SWINGBY  (as  it  is 
currently  structured). 

After  the  transfer  is  produced,  it  is  successfully  transferred  to  SWINGBY.  Note  that,  in  this 
process,  the  transfer  path  emerges  without  a random  search.  Thus,  this  critical  initial  approximation 
is  extremely  important  for  the  design  of  more  complex  missions  (that  might  include  phasing  loops 
and/or  gravity  assists),  since  transferring  to  the  nominal  Lissajous  orbit  is,  in  general,  a challenge  for 
the  trajectory  analysts.16  Once  a suitable  trajectory  associated  with  a particular  Lissajous  trajectory 
is  identified,  SWINGBY  can  be  further  utilized  for  final  adjustments,  maneuver  error  analysis,  and 
exploration  of  changes  in  the  mission  specifications.  Understanding  both  the  traditional  design 
methodology  and  invariant  manifold  theory  demonstrates  that  a tool  that  integrates  manifold  theory 
into  the  mission  design  process  is  very  beneficial.  Furthermore,  like  SWINGBY,  this  tool  must 
possess  an  excellent  graphical  user  interface. 
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Implementation  Issues 

For  comparison  and  data  exchange  between  GENERATOR  and  SWINGBY,  it  is  imperative 
that  a consistent  match  exists  in  the  following  aspects:  Coordinate  Systems,  Time  Standards,  and 
Integrators.  To  accomplish  this  task,  SWINGBY  is  assumed  as  the  reference  and  GENERATOR  is 
modified  to  meet  the  conditions  in  the  reference  as  closely  as  possible. 

Coordinate  Systems.  To  perform  the  integrations,  the  geocentric  inertial  (GCI)  frame  is  used.  This 
frame  is  defined  with  an  origin  at  the  Earth’s  center  and  an  equatorial  reference  plane.  For  visual- 
ization, the  Sun-Earth  Rotating  (SER)  and  the  Rotating  Libration  Point  (RLP)  frames  also  prove 
to  be  invaluable.  The  SER  frame  uses  an  origin  at  the  Earth  and  an  ecliptic  reference  plane.  The 
RLP  frame  also  defines  an  origin  at  the  moving  libration  point  ( L\  or  L2)  and,  like  the  SER  frame, 
uses  an  ecliptic  reference  plane. 

Time  Standards.  Julian  days,  in  atomic  time  standard,  are  assumed  to  advance  the  integration.  The 
Julian  Date  system  numbers  days  continuously,  without  division  of  years  and  months.17  The  atomic 
time  standard  is  defined  in  terms  of  the  oscillations  of  the  cesium  atom  at  mean  sea  level.5 

Integrators.  For  the  numerical  integration  scheme,  a Runge-Kutta-Verner  8(9)  integrator  is  incor- 
porated. This  Runge-Kutta  integrator  is,  of  course,  based  on  the  Verner  methodology.18  The  Verner 
formulas  provide  an  estimate  of  the  local  truncation  errors  that  allow  the  development  of  an  adap- 
tive step  size  control  scheme.5  It  is  important  to  note  that,  when  performing  differential  corrections, 
GENERATOR  also  integrates  the  36  first  order  scalar  differential  equations  from  the  state  transition 
matrix  that  is  associated  with  the  equations  of  motion  governing  the  position  and  velocity  states. 
As  a result,  a total  of  4%  equations  are  simultaneously  integrated.  Therefore,  for  adequate  error 
control,  the  scaling  of  the  variables  is  very  important. 

EXAMPLES 

Given  sets  of  mission  specifications,  two  sample  trajectories  are  computed  below.  The  blended 
procedure  is  employed  to  demonstrate  its  implementation.  The  results  can  be  compared  to  known 
solutions,  if  available.  For  the  following  examples,  it  is  assumed  that  communication  requirements 
impose  minimum  and  maximum  angles  of  3 and  32  degrees,  respectively,  between  the  Sun/Earth  line 
and  the  Earth- Vehicle  vector  (SEV  angle)  during  the  transfer  from  the  Earth  parking  orbit  to  the 
vicinity  of  the  libration  point.  The  parking  orbit  is  specified  as  circular  with  a 28.5  degree  inclination 
(Earth  equatorial)  and  an  altitude  of  185  km.  (Deep  Space  Network  coverage  and  shadowing/eclipse 
constraints  will  not  be  considered  at  this  time.) 

SOHO  Mission 

On  December  2, 1995,  the  Solar  Heliospheric  Observatory  (SOHO)  spacecraft  was  launched.  Built 
by  the  European  Space  Agency  to  study  the  Sun,  SOHO  is  part  of  the  International  Solar-Terrestrial 
Physics  (ISTP)  program.19  To  meet  the  science  requirements,  SOHO  requires  an  uninterrupted  view 
of  the  Sun  and  the  minimization  of  the  background  noise  due  to  particle  flux.  A halo/Lissajous  orbit 
similar  to  the  libration  point  ( L\ ) orbit  utilized  for  the  ISEE-3  mission20  is  assumed.  The  science 
and  communications  requirements  generate  the  following  Lissajous  amplitude  constraints:  Ax  = 
206,448  km,  Ay  = 666,672  km,  and  Az  = 120,000  km.  A Class  I (northern)  Lissajous,  obtained1 
numerically  with  the  appropriate  amplitude  characteristics,  appears  in  Figure  2. 

Given  this  Lissajous  orbit,  a transfer  trajectory  is  sought.  Initially,  a limited  set  of  points  is 
selected  along  some  specified  part  of  the  Lissajous  trajectory;  this  specific  region  along  the  orbit  in 
Figure  2 is  identified  as  all  the  points  in  the  shorter  arc  defined  by  the  symbols  “x”.  It  is  already 
known  that  the  manifolds  associated  with  these  points  will  pass  close  to  the  Earth.  This  particular 
region  along  the  nominal  path  is  designated  as  the  “Earth  Access  region”.3’9  Each  point  in  the 
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Earth  Access  region  can  be  defined  as  a fixed  point  XH  and  the  corresponding  one-dimensional  sta- 
ble manifold  globalized.  Together,  these  one-dimensional  manifolds  form  a two-dimensional  surface 
associated  with  this  region  of  the  nominal  orbit.  The  projection  of  this  surface  onto  configuration 
space  appears  in  Figure  3.  (Note  that  the  manifolds  in  Figure  3 pass  closest  to  the  Earth  as  compared 
to  those  associated  with  any  other  region  along  the  nominal  orbit;  altitude  is  the  only  characteristic 
used  in  determining  this  region.)  From  this  invariant  subspace,  the  one  trajectory  that  passes  closest 
to  the  Earth  is  selected  as  the  initial  guess  for  the  transfer  path.  Some  of  the  notable  characteristics 
of  this  approximation  are  listed  in  Table  1 and  a plot  appears  in  Figure  4.  Note  in  Figure  4 that  the 
constraint  on  the  SEV  angle  is  met. 

Given  the  initial  guess  and  utilizing  continuation,  the  transfer  is  differentially  corrected  to  meet 
the  requirements  on  the  other  constraints.  This  correction  process  can  occur  in  GENERATOR  or 
SWINGBY,  although  the  methodology  differs  between  the  two  algorithms;  numerical  data  corre- 
sponding to  the  final  solution  that  appears  in  Table  1 is  from  GENERATOR.  ( A plot  of  the  final 
solution  is  indistinguishable  from  Figure  4.)  Although  there  is  no  guarantee  that  this  result  rep- 
resents an  optimal  solution,  all  constraints  have  been  met  and  the  solution  process  is  automated. 
This  transfer  compares  most  favorably  with  the  transfer  solution  actually  used  by  SOHO.  From  this 
point,  the  solution  is  input  directly  into  SWINGBY  and  appears  in  Figure  5.  SWINGBY  can  now 
be  used  for  further  analysis  including  visualization,  launch  and  maneuver  error  investigations,  as 
well  as  midcourse  corrections.  Data  can  still  be  exchanged  and  news  transfers  computed  as  needed. 


Table  1 

SOHO  EXAMPLE:  TRANSFER  TRAJECTORY  DESIGN 


Initial  Approximation 

Transfer  Trajectory  Insertion  Date 

12/03/95 

Closest  Approach  (Altitude) 

5,311  km 

Inclination 

15.58  degrees 

Final  Transfer  Trajectory 

Transfer  Trajectory  Insertion  Date 

12/02/95 

Closest  Approach  (Altitude) 

185  km 

Inclination 

28.5  degrees 

Ascending  Node 

292.63  degrees 

Argument  of  Perigee 

145.77  degrees 

Transfer  Insertion  Cost 

3193.9  m/s 

Lissajous  Insertion  Cost 

33.8  m/s 

Time  of  Flight® 

204.7  days 

“The  time  of  flight  is  calculated  as  follows:  from  transfer 
trajectory  insertion  until  the  point  along  the  path  such  that 
the  vehicle  is  within  200  km  of  the  nominal  Lissajous.  This 
point  is  indicated  in  Figure  4 with  a symbol 
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Figure  2 SOHO  Example:  Nominal  Lissajous 


Figure  3 SOHO  Example:  Manifold  Surface  Section 
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Figure  4 SOHO  Example:  Initial  Approximation 


Figure  5 SOHO  Example:  SWINGBY 
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NGST  Mission 


The  Next  Generation  Space  Telescope  (NGST),21  part  of  the  NASA  Origins  Program,  is  designed 
to  be  the  successor  to  the  Hubble  Space  Telescope.  Since  for  NGST  the  majority  of  the  observations 
by  the  instruments  aboard  the  spacecraft  will  be  in  the  infrared  part  of  the  spectrum,  it  is  impor- 
tant that  the  telescope  be  kept  at  low  temperatures.  To  accomplish  this,  an  orbit  far  from  Earth 
and  its  reflected  sunlight  is  desirable.  There  are  several  orbits  that  are  satisfactory  from  a thermal 
point  of  view,  and,  in  this  study,  an  orbit  in  the  vicinity  of  the  L 2 point  is  considered.  Based  on 
this  information,  the  following  Lissajous  amplitudes21  are  incorporated:  Ax  = 294,224  km,  Ay  = 
800,000  km,  and  Az  = 131,000  km.  A Class  I (northern)  Lissajous,  obtained  numerically,  with  the 
appropriate  amplitude  characteristics  appears  in  Figure  6;  note  that  the  trajectory  is  2.36  years  in 
duration. 

Again,  given  this  Lissajous  orbit,  a transfer  trajectory  is  sought.  Using  invariant  manifold  theory, 
several  transfer  paths  can  be  computed;  a surface  is  projected  onto  configuration  space  and  the  three- 
dimensional  plot  appears  in  Figure  7.  Again,  this  particular  section  of  the  surface  is  associated  with 
the  “Earth  Access  region”  along  the  L2  libration  point  orbit.4’9  An  interesting  observation  is  apparent 
as  motion  proceeds  along  the  center  of  the  surface.  The  smoothness  of  the  surface  is  interrupted 
because  a few  of  the  trajectories  pass  close  to  the  Moon  upon  Earth  departure.  Lunar  gravity 
was  not  incorporated  into  the  approximation  for  the  manifolds;  but  no  special  consideration  was 
involved  to  avoid  the  Moon  either.  This  information  concerning  the  lunar  influence  can  probably 
be  exploited  with  further  development  of  the  methodology.  From  information  available  in  Figure  7, 
the  one  trajectory  that  passes  closest  to  the  Earth  is  identified  and  used  as  the  initial  guess  for  the 
transfer  path.  Some  of  the  notable  characteristics  of  this  approximation  are  listed  in  Table  2 and  a 
plot  appears  in  Figure  8. 


Table  2 

NGST  EXAMPLE:  TRANSFER  TRAJECTORY  DESIGN 


Initial  Approximation 

Transfer  Trajectory  Insertion  Date 

09/30/2007 

Closest  Approach  (altitude) 

-2,520.6  km 

Inclination 

30.1  degrees 

Final  Transfer  Trajectory 

Transfer  Trajectory  Insertion  Date 

10/01/2007 

Closest  Approach  (altitude) 

185  km 

Inclination 

28.5  degrees 

Ascending  Node 

342.65  degrees 

Argument  of  Perigee 

210.74  degrees 

Transfer  Insertion  Cost 

3195.1  m/s 

Lissajous  Insertion  Cost 

15.4  m/s 

Time  of  Flight6 

210.8  days 

6The  time  of  flight  is  calculated  as  follows:  from  transfer 
trajectory  insertion  until  the  point  along  the  path  such  that 
the  vehicle  is  within  200  km  of  the  nominal  Lissajous.  This 
point  is  indicated  in  Figure  8 with  a symbol 
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Figure  6 NGST  Example:  Nominal  Lissajous 


Figure  7 NGST  Example:  Manifold  Surface  Section 
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Figure  8 NGST  Example:  Initial  Approximation 
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Figure  9 NGST  Example:  Final  Trajectory 
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Figure  10  NGST  Example:  SWINGBY 


Note  from  Table  2 that  this  particular  approximation  passes  below  the  Earth’s  surface.  The  larger 
size  of  this  Lissajous  orbit,  as  compared  to  the  SOHO  example,  reduces  the  Earth  passage  distance. 
Furthermore,  note  in  Figure  8 that  the  constraint  on  the  SEV  angle  is  not  met.  Given  the  initial 
guess,  the  transfer  is  differentially  corrected  to  meet  the  requirements  on  all  the  constraints  except 
the  SEV  angle.  In  this  case,  after  this  process,  the  SEV  constraint  is  met.  The  SEV  constraint  could 
certainly  be  added  to  the  differential  correction  process,  although  it  has  not  yet  been  incorporated. 
The  final  solution  as  seen  in  Figure  9 is  from  GENERATOR.  From  this  point,  the  solution  is  input 
directly  into  SWINGBY  and  appears  in  Figure  10.  Similar  to  the  previous  example,  SWINGBY  can 
now  be  used  for  further  visualization,  analysis  of  launch  and  maneuver  errors,  midcourse  corrections, 
and  other  investigations. 

CONCLUDING  REMARKS 

The  primary  goal  of  this  effort  is  the  blending  of  analysis  from  dynamical  systems  theory  with 
the  well  established  NASA  Goddard  software  program  SWINGBY  to  enhance  and  expand  the  ca- 
pabilities for  mission  design.  Dynamical  systems  theory  provides  a qualitative  and  quantitative 
understanding  of  the  phase  space  that  facilitates  the  mission  design.  SWINGBY  can  then  utilize 
this  information  to  visualize  and  complete  the  end-to-end  mission  analysis.  Combination  of  these 
two  tools  proves  to  be  an  important  step  towards  the  next  generation  of  mission  design  software. 
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LONG-TERM  EVOLUTION  IN  THE  VICINITY  OF 
GEOSTATIONARY  ORBIT 

M.  Deleuze  + 

In  the  frame  of  the  studies  relative  to  end-of-life  orbits  of  geostationary 
satellites,  an  analysis  of  the  long-term  perturbations  in  the  vicinity  of 
geostationary  orbit  has  been  performed. 

The  purpose  of  this  paper  is  to  present  the  long-term  evolution  of  the  semi- 
major  axis  and  of  the  eccentricity  for  a classical  end-of-life  orbit  in  order  to 
estimate  the  potential  decreasing  of  the  perigee  altitude. 

The  final  result  of  the  study  permits  to  have  an  idea  on  the  minimal  initial 
perigee  altitude  of  end-of-life  orbits  insuring  to  remain  above  the 
geosynchronous  region. 

The  study  has  been  led  using  a prediction  software  based  on  a semi  analytical 
theory  for  geosynchronous  mean  elements. 

Each  perturbation  has  been  first  analysed  separately,  and  second  all  together  in 
order  to  take  into  account  the  coupling  between  the  periodic  terms. 

Thus,  a long  periodic  term  of  53  years  (due  to  coupling  between  gravitational 
and  non -gravitational  forces)  has  been  identified  for  the  eccentricity. 


INTRODUCTION 

Since  the  middle  nineties,  CNES  (Centre  National  d'Etudes  Spatiales),  the  french  Space 
Agency,  has  been  involved  in  the  activities  concerning  the  orbital  debris  in  the  framework  of 
IADC  (Inter  Agencies  Debris  Committee).  The  mainly  preocupation  of  this  committee  is  to  make 
people  aware  of  the  probability  of  collision  between  space  debris  and  satellites  (geostationary  as 
well  as  low  earth  orbits)  and  to  elaborate  some  preventive  recommendations. 

Relative  to  geosynchronous  satellites,  two  different  collision  types  may  happen  : 

- with  low  earth  orbit  debris  during  the  first  phases  of  launches, 

- with  non  active  geosynchronous  satellites. 

The  present  paper  only  deals  with  the  second  point.  In  this  context,  after  a short 
consideration  of  geostationary  orbit  management,  the  purpose  of  this  paper  is  to  caracterize  an 
end-of-life  region  which  insures  no  interaction  with  the  active  geosynchronous  zone. 

In  that  way,  taking  into  account  the  natural  perturbations  acting  on  the  geostationary  orbit, 
the  long  term  evolution  of  abandoned  satellites  has  been  investigated. 

The  study  has  first  considered  the  evolution  outside  the  orbital  plan  (long  term  evolution  of 
the  inclination)  and  second,  inside  the  plan  (long  term  evolution  of  the  semi-major  axis  and 
eccentricity).  For  this  last  point,  perturbations  have  been  analysed  first  separately  and  second  all 
together  to  take  into  account  the  coupling  between  the  periodic  terms. 

The  final  result  of  this  study  is  to  define  a "burial"  region  (based  on  a minimal  perigee 
altitude)  for  end-of-life  orbits  insuring  to  remain  above  the  geosynchronous  area. 


t Centre  National  d'Etudes  Spatiales  - DGA/T/TI/MS/SG  - 18  avenue  Edouard  Belin  3 1401  Toulouse  Cedex  4 FRANCE 
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GEOSTATIONARY  ORBIT  MANAGEMENT 


The  Station  Keeping  Ring 

Today,  there  is  no  official  boundaries  for  a "station  keeping  geostationary  ring".  There  is 
only  a current  practice  of  +/-  0.1°  around  the  station  keeping  longitude.  However,  not  all  active 
satellites  conform  to  this  definition.  Some  missions  (whithout  inclination  control  for  example) 
may  enjoy  larger  limits. 

Nevertheless,  based  upon  this  current  station  keeping  practice  of  +/-  0.1°,  the  geostationary 
ring  may  be  taken  to  be  an  equatorial  annulus  with  a radial  width  of  +/-  37.5  km  around  the 
geostationary  altitude  (35787  km)  and  +/-  75  km  in  the  north-south  direction. 

There  is  also  a need  to  define  the  corridor  for  on-orbit  shift  of  satellites  or  station 
acquisition.  That  will  be  defined  in  the  next  paragraph. 

The  drift  orbit  corridor 

This  corridor  will  be  mainly  used  in  the  following  conditions  : 

- at  the  end  of  LEOP  (Low  Earth  Orbit  Procedures)  to  put  the  satellite  into  its  final  station 
keeping  longitude  (when  it  is  different  than  the  IOT  - In  Orbit  Test  - one), 

- for  on-orbit  shift  of  satellites  when  a new  generation  replaces  the  old  one. 

The  principle  of  on-orbit  shifts  is  to  increase  (respectively  to  decrease)  the  semi-major  axis 
of  the  geosynchronous  orbit  with  an  acceleration  (resp.  deceleration)  maneuver  in  order  to  create 
a drift  into  the  west  (resp.  the  east)  direction  for  a terrestrial  observator. 

As  for  the  station  keeping  geostationary  ring,  there  is  no  official  boundary  for  the  drift 
corridor  but  the  following  conventional  figures  : 

37.5  km  < | ad  - a,  | < 200  km 

with  - ad  is  the  semi-major  axis  of  the  drift  orbit, 

- a,  = 42165  km  is  the  geosynchronous  semi-major  axis. 

These  values  correspond  to  the  following  minimal  and  maximal  drifts  : dmi0  = 0.48  °/day  and 
d_  = 2.57  °/day. 

These  regions  around  the  geosynchronous  arc  may  be  drawn  in  the  orbital  plan  as  follows  : 


Earth 

Center 
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LONG-TERM  EVOLUTION  OUTSIDE  THE  ORBITAL  PLAN 


Due  to  the  luni-solar  perturbation,  the  orbital  inclination  varies  cyclically  with  an  amplitude 
of  about  15°  over  a period  of  about  52.5  years1.  The  annual  maximum  amplitude  of  this  variation 
is  of  0.75  to  0.95°/year.  This  well-known  phenomenum  is  ruled  in  classical  station  keeping 
strategy  by  north-south  maneuvers. 

Consequently,  geostationary  satellites  remaining  in  the  station  keeping  ring  (indeed  with 
inclination  lower  0.1°)  will  be  naturally  separated  from  end-of-life  satellites.  In  other  words, 
whatever  end-of-life  orbits  we  take,  they  only  will  cross  the  geostationary  station  keeping  ring 
twice  a day. 

However,  in  order  to  define  dimensional  values  for  collision  risks,  but  also  since  the  end-of- 
life  orbits  inclination  plan  takes  cyclically  (once  every  52.5  years)  a zero  inclination  value,  we  will 
only  caracterize  the  "burial"  region  with  a minimal  perigee  altitude.  As  a consequence,  we  forget 
the  inclination  separation  and  reduce  the  three-dimentional  problem  to  a bi-dimentional  one  in  the 
orbital  plan.  Nevertheless,  we  must  keep  in  mind  that  this  separation  decreases  drastically  the 
collision  risks. 


LONG-TERM  EVOLUTION  IN  THE  ORBITAL  PLAN 
Outline  of  the  study 

We  now  only  consider  the  variation  of  the  perigee  altitude. 

There  is  two  parameters  which  may  influence  the  perigee  altitude  (R,,)  : the  semi-major  axis 
(a)  and  the  eccentricity  (e).  The  variation  of  perigee  altitude  (8Rp)  is  related  to  the  variation  of 
these  two  parameters  (8a  and  8e)  by  the  following  equation  : 

since  Rp  = a (1  - e)  (1) 

we  will  have  8Rp  = | 8a  | (1  - e)  + a | 8e  | (2) 

We  are  going  to  study  the  long-term  behaviour  of  the  semi-major  axis  and  of  the 
eccentricity  in  order  to  estimate  8ama  and  Se^.  The  combination  of  these  two  results  with  equation 
(2)  will  permit  to  calculate  8Rp  max  and  draw  a conclusion  about  the  minimum  perigee  altitude 
which  permits  to  remain  above  the  geostationary  drift  corridor. 

All  the  long-term  evolutions  have  been  performed  with  a prediction  software2  based  upon  a 
semi  analytical  theory  for  geosynchronous  mean  elements.  This  software  has  two  limitations  : 

- the  inclination  is  supposed  to  be  law  and  is  only  developped  until  order  2, 

- the  solar  radiation  pressure  is  supposed  to  be  constant. 

That  could  lead  to  long  term  perturbations.  However,  all  the  behaviours  we  have  observed 
have  been  validated  on  many  cases  and  cross-coupled  (for  the  periodic  phenomena)  with 
equations.  They  are  not  simple  artefacts  of  the  software. 


The  evolution  of  the  semi-major  axis  and  mean  longitude 

The  evolution  of  the  semi-major  axis  (a)  and  of  mean  longitude  (lm)  presents  a closed 
dependance.  In  consequence,  we  study  the  behaviour  of  "a"  versus  "lm". 

Taking  into  account  only  long-term  perturbations  (more  than  one  month),  both  parameters 
are  only  affected  by  the  the  tesseral  terms  of  the  terrestrial  potential.  Short  periodic  terms  induced 
by  the  luni-solar  perturbation  have  been  quickly  analysed  and  show  a very  low  - less  than  one 
kilometer  - amplitude'.  At  the  accuracy  level  of  our  study,  they  can  be  neglected. 


599 


When  a satellite  is  abandoned  at  its  station  keeping  position  (ajnj  closed  to  the 
geosynchronous  semi-major  axis  aj,  it  will  follow  a oscillation  called  libration  which  consists  in 
moving  alternatively  towards  the  east  or  west  around  the  nearest  stable  point  (within  one  of  the  two 
points  located  at  76°  E and  258°E).  In  other  words,  the  satellite  is  pushed  by  the  instable  point 
(within  1 1°W  and  164°W)  towards  the  stable  point  from  which  it  has  come. 


Such  motion  is  shown  in  the  following  figure  ( A1  = lm-lstat>]e,  Aa  = a - aj  : 

Aa(km) 


The  period  of  this  oscillation  depends  on  the  length  of  the  followed  way  and  consequently 
of  the  initial  longitude.  For  three  longitudes,  the  results  are  gathered  in  the  following  table  : 


Table  1 

SEMI-MAJOR  AXIS  EXCURSION  AROUND  as 


Initial  Longitude  (°) 

0 

15 

30 


Period  (years) 

3.6 

2.9 

2.4 


Aa^„  (km) 

34 

31 

26 


If  we  choose  an  initial  longitude  very  close  from  an  instable  point,  the  motion 
the  maximum  semi-major  axis  variation  amplitude  remains  in  all  cases  lower  than  35 


is  slowed  but 
km. 


Aa  (km) 
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On  the  contrary,  when  a satellite  is  abandoned  with  a sufficient  Aaini  value,  it  will  only  move 
towards  the  east  or  the  west  as  shown  above  in  figure  3. 

In  the  drift  regions,  the  semi-major  axis  has  an  oscillation  motion  of  variable  amplitude  with 
maxima  above  stable  points  and  minima  above  instable  points. 

Based  upon  simulations,  we  have  evaluated  some  Aa^  and  Aa^  and  determined  the 
minimum  Aa  which,  for  any  initial  longitude,  permits  to  remain  in  a drift  region  and  escaping 
from  libration  areas.  We  find  a value  of  37  km.  The  results  of  the  simulations  are  gathered  below  : 


Table  2 

SEMI-MAJOR  AXIS  EXCURSION  BETWEEN  AaMin  AND  AaM„ 


Aa_T  (km) 

Aa,™  (km) 

Aan,„  - Aa^jn  (km) 

37 

7 

30 

40 

16 

24 

45 

26 

19 

50 

34 

16 

100 

93 

7 

150 

145 

5 

200 

197 

3 

250 

247.3 

2.7 

Aa^  value  is  obtained  at  76°E 
Aa^n  value  is  obtained  at  164°E 

The  amplitude  of  the  oscillation  decreases  when  we  go  away  from  the  geosynchronous  arc. 
The  "burial"  region  we  tend  to  define  will  be  located  beyond  the  on-orbit  shifts  corridor 
indeed  more  than  150  to  200  km  above  as.  Under  these  conditions,  the  maximum  variation  of  the 
semi-major  axis  can  be  now  evaluated  and  gives  : 

Sa^  = 5 km. 


The  evolution  of  the  eccentricity 

Solar  Radiation  pressure  perturbation 

Under  the  solar  radiation  pressure  effect,  the  mainly  evolution  of  the  eccentricity  is  a 
periodic  motion  of  one  year  period  and  Rc  amplitude1  with  : 

Re  = 1.115  10'2  — (3) 

m 

where  Cp  is  the  reflectity  coefficient  (1<  Cp<  2), 

S is  the  efficient  satellite  surface  in  the  sun  direction  (in  m2), 
m is  the  satellite  mass  in  kg. 

In  the  classical  eccentricity  plan  (e,  = e cos  (oo  + Q),  ey  = e sin  (to  + £2)),  the  end  of  the 
eccentricity  vector  traces  a circle  over  the  period  of  a year  with  center  C (depending  on  the  satellite 
initial  position  and  sun  direction)  and  radius  Rc  (depending  on  the  characteristics  of  the  satellite  as 
demonstrated  by  (3)). 

e0  represents  the  initial  eccentricity  of  the  orbit, 

X0  the  initial  mean  longitude  of  the  sun. 
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Figure  4 Evolution  of  the  eccentricity  under  solar  radiation  pressure  perturbation 

If  we  consider  the  dimensioning  case  (e0  and  sun  direction  in  opposite  direction),  we  have 
an  estimation  of  the  maximum  variation  of  eccentricity  under  solar  radiation  pressure  effect  with  : 

5e«x  = 2RC  (4) 

then  = 2 a Rc  (5) 

To  have  a numerical  estimation  of  we  need  to  make  some  hypothesis  on  the 

maximum  CpS/m  values.  We  have  considered  that  current  values  for  three  axis  stabilized  satellites 
are  situated  around  0.04  and  always  lower  than  0.05  which  yields  : 

5emax  = 11.15  10-4 

and  SRpmax  = 47  km 

Comments  : 

1.  Relative  to  end-of-life  satellites,  a CpS/m  value  of  0.035  would  be  more  realistic  (and 
would  give  a 5Rpmax  of  33  km).  Consequently,  47  km  is  actually  a pessimistic  value. 

2.  The  dimensioning  case  (e0  and  sun  direction  in  opposite  direction)  happens  when  there 
is  alignement  between  the  initial  apogee  of  end-of-life  orbits  and  the  sun.  In  other  words,  if  we 
want  to  prevent  of  it,  we  can  choose  judicious  re-orbiting  maneuver  hours  in  order  to  align,  for 
example,  the  perigee  with  the  sun. 


Luni-solar  and  earth  gravitational  potential  perturbations 

As  for  the  the  semi-major  axis  study,  only  long  periodic  terms  will  be  completely  examined. 
A quick  evaluation  of  short-term  ones1  (less  than  one  month)  demonstrates  that  their  amplitudes 
are  lower  than  5 10'5.  Nevertheless,  they  will  be  considered  in  our  final  estimation  of  SRp^  with  a 
50%  error  margin  (leading  to  a value  of  0.75  10‘4). 

Considering  the  both  perturbations  (luni-solar  and  earth  gravitational  potential),  we  have 
showed  the  existence  of  a long  periodic  term  of  8.847  years  (period  of  the  lunar  perigee)  of 
variable  amplitude.  A plot  of  ex  and  ey  evolution  versus  time  (expressed  in  julian  day)  over  a 
period  of  100000  days  (about  274  years)  illustrates  the  behaviour  (see  figure  5).  The  maximum 
amplitude  of  the  oscillation  remains  in  all  cases  under  6 1 0'4. 


602 


0.0010 


0.0008 


Figure  5 Evolution  of  e,  and  ey  under  luni-solar  perturbation  over  274  years 

An  analysis  of  this  behaviour3  has  led  to  the  conclusion  that  there  is  a combination  effect 
between  both  perturbations:  the  high  frequency  term  (8.847  years)  is  due  to  the  luni-solar 
perturbation,  whereas  the  low  frequency  term  (about  53  years)  results  from  the  modulation  created 
by  the  coupling  between  luni-solar  and  earth  gravitational  perturbations. 

The  maximum  amplitude  of  the  periodic  term  is  of  the  same  order  than  the  solar  radiation 
pressure  perturbation.  However,  since  it  is  a long-term  period  effect  which  does  not  interest  the 
station  keeping  strategy,  it  is  often  not  considered.  Moreover,  we  must  keep  in  mind,  that  the 
behaviour  of  the  eccentricity  plotted  above  is  a simple  view  of  spirit.  Indeed,  we  have  not 
considered  the  solar  radiation  pressure  which  acts  continuously  on  geostationary  satellites 
(excepting  during  the  solar  eclipses).  An  other  approach  would  be  to  consider  this  behaviour  only 
realistic  for  spinned-up  satellites  which  have  a very  low  CpS/m  (about  0.01). 

Nevertheless,  in  the  next  paragraph,  we  go  back  to  satellites  with  high  CpS/m  values  (indeed 
0.05)  in  order  to  analyse  the  behaviour  of  the  eccentricity  when  all  perturbations  are  applied 
together. 


Solar  radiation  pressure,  luni-solar  and  earth  gravitational  perturbations 

In  the  next  figures,  we  have  plotted  the  eccentricity  (e,  and  ey)  evolution  versus  time  (in 
julian  days)  over  a period  of  100000  days  (about  274  years). 

The  conditions  of  the  simulations  are  : 

- initial  eccentricity  equals  to  zero, 

- CpS/m  = 0.05, 

- date  of  beginning  = 08/18/1997  for  figure  6 and  09/21/2037  for  figure  7 

On  both  figures,  a long  periodic  term  of  about  53  years  is  observable.  Many  simulations 
have  been  performed  and  have  shown  that  this  period  is  not  sensitive  with  the  conditions  of  the 
simulation  whereas  the  amplitude  of  the  oscillation  is  completely  conditioned  by  the  beginning 
date  and  CpS/m  value.  Lower  CpS/m  values  than  0.05  would  generate  lower  amplitudes  since  this 
parameter  acts  as  a multiplied  factor  of  the  oscillation  period.  Such  results  are  developed  in 
reference  4. 
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Figure  6 Evolution  of  ex  and  ey  under  all  perturbations  over  274  years 
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Figure  7 Evolution  of  ex  and  eY  under  all  perturbations  over  274  years 

The  behaviour  has  been  analysed4  in  order  to  understand  the  sensitivity  versus  the  beginning 
date  and  Find  the  configuration  which  generates  the  maximum  amplitude.  Taking  into  account 
some  error  margins,  this  value  will  permit  to  estimate  directly  8emax  and  thus  5Rpm:xx. 

Our  explanation  is  that  the  53  years  periodic  term  results  from  a coupling  between  the  one 
year  term  due  to  the  solar  radiation  pressure  and  the  8.847  years  term  due  to  the  luni-solar 
potential.  Thus,  the  resulting  phenomenon  (the  53  years  term)  will  be  maximum  when  the  one 
year  and  8.847  years  terms  will  be  phased  and  minimum  in  opposite  phase. 

First,  we  have  only  considered  the  one  year  term  created  by  the  solar  radiation  pressure. 
Under  the  effect  of  this  sole  perturbation,  the  behaviour  of  the  extremity  of  the  eccentricity  vector 
is  perfectly  determined  following  the  sun  in  the  eccentricity  plan1.  As  a consequence  the  ex 
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component  will  be  maximum  at  the  spring  equinox  and  minimum  at  the  automn  equinox  whereas 
the  e,  component  will  be  maximum  at  the  summer  solstice  and  minimum  at  the  winter  one. 

Secondly,  we  have  considered  that  we  are  close  to  the  spring  equinox  (ex  is  thus  minimum 
for  the  one  year  term)  and  looked  for  in  the  ex  plot  (see  figure  8)  which  of  the  8.847  years  peaks 
are  extremum  around  this  period.  We  have  found  the  both  values  (08/18/1997  and  09/21/2037) 
corresponding  to  the  simulations  plotted  in  figure  6 and  7. 

More  details  of  this  analysis  can  be  found  in  reference 4. 
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Figure  8 Evolution  of  tx  under  luni-solar  perturbation  over  137  years 

The  maximum  eccentricity  variation  value  has  been  only  estimated  on  the  case  plotted  in 
figure  6 which  yields  : 

5e_  = 19.3  10-4 

Taking  a 10%  error  margin,  we  have  kept  a value  of  20.3  Hf  for  the  global  estimation  of 
SRp^.  Many  other  simulations,  with  different  beginning  dates,  have  been  tried  and  confirm  the 
validity  of  this  estimation. 

Concerning  the  53  years  periodic  term,  we  may  have  the  same  comments  as  for  the  previous 
term  of  8.847  years.  Even  if  this  amplitude  may  be  larger  than,  the  solar  radiation  pressure 
perturbation's,  the  evolution  is  so  slow  that  it  is  not  sensitive  with  current  station  keeping  periods. 
However,  such  a behaviour  exists  and  must  be  taken  into  account  when  we  study  long-term 
evolutions. 


Global  estimation  of  maximal  variation  of  perigee  altitude 

We  have  now  gathered  all  the  elements  required  to  make  a complete  evaluation  of  the 
maximal  variation  of  perigee  altitude.  Based  on  equation  (2),  we  have  : 

5Rpm„  = 5 + 42365  ( 0.75  10"4  + 20.3  lO^4)  km 

5Rnn,„  = 95  km 


Taking  an  additional  error  margin  of  5%,  we  can  say  now  that,  whatever  the  initial  perigee 
altitude  choosen  for  end-of-life  orbits,  the  decreasing  of  this  altitude  will  be  of  100  km  maximum. 
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CONCLUSION 


Considering  the  global  value  of  100  km  and  the  current  figures  relative  of  geostationary 
obit  management,  we  can  draw  the  conclusion  that  the  altitude  of  perigee  which  prevents  us  of  any 
risk  of  collision  with  active  or  on-orbit  shift  satellites  is  beyond  300  km  above  the  geostationary 
arc. 

Thus,  the  conclusion  of  our  study  is  that  at  end  of  mission  spacecrafts  have  to  be  re-orbited 
with  a perigee  not  less  then  300  km  above  the  geostationary  arc.  This  result  complies  with  the 
IADC  recommendation  value. 
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AN  AUTONOMOUS  NAVIGATOR  FOR  LEO  SATELLITES 

Virginie  Pascal,  Herve  Marcille,  Patrice  Damilano* 

MATRA  MARCONI  Space  decided  in  1996  to  initiate  the  internal  development 
of  the  LEOSTAR  platform  dedicated  to  low  Earth  orbiting  missions.  The 
LEOSTAR  innovative  approach  is  characterised  by  multi-mission,  high  quality, 
state  of  the  art  technical  solutions,  while  ensuring  a low  cost  access  to  space. 

In  this  spirit,  an  original  low  cost  navigator  has  been  designed,  based  on  GPS 
receiver  position  fix  (Position,  Velocity  and  Time),  for  low  eccentricity  and  low 
Earth  orbits.  Its  attractive  features  are  the  following : a simple  measurement 
processing  (using  directly  the  position/velocity  derived  by  the  GPS  receiver  and 
expressed  in  the  J2000  inertial  frame),  the  use  of  constant  update  gains  yet 
accounting  for  orbital  coupling,  and  the  simplicity  of  the  retained  integrator. 

More  precisely,  the  originality  of  the  proposed  approach  is  to  compute  steady- 
state  Kalman  gains  relative  to  the  evolution  of  the  actual  position/velocity  with 
respect  to  the  estimated  one,  assumed  to  follow  Clohessy-Wiltshire  equations. 

The  selected  integrator  is  a 4th  order  Runge-Kutta  using  the  inertial 
position/velocity  and  taking  account  of  disturbing  accelerations  reduced  to  the 
J2  effect  of  the  Earth  potential  development. 

This  navigator  allows  to  deal  with  no-PVT  phases  i.e.  phases  during  which  less 
than  four  GPS  satellites  are  visible,  and  to  upgrade  the  intrinsic  GPS  Standard 
Positioning  Service  performance  by  a factor  two  for  the  position  and  a factor  ten 
for  the  velocity.  This  last  effect  is  of  primary  importance  for  reducing  the 
angular  estimation  error  of  the  local  orbital  frame  with  respect  to  the  inertial 
frame.  The  performances  can  be  improved  if  a more  accurate  integrator  is 
considered. 

For  performance  validation,  an  orbit  generator  has  been  used  to  generate  many 
different  orbits  to  which  PVT  error  profiles  - obtained  from  an  actual  GPS 
receiver  - have  been  added.  The  obtained  measurements  have  fed  the  navigator, 
allowing  to  assess  performances.  Moreover,  in  the  frame  of  the  first  flight 
demonstration  (US  Shuttle  STS-80  flight)  of  the  ATV  Rendezvous 
Predevelopment  program,  actual  GPS  PVT  data  from  the  LABEN  Tensor  GPS 
receiver  have  been  collected.  Those  data  correspond  to  a reference  trajectory  for 
which  best  estimates  have  been  determined  by  ESOC  using  DGPS  techniques. 

Both  the  measurements  and  the  reference  trajectory  allowed  to  confirm  the 
predicted  performances  when  using  the  navigator  but  also  to  refine  the  re- 
initialisation filter  logic. 


Matra  Marconi  Space,  3 1 ave  des  Cosmonautes,  31402  Toulouse  Cedex  4,  France  e-mail:  // rsrname.name@tls.mms.fr 


607 


INTRODUCTION 


The  LEOSTAR  multi-mission  bus  development  was  started  by  MATRA 
MARCONI  Space  in  1996.  The  LEOSTAR  bus  is  designed  to  allow  low  cost  access  to 
space  for  scientific,  observation  and  telecommunication  missions.  The  technical  design 
uses  state-of-the  art  equipment  to  achieve  high  performances,  and  is  organized  in  a 
modular  way  to  adapt  to  different  mission  requirements.  Of  particular  importance  for  the 
LEOSTAR  bus  are  the  notions  of  system  autonomy  and  of  robust  design.  In  particular, 
orbit  determination  is  realized  on  board  using  a GPS  receiver  to  allow  continuous 
autonomous  navigation  during  nominal  operations.  The  GPS  receiver  is  also  used  to 
provide  the  bus  time  reference,  and  the  position  and  velocity  data  are  used  to 
autonomously  determine  the  local  orbital  frame  used  for  Earth  pointing  missions. 

The  use  of  a GPS  receiver  presents  those  significant  advantages  for  the  overall 
system  simplification  and  autonomy,  but  raises  concerns  among  which  the  performance 
when  Selective  Availability  (SA)  is  ON  and  during  measurement  interruptions  due  to  a 
possible  receiver  transient  lock  up.  Furthermore,  simulations  have  shown  that  a zenith 
oriented  GPS  antenna  only  sees  two  GPS  satellites  near  the  poles  on  a polar  orbit  during 
about  5 minutes.  On  the  other  hand,  since  LEOSTAR  addresses  the  commercial  market,  a 
solution  adapted  to  the  different  available  receivers  is  preferred,  with  no  customization  to  a 
particular  receiver. 

A solution  to  the  above  mentioned  issues,  while  staying  simple  and  directly  adapted 
to  all  the  available  receivers  (LI,  C/A  code),  is  to  use  the  snapshot  navigation  output  i.e. 
the  Position/Velocity/Time  Fix  (PVT)  obtained  through  a processing  of  at  least  four 
simultaneous  GPS  satellites  data,  and  to  filter  these  position  and  velocity  measurements. 
Those  measurements  are  filtered  by  an  Earth  gravity  potential  model  that  improves  both 
the  position  and  the  velocity  receiver  output,  and  propagates  the  position  estimate  when 
less  than  four  satellites  are  visible.  Another  advantage  of  this  filter  is  its  particularly 
adaptive  formulation  - described  hereafter  - that  allows  more  or  less  complex  gravity 
models  to  be  taken  into  account  and  therefore  improve  the  restitution  and  propagation 
accuracy.  The  paper  describes  the  filter  mathematical  formulation,  the  design  and 
performances  in  different  cases.  The  performances  are  also  validated  by  comparison  to  real 
flight  experiment  data  from  the  ESA  ARP-K  program. 
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WHAT  KIND  OF  ORBIT  DETERMINATION  ? 


Between  the  various  types  of  orbit  determination,  one  can  distinguish  on-board  orbit 
prediction,  precise  on-board  real-time  orbit  determination  and  a posteriori  on-ground 
restitution  based  on  precise  differential  solutions  (post-processing  of  data).  On-board  orbit 
prediction  aims  basically  at  providing  a long-term  reliable  navigation  solution,  for  missions 
that  do  not  require  high  precision.  For  example,  a simple,  autonomous  GPS-based 
navigator1  has  been  successfully  tested  for  the  PoSAT-1  satellite.  The  high  and  growing 
interest  in  real-time  on-board  orbit  determination  has  been  demonstrated  by  the  increasing 
number  of  the  state-of-the-art,  high-precision  navigators  such  as  DIODE2  based  on  the 
DORIS  system  (DORIS  Doppler  data),  DIOGENE2  based  on  GPS  pseudorange  data  or 
GEODE4  also  using  GPS  pseudorange  and  Doppler.  The  on-ground  orbit  restitution  is 
now  well  mastered  : better  than  one  meter  accuracy  may  be  obtained  with  data  post- 
processing using  software  such  as  MSODP16,  ZOOM2,  GIPSY-OASIS3  or  GPSBET5. 


Level  of  models  & filter  complexity 
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Figure  1 - Examples  of  orbit  determination  software  and  associated  performance 

For  missions  requiring  typically  better  than  one  hundred  meters  orbit  knowledge 
(la),  all  the  proposed  algorithms  are  quite  complex  (an  extended  Kalman  filter  is 
commonly  used)  and  the  models  are  quite  heavy  (for  example,  the  GEODE  Earth 
gravitational  model  is  the  JGM-2  nonspherical  geopotential  up  to  degree  30  and  order  30). 
It  is  therefore  of  great  interest  in  this  performance  range  to  propose  a simple,  robust  and 
generic  navigator.  The  LEOSTAR  navigator  is  generic  in  the  sense  it  is  viable  for  all  the 
LEOSTAR  quasi-circular  mission  orbits  from  500  to  2000  km  altitude,  robust  and  simple 
because  it  uses  fixed  gains  and  a simple  acceleration  model  reduced  to  the  Earth 
gravitational  primary  effects  (Kepler  + J2)  without  considering  any  drag  effect,  solar  and 
lunar  attraction  or  solar  radiation  pressure. 
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THE  LEOSTAR  SOLUTION 


Main  characteristics 


• The  position/velocity  in  terms  of  Cartesian  coordinates  expressed  in  the  J2000  inertial 
frame  (mean  equator  and  equinox  of  J2000.0)  is  propagated.  The  associated  integrator 
is  a 4th  order  Runge-Kutta  and  the  spacecraft  acceleration  model  is  reduced  to  Earth 
point  mass  and  J2  effect.  Note  that  this  model  may  be  extended  and  one  of  the  purposes 
of  this  paper  (see  chapter  Performance  Upgrade)  is  also  to  show  the  impact  on  the 
navigation  precision  of  an  acceleration  model  upgrade.  The  model  may  be  in  fact 
adapted  to  the  accuracy  need. 


• To  be  able  to  deal  with  the  GPS  receiver  position  fixes,  one  has  to  express  the  PVT  in 
the  inertial  frame  if  the  GPS  receiver  does  not  provide  this  facility. 


• Then  concerning  the  update  of  the  on-board  estimate,  an  attractive  idea7  has  been 
developed  : the  use  of  steady-state  Kalman  gains.  Going  into  this  direction,  our  goal 
was  to  find  gains  related  to  the  physical  in-orbit  motion  explicitly  accounting  for  orbital 
coupling.  This  has  been  made  possible  by  considering  that  the  true  motion  differs  from 
the  on-board  estimation  through  the  Clohessy-Wiltshire  equations8  (also  known  as  Hill 
equations)  that  usually  reflect  the  evolution  of  the  position/velocity  difference  of  two 
close  quasi-circular  orbits  and  that  are  commonly  used  in  Rendezvous  navigation 
software10.  Thus  the  evolution  of  the  cartesian  error  X (estimation  wrt  true  motion) 
follows  the  equations  given  hereafter  : 
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w : acceleration  estimation  error,  mainly  due  to  the  Earth  gravitational  model  truncation 
and  the  neglected  atmospheric  drag  ; E(ww‘)  = O 
v : PVT  measurement  error  ; E(w' ) = R 


The  Ricatti  equation  allows  to  derive  the  steady-state  solution  in  terms  of  covariance 
matrix  (P)  and  gains  (K)  of  this  system  : 
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0 = P = FCIVP+  PF‘CW  + GOG1  - PH‘R-'HP 
K~PXH‘  R~l 

The  resulting  gains  are  then  used  for  the  navigator. 

Note  that  the  difficulty  in  all  this  process  is  to  characterize  the  white  noise  sigma 
representative  of  acceleration  error  (Q)  and  measurement  error  (R);  this  was  performed 
by  likening  measurement  error  to  a white  noise  entering  a second  order  filter  (certainly 
not  far  from  the  Selective  Availability  process)  and  the  velocity  error  to  the  integration 
of  a white  noise. 

In  theory  gains  depend  on  the  orbit  (because  of  the  acceleration  error  and  the  orbital 
rate  &b),  but  the  gains  obtained  for  the  first  study  case  turned  out  to  be  usable  for  the 
other  ones. 

• The  filter  initialization  can  be  performed  on  the  basis  of  the  first  PVT  measurement. 
About  half  an  orbit  is  necessary  to  reach  the  steady-state  performance  (with  Kepler+J2 
dynamics  model).  A simple  measurement  rejection  scheme  is  applied  to  avoid  state 
update  with  potential  erroneous  measurements  : a measurement  is  rejected  if  the 
position  (resp.  the  velocity)  residual  (difference  between  the  estimate  and  the 
measurement)  is  greater  than  500  m (resp.  5 m/s)  typically.  In  the  event  of  too  many 
successive  rejections,  a filter  re-initialization  is  performed,  allowing  to  recover  from 
wrong  initialization  or  unexpected  filter  divergence  resulting  from  too  long 
measurement  interruption. 

• The  flight  software  development  has  been  performed  using  Ada83  programming 
language,  with  a memory  utilization  not  exceeding  20  kilobytes. 
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Functional  architecture  of  the  navigator 


Figure  2 illustrates  the  structure  of  the  LEOSTAR  navigator.  First  of  all,  the  GPS 
receiver  position  fix  (computed  at  tobs)  has  to  be  propagated  until  the  current  on-board 
time  (tn).  There  is  no  need  of  using  the  same  propagator  as  for  the  filter  estimate  : for 
every  study  case  mentioned  in  this  paper  - even  the  ones  related  to  the  section 
« Performance  Upgrade  » - the  measurement  propagation  acceleration  model  is  limited  to 
Earth  point  mass  and  J2.  From  the  filter  side,  the  estimate  is  also  propagated.  The 
transformation  matrix  from  inertial  frame  to  local  vertical/local  horizontal  (LV/LH)  frame 
and  also  the  orbital  rate  are  then  computed,  on  the  basis  of  the  current  estimate.  This 
allows  to  obtain  the  difference  between  the  estimate  and  the  measurement  at  the  same  on- 
board time  and  expressed  in  the  LV/LH  frame  corresponding  to  the  estimate.  The  gains 
computed  as  explained  further,  apply  on  this  LV/LH  difference,  giving  the  updated 
estimate.  The  last  step  consists  in  expressing  the  estimate  back  in  the  inertial  frame. 


Measurement  Update 

Propagation 


(until  tn) 

Figure  2 Principle  of  the  LEOSTAR  Navigator 
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Performances 


The  navigator  has  been  implemented  so  as  to  test  the  actual  behavior  of  the 
proposed  filter.  And  test  data  have  been  obtained  using  a Northern  Telecom  GPS 
simulator9,  as  explained  on  the  following  figure. 
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Figure  3 Test  of  the  LEOSTAR  Navigator  with  simulated  data 

Four  LEOSTAR  orbit  cases  were  studied  : 

10 1 : a 1000-kilometer-altitude,  60-degree-inclination,  circular  mission  orbit, 

EQ01  : a 500-kilometer-altitude,  equatorial,  circular  mission  orbit, 

EQ02  : a 1500-kilometer-altitude,  equatorial,  circular  mission  orbit, 

SS01  : a 700-kilometer-altitude,  98-degree-inclination,  heliosynchronous,  circular 
mission  orbit. 

First  of  all,  LEOSTAR  orbits  have  been  generated  with  the  MMS  MATORB  orbit 
generator  software  which  allows  to  generate  an  orbit  taking  account  of  all  kinds  of 
perturbations  (GEM10  or  GEM10B  Earth  gravitational  model,  JACCIA  70  or  MSIS-86 
atmospheric  density  model,  solar  and  lunar  attraction,  solar  radiation  pressure).  Then 
trajectory  files  have  been  adapted  to  the  GPS  simulator  input  file  format.  This  allowed  to 
derive  representative  GPS  measurements  for  the  orbits  considered,  including  periods 
during  which  less  than  four  GPS  satellites  were  visible  i.e.  periods  without  PVT  data.  Up 
to  1000  sec  without  PVT  has  been  observed  for  the  inclined  orbit  IOl.  The  GPS  simulator 
re-generates  also  an  orbit  file  : this  is  the  yardstick  of  our  simulation.  The  test  bench  is 
made  of  two  main  chains  : one  is  dedicated  to  the  computation  of  the  PVT  error  in  the 
actual  LV/LH  frame  and  the  other  one  feeds  the  LEOSTAR  navigator  and  provides  the 
navigation  error  in  the  same  frame. 

A first  glance  on  the  figure  4 shows  the  advantage  to  filter  the  PVT  measurement, 
especially  for  the  velocity  performance.  A comparison  between  the  PVT  error  and  the 
filter  estimation  error  may  be  made  in  terms  of  cartesian  coordinates  (position/velocity  in 
LV/LH)  or  orbital  elements.  As  an  example  the  radial  position  and  velocity  on  one  side 
and  the  semi-major  axis,  inclination  and  argument  of  latitude  on  the  other  side  have  been 
plotted  hereafter.  Note  that  the  critical  period  without  PVT  measurement  just  before 
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10000  sec  is  perfectly  handled  by  the  navigator  then  reduced  to  a simple  propagator. 


Figure  4 Comparison  between  the  GPS  receiver  snapshot  navigation  output  (PVT) 

and  the  filtered  navigation  solution 


Table  1 

Performance  with  simulated  data 


Orbit 

3D  position  performance  (m,  la) 

3D  velocitv  Derform 

EQOl 

51.0 

12.5 

SSOl 

44.2 

8.4 

IOl 

65.6 

9.6 

EQ02 

49.5 

9.2 

The  performance  sensitivity  to  no-PVT  periods  has  been  evaluated.  Visibility  holes 
up  to  1500  sec  have  been  voluntarily  added  to  the  available  PVT  profiles  so  as  to  assess 
the  performance  in  degraded  cases.  The  performance  is  then  roughly  obtained  by 
multiplying  the  velocity  estimation  error  at  the  beginning  of  the  critical  phase  by  the 
visibility  hole  duration,  that  is  a maximum  value  of  200m  in  1000  sec. 
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In  the  frame  of  the  first  flight  demonstration  (US  Shuttle  STS-80  flight,  November 
1996)  of  the  ATV  Rendezvous  Predevelopment  program  (ARP),  the  ARP-GPS  LABEN 
receiver  (early  TENSOR  receiver)  mounted  on  a retrievable  platform  (ASTRO-SPAS) 
performed  PVT  and  raw  measurements  (pseudorange  and  Doppler)  during  disposal  and 
retrieval  phases  with  the  US  Shuttle  and  those  data  have  been  collected11  in  order  to  feed 
the  ARP  Relative  GPS  Navigation  filter10.  It  was  also  used  as  an  opportunity  to  test  the 
LEOSTAR  navigator  with  actual  GPS  PVT  data,  knowing  that  ESOC  had  estimated  for 
this  flight  demonstration  the  ASTRO-SPAS  reference  trajectory  (our  yardstick)  using  the 
already-mentioned  software  GPSBET5.  Moreover  no  modification  of  the  test  bench  had  to 
be  performed  (see  figure  5). 


Test  bench 


Figure  5 Test  of  the  LEOSTAR  Navigator  with  actual  flight  data 

The  position  and  velocity  estimation  errors  are  shown  on  figure  6.  It  reveals  that  one 
begins  the  phase  with  a very  bad  velocity  knowledge.  It  induces  at  about  400  sec  a filter 
re-initialization.  But  such  an  event  and  the  fact  that  the  measurement  availability  period  is 
quite  short  (about  7000  sec)  do  not  prevent  the  filter  to  converge  and  to  provide  a 
navigation  performance  of  the  same  order  of  magnitude  as  for  the  simulated  data  : 40.7  m 
and  10.5  cm/s  (3D  RMS  values). 

Moreover  the  actual  GPS  PVT  data  profile  led  us  to  refine  the  filter  re-initialization 
threshold  which  had  been  arbitrarily  set  to  20  successive  rejections  i.e.  20  sec  since  the 
PVT  is  computed  and  delivered  at  one  hertz  by  the  receiver.  In  fact  periods  up  to  100-150 
sec  of  bad  data  (more  than  300  m and  3 m/s  PVT  error)  have  been  observed.  Therefore 
despite  the  reactivity  loss,  it  has  been  preferred  to  consider  that  the  filter  estimation  could 
differ  from  measurement  information  during  200  sec.  Otherwise  (with  a threshold  fixed  to 
20),  such  a polluted  period  would  induce  a filter  re-initialization  based  on  a degraded 
information,  which  is  not  safe. 
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Figure  6 LEOSTAR  Navigator  estimation  performance  with  actual  flight  data 


PERFORMANCE  UPGRADE 

It  was  of  course  of  great  interest  to  test  the  implementation  of  a more  precise 
perturbation  model.  Thus  up  to  the  6th  order  and  degree  of  the  GEM10B  Earth 
gravitational  model  was  considered.  It  has  been  established  that  there  was  no  need  for 
augmenting  the  degree/order  of  the  Earth  gravitational  model  without  considering  a drag 
model  especially  for  the  considered  lower  orbits  (500  km  altitude). 

The  propagator  change  induced  a new  gain  computation  that  was  not  without 
impact : as  a great  confidence  is  put  in  the  on-board  model  (low  model  noise),  the 
convergence  is  much  slower  (about  one  orbit)  and  the  filter  is  much  more  sensitive  to  the 
transient  events.  This  critical  point  was  solved  by  gain  scheduling  that  is  by  considering 
two  sets  of  gains  : one  before  convergence  (the  same  as  the  one  for  a Kepler+J2 
propagator)  and  another  one  after  convergence  to  take  benefit  of  the  improved  propagator 
accuracy.  Thus  the  convergence  occurs  again  after  half  an  orbit  (3000  sec)  and  the 
performance  in  the  converged  state  is  improved. 

Figure  7 compares,  for  the  equatorial  orbit  EQOl,  the  navigation  estimation  errors 
on  the  radial  position/velocity  in  the  case  of  a Kepler+J2  propagator  and  of  a 6th 
degree/order  Earth  potential  based  propagator  with  gain  scheduling.  Table  2 presents  the 
performance  reached  (after  convergence)  for  the  inclined  orbit  IOl  at  1000  km  altitude 
and  for  the  equatorial  orbit  EQOl  at  500  km  altitude. 
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Figure  7 Interest  of  upgrading  the  spacecraft  acceleration  model 


Table  2 

Performances  with  a 6th  order/degree  propagator 


Orbit 

3D  Dosition  performance  Cm.  la) 

3D  velocity  performance  (cm/s.  la) 

EQOl 

36.5 

6.0 

101 

15.3 

3.2 

The  performance  gain  is  significant,  especially  for  « high  » altitude  orbits  for  which 
the  drag  error  is  small. 
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CONCLUSION 


An  original  compact  navigator  design  based  on  GPS  PVT  measurements  has  been 
presented  in  this  paper.  Basically  it  consists  in  a propagation  process  based  on  cartesian 
coordinates  and  in  an  update  process  using  fixed  gains.  The  propagator  may  be  adapted  to 
navigation  requirement,  knowing  that  gain  scheduling  is  recommended  in  the  case  of  a 
« complex  » propagator. 

In  spite  of  the  implementation  simplicity,  the  50  m / 10  cm/s  level  performance  (3D, 
lo)  is  reached.  This  design  will  be  more  extensively  tested  in  the  frame  of  maneuvers  and 
through  a real-time  simulation  campaign.  However  the  results  already  obtained  with  actual 
flight  data  make  it  an  attractive  basis  to  offer  a reliable  and  continuous  autonomous 
navigation  service  to  a large  variety  of  LEO  space  missions  whose  localization  needs  are 
typically  well  covered  by  the  proposed  performance. 


NOTATIONS 

GPS  Global  Positioning  System 

PVT  Position/Velocity/Time  fix 

ATV  Automated  Transfer  Vehicle 

LEO  Low  Earth  Orbit 

LV/LH  Local  Vertical  / Local  Horizontal  frame 

ECEF  Earth-Centered  Earth-Fixed  frame  (WGS84  in  our  case) 

tn  current  on-board  time 

Tcom  commanded  accelerations 

PVnm  position/velocity  measurement  at  tn,  in  the  inertial  frame 

Pvolnm  position/velocity  measurement  at  tn,  in  the  LV/LH  frame 

X estimate  of  the  X entity 
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Autonomous  Acquisition  and  Maintenance  of  a Satellite  Constellation 
using  LQG/LTR  Optimal  Controller  with  GPS  Measurements^ 

Guang  Q.  Xing* *  and  Shabbir  A.  Parvez** 

The  subject  of  this  paper  is  the  autonomous  orbit  acquisition  and  maintenance  for 
a satellite  constellation.  The  digital  LQG/LTR  Optimal  Controller  using  GPS 
measurements  are  used  for  implementing  the  autonomous  onboard  real-time  closed- 
loop  feedback  orbit  control  for  the  acquisition  and  maintenance  of  a satellite 
constellation.  The  input  to  this  autonomous  orbit  control  is  the  GPS  information  data 
(3  or  4 code  pseudo  ranges)  and  the  output  of  this  system  is  the  optimal  LQG/LTR 
control  law  for  closed-loop  feedback.  Hus  paper  shows  that  this  control  system  is 
completely  controllable  and  completely  observable  and  the  closed-loop  feedback 
system  is  a asymptotically  stable.  The  Loop  Transfer  Recovery  technique  for  the 
discrete-time  system  is  used  to  enhance  the  performance  and  stability  robustness  of 
this  digital  control  system. 

The  measurement  and  control  simulations  of  the  discrete-time  system  show  that  the 
control  system  design  is  feasible  and  the  system  performance  satisfies  the  design 
requirements.  Various  simulation  results  provided  in  this  paper  indicate  that  this 
digital  GPS  optimal  output  feedback  control  system  can  be  applied  to  autonomous 
orbit  acquisition  and  maintenance  control  for  satellite  constellations. 

INTRODUCTION 

Since  1984  the  use  of  multiple  satellite  in  formation  pattern  for  future  space  exploration  and  commercial  space- 
based  communication  systems  has  been  proposed.  More  recently,  these  ideas  have  materialized  in  form  of 
actual  space-based  global  communication  systems  using  constellations  of  large  number  of  satellites  in  the  Low 
Earth  Orbits  (LEOs).  Some  examples  are  Motorola’s  Iridium  and  Celestri  Mobile  Communication  System 
and  the  Teledesic  Inc’  small  satellite  global  communication  system.  Development  of  such  space-based 
communication  network  require  the  addressing  the  following  problems  related  to  the  Guidance  and  Control 
of  the  satellites: 

(1)  Defining  the  optimal  distribution  and  patterns  for  constellations  and  formations 

(2)  Acquisition  of  the  designated  position  in  the  formation  pattern  for  the  spacecraft  just 
separated  from  the  launch  vehicle 

(3)  Maintenance  of  the  positional  relationships  between  spacecrafts  in  the  formation  pattern 

(4)  Autonomous  orbital  control  and  operations  of  these  missions 

The  solution  to  the  first  problem  is  dictated  by  communications  requirement  of  the  user,  subject  to  constraints 
such  as  sun  pointing  and  other  astronomical  observation  requirement,  etc.  Problems  (2)-(4)  are  the  problems 
that  need  to  be  resolved  for  the  navigation,  guidance  and  control  design.  Particular  emphasis  is  being  given 

+ This  work  was  supported  by  Air  Force  Research  Laboratory/Phillips  Research  Site,  Rutland  AFB,  New  Mexico,  under  Contract 

F2960 1-97-C-0029 

* Principal  Scientist,  Space  Products  and  Applications,  3900  Jermantown  Road,  Ste.300,  Fairfax,  VA  22030.  Phone  (703)  934-4619, 

email:  xingspa@erols.com 

**  President,  Space  Products  and  Applications.  Phone  (703)  934-4619,  email:  parvzspa@erols.com 
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here  to  the  last  item,  which  is  the  requirement  for  autonomous  orbit  navigation,  guidance  and  control.  It  is 
obvious  that  due  to  the  sheer  number  of  satellites  involved,  traditional  methods  of  orbit  control  involving 
ground  tracking  an  d control  stations  would  be  prohibitively  expensive,  manpower  and  computer  intensive, 
and  in  some  cases  virtually  impossible.  Therefore,  by  vastly  reducing  the  ground  station  involvement, 
autonomous  orbit  control  and  navigation  system  will  be  of  immense  economic  and  operational  benefit. 

The  pattern  in  which  the  multiple  spacecraft  are  arranged  can  be  divided  into  two  category  : 

(i)  Constellation  - the  reference  base  for  this  pattern  is  the  Earth  or  an  inertial  reference; 

(ii)  Formation  flying  - the  reference  base  for  this  pattern  is  one  of  the  spacecrafts  in  the  formation 
pattern.  This  spacecraft,  selected  as  the  reference  base,  can  be  referred  to  as  the  leader  of  the 


spacecrafts  in  the  formation. 

This  paper,  as  the  one  of  a series  of  research  done  in  this  field,  will  study  the  autonomous  orbit  navigation  and 
control  for  a 

Fig.  1 The  Position  Relationship  of  the  Pursuit  Satellite,  The  Target  Orbit  and  GPS  Satellites 


constellation.  Although  literature  indicates  several  papers  studying  the  autonomous  orbit  control,  the  search 
did  not  reveal  any  paper  that  addressed  the  issue  of  autonomous  orbit  control  using  measurement  output 
feedback  control  that  can  be  realized  in  practical  engineering  design.  This  paper,  therefore,  addresses  this  issue 
of  autonomous  orbit  acquisition  and  maintenance. 

SPA  has  also  filed  for  a patent  for  the  application  of  autonomous  on-board  orbit  control  that  includes  the 
feedback  control  techniques  discussed  in  this  paper. 
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STATEMENT  OF  THE  AUTONOMOUS  ORBIT  CONTROL  PROBLEM 


It  is  assumed  that  the  constellation  pattern  for  the  global  communication  is  given.  The  objective  of  the 
autonomous  orbit  control  system  is  to  place  the  satellite,  after  separation  from  launch  vehicle,  in  the  designated 
orbit  position  and  to  maintain  its  orbit.  It  means  that  all  of  the  control  processes  have  to  be  realized  only  by 
onboard  real-time  feedback  control.  The  input  of  the  control  system  is  the  code  pseudorange  measurement  from 
GPS  satellite,  and  the  output  of  the  control  system  are  the  control  signals  for  actuators.  The  digital  LQG/LTR 
technique  is  used  for  the  design  of  the  autonomous  orbit  controller. 

THE  LQG/LTR  CONTROLLER  FOR  AUTONOMOUS  ORBIT  CONTROL 

Orbital  control  dynamics  model 

It  is  well  known  that  the  orbit  dynamics  equations  are  a set  of  nonlinear  equations,  but  the  equations  of  relative 
movement  can  be  treated  as  a set  of  linear  differential  equations.  With  the  goal  being  implementation  of  the 
design,  the  equations  are  being  set  up  in  form  of  the  difference  equations.  It  is  assumed  that  the  difference 
equation  of  the  relative  orbit  movement  is 


x(k+ 1 ) =$>x(k)  +r  u{k)  +w(k ) 


(1) 


where  x is  the  system  state  vector  and  u is  the  control  input  vector.  In  this  study,  u represents  the  radial- 
tangential-normal  for  three  direction  control  signal,  or  only  tangential-normal  for  two  direction  control  signal. 
w(k)  is  a zero-mean  white  Gaussian  discrete-time  noise  with 

E[w(i)w(j)r}  = 06.  (2) 


and  assumed  to  be  independent  of  the  initial  state  condition.  Q is  the  variance  of  the  system  noise  and  modeling 
error  resulting  from  the  linearization  of  the  nonlinear  orbit  dynamics  equations.  <E>  is  the  transfer  matrix  of  the 
discrete-time  system  and  T is  the  control  influence  matrix. 

GPS  measurement  and  observation  equation 

In  concept  defined  in  [1],  GPS  observable  are  ranges,  as  deduced  from  measured  time  or  phase  differences 
based  on  a comparison  between  received  signal  and  receiver  generated  signals.  Unlike  the  terrestrial 
electronic  distance  measurements,  GPS  uses  the  “ one  way  concept”  where  two  clocks  are  used,  one  in  the 
satellite  and  the  other  in  the  receiver.  Thus,  the  ranges  are  biased  by  satellite  and  receiver  clock  errors  and, 
consequently,  they  are  denoted  as  pseudoranges.  Since  the  bias  of  the  satellite  clock  can  be  calculated,  most 
of  clock  bias  can  be  removed,  although  small  error  remain. 

Therefore,  the  pseudorange  signal  will  contain  range  information  and  receiver  clock  bias  error.  This  clock  bias 
error  can  be  removed  by  using  the  pseudorange  data  from  four  GPS  satellites  that  are  observed  simultaneously. 
The  pseudorange  can  then  be  used  as  the  observational  data  for  estimating  the  system  state.  The  range 
observational  data  is  nonlinear  function,  Q=h(x,  t),  of  the  orbit  state.  In  order  to  estimate  the  state,  the 
observational  equation  need  to  be  linearized.  It  is  assumed  that  the  linear  observational  equation  is 

y(k)  = Hx(k)  + v(k)  (3) 


where  H =dh/dx.  V is  observational  zero-mean  white  noise  with 
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(4) 


E[v(i)v  T(j)  ]=  Rbtj 


R is  the  variance  of  the  observational  noise. 

It  has  been  proven  that  the  system  {$,  F,  H)  consisting  of  the  orbit  control  dynamics  model  and  GPS 
measurement  model  are  completely  controllable  and  completely  observable  (even  when  the  target  orbit  is  not 
circular).  Therefore,  the  LQG  closed  loop  system  is  asymptotically  stable. 

The  digital  LQG/LTR  controller 

LQG  Control 2 . It  well  known  that  the  system  represented  in  equations  (l)-(4)  describes  a time-invariant 
system  with  stationary  noise.  If  the  system  model  is  stabilizable  and  detectable,  then  there  will  be  constant 
gains  for  both  the  controller  and  observer  dynamics.  The  stochastic  optimal  control,  u , which  will  minimize 
a quadratic  cost  function  of  the  form 


(5) 


is 


u(k)  = -KJc{k) 


(6) 


kc  = (R+rTpcr)-'rTpc® 


(7) 


where  Pc  satisfies  the  control  algebraic  Riccati  equation 


Pc  = <J >TP$  + Q - <$>TPT{R+TTPTyxYTPc<$> 


(8) 


The  state  estimate,  x(k),  is  given  by 


x(k)  =x{kJk- 1 ) +Ke\x(k)  -Hx(klk- 1 )] 


(9) 


where 


x(k/k- 1)  = ®x(k-l)  + Tu(k-l) 


(10) 


Ke  = PH  t(HPH  t + Ryx 


(11) 
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The  covariance  of  the  state  estimate,  Pe  , satisfies  the  filtering  algebraic  Riccati  equation 


Pe  = $Pe$T-<t>PeHT(R+HPeHTy'HPe<t>T  + Q (12) 


Loop  Transfer  Recovery (LTR)  for  discrete-time  system  3'6.  In  the  typical  LQG  problem,  the  parameters 

Q,  R = p2/,  Q,  R = p2/  (13) 


are  the  free  parameters  for  adjusting  the  performance  and  robustness  of  the  system.  It  is  known  that  the 
multivariable  linear  quadratic  (LQ)  optimal  regulators  have  impressive  robustness  properties,  including 
guaranteed  classical  gain  margins  of  -6db  to  +°°  db  and  phase  margins  of  60  deg.  in  all  channels.  But  if  an 
Observer  or  a Kalman  filter  is  used  in  the  implementation  of  the  control,  the  robustness  properties  of  the  system 
become  degraded.  The  robustness  recovery  means  that  if  the  measurement  noise  parameter,  p,  approaches  zero, 
then  the  loop  transfer  function  of  the  LQG  control  at  the  input  loop-breaking  point,  1,  will  approach  the  loop 
transfer  function  of  LQR  control.  That  is,  the  robustness  properties  for  LQG  control  will  be  the  same  as  that 
for  the  LQR  control  when  the  noise  parameter,  p,  approaches  zero.  The  LTR  property  is  also  true  for  the 
discrete-time  system6. 


Fig.2  Block  Diagram  of  the  optimal  LQG  digital  control  with  filter  observer 
Fig.2  shows  the  block  diagram  for  input  and  output  in  terms  of  the  z transformation,  where 

(j)(z)  = 

Gc(z)  = zKc[z/-(I-Ke)(<2> -rKc)]-'Ke  (14) 

Gp(z)  = h$t 

In  terms  of  mathematical  notations,  this  property  can  be  stated  as  follows: 

If  the  open-loop  transfer  function  of  the  system  (1-12),  has  no  (finite)  zeros  in  {z:  | z | >1 } and  det(HT)*0,  then 

lim  Gc(z)Gp(z ) = ^4>(z)r 


625 


The  Kc4>T  is  just  the  open-loop  transfer  function  for  the  LQR  control. 

The  properties  of  the  loop  transfer  recovery  were  also  demonstrated  through  the  singular  values  of  the  loop 
transfer  functions  in  the  frequency  domain  in  Figs.3  and  4,  i.e.. 


lim  o{GcGp)  = o(*c4>r) 

n-o 


(16) 


When  the  sampling  time  is  1 second  for  the  discrete-time  system,  as  in  Fig.3,  the  frequency  co  € [-it,  n].  When 
the  sampling  time  is  60  seconds,  as  in  Fig.4,  the  frequency  coe  [-rc/60,  rr/60] . Figs.  3 and  4 show  that  open- 
loop  property  of  LQG  for  this  orbit  control  system  are  the  same  as  the  closed-loop  property  of  their 
corresponding  LQR  for  most  frequencies  except  the  higher  frequency  region.  The  variation  in  the  digital  LQG 
open-loop  property  due  to  reduction  in  the  value  of  p is  however,  less  than  the  variation  in  a corresponding 
continuous  time  system. 


Fr*qu«ncy(rad/s) 


Fig.  3 The  Demonstration  of  the  LTR  Properties  for  the  Digital  Orbit  Control  system 
for  Sampling  time=l  second  when  p=  l.OeO  , 1.0e-2, 1.0e-4,  1.0e-6 
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Fig.4  The  Demonstration  of  the  LTR  Properties  for  the  Digital  Orbit  Control  system 
for  Sampling  time=60  second  when  p=  1 .OeO  , 1 .Oe-2,  1 .Oe-4,  1 ,0e-6 
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Implementation  of  the  digital  optimal  LQG/LTR  controller 

In  order  to  apply  LQG/LTR  controller  for  the  autonomous  orbit  control  of  a satellite,  the  constraint  of  the 
actuator  used  for  orbit  control  must  be  considered.  In  general,  the  actuator  are  constrained  by  their  thrust  level 
and  the  form  of  modulation  provided  by  the  jets,  such  as,  linear  modulation  or  on-off  modulation. 

For  a given  thrust  level,  the  control  force  compatible  with  the  thrusters  can  be  obtained  by  adjusting  the  ratio 
of  the  weighting  matrices  in  performance  index,  i.e.  the  value  of  the  free  parameter,  p or  by  solving  saturation 
constraint  LQR  problem  using  Pontryagin’s  minimum  Principle7,8 . 

If  the  thruster  can  provide  the  linear  modulation  for  jet  force,  it  will  be  compatible  with  the  output  of  the  digital 
LQG/LTR  controller,  because  this  output  is  pulse-amplitude  modulation  of  the  control  force.  If  the  thruster  is 
the  on-off  type,  it  will  be  compatible  with  the  pulse-width  modulation  of  the  control  force,  and  the  original 
pulse-amplitude  modulation  of  the  digital  LQG/LTR  controller  needs  to  be  transformed  into  pulse-width 
modulation.  This  can  be  done  fairly  easily,  since  an  equivalent  impulse  can  be  provided  through  pulse-width 
modulation  by  the  simple  division  calculation. 

The  implementation  of  the  autonomous  orbit  control  requires  the  attitude  information  of  satellite,  and  attitude 
control  system  needs  to  provide  the  required  attitude  for  the  orbit  control.  The  relationship  between  orbit  and 
attitude  control  system  is  shown  in  Fig.5. 
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Reference  orbit 
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Fig.  5 The  Autonomous  Orbit  Acquisition/Maintenance  System 
for  the  Satellite  Constellation  Using  GPS  LQG/LTR 
Controller 


The  flow  chart  of  the  LQG/LTR  controller  with  GPS  measurements  for  the  autonomous  orbit  control  system 
is  shown  in  Fig.6.  The  sampling  time  for  the  discrete-time  orbit  dynamics  system  can  be  chosen  based  on  the 
requirements  and  constraints  of  an  actual  satellite  design.  Simulations  have  shown  that  selections  of  sampling 
times  such  as  1 second,  10  second,  1 minute,  or  a few  minutes  are  all  acceptable.  This  selection  will  be  driven 
by  the  memory  and  speed  of  the  onboard  computer. 
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SIMULATIONS  OF  THE  LQG/LTR  AUTONOMOUS  ORBIT  CONTROL  WITH  GPS 
MEASUREMENTS  AND  THE  NUMERICAL  RESULTS 


As  presented  in  this  paper,  the  goal  of  the  simulation  is  to  demonstrate  the  feasibility  of  the  LQG/LTR 
autonomous  orbit  control  with  GPS  measurements,  and  to  verify  the  validity  of  this  controller  design.  It 
should,  however,  be  noted  that  the  design  being  presented  in  this  paper  does  not  minimize  the  velocity  change 
(and  hence  the  propellant  consumption)  that  will  be  required  for  the  orbital  correction. 

The  simulations  consist  of  two  part:  The  first  is  the  simulation  of  the  GPS  measurements.  These  GPS 
measurements  are  provided  simultaneously  by  4 GPS  satellites  in  different  orbits  of  the  GPS  satellite  system. 
The  distance  of  the  GPS  satellites  from  the  center  of  the  Earth  is  assumed  to  be  26560  km.  The  target  orbit  is 
assumed  to  be  a circular  orbit.  The  height  of  the  target  can  be  assumed  based  on  the  standard  orbits  of  the 
LEOs.  The  second  part  of  the  simulation  is  the  simulation  of  the  digital  optimal  LQG/LTR  controller  of  the 
autonomous  orbit  control  system.  All  these  simulations  have  been  done  on  PC  computers  in  the  MATLAB 
environment. 


input 


Fig.6  The  Flow  Chart  of  the  LQG/LTR  Controller 


The  goal  of  the  simulations  were: 

i.  Study  the  difference  in  orbit  state  transient  responses  thrust  is  available  only  along  two  axes  (tangential  and 
normal)  as  opposed  to  availability  in  all  axes. 

ii.  Study  the  difference  in  the  orbit  state  transient  responses  to  the  choice  of  various  sampling  times. 

iii.  Study  the  estimation  of  the  orbit  state  during  the  control  process  when  there  is  no  information  on  the  initial 
estimate. 
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iv.  Study  the  control  accuracy  and  establish  that  the  control  system  is  asymptotically  stable. 


Fig.7  show  the  transient  responses  of  the  autonomous  orbit  control  for  when  3-axes  thrust  is  available.  The 
initial  conditions  are  Avp=49.23m/sec,  Ar,=686000  m,  and  the  sampling  time  AT=60  sec.  Fig.  7a  is  the 
responses  for  the  6 components  of  the  orbit  state  vector.  Figs. 7b  and  7c  are  the  estimate  and  estimate  error  of 
the  orbit  state,  respectively.  They  indicate  that  the  control  system  is  asymptotically  stable  even  with  totally 
unknown  initial  conditions,  and  the  efficiency  of  the  estimation  process  is  excellent.  Fig.7d  is  the  control 
acceleration  and  the  total  Av  for  the  all  control  process. 

Fig.8  duplicate  the  simulations  for  Fig.7,  except  that  in  these  cases  thrusting  is  available  only  along  two  axes. 
Comparison  between  Fig.7  and  Fig.8  shows  that  the  performance  of  control  system  using  3-axes  thrusting  is 
better  than  that  of  the  system  with  2-axes  thrusting.  This  is  to  be  expected,  since  the  degree  of  controllability 
for  3-axes  thrusters  is  higher  than  that  of  2-axes  thruster  system.  However,  it  is  important  to  note  that  both 
systems  are  all  controllable. 

Fig.9  shows  the  transient  responses  of  the  autonomous  orbit  control  for  2-axes  thrusters.  The  initial  conditions 
are  Avp=49.23m/sec,  Ar,=686000  m and  AT=30  sec. 

Figs.  10, 1 1 and  12  show  the  transient  responses  of  the  orbit  state  vector  and  the  control  accelerations  for  the 
various  sampling  time,  i.e.,  AT  = 1 sec.,  10  sec.,  and  20  sec.  The  comparing  of  these  plots  show  us  the 
obvious  - that  the  performance  of  the  system  is  the  best  with  AT=1  sec.  However,  longer  sampling  times  will 
be  desirable  for  implementation,  and  plots  show  acceptable  performance  even  with  the  larger  sampling 
intervals. 

CONCLUSIONS 

(1)  This  paper  the  performance  of  an  autonomous  orbit  acquisition  and  maintenance  for  a satellite 
constellation  design  that  involves  a digital  LQG/LTR  optimal  controller  with  GPS  measurements. 
This  design  can  implement  the  autonomous  on-board  real-time  closed-loop  feedback  orbit  control  for 
the  acquisition  and  maintenance  of  a satellite  constellation.  The  input  to  this  control  system  is  the  GPS 
information  data  (3  code  pseudo  ranges)  and  the  output  of  this  system  is  the  optimal  LQG/LTR 
control  law  for  closed-loop  feedback.  It  has  been  shown  that  this  control  system  is  completely 
controllable  and  completely  observable.  The  closed-loop  feedback  system  is  also  asymptotically 
stable. 

(2)  The  Loop  Transfer  Recovery  properties  for  this  discrete-time  system  have  been  presented.  The  digital 
system  has  very  good  performance  and  robustness  which  is  similar  to  LQR  controller  for  most 
frequency  ranges. 

(3)  The  simulation  of  the  digital  LQG/LTR  autonomous  orbit  control  with  GPS  measurements  have  been 
presented.  Simulation  results  confirm  that  it  is  feasible  to  use  the  digital  LQG/LTR  controller  with 
GPS  measurements  for  implementing  the  autonomous  orbit  maintenance  and  acquisition  system  for 
a satellite  constellation.  The  simulations  also  show  the  differences  due  to  differences  in  thruster 
availability,  and  the  variations  in  sampling  times.  While  performances  are  best  with  thruster 
availability  along  all  three  axes  and  with  the  shortest  sampling  times,  the  performances  were  vary 
satisfactory  even  with  2-axes  thruster  availability  and  larger  sampling  times.  This  autonomous  control 
system  can  be  directly  applied  to  low  Earth  orbits,  and  would  be  very  suitable  for  application  to  the 
commercial  communication  satellite  systems  that  are  being  currently  proposed. 
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Fig.  7a.  The  orbit  state  vector 


Fig.7bThe  estimate  of  the  orbit  state 
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Fig.7c.  The  error  of  the  estimation 


Fig.7d.  The  control  acceleration  and  A v 


Fig.7.  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  3-Thrusters  and  AT=60  sec 
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Fig.  8a.  The  orbit  state  vector 


Fig.8b.  The  estimate  of  orbit  state 
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Fig.8c.  The  error  of  the  estimation 


Fig.8d.  The  control  acceleration  and  A v 


Fig.8  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  2-Thrusters  and  AT=60  sec 
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Fig.  9a.  The  orbit  state  vector 


Fig.9b.  The  estimate  of  the  orbit  state 
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Fig.9c.  The  error  of  the  estimation  Fig.9d.  The  control  acceleration  and  A v 

Fig.9  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  2-Thrusters  and  AT=30  sec 
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Fig.10  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  2-Thrusters  and  AT=20  sec 
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Fig.ll  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  2-Thrusters  and  AT=10  sec 


Fig.12  The  Transient  Responses  of  the  Autonomous  Orbit  control  for  2-Thrusters  and  AT=5  sec 
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RELATIVE  NAVIGATION  FOR 
SPACECRAFT  FORMATION  FLYING 

Kate  R.  Hartman,”  Cheryl  J.  Gramling,'  Taesul  Lee,f 
David  A.  Kelbel,* *  and  Anne  C.  Long11 

The  Goddard  Space  Flight  Center  Guidance,  Navigation,  and  Control  Center 
(GNCC)  is  currently  developing  and  implementing  advanced  satellite 
systems  to  provide  autonomous  control  of  formation  flyers.  The  initial 
formation  maintenance  capability  will  be  flight-demonstrated  on  the  Earth- 
Orbiter-1  (EO-1 ) satellite,  which  is  planned  under  the  National  Aeronautics 
and  Space  Administration  New  Millennium  Program  to  be  a coflight  with  the 
Landsat-7  (L-7)  satellite.  Formation  flying  imposes  relative  navigation 
accuracy  requirements  in  addition  to  the  orbit  accuracy  requirements  for  the 
individual  satellites.  In  the  case  of  EO-1  and  L-7,  the  two  satellites  are  in 
nearly  coplanar  orbits,  with  a small  difference  in  the  longitude  of  the 
ascending  node  to  compensate  for  the  Earth's  rotation.  The  GNCC  has 
performed  trajectory  error  analysis  for  the  relative  navigation  of  the  EO-1 /L-7 
formation,  as  well  as  for  a more  advanced  tracking  configuration  using  cross- 
link satellite  communications.  This  paper  discusses  the  orbit  determination 
and  prediction  accuracy  achievable  for  EO-1  and  L-7  under  various  tracking 
and  orbit  determination  scenarios  and  discusses  the  expected  relative 
separation  errors  in  their  formation  flying  configuration. 

INTRODUCTION 

National  Aeronautics  and  Space  Administration  (NASA)  Enterprises  are  recognizing  the 
advantages  of  flying  multiple  satellites  in  coordinated  virtual  platforms  and  constellations  to 
accomplish  science  objectives.  Formation  flying  techniques  and  space  vehicle  autonomy  will 
revolutionize  space  and  Earth  science  missions  and  enable  many  small,  inexpensive  satellites  to 
fly  in  formation  and  gather  concurrent  science  data. 

The  Guidance,  Navigation,  and  Control  Center  (GNCC)  at  the  Goddard  Space  Flight  Center 
(GSFC)  maintains  a cutting-edge  technology  program  that  enhances  satellite  performance, 
streamlines  processes,  and  ultimately  enables  cheaper  science.  Technology  focus  areas  within  the 
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GNCC  encompass  control  system  architectures,  sensor  and  actuator  components,  propulsion, 
electronic  systems,  design  and  development  of  algorithms,  embedded  systems,  and  space  vehicle 
autonomy.  Through  collaboration  with  government,  universities,  non-profit  organizations,  and 
industry,  the  GNCC  incrementally  develops  key  technologies  that  conquer  NASA’s  challenges. 

The  GNCC  is  currently  providing  innovative  technology  solutions  on  two  NASA  missions 
associated  with  formation  flying  and  coordinated  virtual  platforms.  The  New  Millennium 
Program  (NMP)  Earth  Orbiter  (EO)-l  mission,  scheduled  for  launch  in  1999,  will  demonstrate 
key  aspects  of  formation  flying,  and  the  Earth  Observing  System  (EOS)-AMl,  scheduled  for 
launch  in  1998,  will  perform  coordinated  science  observations  with  Landsat-7  (L-7).  The 
essential  formation  control  requirement  on  EO-1  is  to  maintain  a 1 -minute  separation  from  L-7  to 
within  a tolerance  of  6 seconds.  In  addition,  L-7  will  fly  over  the  EOS-AM1  groundtrack 
15  minutes  later  to  provide  coordinated  observations  between  the  two  satellites.  Demonstrations 
of  constellation  control  of  L-7  and  EOS-AM1,  autonomous  navigation  of  EO-1  using  a 
spacebome  Global  Positioning  System  (GPS)  receiver,  and  aspects  of  autonomous  formation 
flying  on  EO-1  are  key  initial  steps  toward  enabling  fully  autonomous  control  of  a group  of 
small,  single-instrument  satellites  that  can  collect  scientific  data  as  if  all  of  the  instruments  were 
on  a single,  large  platform.  This  “virtual  platform”  approach  lowers  the  total  risk,  increases 
science  data  collection,  and  adds  considerable  flexibility  to  future  NASA  Earth  and  space  science 
missions. 

To  support  the  EO-1 /L-7  formation  flying  experiment,  GNCC  has  performed  trajectory  error 
analysis  for  the  relative  navigation  of  EO-1  with  respect  to  L-7.  In  addition,  central  to  the 
achievement  of  the  strategic  goal  of  virtual  platforms  are  cross-link  satellite  communications  and 
autonomous  relative  navigation.  Although  neither  of  these  technologies  will  be  demonstrated  on 
the  NMP  EO-1  flight,  the  GNCC  has  investigated  an  advanced  approach  for  autonomous  relative 
navigation  using  cross-link  satellite  measurements.  This  approach  extends  the  Onboard 
Navigation  System  (ONS),  developed  by  GSFC  to  support  single  satellite  autonomous 
navigation,  to  process  tracking  measurements  derived  from  a cross-link  satellite  signal.  This 
paper  discusses  the  orbit  determination  and  prediction  accuracy  achievable  for  EO-1  and  L-7 
under  various  tracking  and  orbit  determination  scenarios  and  discusses  the  expected  relative 
separation  errors  in  their  formation  flying  configuration. 

RELATIVE  NAVIGATION  ACCURACY  REQUIREMENTS  FOR  THE  EO-1  AND 
L-7  FORMATION 

Formation  flying  refers  to  the  coordinated  control  of  a group  of  satellites  such  that  the 
satellite  positions  relative  to  a reference  position  (e.g.,  one  of  the  satellites)  are  maintained 
according  to  some  predetermined  constraints  dictated  by  the  overall  mission  goals,  usually  a 
separation  distance  and  formation  tolerance.  The  separation  distance  and  formation  tolerance  for 
coordinated  Earth  sensing  missions  are  typically  on  the  order  of  hundreds  and  tens  of  kilometers, 
respectively,  but  may  reduce  to  the  order  of  meters  in  the  future. 

Formation  flying  requires  both  “formation  sensing”  and  “formation  control”.  Formation 
sensing  provides  a measure  of  the  satellite  relative  positions  as  input  to  the  formation  control 
algorithms,  which  compute  the  maneuvers  required  to  maintain  the  formation.  The  most  straight- 
forward relative  navigation  approach  computes  the  satellite  relative  positions  by  differencing  the 
absolute  position  vectors  of  each  satellite.  In  such  a case,  the  target  or  command  satellite  would 
have  to  obtain  accurate  position  vectors  for  not  only  itself,  but  also  for  the  chase  satellites  in  the 
formation  either  via  ground  uplink  or  a satellite-to-satellite  communications  cross-link.  While 
each  satellite  may  have  its  own  onboard  ephemeris  knowledge  or  onboard  navigation  system,  a 
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Figure  1 Example  of  Relative  Separation  Evolution  For  the  EO-I/L-7  Formation 


means  to  communicate  the  knowledge  from  one  satellite  to  another  is  required  to  determine  the 
relative  separations. 

Formation  flying  EO-1  with  L-7  will  enable  coordinated,  coregistered  observations  of  the 
reference  geographic  sites  for  scientific  comparison  of  the  imaging  sensors  onboard  the  satellite. 
The  two  satellites  will  be  placed  in  nearly  coplanar  orbits,  with  a 0.25  degree  difference  in  the 
right  ascension  of  the  ascending  node  to  compensate  for  the  Earth's  rotation.  The  separation 
between  the  satellites  is  nominally  450  kilometers  (=1  minute).  The  formation  tolerance  is 
approximately  ±40  kilometers  (=6  seconds). 

Figure  1 illustrates  one  proposed  formation  control  strategy  for  the  EO-l/L-7  formation.1 
The  initial  EO-1  position  is  behind  L-7  at  the  minimum  acceptable  in-track  separation 
(=410  kilometers)  and  the  initial  altitude  is  about  25  meters  above  that  of  L-7  (nominally  at  a 
705-kilometer  altitude).  Initially,  the  relative  in-track  separation  increases  because  of  the  longer 
period  of  the  higher  EO-1  satellite.  However,  due  to  its  larger  area-to-mass  ratio,  the  EO-1  orbit 
decays  faster  than  L-7,  which  reduces  the  initial  altitude  separation  and  decreases  the  relative 
orbital  velocities.  The  proposed  strategy  is  to  select  the  initial  altitude  separation  such  that  the 
maximum  acceptable  separation  (=490  kilometers)  is  not  reached  before  the  radial  separation 
reaches  zero.  When  the  EO-1  orbit  decays  below  the  L-7  altitude,  the  in-track  separation  will 
decrease.  When  the  minimum  acceptable  separation  is  reached,  a maneuver  is  executed  to  restore 
EO-1  to  the  initial  formation  configuration.  To  reduce  the  frequency  of  the  formation  control 
maneuvers  to  approximately  weekly,  the  semimajor  axis  difference,  or  equivalently  the  radial 
separation,  between  the  two  satellite  must  be  maintained  within  approximately  ±25  meters.  To 
maintain  a radial  separation  of  ±25  meters,  the  relative  radial  separation  must  be  known  to  about 
5 meters.  The  change  in  velocity  that  is  needed  to  maintain  a ±25-meter  radial  separation  is 
approximately  2.7  centimeters  per  second  in  the  in-track  direction.  Therefore,  to  accurately  plan 
and  perform  this  maneuver,  the  relative  in-track  velocity  must  be  known  to  about  0.5  centimeters 
per  second. 

To  monitor  the  state  of  this  formation,  the  navigation  software  must  compute  the  relative 
separations  of  one  satellite  with  respect  to  the  other.  In  the  planned  EO-l/L-7  formation-flying 
configuration,  the  L-7  position  is  periodically  determined  on  the  ground  using  NASA’s  Tracking 
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and  Data  Relay  Satellite  System  (TDRSS).  A predicted  L-7  state  vector  is  uplinked  to  EO-1.  L-7 
executes  its  nominal  mission  independent  of  EO-1,  including  its  ground-track  control  maneuvers. 

EO-1  will  use  a Global  Positioning  System  (GPS)  receiver  to  compute  its  real-time  position 
and  velocity.  NASA’s  Ground  Network  (GN)  will  provide  a backup  tracking  capability  for  EO-1. 
The  EO-1  satellite  will  host  autonomous  formation  flying  software  to  adjust  its  orbit  to  maintain 
the  desired  formation  with  respect  to  L-7. 

Table  1 lists  the  relative  navigation  accuracy  requirements  for  the  EO-l/L-7  formation. 


Table  1 

RELATIVE  NAVIGATION  ACCURACY  REQUIREMENTS 
FOR  EO-l/L-7  FORMATION  FLYING 


Description 

Requirement  (3-sigma) 

In-track  relative  separation 

1 minute  (=  450  kilometers) 

Radial  separation 

± 25  meters 

Mean  radial  separation  tolerance 

± 5 meters 

In-track  separation  tolerance 

± 6 seconds  (=  40  kilometers) 

Ground-track  separation  tolerance 

± 3 kilometers  (in  cross-track  direction) 

RELATIVE  NAVIGATION  ACCURACY  FOR  THE  EO-1  AND  L-7  FORMATION 

In  this  section,  accuracy  estimates  are  provided  for  computation  of  the  relative  separation  of 
EO-1  with  respect  to  L-7  in  the  radial  (R),  in-track  (I),  and  cross-track  (C)  directions.  It  is 
straightforward  to  estimate  the  individual  satellite  orbit  determination  and  prediction  errors. 
Orbit  determination  and  error  analysis  programs,  such  as  the  Goddard  Trajectory  Determination 
System  (GTDS)  and  the  Orbit  Determination  Error  Analysis  System  (ODEAS),  are  based  on  the 
concept  of  processing  one  user  satellite  at  a time.  To  assess  the  relative  positioning  errors,  these 
independently-derived  errors  must  be  combined.  To  properly  combine  independently-estimated 
orbital  errors  to  get  relative  errors,  a breakdown  of  the  total  errors  into  its  component  errors  is 
needed.  These  component  errors  are  contributed  by  various  error  sources. 

In  the  case  of  EO-1  and  L-7,  the  tracking  measurement  errors  for  the  two  satellites  are 
statistically  uncorrelated,  since  they  will  be  tracked  using  different  tracking  systems  with 
different  tracking  schedules.  Therefore,  the  individual  satellite  errors  arising  from  measurement 
noise  and  uncertainties  in  measurement  biases  and  tropospheric  and  ionospheric  refraction  delay 
are  uncorrelated.  Such  errors  can  be  combined  using  the  root-sum-square  (RSS)  method. 

On  the  other  hand,  the  satellite  orbital  errors  arising  from  satellite  force  model  errors  can  be 
considered  fully  correlated  since  the  two  satellites  are  following  each  other  closely  in  essentially 
the  same  orbit,  thereby  always  experiencing  the  influence  of  essentially  the  same  dynamic 
environment.  Examples  of  such  errors  are  those  due  to  uncertainties  in  geopotential,  atmospheric 
drag,  and  solar  radiation  pressure  models.  When  computing  the  relative  errors,  the  orbital  error 
terms  for  the  two  satellites  arising  from  correlated  dynamic  error  sources  are  algebraically 
subtracted  before  combining  with  those  arising  from  the  measurement-related  error  sources. 
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This  procedure  can  be  symbolically  expressed  as  follows: 


Relative  Error  = 


I [(EO  - 1)2  + (L  - 7)2  ] + £[(EO-1)-(L-7)f 

\meas  error  dyn  error 


'N  2 

J 


(i) 


Relative  Separation  Errors  Based  on  Previous  Studies 

This  section  presents  an  estimate  of  the  relative  separation  errors  for  the  EO-l/L-7 
formation  based  on  previous  studies  of  orbit  determination  (OD)  accuracies  for  the  Landsat-4 
(L-4)  and  L-7  missions.  These  studies  assumed  TDRSS  tracking  or  GN  tracking  and  used  either 
orbit  error  covariance  analysis  or  analysis  of  the  orbit  determination  solutions  obtained  using  real 
tracking  data.  The  definitive  OD  accuracy  results  are  presented  in  Table  2. 


Table  2 

DEFINITIVE  ORBIT  DETERMINATION  POSITION  ERRORS  FOR  L-4  AND  L-7 


Description 

Tracking  Schedule 

Radial 

(meters) 

In-Track 

(meters) 

Cross- 

Track 

(meters) 

RSS 

(meters) 

Covariance  Analysis  Results  (Maximum  3o) 

Arc  Lenath  (Hours) 

30 

35  TDRSS  passes 

13 

14 

6 

16 

34 

12  TDRSS  passes 

7 

33 

15 

37 

34 

7 GN  passes 

10 

55 

3 

56 

48 

9 GN  passes 

3.5 

30 

8 

32 

Definitive  OD  Results  (Maximum  Differences) 

Arc  Lenath  (Hours) 

34  n 

21  TDRSS  passes 

1.4 

X 

X 

7 

34  (+) 

1 1 TDRSS  passes 

11 

50 

25 

54 

34  ($) 

1 1 TDRSS  passes 

3 

31 

8 

31 

*:  34-hour  high-quality  reference  solutions  ; results  shown  represent  maximum  definitive  position  overlap 

+:  Maximum  position  comparison  between  reference  solutions  and  solutions  obtained  using  nominal  TDRS 
orbit  solutions 

$:  Maximum  position  comparison  between  reference  solutions  and  solutions  obtained  using  high-quality 
TDRS  orbit  solutions 

x:  Data  not  available 


The  covariance  analysis  results  listed  in  Table  2 were  based  on  GSFC  Flight  Dynamics 
Division  internal  memoranda.  These  covariance  results  provide  maximum  3-sigma  error 
estimates.  Radial  errors  vary  from  3.5  to  13  meters  and  in-track  errors  vary  from  14  to  55  meters. 
The  first  of  three  definitive  OD  results  presented  in  Table  2 is  taken  from  a study  performed 
using  an  unusually  dense  TDRSS  tracking  of  L-4.2  These  solutions  were  obtained  using 
2 1 tracking  contacts  over  the  34-hour  OD  arc,  approximately  twice  the  nominal  tracking.  These 
results  are  the  maximum  position  differences  between  two  consecutive  definitive  OD  arcs  in  the 
10-hour  overlapping  region.  Such  overlap  comparisons  are  often  used  as  a measure  of  definitive 
OD  consistency.  These  solutions  produced  maximum  radial  overlap  of  1.4  meters  and  maximum 
total  overlap  of  7 meters.  Nominal  L-4  definitive  OD  accuracies  would  be  5-  to  10-times  larger 
than  these  results.  In  addition,  these  solutions  were  obtained  by  simultaneously  estimating  the 
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user  and  two  TDRS  spacecraft  that  were  used  as  relays.  To  improve  the  overall  OD  accuracy  for 
the  user  and  TDRSs,  high-density  Bilateration  Ranging  Transponder  System  (BRTS)  tracking 
was  also  included  in  the  solution.  In  normal  operational  OD  scenarios,  TDRS  OD  solutions  are 
performed  first  without  any  user  tracking  data,  and  then  the  user  OD  is  performed  using  the 
TDRS  OD  solutions. 

The  other  two  OD  accuracy  results  listed  in  Table  2 are  based  on  a study  in  which  two  sets 
of  L-4  OD  solutions  (obtained  using  more  nominal  OD  scenarios)  were  compared  with  the 
solutions  obtained  using  the  high-density  TDRSS  tracking  discussed  above.-’  The  first  of  the  two 
solutions  were  obtained  using  TDRS  solutions  with  nominal  accuracy,  the  second  using  high- 
quality  TDRS  solutions.  The  radial  and  in-track  position  errors  associated  with  these  solutions 
are  seen  to  vary  from  3 to  1 1 meters,  and  3 1 to  50-meters,  respectively.  These  errors  are 
comparable  to  those  obtained  using  the  covariance  analysis. 

The  quality  of  the  orbit  determination  solutions  improves  when  the  number  of  tracking 
contacts  in  a given  orbit  determination  arc  increases.  In  the  case  of  TDRSS  tracking,  the 
solutions  improve  further  when  better  quality  TDRS  state  vectors  are  used.  Except  for  the  special 
case  of  high-density  tracking  of  L-4,  the  number  of  tracking  contacts  assumed  or  used  in  the 
studies  is  approximately  10,  and  the  orbit  determination  arc  lengths  chosen  were  34  or  48  hours. 
TDRSS  tracking  and  GN  tracking  produced  solutions  with  comparable  quality.  Table  2 shows 
that  the  OD  accuracies  for  Landsat  spacecraft  achievable  using  nominal  TDRSS  or  GN  tracking 
will  be  in  the  range  of  3 to  13-meters  in  the  radial  direction  and  30  to  55-meters  in  the  in-track 
direction. 

Table  3 lists  the  worst  case  maximum  3a  or  position  difference  errors  (in  meters)  from 
Table  2.  In  addition.  Table  3 lists  the  EO-1  orbit  determination  accuracy  expected  based  on 
processing  GPS  Standard  Positioning  Service  (SPS)  measurements  using  a sophisticated  Kalman 
filter  based  on  the  ONS  algorithms,  with  GPS  Selective  Availability  (SA)  at  typical  levels.  The 
GPS  accuracy  estimates  are  based  on  GSFC  Flight  Dynamics  Analysis  Branch’s  evaluation  of 
the  GPS  Enhanced  Orbit  Determination  Experiment  (GEODE)  capability  for  the 
TOPEX/Poseidon  and  Explorer  Platform/Extreme  Ultraviolet  Explorer  satellites.4  Typically 
unfiltered  GPS  receiver  satellite  solution  errors  are  about  ten  times  larger. 


Table  3. 

DEFINITIVE  POSITION  ACCURACY  USING 
DIFFERENT  ORBIT  DETERMINATION  OPTIONS 


Orbit  Determination 
Option 

Maximum  3o  Definitive  Position  Accuracy 

meters) 

Radial 

Cross-track 

In-track 

RSS 

Filtered  GPS  (for  EO-1) 

11 

10 

35 

35 

GN  (for  EO-1) 

10 

8 

55 

56 

TDRSS  (L-7) 

11 

25 

50 

54 

A worst  case  estimate  for  the  relative  separation  errors  associated  with  the  use  of  these  orbit 
determination  options  for  EO-1  and  L-7  can  be  approximated  by  forming  the  root  sum  square 
(RSS)  of  the  error  for  each  spacecraft.  Comparing  the  resulting  relative  position  accuracies  to  the 
relative  separation  tolerances  listed  in  Table  1 indicates  that  even  when  the  worst  case  position 
errors  given  in  Table  3 are  assumed,  the  in-track  and  ground-track  separation  tolerances  can  be 
easily  met.  However,  the  requirement  on  the  mean  radial  separation  will  not  be  satisfied  easily. 
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In  addition,  if  the  orbit  determination  solutions  are  computed  on  the  ground  and  predicted 
navigation  data  are  uplinked  to  the  satellite,  the  prediction  accuracy  is  degraded  depending  upon 
the  method  by  which  the  uplink  is  prepared.  Thus,  an  additional  error  margin  is  needed  when  the 
OD  solutions  are  generated  on  the  ground.  Reference  5 provides  estimates  of  prediction 
accuracies  for  these  satellites  based  on  orbit  determination  experience. 

Covariance  Analysis  to  Estimate  Relative  Separation  Errors 

To  evaluate  the  impact  of  the  correlation  of  the  dynamic  errors  on  the  relative  navigation 
accuracy,  additional  covariance  analysis  was  performed  using  ODEAS.  The  objective  of  this  new 
study  was  to  correctly  estimate  the  relative  separation  errors  of  EO-1  with  respect  to  L-7  using 
Equation  (1)  and  to  identify  the  major  error  sources  for  the  relative  separation  errors  using 
standard  tracking  methods.  At  the  time  of  this  analysis,  there  was  an  interest  in  examining  the 
backup  to  GPS  receiver  navigation  for  EO-1,  which  consists  of  GN  tracking  using  a maximum  of 
four  contacts  per  day  from  three  ground  stations  (Wallops,  Poker  Flat,  and  Spitzbergen). 
Tracking  for  L-7  consisted  of  eight  TDRSS  10-minute  contacts  per  day  via  two  TDRSs.  Table  4 
lists  the  uncertainties  used  for  the  major  error  sources  included  in  this  analysis. 


Table  4 

3-SIGMA  ERROR  UNCERTAINTIES 


Error  Source 

Uncertainties  (3-sigma) 

EO-1 

L-7 

Range-rate  noise  (meters  per  second) 

0.001 

0.0028 

Radial/in-track/cross-track  TDRS  position  (meters) 

10/100/40 

Ground  antenna  position  per  axis  (meters) 

3.0 

3.0 

Ground-to-satellite  ionospheric  delay  (percent) 

100 

100 

TDRS-to-satellite  ionopsheric  delay  (percent) 

100 

Ground-to-satellite  tropospheric  delay  (percent) 

45 

45 

Earth’s  gravitational  constant  (parts  per  million) 

0.03 

0.03 

70x70  Joint  Goddard  Model  2 (JGM2)  for  Earth’s 
nonspherical  gravity  (unitless)) 

3*(JGM2  clone  -JGM2) 

3*(JGM2  clone  -JGM2) 

Daily  solar  flux  for  mean  solar  flux  of  200  Janskys 
Days  1 , 2,  3 of  definitive  arc  (percent) 

Days  1 , 2,  3 of  prediction  (percent) 

5 

14,  22,  32 

5 

14,  22,  32 

81 -day  solar  flux  for  mean  solar  flux  of  200  Janskys 
Days  1 , 2,  3 of  definitive  arc  (percent) 

Days  1 , 2,  3 of  prediction  (percent) 

9.1, 9.4,  9.6 
9.8,  10.1,  10.3 

9.1,  9.4,  9.6 
9.8,  10.1,  10.3 

Orbital  elements  for  the  two  satellites  were  chosen  such  that  the  two  trajectories  have  a 
nominal  in-track  separation  of  1 minute  and  the  L-7  ground-track  retraces  that  of  EO-1.  The 
EO-1  orbit  is  initially  higher  than  the  L-7  orbit  with  a mean  radial  difference  of  25  meters.  The 
area-to-mass  ratio  used  for  EO-1  (0.0146  meters2/kilogram)  was  about  twice  that  of  L-7 
(0.0067  meters2/  kilogram),  so  the  EO-1  orbit  decays  faster  (due  to  the  stronger  drag)  than  the 
L-7  orbit.  Note  that  the  most  recent  EO-1  satellite  design  yields  an  area-to-mass  ratio  of  only 
0.008  meters2/  kilogram. 

Over  a 6-day  period,  3-day-definitive  and  3-day-predictive  ephemeris  errors  for  both  L-7 
and  EO-1  were  computed  using  the  batch  covariance  analysis  capability  of  ODEAS.  These 
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results  are  summarized  in  Table  5.  This  table  consists  of  three  sections:  the  top  section  lists  the 
definitive  and  predictive  errors  for  EO-l,  the  middle  section  lists  the  errors  for  L-7,  and  the 
bottom  section  the  relative  separation  errors  that  were  computed  using  Equation  (1). 


Table  5 

MAXIMUM  3-SIGMA  POSITION  AND  VELOCITY  ERRORS 


Description 

Definitive 

Ephemeris 

Predictive  Ephemeris 

1 day 

2 days 

3 days 

Position 

(m) 

Velocity 

(cm/sec) 

Position 

(m) 

Velocity 

(cm/sec) 

Position 

(m) 

Velocity 

(cm/sec) 

Position 

(m) 

Velocity 

(cm/sec) 

EO-1  Error  (Maximum  3c 

Radial 

6.8 

2.2 

7.0 

21.0 

11.6 

101.4 

21.0 

286.3 

In-track 

27.1 

0.7 

197.5 

0.7 

965.6 

1.1 

2701.9 

1.9 

Cross-track 

13.5 

1.4 

11.3 

1.2 

11.3 

1.2 

11.3 

1.2 

L-7  Error  (Maximum  3o) 

Radial 

6.7 

4.0 

7.3 

10.7 

8.9 

49.0 

11.8 

134.9 

In-track 

43.1 

0.7 

101.7 

0.7 

467.5 

0.8 

1272.8 

0.9 

Cross-track 

46.3 

4.9 

48.5 

5.1 

51.5 

5.4 

54.4 

5.7 

Relative  Separation  Error  (Maximum  3c) 

Radial 

8.4 

4.4 

7.4 

11.9 

9.1 

56.1 

12.6 

155.6 

In-track 

48.8 

0.9 

112.1 

0.7 

534.9 

0.8 

1468.1 

1.1 

Cross-track 

47.1 

4.9 

49.3 

5.2 

52.3 

5.5 

55.3 

5.8 

Examination  of  these  results  indicates  that  the  definitive  EO-l  cross-track  and  in-track 
position  errors  are  smaller  than  those  of  L-7.  This  may  be  explained  by  observing  that  the  L-7 
OD  includes  TDRSS-related  error  sources,  such  as  satellite-to-satellite  ionospheric  refraction 
errors  and  TDRS  ephemeris  errors,  which  are  absent  in  EO-l  tracking.  These  TDRSS-related 
error  sources  are  the  major  error  contributors  in  the  definitive  period  for  L-7.  Using  the  height- 
of-ray-path  (HORP)  editing  technique  may  reduce  the  contributions  due  to  the  satellite-to- 
satellite  ionospheric  refraction  effects.  Because  HORP  editing  was  not  used  for  these  solutions, 
the  L-7  errors  may  be  somewhat  pessimistic.  In  addition,  the  predictive  EO-l  in-track  position 
errors  are  approximately  twice  as  large  as  those  of  L-7.  This  is  due  to  the  fact  that  at  the 
relatively  high  solar  flux  level  of  200  Jansky s most  of  the  predictive  error  arises  from 
atmospheric  drag  modeling  errors  due  to  solar  flux  uncertainty.  Because  the  area-to-mass  ratio 
assumed  for  EO-l  is  about  twice  that  of  L-7,  the  impact  of  atmospheric  drag  modeling  errors  on 
EO-l  is  twice  as  large  as  for  L-7. 

The  relative  separation  errors  between  EO-l  and  L-7,  shown  in  the  bottom  section  of 
Table  5,  were  computed  by  combining  the  EO-l  and  L-7  error  budgets  such  that  the  errors  due  to 
the  correlated  dynamic  errors  (such  as  Earth  gravity  and  solar  flux  uncertainties)  were 
algebraically  subtracted  and  errors  due  to  the  statistically  uncorrelated  measurement  related 
errors  (such  as  measurement  noise  and  atmospheric  refraction  effects)  were  combined  using  the 
RSS  method. 

The  maximum  radial  separation  errors  for  the  definitive  and  1-day  predictive  periods  are 
8.4  meters  and  7.4  meters  (3-sigma),  respectively.  Although  the  first-day  predictive  error  is 
smaller  than  the  error  for  the  definitive  period  in  this  particular  simulation,  it  may  not  be  a 
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feature  that  can  be  expected  in  general  for  other  simulations.  These  results  show  that  the 
predictive  radial  separation  errors  increase  slowly  reaching  12.6  meters  for  the  3-day  prediction, 
considerably  smaller  than  the  individual  EO-1  radial  position  error.  Similarly,  the  predictive 
cross-track  separation  errors  increase  slowly  with  the  length  of  the  prediction  period.  However, 
the  in-track  position  separation  errors  steadily  increase  outside  the  definitive  period,  but  remain 
considerably  smaller  than  the  individual  EO-1  in-track  position  errors.  This  behavior  indicates 
that  there  is  considerable  cancellation  of  correlated  dynamic  errors  in  the  computation  of  the 
relative  separation  errors. 

Because  the  atmospheric  drag  coefficient  is  estimated  over  the  definitive  OD  arc,  the  solar 
flux  uncertainties  do  not  contribute  significantly  to  the  definitive  ephemeris  errors.  However, 
beyond  the  definitive  arc,  the  in-track  position  errors  for  low-Earth  satellites  grow  rapidly  due  to 
the  solar  flux  uncertainties.  The  increase  in  the  relative  radial  and  in-track  position  errors  during 
the  prediction  period  is  primarily  due  to  the  solar  flux  uncertainties.  On  the  other  hand,  the  cross- 
track errors  are  relatively  insensitive  to  the  solar  flux  uncertainties.  Because  the  actual  area-to- 
mass  ratios  for  EO-1  (0.008)  and  L-7  (0.0067)  will  be  much  closer  than  the  area-to-mass  ratios 
used  in  this  covariance  analysis,  the  cancellation  of  the  individual  satellite  radial  and  in-track 
prediction  errors  should  be  more  complete  and  the  growth  of  relative  radial  and  in-track  position 
errors  in  the  3-day  prediction  periods  should  be  substantially  smaller  than  those  presented  in 
Table  5. 

Relative  Navigation  Scenarios 

Covariance  results  were  used  to  compute  relative  navigation  accuracies  for  the  following 
two  candidate  scenarios  for  providing  relative  navigation  of  EO-1  with  respect  to  L-7: 

• Scenario  A:  The  relative  separation  is  computed  onboard  EO-1  using  predicted  EO-1  and 
predicted  L-7  navigation  data  that  is  computed  on  the  ground  and  uplinked  daily  to  the 
satellite. 

• Scenario  B:  The  relative  separation  is  computed  onboard  EO-1  using  real-time  EO-1 
navigation  data  computed  onboard  and  predicted  L-7  navigation  data  that  is  computed  on 
the  ground  and  uplinked  daily  to  the  satellite. 

Table  6 summarizes  the  resulting  relative  separation  error  estimates  based  on  the  use  of 
1-day  predicted  L-7  ephemerides. 


Table  6 

MAXIMUM  3-SIGMA  NAVIGATION  ERRORS  FOR  CANDIDATE  SCENARIOS 


Error 

Component 

• .*• 

Scenario  A Errors 

Scenario  B Errors 

EO-1 

Predictive 

L-7 

Predictive 

Relative 

EO-1 

Definitive 

L-7 

Predictive 

Relative 

Position  (meters) 

Radial 

7.0 

7.3 

7.4 

6.8 

6.4 

6.4 

In-T  rack 

197.5 

101.7 

112.1 

27.1 

96.7 

98.6 

Cross-T  rack 

11.3 

48.5 

49.3 

13.5 

26.7 

28.0 

Velocity  (centimeters  per  second) 

Radial 

21.0 

10.7 

11.9 

2.2 

10.1 

10.2 

In-Track 

0.7 

0.7 

0.7 

0.7 

0.7 

0.7 

Cross-T  rack 

1.2 

5.1 

5.2 

1.4 

2.8 

2.9 
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The  relative  radial  errors  are  similar  for  both  scenarios.  In  both  cases,  the  relative  errors  are 
smaller  than  the  RSS  of  the  individual  errors  due  to  the  partial  cancellation  of  the  dynamic 
contributions  from  atmospheric  drag  modeling  errors.  These  results  indicate  that  a radial 
separation  accuracy  of  10  meters  is  achievable  using  the  nominal  tracking  configuration  for  the 
EO-l/L-7  formation.  The  relative  in-track  error  for  scenario  A is  much  smaller  than  the  RSS  of 
the  individual  satellite  contributions  due  to  the  significant  cancellation  of  the  contribution  from 
atmospheric  drag  modeling  errors.  The  relative  in-track  error  for  scenario  B is  nearly  equal  to  the 
RSS  of  the  individual  satellite  contributions  because  the  EO-1  in-track  dynamic  errors  are  small 
and  therefore  provide  little  cancellation  of  the  L-7  dynamic  errors.  As  a result,  the  relative  in- 
track  separation  errors  are  only  slightly  larger  for  scenario  A than  for  scenario  B.  In  both 
scenarios,  the  relative  cross-track  errors  are  nearly  equal  to  the  RSS  of  the  individual  satellite 
contributions  because  the  major  cross-track  error  contributors  are  uncorrelated  measurement- 
related  errors. 

The  change  in  velocity  that  is  needed  to  maintain  a ±25-meter  radial  separation  is 
approximately  2.7  centimeters  per  second  in  the  in-track  direction.  Therefore,  to  accurately  plan 
and  perform  this  maneuver,  the  relative  in-track  velocity  must  be  known  to  about  0.5  centimeters 
per  second.  The  relative  in-track  errors  for  both  scenarios  are  about  0.7  centimeters  per  second 
(3-sigma),  very  close  to  the  accuracy  needed  to  control  the  formation. 

AUTONOMOUS  RELATIVE  NAVIGATION  USING  CROSS-LINK  SATELLITE 
MEASUREMENTS 

The  Flight  Dynamics  Analysis  Branch  of  GSFC’s  GNCC  has  developed  an  Onboard 
Navigation  System  (ONS)  for  autonomous  navigation  using  TDRSS  or  GN  communications 
signals.6'7  The  ONS  extracts  high-fidelity  tracking  measurements  onboard  from  the  forward-link 
communications  signal  and  processes  these  measurements  to  estimate  the  satellite’s  current  state 
and  to  maintain  an  estimate  of  the  satellite  time.  By  making  full  use  of  the  communication,  time, 
and  computing  subsystems  already  available  on  many  NASA  satellites,  the  ONS  is  convenient  to 
implement,  requiring  no  additional  flight  hardware.  This  section  presents  a concept  for  relative 
navigation  using  the  ONS  and  projects  the  navigation  accuracy  achievable  onboard  to  support 
formation  flying  requirements. 

The  ONS  concepts  have  been  extended  to  support  real-time  relative  navigation  to  meet 
formation  sensing  requirements.  Figure  2 illustrates  one  possible  ONS  tracking  configuration  for 
the  coordinated  control  of  a target  and  one  or  more  chase  satellites.  In  this  configuration,  the 
target  satellite  performs  relative  navigation  of  the  chase  satellites  based  on  Doppler  and  possibly 
pseudorange  measurements  derived  from  a cross-link  communications  carrier  signal  transmitted 
from  the  chase  to  the  target  satellite.  The  target  satellite  hosts  the  relative  ONS  algorithms  to 
determine  the  chase  satellite’s  relative  positions  with  respect  to  the  target.  The  target  state  is 
determined  independently  using  another  onboard  navigation  system  (possibly  Global  Positioning 
System  (GPS)  or  GN  ONS).  These  orbital  state  estimates  are  used  in  the  onboard  autonomous 
maneuver  control  software  hosted  on  the  target  satellite  to  plan  the  formation  maintenance 
maneuvers  for  the  entire  fleet.  The  target  satellite  executes  the  maneuvers  required  for  absolute 
formation  control  and  the  chase  satellites  execute  the  maneuvers  required  to  maintain  their 
positions  relative  to  that  of  the  target.  In  this  relative  ONS  configuration,  the  ground  system’s 
role  is  reduced  to  periodic  verification  of  the  system  performance,  providing  a significant 
decrease  in  operations  costs  for  multiple  mission  sets. 

The  GSFC  Flight  Dynamics  Analysis  Branch  has  evaluated  the  accuracy  achievable  using  a 
relative  ONS  for  L-7  position  determination  in  support  of  the  EO-l/L-7  formation  flying 
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Target  Satellite 


Figure  2 Relative  ONS  Tracking  Configuration  Example 


application.  Reference  8 discusses  this  analysis  in  detail.  In  the  proposed  EO-l/L-7 
configuration,  L-7  periodically  transmits  an  S-band  communications  carrier  signal  that  is 
received  by  an  S-band  receiver  on  EO-1.  The  receiver  on  EO-1  accurately  measures  the  relative 
Doppler  and  optionally  pseudorange  on  the  cross-link  signal.  The  ONS  flight  software,  resident 
on  EO-1,  processes  the  cross-link  measurements  to  compute  the  L-7  navigation  data. 

For  this  evaluation,  the  reference  orbits  and  cross-link  measurements  were  simulated  using 
nearly  identical  orbital  parameters  for  the  two  satellites  that  produced  a 1 minute  in-track 
separation,  a 25-meter  mean  radial  separation,  and  right  ascension  of  the  ascending  node 
differences  (ARAAN)  of  0.0,  0.25,  0.5,  1 and  4 degrees.  The  relative  range-rate  between  the  two 
satellites  results  from  gravitational  acceleration  differences  due  to  the  satellite  relative  positions 
and  changing  velocity  in  noncircular  orbits  and  atmospheric  drag  acceleration  differences  due  to 
the  different  area-to-mass  ratios  of  the  satellites.  The  area-to-mass  ratio  used  for  EO-1  was 
approximately  twice  that  of  L-7,  which  augments  the  relative  velocity  contribution  due  to  the 
nonconstant  velocity  of  two  noncircular  orbits.  The  drift  between  the  two  satellites  changes  the 
relative  satellite  separations  inducing  a change  in  the  range-rate  between  the  satellites.  With 
these  satellites  flying  relatively  close  together  in  identical  coplanar  orbits,  the  Doppler  profile 
has  low  dynamic  signature,  varying  between  +9  hertz.  Without  pseudorange  measurements,  the 
relative  position  of  L-7  as  the  chase  vehicle  is  not  directly  observable,  but  must  be  deduced  based 
on  the  weak  dependence  of  the  relative  range-rate  on  the  relative  separation. 

The  performance  of  the  relative  ONS  was  studied  as  a function  of  tracking  measurement 
quality,  tracking  frequency,  and  relative  orbital  geometry  using  simulated  tracking 
measurements.  Simulated  cases  included  processing  only  one-way  Doppler  and  one-way  Doppler 
and  pseudorange  measurements  using  prototype  relative  ONS  flight  algorithms  to  estimate  the 
L-7  position  and  velocity  and  optionally  the  atmospheric  drag  coefficient  and  measurement 
biases.  The  relative  ONS  algorithms  used  to  process  the  cross-link  data  are  an  extension  of  the 
ONS  algorithms  used  with  TDRSS  and  GN  carrier  signals  and  GPS  navigation  signals,  modified 
to  process  cross-link  tracking  measurements  for  estimation  of  the  transmitting  (chase)  satellite. 
Two  tracking  scenarios  were  studied:  1)  two  2-minute  cross-link  contacts  per  orbit  and  2)  three 
5-minute  cross-link  contacts  per  orbit.  Doppler  measurements  were  simulated  using  three  levels 
of  measurement  noise:  1 hertz  (consistent  with  nominal  temperature  compensated  crystal 
oscillator  (TCXO)  performance),  0.1  hertz  (consistent  with  high  quality  TCXO  performance), 
and  0.001  hertz  (consistent  with  ultrastable  oscillator  (USO)  performance).  Pseudorange 
measurements  were  simulated  with  measurement  noise  of  5 meters. 
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Figure  3 Comparison  of  Solutions  Obtained  Using  USO-Quality  Doppler 
Measurements  With  Plane  Separations  of  0.25,  0.5, 1 and  4 Degrees 

In  the  case  of  coplanar  satellites,  TCXO-quality  Doppler-only  simulations  using  a tracking 
schedule  of  two  2-minute  contacts  per  orbit  did  not  provide  sufficient  observability  to  achieve 
filter  convergence.  When  the  Doppler  measurements  were  augmented  with  pseudorange,  the 
radial  position  could  be  determined  to  within  5 meters;  however,  the  in-track  position  errors 
showed  inconsistent  trends  and  the  cross-track  position  was  not  observable.  In  addition,  the 
pseudorange  bias  and  the  atmospheric  drag  coefficient  were  not  observable. 

The  non-coplanar  satellite  configurations  provided  considerably  better  performance. 
Solutions  were  obtained  by  processing  Doppler  measurements  for  these  configurations  to 
estimate  the  position  and  velocity  of  the  chase  satellite  and  the  Doppler  measurement  bias. 
Figure  3 compares  the  root-mean-square  (RMS)  of  the  position  error  components  for  each 
solution.  The  Doppler-only  solution  for  the  case  of  0.25  degree  plane  separation  diverged. 
Solutions  for  the  other  three  cases  appear  to  be  stable  with  errors  progressively  increasing  with 
decreasing  plane  separations,  well  within  the  separation  tolerances  listed  in  Table  1.  The  cross- 
track  position  was  observable  for  the  three  higher  plane  separations.  The  radial  and  cross-track 
position  errors  were  relatively  insensitive  to  the  plane  separations,  with  RMS  en-ors  of  about  0.5 
meters  and  1 meter,  respectively.  The  in-track  error  variation  was  larger.  The  estimated  Doppler 
biases  associated  with  these  solutions  were  seen  to  be  stable  as  well. 

For  the  case  with  0.25  degree  plane  separation  (which  is  the  nominal  EO-l/L-7 
configuration),  stable  position,  velocity  and  Doppler  bias  estimates  were  achieved  when  both 
pseudorange  and  Doppler  measurements  were  processed.  However,  when  estimation  of  a 
pseudorange  bias  was  also  attempted,  it  was  not  observable.  It  was  also  found  that  stable  and 
accurate  position  and  velocity  estimates  are  achievable  if  the  Doppler  bias  is  not  estimated.  For 
all  plane  separations,  position  errors  were  reduced  when  pseudorange  measurements  were 
included  in  the  solutions. 

The  formation  plane  separation  is  not  an  arbitrary  design  parameter  but  is  usually  selected  to 
achieve  groundtrack  cross-track  coincidence  for  a specified  satellite  in-track  separation.  The 
above  analysis  indicates  that  0.5  degree  is  close  to  the  minimal  plane  separation  that  permits 
accurate  onboard,  real-time  estimation  of  the  position,  velocity,  and  Doppler  bias  of  the  chase 
satellite  using  only  Doppler  measurements.  The  relative  radial,  in-track,  and  cross-track  (RIC) 
position  errors  for  .the  0.5  degree  RAAN  separation  case  are  presented  in  Figure  4.  This  solution 
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Figure  4 Relative  RIC  Position  Errors  Using  USO-Quality 
Doppler  Measurements  With  0.5  Degree  Plane  Separation 
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was  obtained  solving  for  the  position,  velocity  and  Doppler  bias  using  USO-quality  Doppler 
measurements.  For  the  same  satellite  configuration,  a solution  obtained  by  processing  moderate- 
quality  Doppler  measurements  (simulated  using  a Doppler  noise  of  0.1  hertz),  indicated  that, 
with  three  5-minute  contacts  per  orbit,  the  relative  radial  position  can  be  estimated  to  better  than 
3 meters.  In  similar  simulations  with  a reduced  tracking  schedule  of  two  2-minute  contacts  per 
orbit  providing  either  the  USO-quality  or  moderate-quality  Doppler  measurements,  the  time  for 
the  relative  ONS  filter  to  converge  to  an  accurate  steady  state  increased,  but  the  accuracy  of  the 
solution  was  not  significantly  improved. 

CONCLUSIONS 

This  paper  presents  a summary  of  orbit  determination  and  prediction  accuracies  achievable 
for  EO-1  and  L-7  under  various  tracking  and  OD  scenarios  and  discusses  expected  relative 
navigation  errors  in  their  formation-flying  configuration. 

A survey  of  orbit  determination  and  prediction  accuracy  studies  previously  performed  for 
EO-1  and  L-7  indicates  that,  regardless  of  tracking  measurement  type,  the  expected  definitive 
3-sigma  position  errors  are  approximately  10,  25,  and  55  meters  in  radial,  cross-track  and  in-track 
directions,  respectively.  Computation  of  the  relative  satellite  positions  by  differencing  the 
independent  OD  solutions  should  satisfy  all  of  the  formation  separation  tolerances,  regardless  of 
the  plane  separation,  except  for  the  radial  separation  tolerance  of  approximately  5 meters.  These 
studies  also  suggest  that  the  independent  OD  accuracies  can  be  improved  using  special  tracking 
and  OD  scenarios.  In  the  case  of  TDRSS  or  GN  tracking,  this  involves  using  high  density 
tracking  (for  example,  approximately  one  pass  per  orbit).  In  the  case  of  using  GPS  for  EO-1 
navigation,  it  may  be  necessary  to  remove  the  measurement  corruption  caused  by  selective 
availability  (for  example,  using  corrections  provided  by  the  Federal  Aviation  Agency’s  Wide 
Area  Augmentation  System  (WAAS),  use  of  differential  GPS  techniques,  or  the  use  of  dual 
frequency  P-code  measurements). 

Covariance  analysis  was  performed  to  investigate  the  impact  of  correlated  dynamic  errors 
on  the  relative  separation  accuracy.  These  results  indicate  that  the  relative  separation  errors 
obtained  using  definitive  solutions  are  8.5-,  50-,  and  47-meters,  respectively,  in  radial,  in-track 
and  cross-track  directions.  Those  derived  from  1 -day-predicted  ephemerides  are  7.4,  49,  and 
112  meters,  respectively.  The  results  derived  from  1-day-predicted  ephemerides  are  applicable  to 
the  case  where  both  EO-1  and  L-7  ephemeris  data  are  prepared  on  ground  and  uplinked  to  the 
satellite.  The  correlation  of  the  dynamic  errors  due  to  solar  flux  uncertainties  provides 
considerable  cancellation  when  the  individual  satellite  position  prediction  errors  are  combined  to 
compute  the  separation  errors.  When  the  correlation  between  satellite  dynamic  errors  is  taken 
into  account,  the  results  indicate  that  a radial  separation  accuracy  of  7.5  meters  (3-sigma)  and  a 
relative  in-track  velocity  of  7 centimeters  per  second  (3-sigma)  are  achievable  using  the  nominal 
tracking  configuration  for  the  EO-l/L-7  formation.  Because  the  actual  area-to-mass  ratios  for 
EO-1  (0.008)  and  L-7  (0.0067)  will  be  much  closer  than  the  area-to-mass  ratios  used  in  the 
covariance  analysis,  the  cancellation  of  the  individual  satellite  radial  and  in-track  prediction 
errors  will  be  more  complete  and  the  growth  of  relative  radial  and  in-track  position  errors  in  the 
3-day  prediction  periods  will  be  smaller  than  these  estimates. 

In  addition,  the  performance  of  a relative  ONS  using  cross-link  measurements  was 
characterized  for  the  relative  navigation  of  a two-satellite  formation  similar  to  EO-1  and  L-7, 
with  RAAN  differences  of  0.0,  0.25,  0.5,  1.0  and  4.0  degrees.  Because  of  the  limited  degree  of 
observability  present  in  the  cross-link  measurements  for  coplanar  satellites,  the  associated 
navigation  performance  is  very  sensitive  to  measurement  quality,  measurement  quantity,  and  a 
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priori  state  knowledge.  Increasing  the  orbit  plane  separation  to  0.5  degree  greatly  improves  the 
potency  of  the  Doppler  measurements  by  increasing  the  variation  in  the  relative  satellite 
dynamics  from  +9  hertz  in  the  coplanar  case  to  a variation  of  ±42  hertz.  It  was  found  that 
position,  velocity,  and  a Doppler  bias  could  be  accurately  estimated  in  the  real-time  relative  ONS 
algorithms  using  only  one-way  Doppler  cross-link  measurements  of  moderate  quality.  Increasing 
the  tracking  frequency  and  duration  reduced  the  time  for  the  filter  to  converge  to  an  accurate 
steady  state,  but  did  not  significantly  improve  the  accuracy  of  the  solution.  For  satellite 
formations  with  a plane  separation  of  0.5  degree  or  greater,  a radial  separation  accuracy  of 
2 meters  (3-sigma)  is  achievable  using  the  relative  ONS  capability  with  USO-quality  Doppler 
measurements. 
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ONBOARD  ORBIT  DETERMINATION  ALGORITHM  BASED  ON 
EARTH  REFERENCED  ATTITUDE  SENSORS 

Hiroshi  IIDA *  * Tatsuaki  HASHIMOTO  + Keiken  NINOMIYA  * 

This  paper  describes  onboard  orbit  determination  algorithm  and  its  performance 
analyses.  The  algorithm  utilizes  earth-referenced  attitude  sensors  such  as  earth 
sensors  or  magnetometers  together  with  attitude  determination  information 
obtained  by  inertial-referenced  sensors  such  as  star  trackers  and  sun  sensors. 

An  extended  Kalman  filter  is  applied  to  estimate  real-time  position  and  velocity 
w.r.t.  an  inertial  frame  by  processing  the  data  of  these  attitude  sensors. 

Several  parametric  studies  are  discussed  from  the  standpoint  of  designing  sim- 
pler and  smaller  algorithm  that  still  meets  a requirement  on  accuracy.  The 
achieved  accuracy  depends  on  the  accuracy  of  an  orbit  propagation  model,  the 
magnitude  of  observation  errors,  and  the  time  step  for  the  Kalman  filtering. 

The  studies  show  that  the  accuracy  by  the  earth  sensor  system  is  about  100 
[km],  while  the  accuracy  by  the  magnetometer  system  is  about  1000  [km]  even 
when  the  simplest  orbit  propagation  model  and  the  worst  observation  errors 
are  assumed.  The  achieved  accuracy  is  somewhat  coarse,  however,  it  is  still 
effective  for  calculating  the  time  of  umbra  and  star  eclipse  by  the  earth,  and 
for  correcting  deflected  sensors’  angle  by  Doppler  shift. 

The  proposed  algorithm  is  effective  for  a relatively  small  and  cost  efficient  satel- 
lites, because  it  requires  no  additional  H/W  weight  and  cost,  as  well  as  because 
it  can  reduce  the  efforts  in  ground  operation  in  which  orbital  information  is  up- 
dated periodically.  Disadvantages  lie  in  the  execution  of  the  algorithms  by 
an  onboard  computer,  and  an  additional  memory  size  to  implement  the  al- 
gorithms. However,  recent  H/W  device  technology  can  solve  them,  and  the 
proposed  algorithm  becomes  available  for  the  near  future  astronomical  satellites 
of  ISAS. 

INTRODUCTION 

A variety  of  schemes  have  been  proposed  for  onboard  orbit  determination  systems.  ([1], 
[2])  Some  schemes  require  a dedicated  hardware  such  as  a GPS  receiver.  Others  require 
no  additional  hardware,  and  utilize  the  equipment  already  onboard  a satellite.  Some  are 
applicable  for  short-term  orbit  estimation  and  some  for  long-term  orbit  prediction. 

For  certain  earth  observing  satellites,  GPS-based  schemes  have  been  adopted  because 
their  missions  have  required  a very  accurate  orbit  determination.  On  the  other  hand,  in  the 
operation  of  the  astronomical  satellites  of  ISAS  launched  so  far,  onboard  orbit  information 
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has  been  periodically  updated  by  ground  supports  for  the  purpose  of  predicting  the  time 
of  umbra/penumbra  and/or  star  eclipse  by  the  earth.  Since  accurate  orbit  determination  is 
not  required  for  such  a purpose,  a heavy  and  expensive  GPS  receiver  cannot  be  adopted  for 
relatively  small  and  cost-efficient  astronomical  satellites  of  ISAS.  Therefore,  the  scheme  is 
selected  that  utilizes  the  attitude  sensors  already  onboard  the  satellites  for  another  function 
such  as  attitude  determination,  and  the  detailed  algorithms  are  studied  in  order  to  apply 
them  to  ASTRO-F,  an  infrared  observatory  of  ISAS  to  be  launched  in  2003,  and  other 
satellites  which  follow  it. 

The  orbit  of  ASTRO-F  is  a sun-synchronous,  near-polar  orbit  whose  conditions  are 
listed  in  Table  1.  ASTRO-F  is  equipped  with  two  star  trackers  and  a fine  sun  sensor  for 
fine  attitude  determination  w.r.t.  an  inertial-referenced  frame,  two  conical  earth  sensors  for 
faulty  attitude  detection,  and  a three-axis  magnetometer  whose  data  is  used  for  an  initial 
attitude  acquisition  and  for  a magnetic  torquers’  control  law  dedicated  to  wheel  unload- 
ing. Since  the  earth  sensors  and  the  magnetometer  can  measure  the  attitude  information 
w.r.t.  an  earth-referenced  frame,  onboard  orbit  determination  scheme  can  be  established 
by  combining  the  inertial-referenced  attitude  determination  with  the  earth  sensors  (named 
as  “earth  sensor  system”)  or  with  the  magnetometer  (named  as  “magnetometer  system”). 


Table  1:  Orbital  Conditions  for  ASTRO-F 


Items 

Value 

(Units) 

Altitude 

750 

[km] 

Eccentricity 

less  than  0.01 

H 

Inclination 

98.4 

[deg] 

Right  Ascension  of  the  Ascending  Node 

6 or  18 

LST 

This  paper  is  organized  as  follows.  The  next  section  describes  the  requirements  on  on- 
board orbit  determination  algorithms  for  the  astronomical  satellites  of  ISAS.  In  the  following 
section,  system  equations  are  introduced  for  the  earth  sensor  system  and  the  magnetome- 
ter system.  The  analyses  are  performed  in  the  subsequent  section,  by  which  the  detailed 
formulae  of  orbit  propagation  models  and  observation  models  can  be  specified  based  on  the 
requirements.  The  specified  algorithms  will  be  verified  by  numerical  simulation  from  the 
standpoint  of  convergence  time  and  robustness  against  initial  conditions.  Conclusions  are 
found  in  the  final  section. 

REQUIREMENTS 

The  requirements  for  designing  the  onboard  orbit  determination  algorithm  should  be 
considered  from  the  standpoints  of  required  accuracy,  permissible  load  and  allowable  pro- 
gram size.  In  general,  the  algorithm  needs  much  load  and  larger  memory  as  the  achieved 
accuracy  becomes  better  by  applying  more  sophisticated  orbit  propagation  models  and/or 
observation  models.  On  the  other  hand,  the  necessary  load  and  program  size  might  be  re- 
stricted by  the  onboard  computer’s  performance  such  as  CPU  capability  and  memory  size. 
In  this  sense,  the  requirement  on  the  accuracy  might  be  contradictory  to  the  requirements 
on  the  others.  Therefore,  an  actual  onboard  algorithm  should  be  developed  by  the  trade-off 
of  these  requirements. 

In  the  following  subsections,  the  requirements  on  accuracy,  load,  and  program  size  are 
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described  for  low  earth  orbiting  astronomical  satellites  of  ISAS. 

Requirement  on  Accuracy 

Regarding  the  astronomical  satellites  of  ISAS  developed  so  far,  the  onboard  orbital 
information  is  updated  for  the  following  two  objectives: 

• To  calculate  the  time  of  umbra/penumbra  and  star  eclipse  by  the  earth  which  are 
inevitable  for  satellite  operations,  especially  for  AOCS  operations, 

• To  correct  attitude  sensors’  angles  deflected  by  Doppler  effect,  or  offset  depending  on 
orbital  position. 

The  requirement  on  accuracy  for  the  first  objective  is  not  so  strict.  By  predicting  the 
time  of  umbra/penumbra,  and  by  disabling  the  output  data  from  sun  sensors  during  that 
period,  it  becomes  possible  to  protect  against  misunderstanding  that  a satellite  has  lost  its 
attitude  or  that  the  sun  sensors  has  been  out  of  order.  Similarly,  the  time  of  star  eclipse 
can  be  used  to  predict  the  time  when  the  star  trackers’  data  should  be  disabled.  In  order 
to  secure  a marginal  time,  the  period  for  disabling  the  sensors’  data  has  been  usually  set 
a few  minutes  longer  than  an  actual  period  of  umbra/penumbra  or  star  eclipse.  It  means 
that  about  1000  [km]  position  accuracy  along  track  direction  is  good  enough  for  the  first 
objective. 

The  requirement  for  the  second  objective  depends  on  the  requirement  on  the  attitude 
determination  accuracy  of  a satellite.  The  outputs  from  the  sun  sensors  and  the  star  trackers 
are  subject  to  be  deflected  by  Doppler  effect,  and  the  deflection  angle  is  about  5 [arcsec] 
at  maximum.  In  addition,  supposing  the  case  that  the  attitude  of  the  satellite  should  be 
determined  w.r.t.  an  inertial  frame,  the  sun  sensors’  output  should  be  corrected  depending 
on  the  position  of  the  satellite  w.r.t.  an  earth-centered  frame,  since  it  is  offset  by  10  [arcsec] 
at  maximum.  In  the  case  where  the  requirement  on  attitude  determination  accuracy  is  less 
than  the  two  values,  accurate  position  information  is  also  required  in  order  to  correct  the 
two  errors.  Figure  1 shows  the  requirements  on  the  position  determination  accuracy  vs.  the 
required  pointing  accuracy.  The  solid  line  and  the  dashed  line  correspond  to  the  deflection 
angle  and  the  offset  angle,  respectively.  Basically,  position  accuracy  is  proportional  to  the 
pointing  accuracy. 


Figure  1:  Requirements  on  Position  Accuracy  vs. 


Required  Pointing  Accuracy 
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For  the  case  of  ASTRO-F,  the  attitude  control  accuracy  shall  be  less  than  30  [arcsec]. 
Assuming  that  at  least  1 [arcsec]  can  be  allocated  to  the  error  after  correcting  those  ef- 
fects, the  requirement  on  position  accuracy  should  be  about  1,000  [km].  It  is  now  evident, 
by  combining  the  requirements  for  the  two  objectives,  the  accuracy  of  the  onboard  orbit 
determination  shall  be  less  than  1,000  [km]  for  ASTRO-F. 

Requirement  on  Load 

The  requirement  on  the  load  to  CPU  shall  be  to  minimize  it.  The  load  can  be  minimized 
by  minimizing  the  required  tasks  in  a single  time  step,  or  by  maximizing  the  time  step  as 
far  as  the  achieved  accuracy  can  meet  the  requirement  on  accuracy.  One  of  the  effective 
ways  to  minimize  the  required  tasks  in  a single  time  step  is  to  simplify  the  onboard  orbit 
determination  algorithm  as  much  as  possible  by  truncating  the  higher  order  terms  in  an 
orbit  propagation  function  or  in  an  observation  function.  This  will  be  discussed  later  in  the 
analyses  of  achieved  accuracy. 

The  allowable  time  step  depends  on  the  orbit  determination  accuracy.  The  longer  the 
time  step  is,  the  more  coarse  the  resolution  of  orbit  determination  becomes,  and  the  resolu- 
tion along  track  direction  can  be  calculated  as  a product  of  7.5  [km/s]  times  the  time  step 
in  second.  As  stated  previously,  the  requirement  on  position  determination  accuracy  shall 
be  less  than  1,000  [km].  Assuming  that  the  allocation  to  the  resolution  shall  be  100  [km], 
and  the  allowable  time  step  shall  be  less  than  13  [sec]. 

Requirement  on  Program  Size 

The  requirement  on  program  size  shall  be  to  minimize  it.  The  allowable  program  size 
depends  on  the  total  memory  size  of  the  onboard  computers.  The  size  of  memory  used  to  be 
very  limited  by  its  expensive  cost  and  by  its  weight.  However,  recent  device  technology  has 
made  it  possible  that  more  than  128  KB  memory  size  is  available  by  a single  RAM  device. 
Compared  with  the  situation  that  the  size  was  only  32  KB  for  the  computers  onboard  the 
satellite  of  ISAS  until  1997  when  ASCA,  an  X-ray  observatory  satellite  was  launched,  the 
requirements  on  program  size  will  be  relaxed  tremendously.  Now,  it  becomes  apparent  that 
the  onboard  orbit  determination  algorithm  may  be  implemented  as  long  as  it  does  not  have 
an  impact  on  the  memory  size. 

Here,  we  will  establish  the  following  strategies  to  make  the  necessary  program  size 
minimized. 

• To  minimize  the  algorithm, 

• To  make  a common  task  executed  in  a subroutine  module,  and 

• To  use  a iterative  routine. 

The  above  strategies  will  be  taken  into  account  in  designing  flight  software  unless  they  do 
not  sacrifice  the  execution  time. 

ALGORITHM 

In  this  section,  onboard  orbit  determination  algorithms  are  described  for  the  earth  sensor 
system  and  the  magnetometer  system  which  will  be  onboard  ASTRO-F.  It  is  assumed  that 
the  attitude  of  a satellite  can  be  determined  by  an  attitude  determination  system  that 
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utilizes  inertial-referenced  sensors  such  as  star  trackers  and  sun  sensors.  It  is  also  assumed 
that  the  attitude  determination  accuracy  of  the  system  is  so  good  that  the  effect  to  the  orbit 
determination  error  can  be  neglected.  At  first,  common  algorithms  are  introduced  for  both 
the  two  systems.  Then,  respective  algorithms  are  described  for  each  of  the  two  systems. 
Throughout  this  section,  the  formulae  are  described  in  continuous  forms.  In  implementing 
the  formulae  to  actual  onboard  software,  they  should  be  transformed  to  discrete  forms. 

Common  Algorithms 

The  algorithms  for  the  onboard  orbit  determination  systems  can  be  formulated  by  ap- 
plying an  extended  Kalman  filter  to  the  system  equation  expressed  as 

x = f(x)  + w , (1) 

y = h (x)  + v , (2) 

where,  a:  is  a state  vector,  f (x)  is  a orbit  propagation  function,  y is  an  observation  vector 
obtained  by  the  earth  sensors  or  the  magnetometers,  h (x)  is  an  observation  function,  or 
equivalently  a mapping  function  from  the  state  vector  to  the  observation  vector,  w is  a 
system  noise,  and  v is  an  observation  noise. 


State  Vector.  The  state  vector  can  be  a combination  of  position  and  velocity  in  a cartesian 
coordinate  or  a spherical  coordinate,  or  it  can  be  a set  of  equinoctial  variables.  The  selection 
of  the  state  vector  might  affect  the  necessary  load  and/or  the  program  memory.  However, 
the  load  and  the  program  size  seem  to  be  affected  much  by  the  selection  of  f ( x ) and  h (a:) 
rather  than  by  the  selection  of  the  state  vector.  Therefore,  the  combination  of  position 
and  velocity  in  a cartesian  coordinate  is  simply  selected  as  the  state  vector  throughout  this 
study.  The  reason  also  lies  in  the  fact  that  the  functions  of  / (a;)  and  h (x)  do  not  contain 
time-wasting  sine  and  cosine  functions.  The  state  vector  defined  w.r.t.  an  inertial  frame 
can  be  written  as 


x — 


X y z vx 


(3) 


Orbit  Propagation  Function.  The  simplest  formula  of  orbit  propagation  function  can  be 
expressed  as 


/(*) 


vx  vy  vz  -x/r3 


(4) 


where,  r = yj x2  + y2  + z2  . Equation  (4)  neglects  J2  and  higher  geopotential  terms. 
Roughly  speaking,  for  a short  term  propagation  within  an  orbital  period,  neglecting  the 
J2  term  results  in  the  position  error  about  10  [km],  and  neglecting  the  other  higher  terms 
results  in  the  position  error  about  1 [km].  Therefore,  when  such  orbit  determination  accu- 
racy is  required,  it  is  necessary  to  include  the  appropriate  higher  terms  in  addition  to  the 
simplest  formula  in  Equation  (4). 

The  error  induced  by  neglecting  higher  terms  depends  on  the  orbit  of  a satellite,  and 
extensive  simulation  study  is  required  to  choose  the  appropriate  higher  terms.  In  addition, 
when  non- zonal  higher  terms  need  to  be  included  in  the  function,  the  onboard  orbit  deter- 
mination system  requires  the  information  on  the  right  ascension  of  the  Greenwich  meridian 
at  a present  time  or  the  absolute  time  by  which  the  meridian  can  be  calculated.  It  means 
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that  an  onboard  clock  system  is  required  in  order  to  calculate  the  meridian,  and  this  ad- 
dition system  will  also  make  the  onboard  orbit  determination  system  more  complex  than 
simply  adding  the  non-zonal  terms  to  the  orbit  propagation  function. 


System  Noise. 


w 


-[ 


0 0 0 


The  system  noise  w can  be  described  as 
T 


w2 


w, 


y 


wz 


(5) 

where,  wx,  wy  and  wz  are  the  summations  of  acceleration  by  air  drag,  solar  pressure,  gravity 
from  the  moon,  the  sun  or  planets  other  than  the  earth,  and  truncated  higher  geopoten- 
tial terms  out  of  the  orbit  propagation  function.  Figure  2 shows  the  normal  standard  of 
truncated  acceleration  along  a single  axis  of  the  inertial  frame  vs.  the  order  of  geopotential 
models  included  in  / ( x ).  The  orbit  elements  of  ASTRO-F  listed  in  Table  1 are  assumed  in 
calculating  the  error. 


Figure  2:  Truncated  Geopotential  Acceleration 


Linearlization  of  Orbit  Propagation  Function.  In  order  to  apply  an  extended  Kalman  filter 
to  the  system  equations  in  Equations  (1)  and  (2),  they  should  be  linearized.  That  is,  the 
derivative  of  / (x)  and  h (x)  should  be  calculated  w.r.t.  the  state  vector.  The  derivative  of 
/ (x)  can  be  calculated,  using  Equation  (4),  as 


0 

0 

0 

1 

0 

0 ' 
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0 
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1 
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0 

0 

0 
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p (Sz2  - r2)  j r 5 

0 

0 

0 . 

(6) 


where,  p is  a gravity  constant.  Even  when  the  Ji  and  the  higher  geopotential  terms  are 
included  in  / (x),  Equation  (6)  can  still  be  applied  for  the  linearlization.  This  can  be 
explained  as  follows:  Let 


/(*) 

x 


fo  (*)  + f (*)  , 

x0  +x' 


(7) 

(8) 
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where,  f0  ( x ) is  the  basic  function  defined  by  Equation  (4),  f'  (x)  is  a set  of  higher  geopo- 
tential terms,  xo  is  a reference  state  vector,  and  x'  is  a small  state  vector  for  linearization. 
Substituting  the  above  equations  into  Equation  (1)  yields 

xQ  + x'  = /0  (x0)  + f (®o)  + ~fax'  + + w • (9) 

Since  the  term  of  df'/d x'  ■ x is  a product  of  two  small  values,  it  can  be  neglected.  Then 
the  above  equation  can  be  divided  into  two  equations  as 

x0  = fo(xo)  + f'(x0)  , (10) 

x'  — -j^x’  + w . (11) 

The  first  equation  is  an  orbit  propagation  function  for  the  reference  state  vector  including 
the  higher  geopotential  terms,  and  the  second  equation  is  a linearized  state  equation  in 
which  the  derivative  is  obtained  solely  by  deriving  f0. 


Other  Algorithms  for  Earth  Sensor  System 

Observation  Vector.  The  observation  vector  can  be  calculated  by  the  output  of  the  earth 
sensors.  Since  the  output  is  basically  a direction  cosine  vector  from  a satellite  to  the  center 
of  the  earth  which  is  defined  w.r.t.  the  body  frame  of  a satellite,  it  should  be  transformed 
to  an  inertial  frame  as  follows: 

V = “^INR — * BODY 2/ ESA  > (12) 

where,  T Ln-r->body  is  a direction  cosine  matrix  from  the  inertial  frame  to  the  body  frame, 
and  yESA  is  the  output  from  the  earth  sensors. 


Observation  Function.  The  simplest  observation  function  for  the  earth  sensors  can  be 
written  as 

h(x)  = —x/r  —y/r  —z/r  J . (13) 

Observation  Noise.  The  observation  noise  is  a summation  of  earth  sensors’  noise,  and  a 
coordinate  transformation  error  induced  by  an  attitude  determination  error.  In  addition, 
the  observation  function  in  Equation  (13)  neglects  the  earth  oblateness,  and  this  also  yields 
an  observation  error.  Furthermore,  an  ordinally  earth  sensor  detects  infrared  emitted  from 
CO2  about  100  [km]  in  altitude.  Because  the  radiance  fluctuates,  this  also  leads  to  an 
observation  error.  The  error  due  to  the  earth  oblateness  is  about  0.1  to  0.2  [deg]  if  no 
correction  is  made.  The  error  due  to  the  radiance  fluctuation  is  about  0.1  to  0.3  [deg],  and 
it  is  almost  impossible  to  correct  it  because  the  prediction  of  the  radiance  fluctuation  is 
very  difficult. 


Linearization  of  Observation  Function.  The  derivative  of  Equation  (13)  can  easily  be  ob- 
tained as 


OX 


(y2  + z2)  /r3 
— xy/r 3 
—zx/r3 


—zx/r3 
—yz/r3 
—yz/r3  (x2-fy2)/r3 


—xy/r3 
(z2  + x2)  /r3 


0 

0 

0 


(14) 


Again,  the  above  equation  is  still  valid  even  if  the  earth  oblateness  is  taken  into  account  in 


formulating  the  observation  function  of  h (x). 
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Other  Algorithm  for  Magnetometer  System 

Observation  Vector.  The  observation  vector  can  be  calculated  by  the  output  from  the 
magnetometers.  Since  the  output  is  basically  a measured  magnetic  field  vector  which  is 
defined  w.r.t.  the  body  frame,  it  should  be  transformed  to  the  inertial  frame  as  follows: 

y = "^INR — >BODY  V MAG  1 (15) 

where,  yMAG  is  the  output  from  the  magnetometers. 


Observation  Function.  A simple  formula  of  observation  function  for  magnetometers  can 
be  formulated  by  assuming  a dipole  model  that  can  be  written  as 


h ( x ) = 


a?H0 


3 (rh\X  + rh^y  + m^z)  x/r 2 — mi 
3 (m \X  + m2y  + rn^z)  y/r2  — rh.2 
3 (mix  + 7^22/  + m3z)  z/r 2 — 7773 


(16) 


where  a2  Hq  is  the  total  dipole  strength  and  is  approximately  7.9  x 1015[Wb-m].  The  vector 
rh.  — [771 1 7712  7713]^  is  a dipole  unit  vector  w.r.t.  an  earth-fixed,  earth-centerd  frame.  It  can 
be  expressed  by  using  the  coelevation  9'm  (~  169  [deg])  and  the  right  ascension  am  of  the 
dipole  unit  vector,  as 


771  — 


sin  9'm  cos  Qm 


sin  9'm  sin  am 


cos  9m 


(17) 


To  calculate  the  right  ascension  of  the  dipole  requires  the  absolute  time  or  the  right 
ascension  of  the  Greenwich  meridian  at  a present  time.  If  the  coelevation  9'm  is  further 
approximated  to  be  exactly  180  [deg],  then  the  absolute  time  is  not  required  for  the  obser- 
vation function,  because  the  dipole  is  assumed  to  be  symmetrically  aligned  with  the  earth 
axis  in  this  case.  (We  call  this  dipole  as  “symmetric  dipole” ) Therefore,  this  approximation 
further  simplifies  not  only  the  observation  function  in  Equation  (16)  but  also  the  onboard 
orbit  determination  system  in  a sense  that  it  does  not  require  an  onboard  clock. 

Similar  to  the  discussion  of  adding  higher  geopotential  terms  to  the  orbit  propagation 
function,  higher  geomagnetic  field  terms  should  be  added  to  the  basic  observatoin  function 
in  Equation  (16)  depending  on  the  required  accuracy  for  onboard  orbit  determination. 


Observation  Noise.  The  observation  noise  is  a summation  of  magnetomers’  noise,  a coor- 
dinate transformation  error  induced  by  an  attitude  determination  error,  and  a geomagnetic 
model  error  due  to  the  truncation  of  higher  geomagnetic  terms. 

Figure  3 depicts  the  truncated  geomagnetic  field  w.r.t  the  order  of  the  geomagnetic 
model  included  in  the  observation  function.  The  number  0 and  1 on  the  longitudinal  axis 
corresponds  to  the  symmetric  dipole  model  about  the  earth  axis  and  the  ordinary  dipole 
model,  respectively.  The  errors  are  evaluated  by  taking  the  normal  standard  over  one 
revolution  of  the  orbit  of  ASTRO-F. 


Linearization  of  Observation  Function.  Similarly  to  the  discusson  on  the  linearization  of 
the  orbit  propagation  function,  H — dh/dx  can  be  substituted  by  the  derivative  of  a basic 
observation  function  which  omits  a set  of  higher  terms.  By  assuming  that  9'm  = 180[deg], 
the  derivative  of  Equation  (16)  can  be  simply  expressed  as 


H = 


a3  Hq 


—3 z (r2  — 5x2)  loxyz  —3x  (r2  — 5z2)  0 0 0 

15xyz  —3z  (r2  — 5y2)  —3y  (r2  — 5z2)  0 0 0 

— 3x  (r2  — 5z2)  —3y  (r2  — 5z2)  — 3z  (3r2  — 5z2)  0 0 0 


(18) 


658 


Degee  of  Geomagnetic  Field  Model 

Figure  3:  Truncated  Geomagnetic  Field  vs.  Degree  of  Geomagnetic  Field  Model 


ACCURACY  ANALYSIS 

In  this  section,  achieved  accuracy  is  investigated  for  the  on-board  orbit  determination 
algorithms  presented  in  the  previous  section.  Kalman  filtering  assumes  that  the  system 
noise  and  the  observation  noise  are  random,  white  Gaussian  noises,  and  the  resulting  error 
in  the  estimated  state  is  also  a Gaussian  noise.  However,  some  of  the  factors  of  these  noises 
cannot  be  regarded  as  random  processes.  For  example,  the  errors  in  the  observation  models 
should  be  regarded  as  bias  noises  rather  than  as  random  noises  for  both  the  earth  sensor 
system  and  the  magnetometer  system.  Therefore,  the  achieved  accuracy  should  be  analyzed 
by  the  combination  of  a random  error  analysis  and  a bias  error  analysis. 

The  random  error  analysis  is  based  on  the  error  covariance  at  its  steady  state.  That  is, 
the  final  values  after  the  Kalman  filters  become  convergent  are  regarded  as  steady  values, 
and  the  expected  values  of  the  error  can  be  calculated  by  taking  the  roots  of  the  corre- 
sponding orthogonal  elements  of  the  error  covariance  matrix.  If  the  system  is  linear,  the 
elements  of  the  matrices  F and  H are  constant,  and  the  solution  can  be  obtained  analyti- 
cally by  solving  the  steady  state  of  Riccati  equation.  However,  since  the  system  equations 
are  nonlinear  for  both  the  two  systems,  it  is  impossible  to  obtain  the  solution  analytically. 
Instead,  extensive  simulation  needs  to  be  carried  out  over  the  probable  ranges  of  the  system 
noise  and  the  observation  noise. 

The  random  error  in  the  estimated  state  depends  on  the  magnitude  of  parameters  such 
as  the  system  noise  w,  the  observation  noise  v,  and  the  time  step  for  Kalman  filtering. 
These  parameters  should  be  decided  not  only  by  the  accuracy  of  the  estimated  state  but 
also  by  the  convergence  time  and  robustness  against  the  error  in  an  initial  state.  These 
characteristics  can  only  be  investigated  by  the  simulation.  In  executing  the  simulation, 
sun-synchronous,  near-polar,  and  low-earth  orbit  is  assumed  that  is  exactly  the  same  orbit 
with  ASTRO-F  as  listed  in  Table  1. 

The  bias  error  analysis  is  performed  based  on  a geometrical  consideration.  Since  the 
dominant  factor  of  the  bias  error  in  an  estimated  state  seems  an  observation  bias  error,  or 
an  observation  model  error  rather  than  the  bias  error  in  the  orbit  propagation  function,  the 
bias  error  analysis  is  dependent  on  the  type  of  sensors  involved  in  the  algorithm.  The  details 
are  described  in  the  following  subsections  for  the  earth  sensor  system  and  the  magnetometer 
system. 
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Accuracy  Analysis  on  Earth  Sensor  System 

The  parameter  ranges  for  accuracy  analysis  on  the  earth  sensor  system  are  listed  in 
Table  2,  together  with  the  selected  values  as  a result  of  the  analysis.  Among  the  factors  of 
the  system  noise,  the  truncated  geopotential  acceleration  is  in  the  range  of  10-6  to  10~2 
[m/s2]  as  shown  in  Figure  2,  while  other  factors  such  as  aerodrag  are  less  than  1 x 10-6 
[m/s2]  for  the  case  of  ASTRO-F.  Therefore,  the  range  of  the  system  noise  is  chosen  so  that  it 
can  cover  the  range  of  the  truncated  acceleration.  The  value  of  1 x 10-2  [m/s2]  corresponds 
to  the  case  where  the  J2  and  the  higher  terms  are  neglected.  The  upper  value  of  1 [m/s2] 
is  chosen  relatively  larger  than  the  actual  system  noise  so  as  to  improve  a convergence  time 
with  a trade  of  degrading  the  achieved  accuracy. 

The  range  of  the  observation  noise  is  chosen  so  that  it  can  cover  the  error  due  to  the 
earth  oblateness  and  the  radiance  fluctuation,  and  the  error  of  the  earth  sensors’  output. 
The  error  of  1 [deg]  is  supposed  to  be  the  worst  error  by  an  ordinary  horizon  scanner,  while 
the  error  of  0.01  [deg]  is  selected  as  a minimum  error  that  cannot  be  achieved  by  any  earth 
sensor  ever  developed  for  a low-earth  orbit.  The  time  step  of  10  [sec]  is  chosen  as  the  longest 
time  step  to  keep  the  resolution  of  position  estimation  within  100  [km]. 


Table  2:  Parameters  for  Accuracy  Analysis  on  the  Earth  Sensor  System 


PARAMETER 

RANGE 

(Unit) 

SELECTED  VALUE 

(Unit) 

System  Noise 

10“° - 1 

[m/s2] 

10-1 

[m/s2] 

Observation  Noise 

0.01  - 1 

[deg] 

1 

[deg] 

Time  Step 

10 

[sec] 

10 

[sec] 

Figure  4 shows  a part  of  the  results  for  random  error  analysis  obtained  by  the  covariance 
analysis  explained  before.  In  the  figure,  random  errors  in  position  and  velocity  are  plotted 
vs.  the  random  error  in  observation.  The  system  noises  of  1 x 10-2  and  1 [m/s2]  are  selected 
as  practical  examples.  The  x,  y,  and  z axes  are  the  along  track,  the  cross  track  and  the 
radial  directions,  respectively.  From  the  figure,  we  can  see  the  following  features: 

• Roughly  speaking,  the  velocity  error  can  be  estimated  by  the  position  error  divided 
by  1000  [sec],  the  inverse  of  the  orbit  mean  motion  for  ASTRO-F. 

• As  the  system  noise  increases,  the  random  error  becomes  less  affected  by  the  obser- 
vation error. 

• The  achieved  random  error  satisfies  the  requirement  of  1000  [km]  position  accuracy 
even  if  the  worst  observation  error  and  a system  noise  of  1 [m/s2]  are  assumed. 

The  last  feature  indicates  that  it  is  not  necessary  to  include  the  J2  and  the  higher  geopo- 
tential terms  in  the  orbit  propagation  function. 

As  for  the  bias  error  analysis  for  the  earth  sensor  system,  the  effect  by  the  observation 
bias  noise  and  by  the  system  noise  should  be  considered.  The  bias  error  in  the  orbit 
propagation  function  leads  to  the  position  bias  error  in  radial  direction  up  to  10  [km]  even 
though  the  J2  and  the  higher  geopotential  terms  are  neglected.  On  the  other  hand,  the  bias 
angle  error  of  the  earth  sensor  leads  to  a bias  position  error  in  along  track  and  cross  track 
directions  which  can  be  calculated  simply  as  a product  of  the  radius  of  the  satellite  and  the 
bias  angle  error. 

Figure  5 shows  the  bias  position  error  vs.  the  bias  angle  error  of  the  earth  sensor.  For 
a low  earth  orbit,  the  bias  angle  error  is  about  0.3  [deg]  by  the  earth  oblateness  or  by  the 
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Observation  Error  [deg] 


Observation  Error  [deg] 


Figure  4:  Random  Error  Analysis  for  Earth  Sensor  System 


infrared  radiance  fluctuation.  We  assume  the  bias  angle  error  is  1 [deg]  at  largest  for  the 
bias  error  analysis.  Therefore,  the  bias  position  error  is  estimated  about  100  [km]. 


Observation  Error  [deg] 

Figure  5:  Bias  Error  Analysis  for  the  Earth  Sensor  System 

Figure  6 shows  the  result  of  a numerical  simulation  in  which  the  selected  values  listed  in 
Table  2 are  applied,  and  the  simplest  formula  of  orbit  propagation  function  in  Equation  (4) 
is  used.  The  result  of  the  simulation  does  not  include  the  effect  by  the  bias  angle  error  in 
the  earth  sensor,  and  it  does  count  in  the  random  noise  in  the  earth  sensor  and  the  system 
noise  in  the  orbit  propagation  function.  An  initial  position  error  of  10000  [km]  is  assumed 
for  each  axis,  and  the  Kalman  filter  becomes  convergent  after  a couple  of  orbit  periods.  It 
means  that  no  a priori  state  vector  is  required  for  a low  earth  orbit. 

Table  3 summarizes  the  achieved  performance  described  in  this  subsection  and  the  re- 
quired conditions  for  the  achievement. 

Accuracy  Analysis  on  Magnetometer  System 

The  parameter  ranges  for  accuracy  analysis  on  the  magnetometer  system  are  listed  in 
Table  4,  together  with  the  selected  values  as  a result  of  the  analysis.  The  range  of  the  system 
noise  is  chosen  in  the  same  manner  as  is  described  for  the  earth  sensor  system.  The  range 
of  the  observation  noise  is  chosen  so  that  it  can  cover  the  truncated  geomagnetic  field  out  of 
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Figure  6:  Simulation  Results  for  the  Earth  Sensor  System 


the  observation  equation  for  the  orbital  condition  of  ASTRO-F  as  shown  in  Figure  3.  The 
range  of  the  sensor  noise,  which  seems  in  the  range  from  10-8  to  10~6  [T]  for  an  ordinary 
magnetometer,  is  within  the  range  of  the  observation  noise. 

Figure  7 shows  a part  of  the  results  for  random  error  analysis.  From  the  figure,  we  can 
see  the  following  characteristics: 

• The  velocity  error  can  be  estimated  by  the  same  discussion  as  is  described  in  the 
analysis  on  the  earth  sensor  system. 

• The  achieved  random  error  satisfies  the  requirement  even  if  the  observation  error  of 
1 x 10-4  [T]  and  a system  noise  of  1 [m/s2]  are  assumed. 

The  last  feature  indicates  that  the  symmetric  dipole  model  is  accurate  enough  as  far  as  the 
random  error  is  concerned,  since  the  truncation  error  in  the  model  is  less  than  1 x 10-5  [T] 
as  depicted  in  Figure  3. 


Observation  Error  [T]  Observation  Error  [T] 

Figure  7:  Random  Error  Analysis  for  Magnetometer  System 

As  for  the  bias  error  analysis  for  the  magnetometer  system,  the  effect  by  the  observation 
model  error  can  be  estimated  using  numerical  simulations.  Figure  8 shows  the  results,  in 
which  normal  standard  of  the  bias  position  error  over  an  orbital  period  is  plotted  against  the 
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Table  3:  Achieved  Performance  and  Required  Conditions  for  Earth  Sensor  System 


ACHIEVED  PERFORMANCE 

Position  Error  Random 
Bias 

X/Y /Z:  less  than  20  / 10  / 20  [km] 

less  than  100  / 100  / 10 

Velocity  Error  Random 
Bias 

X/Y/Z:  less  than  20  / 20  / 40  [m/s] 

less  than  10  / 10  / 100 

Convergence  Time 

less  than  12000  [sec] 

A Priori  State 

Not  Required 

REQUIRED  CONDITIONS 

Earth  Sensor  Random 
Error  Bias 

less  than  1 [deg] 
less  than  1 [deg] 

(earth  oblateness  and  infrared  radiance  errors  included) 

Orbit  Propagation  Model 
Observation  Model 

(see  Equation  4) 
(see  Equation  13) 

Remarks:  X/Y/Z  = Along  r. 

Rack  / Cross  Track  / Radial  directions 

Table  4:  Parameters  for  the  Accuracy  Analysis  on  the  magnetometer  System 


PARAMETER 

RANGE 

(Unit) 

SELECTED  VALUE 

(Unit) 

System  Noise 

10~b - 1 

[m/s2] 

1 

[m/s2] 

Observation  Noise 

io-8  - 10~4 

[T] 

3 x 10~5 

[T] 

Time  Step 

10 

[sec] 

10 

[sec] 

degree  of  geomagnetic  field  model.  We  can  see  from  the  figure  that,  even  if  the  geomagnetic 
field  model  contains  up  to  6 degrees  and  the  associated  orders,  the  position  error  is  more 
than  10  [km].  On  the  other  hand,  the  bias  position  error  due  to  the  system  noise  in  the 
orbit  propagation  function  is  less  than  10  [km]  as  mentioned.  Therefore,  it  is  evident  that 
the  observation  model  error  has  a dominant  effect  to  the  bias  error  in  position. 

From  the  figure,  we  can  also  see  that  the  normal  standard  of  the  position  error  is  still  less 
than  the  required  accuracy  even  if  the  symmetrical  dipole  model  is  assumed.  It  is  true  that 
the  zero-to-peak  error  might  be  a couple  of  times  as  large  as  the  normal  standard.  However, 
it  is  less  expected  from  the  figure  that  the  position  accuracy  is  improved  tremendously  by 
adding  a couple  of  higher  terms  to  the  simplest  observation  function.  Therefore,  numerical 
simulations  are  executed  by  applying  the  simplest  observation  function  together  with  the 
simplest  orbit  propagation  function. 

Figure  9 shows  the  result  of  a numerical  simulation  in  which  the  selected  values  listed 
in  Table  2 are  applied.  The  result  of  the  simulation  includes  the  effect  by  the  observation 
model  error  discussed  above,  as  well  as  the  random  noise  in  the  magnetometer  and  the 
system  noise  in  the  orbit  propagation  function.  An  initial  position  errors  of  8,000  [km]  are 
assumed  for  each  axis,  and  the  Kalman  filter  becomes  convergent  within  an  orbital  period. 
It  means  that  no  a priori  state  vector  is  required  for  a low  earth  orbit.  However,  another 
simulation  result  proves  that  an  initial  position  error  of  10,000  [km]  make  the  filter  divergent 
instead  of  convergent.  Therefore,  the  initial  condition  should  carefully  be  confirmed  by  a 
simulation  for  a different  orbit  other  than  that  of  ASTRO-F. 

It  might  be  possible  to  make  the  filter  convergent  in  such  a case  by  incorporating  the 
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Figure  8:  Bias  Position  Error  vs.  Degree  of  Geomagnetic  Field  Model 


earth  sensors’  data  together  with  the  magnetometers’  data  for  a certain  period  after  the 
filtering  starts.  This  work  is  left  to  be  investigated  for  future  works. 
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Figure  9:  Simulation  Results  for  the  Magnetometer  System 


Regarding  the  achieved  accuracy  by  the  simulation,  it  does  not  meet  the  requirement. 
Another  simulation  result  proved  that  ‘quadrupole’  need  to  be  applied  as  an  observation 
function,  which  makes  the  algorithms  more  complex.  However,  the  requirement  is  supposed 
to  be  relaxed  for  ASTRO-F  up  to  the  achieved  accuracy  of  1500  [km].  Therefore,  we  decided 
not  to  modify  the  observation  model  and  keep  it  to  be  the  simplest  formula  as  given  by 
Equation  16. 

Table  5 summarizes  the  achieved  performance  described  here  and  the  required  conditions 
for  the  achievement. 


CONCLUSION 

Onboard  orbit  determination  algorithms  have  been  established  for  two  systems  in  which 
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Table  5:  Achieved  Performance  and  Required  Conditions  for  Magnetometer  System 


ACHIEVED  PERFORMANCE 

Position  Error  Random 
Bias 

X/Y/Z:  less  than  500  / 300  / 300  [km] 

less  than  1500  / 800  / 800 

Velocity  Error  Random 
Bias 

X/Y/Z:  less  than  300  / 300  / 500  [m/s] 

less  than  800  / 800  / 1500 

Convergence  Time 

less  than  6000  [sec] 

A Priori  State 

Not  Required  (depending  on  orbital  conditions) 

REQUIRED  CONDITIONS 

Magnetometer  Random 
Error  Bias 

less  than  1 x lO'6  [T] 
less  than  1 x 10~6  [T] 

Orbit  Propagation  Model 
Observation  Model 

(see  Equation  4) 
(see  Equation  16) 

Remarks:  X/Y/Z  = Along  1 

"rack  / Cross  Track  / Radial  directions 

earth  sensors  or  magnetometers  are  applied.  An  extended  Kalman  filter  has  been  applied 
to  estimate  real-time  position  and  velocity.  Orbit  propagation  function  and  observation 
functions  for  the  Kalman  filter  have  been  introduced,  and  their  required  accuracy  has  been 
studied  from  the  standpoint  of  the  requirement  on  accuracy. 

Since  the  requirement  for  the  astronomical  satellites  of  ISAS  shall  be  less  than  1000 
[km]  and  is  not  so  strict,  the  simplest  models  for  these  functions  are  adopted  for  both  the 
two  systems.  The  earth  sensor  system  has  achieved  about  100  [km]  position  accuracy,  and 
this  can  satisfy  the  requirement.  On  the  other  hand,  it  has  been  analyzed  that  accuracy  for 
the  magnetometer  system  is  about  1,500  [km].  However,  the  requirement  can  be  relaxed 
for  ASTRO-F,  and  the  simplest  algorithm  is  still  valid  for  the  satellite. 

Recent  device  technology  has  improved  the  capability  of  onboard  computers,  and  it  is 
expected  that  the  proposed  algorithm  becomes  available  for  the  near  future  satellites  of 
ISAS. 

References 

[1]  Major  C.  S.  Chory  M.  A.,  Hoffman  D.  P.  and  Spector  V.  A.  Autonomous  navigation- 
where  we  are  in  1984.  In  Guidance  and  Control  Conference , pages  27-37,  Ner  York, 
1984.  AIAA. 

[2]  D.W.  Lowrie.  Autonomous  navigation  systems  technology  assessment.  In  1 7th  Aerospace 
Sciences  Meeting.  AIAA,  1979. 


665 


Page  intentionally  left  blank 


AAS  98-355 


A Low  Cost  Approach  to  Simultaneous  Orbit,  Attitude,  and  Rate 
Estimation  Using  an  Extended  Kalman  Filter 
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An  innovative  approach  to  autonomous  attitude  and  trajectory  estimation  is 
available  using  only  magnetic  field  data  and  rate  data.  The  estimation  is 
performed  simultaneously  using  an  Extended  Kalman  Filter,  a well  known 
algorithm  used  extensively  in  onboard  applications.  The  magnetic  field  is 
measured  on  a satellite  by  a magnetometer,  an  inexpensive  and  reliable  sensor 
flown  on  virtually  all  satellites  in  low  earth  orbit.  Rate  data  is  provided  by  a 
gyro,  which  can  be  costly.  This  system  has  been  developed  and  successfully 
tested  in  a post-processing  mode  using  magnetometer  and  gyro  data  from  4 
satellites  supported  by  the  Flight  Dynamics  Division  at  Goddard. 

In  order  for  this  system  to  be  truly  low  cost,  an  alternative  source  for  rate  data 
must  be  utilized.  An  independent  system  which  estimates  spacecraft  rate  has 
been  successfully  developed  and  tested  using  only  magnetometer  data  or  a 
combination  of  magnetometer  data  and  sun  sensor  data,  which  is  less  costly 
than  a gyro.  This  system  also  uses  an  Extended  Kalman  Filter.  Merging  the 
two  systems  will  provide  an  extremely  low  cost,  autonomous  approach  to 
attitude  and  trajectory  estimation. 

In  this  work  we  provide  the  theoretical  background  of  the  combined  system. 
The  measurement  matrix  is  developed  by  combining  the  measurement  matrix 
of  the  orbit  and  attitude  estimation  EKF  with  the  measurement  matrix  of  the 
rate  estimation  EKF,  which  is  composed  of  a pseudo-measurement  which 
makes  the  effective  measurement  a function  of  the  angular  velocity.  Associated 
with  this  is  the  development  of  the  noise  covariance  matrix  associated  with  the 
original  measurement  combined  with  the  new  pseudo-measurement.  In 
addition,  the  combination  of  the  dynamics  from  the  two  systems  is  presented 
along  with  preliminary  test  results. 
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INTRODUCTION 


Most  missions  supported  by  NASA  have  an  attitude  and  orbit  determination 
requirement.  In  most  cases,  the  attitude  estimation  is  performed  onboard  the  satellite. 
However,  the  orbit  determination  is  performed  primarily  on  the  ground  post  pass.  Efforts 
are  underway  to  provide  for  spacecraft  onboard  autonomous  orbit  determination. 
However,  these  efforts  are  somewhat  expensive  and  have  limited  availability  which  makes 
them  less  attractive  to  the  multitude  of  missions  being  launched  with  very  modest  attitude 
and  orbit  requirements  as  well  as  modest  budget.  Up  to  this  point  their  options  were  quite 
limited  due  to  the  expense  of  space  qualified  attitude  determination  hardware  as  well  as 
the  expense  of  ground  based  and  GPS  based  orbit  determination. 

In  this  work,  the  EKF  used  to  estimate  the  orbit  and  the  attitude  is  expanded  to 
include  the  estimation  of  the  rates.  The  effective  measurement  used  by  the  EKF  now 
includes  the  difference  between  the  observed  and  expected  magnetic  field  and  the 
derivative  of  this  difference.  A corresponding  noise  covariance  matrix  is  developed.  The 
combined  filter  dynamics  are  straightforward  and  requires  input  regarding  external 
torques  on  the  spacecraft.  Results  from  simulated  data  are  presented  following  the 
theoretical  background  of  the  EKF. 

The  resulting  system  is  expected  to  provide  low  cost  navigation,  i.e.  attitude,  orbit, 
and  rates,  for  low  earth  orbit  satellites.  The  system  relies  on  existing  hardware,  namely, 
magnetometers,  sensors  that  are  carried  on  virtually  all  low  earth  orbit  satellites.  There 
has  been  only  1 reported  failure  of  a magnetometer  for  missions  supported  by 
NASA/GSFC.  Sun  sensors,  if  used,  are  also  extremely  reliable.  Both  sensors  are 
currently  available  and  most  importantly,  they  are  flight  qualified.  Comparable  systems, 
such  as  GPS,  are  considerably  more  expensive  and  flight  qualified  receivers  are  not  readily 
available.  Any  mission,  whether  commercial  or  government,  with  coarse  accuracy 
constraints  or  desiring  an  inexpensive  backup  method  for  attitude,  rate,  and  orbit 
estimation  can  use  this  system,  provided  the  satellite  has  an  onboard  computer.  The  impact 
to  the  onboard  processing  will  not  be  significantly  more  than  current  onboard  processing 
and  can  easily  be  accomplished  with  current  computing  technology.  Furthermore,  utilizing 
onboard  processing  reduces  the  cost  of  ground  operations.  Overall,  this  is  an  innovative 
approach  for  a low 

cost,  coarse  attitude  and  trajectory  estimation  system. 

THEORETICAL  BACKGROUND 

Following  is  a summary  of  the  EKF  algorithm.  The  assumed  models  of  the  EKF  are 
given  as: 

System  Model: 


X(t)  = f(X(t),t)  + TO(t) 


(1) 
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Measurement  Model: 


Zk=hk(X(tk))+Hk  (2) 

Update  Stage 

The  linearization  of  equation  (2)  results  in 

?k  = Hk  Xk  4^k  (3) 


where  Hk  is  the  measurement  matrix  of  the  new,  combined  filter.  Hk  is  composed  of  sub- 
matrices which  reflect  the  dependence  of  the  effective  measurement  zk  on  the  state  vector, 
Xk  which  contains  the  orbital  elements,  the  attitude  quaternion,  and  the  angular  velocity. 

XkT  = [a,  e,  i,  Cl,  w,  0,  Cd,  q,  co] 


where: 

a = semi-major  axis 
e = eccentricity 
i = inclination 

Cl  = right  ascension  of  ascending  node 
w = argument  of  perigee 
0 = true  anomaly 
Cd  = drag  coefficient 
q = attitude  quaternion 
co  = rotation  rate 

The  measurement  matrix  is 


H0  Ha  0 

0 0 [b  x] 


(4) 


Where  Ho  and  Ha  are  the  submatrices  reflecting  the  dependence  of  the  orbital  components' 
and  the  attitude4,  respectively,  on  the  effective  measurement. 

The  effective  measurement,  zk  contains  two  elements,  z\  and  Z2.  The  first  is  the 

difference  between  the  measured  and  observed  vector1  and  the  second  element  is  the 
difference  in  the  derivatives  of  the  measured  and  observed  vectors2.  Taking  the 
derivatives  of  the  observed  and  measured  vectors  brings  in  a dependence  on  the  angular 
velocity  through  the  formula: 


D1  f = b+coxb 


(5) 


where:  co  = angular  velocity  vector 

r_=  reference  magnetic  field  vector  resolved  in  inertial  coordinates 
D1  = transformation  from  inertial  to  body  coordinates 
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b = observed  magnetic  field  vector  resolved  in  body  coordinates 

Incorporating  the  noise  into  the  reference  and  observed  magnetic  field  vectors,  (5)  can  be 
written  as 


b-D‘ r =[bx]co +[tibx]ffl -T]b  + D‘ ti. 


(6) 


where:  = reference  vector  noise 

Ub  = measurement  vector  noise 

Hi,  =Oluc-r|ijc-i)/A 

[-  x]  = anti-symmetric  matrix  composed  of  the  elements  of  b 
The  second  element  of  the  effective  measurement  is  then  formally  defined  as 

z2  =(b-Dqi)-[bx]©est  (7) 

Where  co^t  is  the  current  estimated  rate. 

Assuming  the  noise  from  the  reference  vector  to  be  zero,  the  noise  terms  in  (6)  can  be 
combined  into 


Ud=h“x]T]b-Tfc 

The  measurement  noise,  ub  is  augmented  with  the  noise  3d  into  the  noise  vector,  tj,  of  (3). 
In  order  to  use  this  in  the  filter  the  covariance  matrix  R is  computed  as 


If  the  magnetometer  is  calibrated  such  that  the  measurements  have  no  bias  E(ni}  and 
E{Ud}  are  zero  and  R becomes 


El 

hT2,T] 

Ei 

1 

m 

1E 

(10) 


The  matrix  E{t}iT  2iT}  is  the  noise  covariance  matrix  for  the  magnetometer  measurement. 
Based  on  the  assumption  that  the  rji,k  and  hum  are  independent,  the  E{ridT  rjdT}  becomes 
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Ebd  HdT}  = DRtam  DT  + (1  / A1  )Rta.u 


(11) 


where.  A = the  time  difference  between  the  current  and  the  previous  measurement 
The  matrix  D is  computed  as 


D = [©  x]  + (l/A)I 

The  noise  covariance  matrix  then  becomes 

_ ^TAM  R-TAM  D 

-DRjam  DRtamD  +(1/A  )Rxam 


(12) 


(13) 


The  update  of  the  state  vector  and  covariance  matrix  is  performed  using  the  standard 
EKF  equations 


Xk(+)  = Xk(-)+KkZk 

(14) 

Pk(+)  = (I-KkHk)Pk(-)(I-KkHk)+Rk 

(15) 

where  the  gain  matrix,  Kk  is  computed  as 

Kk=Pk(-)HkT(HkPk(-)Hk+Rk) 

(16) 

The  state  vector,  x,  given  in  (14)  is  the  internal  state  used  by  the 
internally  to  estimate  the  angular  error  in  the  attitude  (in  addition 
elements)  which  is  then  converted  to  the  quaternion  given  in  the 

..  . . ....  . . A 

EKF.  This  form  is  used 
to  the  other  state  vector 
state,  X,  above.  This  is 

the  so-called  ‘multiplicative’  approach4. 


The  above  derivation  is  valid  for  a magnetometer.  For  another  sensor,  such  as  a sun 
sensor,  the  following  changes  must  be  made.  First,  since  another  sensor  is  not  influenced 
by  the  orbit,  the  measurement  matrix  in  (4)  is  replaced  with 


H 


k 


o Ha  0 

0 0 [b  x] 


(17) 


where  b is  the  measured  vector.  The  effective  measurement,  z,  is  based  on  the  sensor 
measurements  of  the  given  sensor  and  is  computed  as  for  the  magnetometer.  The 
computation  of  R is  as  given  in  (13)  with  RTam  replaced  with  the  noise  covariance  matrix 
of  the  given  sensor.  Based  on  the  results  of  Reference  4,  the  3 rd  and  6th  rows  of  Hk  in  (17) 
above  and  the  corresponding  rows  and  columns  of  R are  removed.  This  is  to  prevent 
singularities  from  a line  of  sight  sensor. 
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Propagation  stage 

The  propagation  of  the  state  estimate,  based  on  equation  1 is  performed  as 

X = f(X(t),t)  (18) 

The  updated  estimate  of  the  state  vector,  Xk(+)  is  propagated  from  time  tk  to  tk+i  by  a 

numerical  solution  of  the  continuous  dynamics.  The  orbital  dynamics  are  non-linear  and 
describe  a central  force  including  both  J2  effects  and  drag".  The  differential  equation 
which  governs  the  propagation  of  the  quaternion  is  linear  and  is  dependent  on  the 
estimation  of  the  spacecraft  rotation  rate5.  The  spacecraft  dynamics  are  used  to  propagate 
the  rate  estimate.  The  dynamics  model  of  the  spacecraft  is  non-linear  and  the  method  of 
solution  is  given  in  Ref.  2. 

The  propagation  of  the  covariance  matrix  is  performed  using  the  following 

Pk+i  (“)  = Ak  (Xk  (+))Pk  (+)  AkT  (Xk  (+))  + Qk  (19) 

where  Qk  is  the  spectral  density  matrix  of  m(t)  and  Ak  is  the  approximated  transition 
matrix.  Ak  is  computed  using  the  following  first  order  Taylor  series  expansion 

Ak  = I + FAT  (20) 

where  AT  is  the  time  interval  between  reaction  wheel  data.  The  Jacobian  F is  derived  for 
the  orbital  dynamics  in  Ref.  3,  for  the  attitude  dynamics  in  Ref.  4,  and  for  the  spacecraft 
dynamics  in  Ref.  2. 

RESULTS 

The  initial  testing  of  the  above  EKF  was  performed  with  simulated  spacecraft  data. 
The  spacecraft  in  the  simulation  is  the  Rossi  X-ray  Timing  Explorer  (RXTE)  satellite. 
Table  1 specifies  the  true  state,  the  initial  state  used  by  the  EKF,  the  initial  covariance,  and 
the  initial  RSS  errors  in  position,  velocity,  attitude,  and  rates.  The  simulation  is  based  on 
an  actual  spacecraft  ephemeris,  not  a two-body  propagation.  The  simulation  contains  6 
hours  of  data,  which  is  equivalent  to  approximately  3.7  orbits.  Magnetometer  and  sun 
sensor  measurements  were  generated  every  2 seconds,  without  any  noise.  The  spacecraft 
is  inertially  pointed  in  the  simulation;  there  are  no  attitude  maneuvers.  Therefore,  the 
control  data  necessary  for  propagation  of  the  rate  estimate  is  nominal.  The  measurement 
noise  for  the  magnetometer  and  sun  sensor  are  0.01  degrees  and  50  milliGauss, 
respectively.  The  relatively  large  value  chosen  for  the  magnetometer  measurement  noise 
is  a result  of  previous  testing  of  the  EKF  for  attitude  and  orbit  estimation  and  only  orbit 
estimation  based  on  magnetometer  data. 
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Figures  1 and  2 show  the  errors  in  the  position.  Figure  2 shows  the  position  errors 
with  an  expanded  vertical  axis.  After  1 orbit  the  maximum  position  error  oscillates 
between  ±40  km,  with  an  average  of  approximately  0 km.  Figure  2 also  indicates  that  the 
orbit  has  not  yet  converged.  Due  to  the  low  inclination  of  the  RXTE  orbit,  the  orbital 
elements  take  a considerable  amount  of  time  to  reach  steady  state  as  shown  in  Reference 
1 . Figure  3 is  a plot  of  the  attitude  errors  about  each  of  the  spacecraft  axes.  The  values 
oscillate  between  approximately  ±1  degree.  The  average  error  is  different  for  each  of  the 
three  axes.  Figure  4 shows  the  errors  in  the  rate.  The  rate  errors  show  a significant 
overshoot  at  the  beginning  and  then  slowly  converge  throughout  the  run.  Errors  in  the 
rate  contribute  to  the  errors  in  the  attitude  estimate,  this  is  evident  in  Figure  3.  Additional 
tuning  is  necessary  to  determine  if  the  final  errors,  and  the  size  of  the  oscillations  and 
initial  overshoot  can  be  reduced.  Extending  the  length  of  the  simulated  data  span  is 
necessary. 


Table  1 Truth  Model  and  Initial  Conditions 


State  Variable 

Truth 

Initial  State 

Initial 

Initial  Errors 

Covariance 

a (km) 

6956.7 

7156.74 

10000 

RSS  position  error  = 1948  km 

e 

0.00197 

0.002074 

0.0001 

RSS  velocity  error  = 2.1  km/sec 

i (deg) 

22.96 

22.5 

1 

n (deg) 

109.74 

110.735 

10 

co  (deg) 

220.04 

225.036 

100 

9 (deg) 

18.19 

28.19 

100 

cd 

2.2 

0.000 

0 

q(i) 

0 

0.0454 

,01§ 

RSS  attitude  errror  = 8.8  deg 

q (2) 

0 

0.0416 

q(3) 

0 

0.0454 

q(4) 

1 

0.99710 

wx (deg/sec) 

0 

0.0001 

(0.1)2 
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CONCLUSIONS 

The  initial  test  results  indicate  that  the  EKF  has  the  potential  to  simultaneously 
estimate  a spacecraft  orbit,  attitude,  and  rates.  Final  position  errors  less  than  40  km, 
attitude  errors  less  than  1 degree,  and  rate  errors  less  than  7e'5  deg/sec  resulted  from  the 


?This  is  the  apriori  covariance  of  the  angular  error  in  the  quaternion,  see  Ref.  1.  This  value  is  used  for 
each  component  of  the  error. 
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first  test  case  based  on  the  simulated  RXTE  magnetometer  and  sun  sensor  measurements. 
The  initial  test  case  consisted  of  clean,  simulated  magnetometer  and  sun  sensor  data 
covering  approximately  3.7  orbits.  Further  tuning  and  additional  data  are  necessary  to 
reduce  the  final  errors. 

Future  tests  will  be  conducted  on  noisy,  simulated  data  based  on  an  inertial  attitude. 
Maneuvers  will  then  be  inserted  into  the  data  to  determine  if  the  EKF  can  detect  and 
follow  the  maneuver.  Finally,  the  EKF  will  be  tested  with  real  spacecraft  data,  ideally 
from  a number  of  missions  such  as  the  existing  RXTE,  Total  Ozone  Mapping 
Spectrometer,  Gamma  Ray  Observatory,  Transition  Region  and  Coronal  Explorer 
(TRACE)  and  the  future  Wide  Field  Infrared  Explorer  (WIRE)  mission.  The  final  test  will 
consist  of  a real  time  test  onboard  a spacecraft. 
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Figure  1.  Position  Error  Components 


Figure  2.  Position  Error  Components  — Expanded  Vertical  Axis 
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Figure  3.  Attitude  Error  Components 


Figure  4.  Rate  Error  Components 
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EFFECTS  OF  ORBIT  ECCENTRICITY  ON  TSS-1 
PENDULUM-LIKE  OSCILLATIONS 

S.  Bergamaschit,  G.  Colombattit 
P.  Merlina* *  and  A.  Sinopoli** 

TSS  is  the  largest  manned  structure  to  have  flown  in  space  to  date,  and 
its  dynamic  behavior  involved  oscillations  over  a wide  range  of 
frequencies.  Although  its  major  dynamic  characteristics  are  readily 
predicted,  advanced  applications  of  long  tethers  require  verification  of 
the  theoretical  models;  moreover,  higher  frequency  oscillations,  which 
are  essentially  random,  are  more  difficult  to  predict. 

Assuming  the  experimental  data  of  the  TSS-1  mission  flown  in  August 
1992  as  its  starting  point,  this  paper  analyzes  the  effects  of  the 
eccentricity  of  the  Shuttle  orbit  on  the  plane  libration  of  the  tether.  Under 
the  assumption  of  small  angles,  the  study  aims  to  justify  the  presence  of 
fundamental  frequencies,  their  multiples  and  combination  tones  in  the 
experimental  spectra  in  the  range  between  10‘4  and  10'3  Hz. 

First  and  second  order  perturbation  techniques  are  then  adopted  to 
identify  limiting  values  of  the  eccentricity  for  stable  motions,  an 
approximate  solution  and  the  corresponding  spectrum  structure. 

INTRODUCTION 

The  TEID  (Theoretical  and  Experimental  Investigation  of  TSS  Dynamics)  research, 
carried  out  by  Silvio  Bergamaschi  as  Principal  Investigator  along  with  several  co- 
investigators  (**),  has  analyzed  data  from  a variety  of  instruments  to  study  Tethered 
Satellite  System  dynamics.  The  primary  instruments  were  the  accelerometers  and  gyros  on 
board  the  satellite;  however,  tether  tension  and  length  measurements,  and  magnetic  field 
measurements  were  also  used.  The  dynamics  was  observed  in  real  time  at  the  Marshall 
Space  Flight  Center  (MSFC)  Payload  Operations  Control  Center  (POCC)  and  was  then 
subjected  to  detailed  postflight  analysis. 

The  main  purpose  of  the  research  program  to  study  the  dynamics  of  the  tethered 
satellite  system-mission  1 (TSS-1),  flown  in  August  1992,  has  been  to  compare  the 
expectations  of  mathematical  models  already  implemented  with  the  experimental  data 
obtained  from  the  pertinent  instruments. 
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It  is  well  known  that  the  study  of  tethered  systems  in  space  is  an  intriguing  problem. 
In  particular,  in  the  case  of  TSS-1  dynamics,  the  main  simulation  difficulty  is  almost 
entirely  due  to  the  wide  spectrum  of  the  oscillatory  components  of  the  motion;  thus,  if 
purely  numerical  methods  are  used  to  solve  the  dynamics  equations,  the  integration  step 
must  be  small  and  it  is  likely  that  a great  amount  of  computer  time  will  be  required.  This  is 
the  reason  which  motivated  the  implementation  of  less  general  models,  usually  amenable  to 
semi-analytical  solutions,  in  order  to  gain  deeper  insight  into  some  aspects  of  the  motion. 
This  approach  has  been  particularly  useful  in  the  case  of  modal  analysis  of  the  system,  so 
that  more  than  one  model  has  been  proposed  by  several  authors.  Longitudinal  and  lateral 
in-plane  and  out-of-plane  vibrations  of  the  tether  were  then  investigated,  and  the  effects  of 
the  coupling  between  different  modes  evaluated1'5. 

The  first  results  of  the  comparison  between  theoretical  and  experimental  investigation 
of  the  TSS-1  mission  have  been  already  presented  to  the  scientific  community6;  the  main 
conclusions  that  can  be  drawn  are  as  follows: 

1.  the  comparison  demonstrates  a good  agreement  between  the  most  important 
frequencies  from  mathematical  models  implemented  and  those  obtained  from  the 
mission  data; 

2.  quite  frequently,  the  experimental  spectra  analyzed  exhibit  more  spikes  than 
expected;  among  others,  this  is  also  the  case  of  frequencies  between  10~2  and  10'1 
Hz,  which  should  be  linear  superposition  of  fundamentals  predicted  by  linear 
models  and  attitude  oscillations  of  the  subsatellite,  and  of  frequencies  between  1CH 
and  1 O'3  Hz,  which  appear  to  be  linear  superposition  of  the  fundamental  frequency 
with  its  multiples,  perhaps  modulated  by  tether  librations; 

3.  the  presence  of  several  blank  time  periods  in  the  data  flow  has  been  a stringent 
constraint  in  the  numerical  investigation  of  the  experimental  values;  this  has  ruled 
out  the  possibility  of  detecting  very  slow  tether  librations  and  considerably  reduced 
the  accuracy  of  the  estimation  of  some  harmonic  components,  because  of  the 
relatively  poor  resolution  of  the  Fast  Fourier  Transform  at  low  frequencies. 

As  a consequence,  research  was  recommenced  with  a twofold  purpose7: 

4.  to  improve  the  accuracy  of  the  estimation  done  so  far,  by  using  a more 
sophisticated  method  for  data  analysis; 

5 . to  improve  the  mathematical  models,  taking  into  account  possible  nonlinearities  of 
the  system  or  other  perturbations  which  can  explain  the  activation  of  coupling 
between  fundamental  frequencies  and  the  presence  of  combination  tones  in  the 
spectrum. 

As  regards  points  2,  4 and  5,  the  nonlinear  coupling  between  attitude  motion  of  the 
subsatellite  and  tether  vibrations  was  investigated7  and  the  corresponding  frequencies 
obtained  theoretically  matched  the  main  experimental  spikes  between  10~2  and  lO1  Hz 
well.  This  work  is  devoted  to  the  analysis  of  the  effects  of  the  Shuttle  orbit  eccentricity  on 
the  in-plane  lateral  vibrations  of  the  tether,  to  justify  the  experimental  spikes  between  104 
and  10'3  Hz;  as  a preliminary  model,  we  have  studied  the  eccentricity  perturbation  on  the 
tether  pendulum-like  librations. 

Few  papers  in  the  scientific  literature  have  treated  the  question  of  tether  systems  as 
well  as  dumbbells,  that  is,  gravity-gradient  stabilized  satellites,  free  to  librate  in  the  orbital 
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plane  and  moving  in  an  elliptic  orbit.  Schechter8  determined  a complex  solution,  evaluated 
numerically,  using  a first  order  perturbation  technique.  Modi  and  Brereton,  as  a first 
approach9,  proposed  a closed  form  solution  for  the  libration  angle,  using  the  WKBJ 
method.  The  solution  achieved  numerically,  by  neglecting  second  and  higher-degree  terms 
in  the  eccentricity,  made  it  possible  to  determine  the  structure  of  the  spectrum  composed 
by  the  orbital  frequency  n,  the  frequency  of  libration  in  a circular  orbit  a/3/7  and  the 
modulation  products  of  the  foregoing  two  frequencies.  Interesting  results  are  obtained  in  a 
second  paper  by  the  same  authors10.  There,  the  stability  analysis  is  performed  using  the 
concept  of  invariant  surfaces;  they  permit  us  to  state  that  the  limiting  values  of  eccentricity 
for  stable  motions  are  associated  only  with  periodic  solutions  of  the  smallest  amplitude. 
All  the  families  of  periodic  solutions  have  thus  been  identified  using  the  harmonic  balance 
method.  However,  as  emphasized  by  the  authors,  the  numerical  determination  of  periodic 
solutions  and  associated  maximum  values  of  the  eccentricity  involves  a prohibitive  amount 
of  computational  work;  for  the  same  reason,  no  extensive  attempt  has  been  made  to 
determine  complete  sets  of  periodic  solutions. 

Finally,  Ref.  1 1 concentrates  on  the  numerical  search  for  periodic  solutions  with 
specific  initial  conditions  to  evaluate  the  limiting  values  of  the  eccentricity;  but  the 
existence  of  these  periodic  motions  does  not  necessarily  imply  their  stability. 

In  this  paper  the  effects  induced  by  the  orbit  eccentricity  e on  the  pendulum-like 
oscillations  of  TSS-1  are  studied  using  analytical  methods.  Within  the  eccentricity  first 
order  approximation,  the  perturbation  technique  adopted  allows  discussion  of  the  features 
of  the  motion  and  determination  of  the  limiting  values  of  e for  stable  oscillations.  A 
multiple  scale  method  is  then  used  to  investigate  higher  order  perturbations;  the 
approximate  solution,  the  corresponding  spectrum  and  the  error  induced  by  the 
approximation  adopted  are  discussed. 

THE  PROBLEM 

With  reference  to  Figure  1 , consider  the  inertial  reference  system  with  its  origin  on  the 
center  of  the  Earth.  Furthermore,  let  (A,  x,  y,  z)  be  a local  reference  system  with  its 
origin  on  the  Shuttle,  x along  the  local  ascending  vertical,  y belonging  to  the  orbital  plane 
of  the  Shuttle  and  z completing  the  right-handed  reference  system;  (<  j,  k)  are  the  unit 
vectors  along  the  corresponding  axes. 

The  position  vector  of  the  free  extreme  P of  the  tether,  assumed  to  be  a massless  rigid 
rod,  is: 


r=(rA  + x)  i+yj+z  k (1) 

where  rA  is  the  absolute  value  of  the  position  vector  of  the  Shuttle  along  its  orbit.  Adopt 
cylindrical  coordinates  for  representing  the  position  of  P with  respect  to  A \ then: 

x=lcos(pcosd  (2a) 
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y = / coscp  sinO 


(2b) 


z=  I sirup  (2c) 

where  0 and  (p  represent  the  in-plane  and  out-of-plane  libration  angles,  respectively,  and 
/ is  the  tether  length. 

The  expression  of  the  kinetic  energy  7 per  unit  mass  of  the  sub-satellite  is  therefore: 

T=l{iA  + i2Aw2-2lrA[  cp  simp  cos6  + ( w+  0)  coscp  s/7i0]  + 

+2  lrA  w [- cpsincp  sinO  + ( w+  G)coscp  cos0]  + / 2cp2  + / 2(w+  Ofco^cp J (3) 


where  w is  the  true  anomaly.  While,  by  expanding  the  position  | r | of  P as  a function  of 
l/rA  as: 


\r\  = rA 


1+2 — coscp  cosO  + 
V rA 


I 


i 

2 ^ 2 


'A 


(4) 


the  potential  energy  V,  where  fi  is  the  Earth  gravitational  constant,  becomes: 
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' I 

V=~—  1 coscpcosB- 


3 Pcos2^  cos2  6 


2r. 


(5) 


Assume  small  libration  angles  and  investigation  of  the  motion  only  in  the  orbital  plane; 
that  is:  (p  = 0,  9 ~ 0=>  cosQ  ~ 1-  62 '/2  and  sinO  ~ 6. 

The  Lagrangian  density  L becomes: 


L-r 


e2' 


r^  + r^w2  -2lrA(w+9)9  + 2l rAw(w+9Ji1 + /2(iV+0)  1 + 


i-± 


2 


31 


7^27.^ 


(6) 


and  the  motion  of  point  P is  characterized  by  one  degree  of  freedom,  namely,  the  angle  6 
of  libration  with  respect  to  the  local  vertical.  The  corresponding  governing  equation  is: 


Q+W+3^6-^-  9 + ^-9- 

$ 1 1 


JLe+2!^+^  = o 

h2  i i 


(7) 


which  can  be  simplified,  recognizing  that,  from  the  constancy  of  the  angular  momentum: 

h-r^w=  const  (8) 

it  follows  that: 

2rArAw+r%w=0  (9) 

while,  from  the  accelerations  balance  in  the  radial  direction: 

'liA-rA^2  + P/rA  = ° (10) 

The  small  angles  plane  libration  of  the  tether  is  therefore  governed  by: 

e+3^e  = -w  (ii) 

a 

Eq.(ll)  shows  that  the  oscillations  are  forced  by  the  second  derivative  of  the  true 
anomaly  w.  This  is  probably  the  reason  which  motivated  the  transformation  of  the  angle 
9 into  a new  variable  only  depending  on  w,  in  previous  papers  on  the  same  subject. 


681 


In  order  to  analyze  the  effects  of  the  eccentricity  on  the  tether  motion,  we  prefer  to 
maintain  the  dependency  of  9 on  time,  by  adopting  the  following  expression  for  the 
Shuttle  position,  as  a function  of  the  semimajor  axis  a,  the  mean  anomaly  M and  the 
eccentricity  e: 

rA  = a [l-  ecosM+  e2sirfM ) (12) 


which  gives: 


n 

1+  3ecosM+  — e2(1+  3cos2M) 


(13) 


Furthermore,  from  Eq.(12)  and  the  expression  of  angular  momentum  (Eq.(8)),  the 
following  equation  is  obtained: 

h , -2 
w — -~2~  ha 

so  that,  by  putting:  M=  nt  and  fj.  = r?a3,  where  n is  the  mean  motion, 
h2  = /i  a [l-  e2),  and  V 1-  e2  ~ 1-  e2/2,  Eq.(l  1)  becomes: 


e2 

1+  2ecosM+  —(7+  5ecos2M) 


(14) 


9 + 3rf  1+  3ecosnt+  — e2(1+  3cos2nt) 


9 = erf[2sin  nt+  5esin  2nt\ 


(15) 


This  represents  the  equation  governing  the  small  angles  plane  libration  assuming  an 
eccentricity  perturbation  limited  to  the  second  order  terms;  this  seems  to  be  a reasonable 
assumption,  since  in  our  problem  the  typical  values  of  e range  between  1 0'4  and  1 0'3. 
Moreover,  observe  that  in  the  formulation  obtained,  eccentricity  plays  the  role  of  an 
excitation  parameter. 


FIRST  ORDER  PERTURBATION  AND  STABILITY  ANALYSIS 

With  reference  to  Eq.(15),  first  our  attention  is  restricted  to  the  first-order  terms  on  the 
eccentricity.  It  is  easily  recognized  that  the  motion  is  thus  governed  by  a forced  Mathieu 
equation: 


9 + 3n2(  1+  3ecos  nt)  9 = 2r?e  sin  nt  (16) 

which  is  a special  kind  of  Hill’s  equation;  i.e.,  a linear  differential  equation  with  periodic 
coefficients.  The  Floquet  theory  should  therefore  be  used  to  analyze  the  features  of  the 


682 


solutions  and  their  stability.  By  adopting  a new  time  variable:  r = nt,  with 
d/  dt=  d/  dr  (dr/  dt ) = n d/dr  and  cff  dt2  = n2  d2 / dr2 , Eq.(14)  is  thus  reformulated  in 
its  classical  and  well  known  form: 


— j + (5  + £ cos  r)6  = f(r) 
dr 


(17) 


where:  8 = 3,  £ = 3 8 e and  f{r)  = 2e  sin  r. 

No  closed  form  can  be  found  for  the  solutions  of  the  homogeneous  differential 
equation  associated  with  Eq.(17): 


which  has  been  studied  very  extensively,  so  that  stable  and  unstable  regions  in  the  8 — £ 
plane  have  been  determined  completely  for  all  values  of  8 and  e (Figure  2).  In  particular, 
two  normal  solutions  can  be  shown  to  consist  of  the  product  of  an  exponential  function 
and  a periodic  function  of  period  2k.  In  stable  regions  any  periodic  motion  consequently 
can  exist,  which  makes  it  impossibile  to  enumerate  a complete  set  of  stable  solutions. 
Nevertheless,  if  we  are  particularly  interested  in  the  transition  curves  from  stable  to 
unstable  motions,  it  could  be  demonstrated  that,  for  a given  pair  of  transition  values  of  8 
and  £,  Eq.(18)  admits  a periodic  solution  with  either  the  period  2n  or  4k.  Therefore,  the 
limiting  curves  can  be  determined,  by  developing  these  periodic  solutions  in  Fourier  series 
and  obtaining  sets  of  recurrence  relations  for  the  coefficients  of  the  even  and  odd  functions 
of  T,  namely  sin  mr  and  cos  mr,  with  m integer;  the  stable  regions  are  connect  at  the 
points  8 = n2 / 4,  e = 0. 


(18) 


Figure  2.  Regions  of  stable  (shaded)  and  unstable  motion  in  the  6— £ plane. 
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Since  Eq.(17)  is  linear  and  the  forcing  term  is  periodic,  the  stability  of  the  general 
solution  depends  on  the  characteristics  of  the  solutions  of  the  associated  homogeneous 
differential  equation;  while,  it  could  be  demonstrated  that  a forced  solution  of  period  2k 
exists  only  inside  the  regions  of  stable  solutions  for  Eq.(18),  with  the  obvious  exclusion 
of  limiting  curves. 

As  the  forcing  term  in  Eq.(17)  induces  a periodic  oscillation  around  a stable 
configuration,  the  stability  analysis  of  our  problem  can  be  restricted  to  Eq.(18). 

Assume  the  following  values: 

[i  = 3.986-  10s km3  /sec2 
n = 1.158-  1CT3rad/sec 
a = 6673. 8 km 
e=  icr3  + i(r4 

which  correspond  to  the  tether  libration  excited  by  the  orbital  eccentricity  in  the  station- 
keeping phase  of  the  TSS-1  mission.  The  values  for  8 and  £ are,  therefore:  8 = 3 and 
£ = 9 - 1CT3  -5-  9- 10~4,  which,  as  shown  in  Figure  2,  are  completely  inside  the  regions  of 
stable  motion  and  far  enough  from  the  corresponding  limiting  curve. 

The  stability  analysis  within  the  first  order  perturbation  terms  states  the  limiting  value 
of  eccentricity  for  stable  motions  as:  e » 0.3\  within  the  same  approximation,  the  value 
obtained  gives  consistency  to  previous  investigations11,  conducted  numerically  in  an 
attempt  to  identify  periodic  solutions. 


THE  MULTIPLE  SCALES  METHOD 

Although  the  analysis  above  enables  us  to  state  that  the  eccentricity  perturbation  does 
not  imply  unstable  motion  during  the  station  keeping  phase  of  the  TSS-1  mission,  it  does 
not  give  any  information  about  the  features  of  the  motion  and  the  structure  of  the 
corresponding  spectrum. 

To  this  end,  let  us  use  the  multiple  scales  method  to  obtain  an  approximate  solution 
within  a given  order.  As  is  well  known,  the  main  feature  of  the  multiple  scales  method 
consists  in  assuming  that,  given  a perturbative  small  parameter  £,  the  approximate 
solution  depends  not  only  on  £ and  time,  but  also  on  their  product  by  introducing  new 
independent  time  variables: 

TK  = eKt  with:  K=  0,1,2,...  (19) 

which  represent  slower  times  as  the  order  of  approximation  K increases. 

Therefore,  the  time  derivatives  become  developments  in  terms  of  partial  derivatives 
with  respect  to  TK,  as  follows: 
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(20) 


d _dT0  d aT,  d 

dt~  dt  dT0  + dt  <?T7+"'-  0 + £ 1+"' 


dV 


= Dq+  2£D0D1  + £2{p2  + 2D0  D2)+. 


and  the  approximate  solution  can  be  put  in  the  form: 

6^t;  e;  sK  tj  = 6q[T0,  TpT2)  + £07(  Tq,  7~7,  7"2)  + £2  d2{  Tq,  Tp  7"2)  + 0^£3tj  (21) 

where  the  development  of  the  solution  has  been  stopped  at  the  second  order 
approximation.  The  substitution  of  Eq.(21)  in  Eq.(15)  gives: 

+ 2£D(p1  + e2[D f + 2D0  D2)  + Ed-,  + £262 ) + 3H2  [ 1+  3ecosnt+ 


3.2 


e ( 1+  3cos2nt ) 


( d0  + £d1  + £2Q2 ) = en2  [2sinnt+  5esin2nt]  (22) 


By  equating  the  terms  of  equal  powers  in  £ in  Eq.  (22),  and  assuming  that  the 
perturbation  parameter  coincides  with  the  eccentricity,  the  equations  of  motion  at  different 
k-t  h orders  are  obtained. 


Zero  Order  Equation 

At  0-th  order,  the  equation  of  free  librations  in  a circular  orbit  is  obtained: 

D$  6§  + 3r?60  = 0 (23) 

Note  that  the  fundamentals  frequency  co0  = rhj~3  depends  on  the  gravity  gradient  and 
the  motion  amplitude  as  a function  of  T0  = t is  a constant;  its  dependence  on  time  will  be 
determined  at  subsequent  levels  of  approximation.  The  solution  of  Eq.(23)  is  therefore: 

e0(T0.  T„  T2)  = A0(  T,  T2)  e + A0(  T„  Ts)  e™*7’  (24) 

where  A0[TpT2 ) is  the  complex  conjugate  of  A0[TpT2),  and,  from  now  on,  the 
eccentricity  is  represented  by  parameter  £,  in  order  to  eliminate  confusion  with  the 
exponential  representation. 
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First  Order  Equation 


By  substituting  the  solution  (24)  in  the  first  order  equation,  we  obtain: 


D%  e, + <I>$ e, = -2D0  d,\a0( r„ t2)  e + *„( r„ r2)  1 + 


Srfcos  nt  A0i  T-j,  T2)  e m°T°  + A0(  Tf,  T2)  e m°T°  + 2n2sin  nT0  (25) 


which,  after  some  trigonometric  transformations,  gives: 


D?  61  + co20  01  = -2  i coq  D1  A0{  Tv  T2)  e i(0°T°  + 


In  order  to  guarantee  that  the  solution  at  the  first  order  approximation  be  also  periodic, 
all  the  terms  direcdy  depending  on  T0  on  the  right-hand  side  of  Eq.(26),  that  is  the  secular 
terms,  must  be  equal  to  zero.  This  implies: 


so  that  the  amplitude  of  the  motion  does  not  depend  either  on  T0  or  on  T),  and: 
Aq  = Aq[T2).  The  solution  of  Eq.(26)  is,  therefore: 


It  is  worthwhile  observing  that,  at  the  first  order  approximation,  the  perturbative  effect 
of  the  eccentricity  induces  the  appearance  of  new  periodic  oscillations  in  the  motion;  the 
corresponding  frequencies  are  equal  to  the  orbital  mean  motion  and  to  its  combinations 
with  the  fundamental  frequency  of  free  oscillations  in  a circular  orbit.  This  is  in  agreement 
with  the  conclusions  given  in  Ref.  9. 

Second  Order  Equation 

Consider,  now,  the  differential  equation  governing  the  second  order  motion: 


Ao{Ti,T2)  - 0 


(27) 


(28) 
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(29) 


Each  of  the  right  hand  terms  needs  to  be  analyzed  in  order  to  avoid  the  presence  of 
secular  effects  in  the  solution.  For  the  sake  of  brevity,  we  prefer  to  present  the 
substitutions  of  solutions  (24)  and  (28)  on  each  term,  the  determination  of  the  required 
derivatives  and  the  consequent  algebra  in  the  Appendix. 

After  some  calculations,  it  is  possible  to  demonstrate  (see  Appendix)  that  Eq.(29), 

taking  into  account  only  the  terms  depending  on  eico°T° , can  be  expressed  as: 


To  avoid  secular  terms  in  the  solution,  the  expression  within  the  square  brackets  in 
Eq.(30)  must  be  zero.  To  this  aim,  reformulate  the  amplitude  A0  as: 


so  that,  integrating  Eq.(35)  over  T2,  the  dependency  of  /3  on  time  can  be  expressed  as: 


D?o02  + 3 r?d2  = ~ [22  ia)0D2A0(  T2)  + 9r?A0{  T2)] 


eIC0°T°  + c.c.  (30) 


(31) 


so  that: 


(32) 


and  the  right-hand  term  of  Eq.(30)  becomes: 


(33) 


By  separating  the  real  from  the  immaginary  part  in  Eq.(33),  it  is  obtained  that: 


£U0a'  = 0 =>  a = const. 


(34) 


(35) 


(36) 
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while  the  dependence  of  A is: 


A = —ae 
2 


1 1 2243nTl^° 


(37) 


We  are  now  able  to  determine  the  solution  02,  since  all  the  secular  terms  in  the  right 
hand  of  Eq.(29)  have  been  eliminated.  The  differential  equation  governing  the  motion  of 
the  second  order  can  be  therefore  rewritten  as: 


Do  e2  + 3^e2  = -^-A0(T2)  U4  + 3J3)  e'>»+2">7'' 


22 


+ 


+(4-3^3)  ei{co°~2n)T° 


rf  . 0 T 
+ — sin  2nTn  + c.c. 


(38) 


which,  for  02  gives: 
27 


0*  = - 


A0(T2)\-(43  + 5)e 


i(co0+2n)T0 


176 


1 . „ _ 

— sin  2nTn  + c.  c. 
2 0 


(V3-5)< 


i(m0-2n)T0 


+ 


(39) 


Due  to  the  dependence  of  A0[T2 ) on  time,  the  fundamental  frequency  at  the  zero 
order  is  changed  as  follows: 


(0°~C°o  + 22-43£ 


\j~3-\ -f=e2 

22^3  . 


n 


(40) 


and  the  uniform  expansion  of  the  solution  up  to  the  second  order  approximation  is: 

0 = 0O  + s6l  + e202  = a cos  ( co*0t+  + esin  nt+ 

~£ f|{(  1- 243)  cos  [(©J  + n)t + 0O]  + ( 1+  243)  cos  [(©J  - n)f  + / 30]}  ■ 
-£2:y^|(V3- 5)  cos  [co*0-  2r^t+ jd0  -[43  + 5}  cos  [co*  + 2n}t+ 


-e2—sin  2nt+  0 


(41) 
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New  frequencies  are  therefore  activated  by  the  eccentricity  perturbation;  they  are  equal 
to  the  orbital  mean  motion  and  its  multiples,  respectively,  and  to  their  linear  combinations 
with  the  new  fundamental  frequency  co*0. 

On  examining  the  solution  (41),  we  observe  that  the  error  is  0 this  allows  us 

to  determine  the  number  of  terms  for  a valid  uniform  expansion  as  a function  of  the  order 
of  magnitude  of  the  time  interval  considered.  For  example,  the  error  is  0(1),  and  hence, 

the  same  order  of  magnitude  of  the  first  term  60  when  t=  0 (s'3)  - The  solution  (41)  is 
therefore  not  valid  for  t > 0 (e  3) , a case  for  which  an  expansion  up  to  higher  order  terms 

is  required;  on  the  contrary,  for  t>  0 [e'2 ),  the  error  is  0(e),  and  a valid  uniform 

expansion  consists  only  of  the  first  term  90. 

This  implies  that  a second  order  approximation,  as  in  our  case,  gives  an  expansion  for 
the  solution  which  consists  of  the  zero  and  first  order  terms:  9 = 60  + £0l , and  is  valid  for 

t > 0 (e'7),  that  is  during  a few  orbital  revolutions;  the  effects  of  the  second  order  terms 

are  taken  into  account  on  90  and  9\ . For  larger  intervals  of  time,  higher  order  terms  in  the 
uniform  expansion  of  the  solution  must  be  taken  into  account. 

CONCLUSION 

The  effects  of  orbit  eccentricity  on  the  plane  libration  of  the  tethered  satellite  system 
have  been  studied  and  the  stability  of  the  corresponding  motion  has  been  investigated. 

It  has  been  demonstrated  that,  within  the  first  order  approximation,  stable  motion  is 

induced  by  the  nominal  values  of  the  eccentricity  ^e=  1CT3  -*•  7CT4)  for  the  TSS-1  mission 

in  the  station-keeping  phase;  the  transition  from  stable  to  unstable  motion  corresponds  in 
this  case  to  e=  0.3. 

Second  order  effects  have  also  been  considered  and  an  approximate  solution  has  been 
obtained  using  the  multiple  scales  method.  This  showed  that  as  time  increases  the  motion 
spectrum  is  enriched  with  new  frequencies,  which  are  equal  to  the  orbital  mean  motion  and 
its  multiples,  plus  their  linear  combinations  with  the  libration's  fundamental  frequency. 

The  perturbation  induced  during  a few  orbital  revolutions  on  the  amplitude  of  the 
motion  is  of  the  same  order  of  magnitude  as  the  eccentricity,  a value  which  is  negligible  for 
nominal  values  of  eccentricity  in  the  TSS-1  mission.  However,  this  perturbation  should 
become  more  and  more  appreciable  as  e increases  to  values  larger  than  the  nominal  ones; 
in  this  case,  a higher  order  approximation  is  required  to  check  stability  of  the  motion 
during  a given  number  of  orbital  revolutions. 
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APPENDIX 


First  term.  The  substitution  of  solution  (28)  in  the  first  term  -2  D0  D1  61  of  Eq.(29) 
implies  that  it  is  zero: 


D0D,e,  = D0D,\-^A0(T2)  [(l-SjS)  e' 


(co0+n)T0 


+ 


+(1+2^3)  e'>0"n)T° 


+ sin  nT0  + c.c. 


) 


= 0 
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since  both  the  exponential  and  harmonic  terms  depend  only  on  T0>  and  A0  = A0(T2)  is 
independent  of  both  T0  and  Ty 

Second  term.  The  second  term  contains  secular  perturbations,  since  it  is: 

-2D0  D2  e0  = -2/ffl0[D^0(  T2)e  “°T°  - D2A0(  T2)e~iw °T° ' 

Third  term.  This  term  also  can  induce  secular  effects;  it  can  be  expressed  as: 


(l+  3cos2nT0)60  = 


3/  i2nT„  , „-i2nTn 

2' 


1+-(e“'"’  + e 


rto0T0 


A0(T2)eia‘T-  + A0(T2)e 


~-ico0T0 


ei(co0+2n)T0  + ei(co0-2n)T0 


e-i  (co0+2n)T0  + e-i  [co0-2n)T0 


Fourth  term  . Finally  the  fourth  term  cosnT091  can  be  transformed  as: 


cos  nT06 1 = 


( e inJo  + e~inTo  ^ 


~MW  \[l-2j3)el{‘"°*"n  + 


+(l+2^3) 


J(a>0-n)T0 


+ sin 


nTn  + c.c.  i 


(l-243){e'^2n)T"  + ^JA  + (l+243)(ei‘,J‘  + 


+e 


i{(00-2ri)T0\ 


-ijA*Ts) 


(1-2^3)  fe"K+Jn)T"+e-'"»r-  | + 


+(1+243)  y-'o^  + e-'^-^y  +lj 


+ — (V  2nT°  - e ' 2nT° 


) 
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Control  of  the  XMM  orbit  using  momentum  dumping  manoeuvres 

Mats  Rosengren1 

XMM  is  a space  telescope  for  the  X-ray  frequency  band  to  be 
launched  in  August  1999.  It  will  be  operated  in  an  elliptic  Earth 
synchronous  48  hours  orbit  with  an  apogee  altitude  of  about  114000 
km  and  a perigee  altitude  of  about  7000  km.  Because  of  the  Earth 
synchronous  orbital  period  the  triaxiality  of  the  Earth  will  cause  a 
secular  perturbation  of  the  orbital  period.  The  size  of  this  secular 
perturbation  of  the  period  will  depend  on  the  phase  of  the  orbit 
relative  to  the  Earth  rotation,  i.e.  on  the  apogee  longitude.  Regular 
orbit  maintenance  manoeuvres  will  therefore  be  necessary  to 
maintain  the  Earth  synchronisation. 

The  attitude  is  controlled  with  reaction  wheels.  Because  of  the  non- 
cyclic  components  of  the  torque  caused  by  the  solar  radiation 
pressure  and  the  gravity  gradient  these  wheels  will  have  to  be  off- 
loaded at  least  once  per  orbit  This  is  done  by  exerting  small  torques 
on  the  spacecraft  with  thruster  burns.  These  burns  should  be  made 
below  40000  km  altitude  outside  the  period  of  science  observation 
but  within  ground  station  coverage. 

It  is  shown  in  this  paper  that  although  the  attitudes  in  which  the 
momentum  dumping  manoeuvres  can  be  made  in  are  severely 
constraint  to  avoid  blinding  of  attitude  sensors  and  although  the 
size  of  the  momentum  dumping  manoeuvres  are  small  (typically  2- 
4 mm/s)  it  is  possible  to  design  these  manoeuvres  such  that  they  also 
will  correct  the  orbital  period 

This  is  an  innovation  compared  to  the  orbit  control  of  the  ESA 
space  telescope  ISO  for  which  special  orbit  control  manoeuvres  had 
to  be  made. 


Introduction 

The  scientific  observations  with  XMM  will  only  be  made  at  an  altitude  above  40000  km.  There 
will  at  the  very  least  be  55  minutes2  between  the  end  of  these  operations  and  the  loss  of  ground 
station  coverage  before  the  perigee  passages.  In  this  time  the  following  operations  will  take 
place: 


1.  European  Space  Operations  Centre, 
Robert  Bosch  Str.  5 

D-64293- Darmstadt,  Germany 
mrosengr@esoc.esa.de 

2.  In  general  between  120  and  150  minutes 
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• slew  to  an  attitude  suitable  for  the  perigee  passage 

• make  a momentum  dumping  manoeuvre 

• hibernate  the  spacecraft 

The  ground  station  coverage  will  then  be  regained  after  the  perigee  passage  at  least  70  minutes1 
before  the  start  of  the  scientific  operations  at  an  altitude  of  40000  km.  In  this  time  the  following 
operations  will  take  place: 

• de-hibernate  the  spacecraft 

• make  a momentum  dumping  manoeuvre 

• slew  to  the  attitude  for  the  first  scientific  observation 

These  momentum  dumping  manoeuvres  having  magnitudes  in  the  order  of  a few  mm/s  will 
slightly  modify  the  orbital  period.  The  purpose  of  this  study  is  to  investigate  if  these  manoeuvres 
can  be  designed  to  maintain  a perfect  synchronisation  with  the  rotation  of  the  Earth  making  spe- 
cial orbit  maintenance  manoeuvres  superfluous. 


Avionics  design 

The  pointing  of  the  telescope  is  determined  by  a star  tracker  looking  in  the  direction  of  the  tel- 
escope. The  roll  angle  around  the  viewing  direction  of  the  telescope  is  determined  by  a slit  sun 
sensor.  The  normal  attitude  control  mode  is  to  operate  the  reaction  wheels  such  that  the  image 
of  a guide  star  on  the  focal  plane  of  the  star  tracker  is  kept  on  a given  fixed  position  and  that  the 
Sun  is  in  the  meridian  plane  of  the  spacecraft  corresponding  to  the  slit  of  the  sun  sensor. 

The  spacecraft  will  have  a blow-down  hydrazine  Reaction  Control  System  with  2 redundant  sets 
of  thrusters  each  consisting  of  4 thrusters.  All  thrusters  will  give  a force  off-set  with  only  12  deg 
from  the  direction  of  view  of  the  telescope.  The  thrusters  have  different  lever  arms  and  can  be 
operated  to  impart  any  torque  to  the  spacecraft  (Y aw,  Pitch,  Roll)  but  the  direction  of  the  result- 
ing force  will  always  be  within  12  deg  of  the  direction  of  view  of  the  telescope. 


Requirements  on  the  perigee  passage  attitude 

During  the  perigee  passage  the  star  sensor  shall  stay  locked  on  a star.  Bright  objects  like  the  Sun, 
the  Earth  and  the  Moon  would  blind  the  starsensor  and  prevent  it  from  seeing  the  star. 

The  angle  between  the  viewing  direction  of  the  starmapper/telescope  and  the  direction  to  the 
Sun  shall  take  a value  between  70  deg  and  1 10  deg  at  all  times.  With  this  requirement  fulfilled 
the  Sun  will  not  disturb  the  functioning  of  the  starmapper/telescope,  the  sun  sensor  will  see  the 
Sun  (with  an  adequate  roll  control  around  the  x-axis)  and  the  thermal  balance  on-board  the 
spacecraft  will  be  adequate.  The  viewing  direction  must  also  be  off-set  from  the  rim  of  the  Earth 
with  a separation  angle  of  at  least  35  degrees.  Because  of  the  large  apparent  radius  of  the  Earth 
at  low  altitudes  and  the  large  off-set  required  a large  portion  of  the  direction  sphere  is  prohibit- 
ed. The  Moon  being  less  bright  shall  have  a separation  angle  of  at  least  3 degrees.  This  require- 
ment is  in  general  easy  to  fulfil  because  of  the  small  apparent  radius  of  the  Moon  and  the  small 
off-set  required. 


1.  In  general  between  120  and  150  minutes 
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The  possibilities  to  fulfil  both  the  solar  aspect  angle  constraint  and  the  earth  aspect  angle  con- 
straint depends  on  the  orientation  of  the  orbit  relative  to  the  direction  to  the  Sun.  To  iUustrate 
this  dependence  it  is  useful  to  introduce  a right  hand  rectangular  coordinate  system  5,  b,  c de- 
fined by  the  orientation  of  the  orbit  with  the  c-axis  in  the  direction  of  the  orbital  pole  and  with 
the  a-axis  in  the  direction  from  the  centre  of  the  Earth  to  perigee. 

In  figure  1 the  viewing  directions  of  the  starmapper/telescope  fulfilling  these  Sun/Earth/Moon 
constraints  for  the  reference  orbit  from  an  altitude  of  40000  km  before  the  perigee  passage  1999/ 
8/  7 to  the  same  altitude  after  the  perigee  passage  are  displayed.  It  can  be  seen  that  the  right  as- 
cension relative  the  a,  b,  c system  has  to  be  in  the  interval  from  -73  deg  to  58  deg  and  the  dec- 
lination between  19  deg  and  63  deg.  In  figure  2 the  viewing  directions  fulfilling  these  conditions 
for  the  whole  orbit  following  this  perigee  passage  are  displayed.  It  can  be  seen  that  the  declina- 
tion now  is  restricted  to  the  range  between  38  deg  and  63  deg. 


The  gravity  gradient  torque 

In  the  annex  the  following  formula  for  the  perturbing  torque  caused  by  the  gravity  gradient  is 
derived: 


r 

where 

|iis  the  gravitational  constant  of  the  Earth  (398601.3  km**3/sek**2) 
r is  the  distance  from  the  Earth  centre  to  the  spacecraft 

a,  P,  y are  the  direction  cosinus  relative  the  principal  axis  system  for  the  direction  (unit 
vector)  from  the  Earth  centre  to  the  spacecraft 
1 1, 1 2>  1 3 316  die  principal  moments  of  inertia 

The  approximate  numerical  values  of  /1#  /2,  /3  are  5000,  28000  and  29000  kg  m**2.  As  /2  is 
close  to  I ^ the  gravity  gradient  torque  component  around  principal  axis  number  1 (the  x-axis) 
will  be  rather  low.  The  products  (3y , ycc  and  a|3  are  always  in  the  interval  from  -0.5  to  0.5.  The 
maximal  torque  component  that  can  be  obtained  around  a principal  axis  is  therefore  obtained 
around  the  spacecraft  y-axis  at  a low  perigee  passage  (r=  12500  km)  with  an  attitude  such  that 
the  local  vertical  is  in  the  plane  defined  by  the  x-axis  and  the  z-axis  making  an  angle  of  45  deg 
to  these  axis.  This  is  illustrated  in  figure  3.  This  maximal  torque  around  the  z-axis  is  0.007  Nm 
while  the  torques  around  the  x and  the  y axis  are  zero.  The  accumulated  torque  around  the  z axis 
is  zero  over  any  orbital  arch  that  is  symmetric  around  perigee  for  such  an  attitude.  The  accumu- 
lated torque  around  the  y axis  over  the  orbital  arch  from  true  anomaly  -90  deg  to  90  deg  is  18 
Nms  for  the  attitude  of  fig  3.  This  is  largest  accumulated  torque  that  is  possible  over  this  orbital 
arch.  The  intermediate  accumulated  torques  in  this  attitude  over  this  orbital  arch  are  displayed 
in  figure  4.  The  z-component  of  the  accumulated  torque  is  cyclic  with  a maximal  value  of  7 Nms 
at  perigee.  Defining  the  x-axis  to  be  positive  along  the  viewing  direction  of  the  starmapper/tel- 
escope (i.e.  opposite  to  the  conventional  definition  defined  by  the  s/c  contractor)  the  attitude  of 
fig  3 corresponds  about  to  the  mid-point  of  the  area  of  attitudes  adequate  for  the  perigee  passage 
displayed  in  figures  1 and  2 (right  ascension  0 deg,  declination  45  deg). 
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The  orbital  effects  of  momentum  dumping  manoeuvres 


As  said  in  the  introduction  it  is  planned  to  make  momentum  dumping  manoeuvres  to  off-load 
the  reaction  wheels  below  the  altitude  of  40000  km  when  anyway  no  scientific  observations  are 
done.  As  these  momentum  dumping  manoeuvres  have  to  be  executed  within  ground  station  cov- 
erage they  will  typically  be  made  an  altitude  between  30000  and  40000  km  before  and/or  after 
a perigee  passage.  The  delta-V  resulting  from  such  a manoeuvre  will  have  a direction  close  to 
the  direction  of  view  of  the  telescope.  Figure  5 shows  the  change  in  semi-major  axis  resulting 
from  such  a momentum  dumping  manoeuvre  in  the  range  of  possible  perigee  passage  attitudes 
displayed  in  figure  1 under  the  following  assumptions: 

• The  dumping  is  made  at  40000  km  altitude  in  the  attitude  for  perigee  passage 

• The  dumping  is  made  for  the  accumulated  gravity  gradient  torque  passing  from  40000  km 
altitude  down  to  perigee  and  then  back  up  to  40000  km  altitude 

• For  any  possible  right  ascension  (in  the  a,  b,  c coordinate  system)  the  declination  is  chosen 
as  close  to  zero  as  possible,  i.e.  the  x-axis  is  as  close  as  possible  to  the  orbital  plane.  This 
maximises  the  orbital  effects  of  the  dumping  manoeuvre. 

It  is  seen  that  any  change  in  semi-major  axis  between  an  increase  with  219  m (entire  dumping 
before  perigee  and  a decrease  with  217  m (entire  dumping  after  perigee)  can  be  obtained.  The 
data  for  these  cases  are 


Table  1: 


Case 

1 

2 

True  anomaly 

-126.9  deg 

126.9  deg 

Right  ascension 

29.00  deg 

-30.00  deg 

Declination 

36.66  deg 

37.24  deg 

Hxa 

0.64  Nms 

-0.34  Nms 

Hy 

14.56  Nms 

16.01  Nms 

Hz 

7.39  Nms 

-4.45  Nms 

DVx 

3.8  mm/s 

3.7  mm/s 

DVy 

-0.3  mm/s 

0.2  mm/ 

DA 

219  m 

-217  m 

a.  x-  in  the  direction  of  view  of  the  telescope,  y/z  in 
the  orthogonal  plane. 


Other  additional  torques  like  solar  radiation  torque  and  magnetic  torque  will  tend  to  increase  the 
sizes  of  the  momentum  dumping  resulting  in  a somewhat  larger  delta-v  i.e.  the  control  authority 
will  in  reality  be  somewhat  larger! 

Figure  6 shows  the  same  for  the  perigee  passage  attitudes  satisfying  the  Earth  aspect  angle  con- 
straints for  the  full  orbit  as  displayed  in  figure  2.  It  can  be  seen  that  also  in  this  more  restrictive 
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case  the  full  range  of  possible  changes  to  the  semi-major  axis  is  available. 

Figure  7 shows  the  effect  of  a simulated  momentum  dumping  strategy  for  the  reference  orbit 
aiming  at 

• to  get  a maximal  increase  in  semi-major  axis 

• to  have  no  average  effect  of  the  momentum  dumping,  i.e  a situation  similar  to  “free  drift” 

• to  get  a maximal  decrease  in  semi-major  axis 

It  can  be  seen  that  the  control  authority  of  the  momentum  dumping  manoeuvres  by  far  exceeds 
what  is  necessary  to  maintain  a perfect  Earth  synchronisation  and  to  maintain  an  optimal  ground 
station  coverage. 


Conclusions 

After  the  initial  orbit  acquisition  there  should  be  no  need  for  orbit  manoeuvres  to  maintain  the 
synchronisation  of  the  orbital  period  with  the  Earth  rotation.  This  will  instead  be  achieved  by 
the  optimal  design  of  the  momentum  dumping  manoeuvres. 


Annex:  The  gravity  gradient  torque 

If  r is  the  radius  vector  from  the  centre  of  the  Earth  to  the  centre  of  mass  of  the  spacecraft  and 
dr  is  the  radius  vector  from  the  centre  of  mass  of  the  spacecraft  to  a mass  element  with  the  mass 
dm  the  force  on  the  mass  element  due  to  the  Earth  gravitation  can  be  written 


, -Jr  f , dr  dm 
df  = -11-3  dm-\i — — 

r r 


+ ^r{dr\r)dm 


where  r is  the  unit  vector  in  the  direction  of  r and  r is  the  distance  between  the  spacecraft  and 
the  centre  of  the  Earth 

Forming  the  cross  product  dr  x df  and  integrating  over  all  mass  elements  one  gets  the  total 
torque 

J drxdf  = x r(dr\r)dm 


Introducing  a right  handed  orthogonal  coordinate  system  with  z axis  in  the  direction  of  r this 
integral  takes  the  form 
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3H 


-j  • (jyzdm,  -j 'xzdm,  0) 


If  the  same  spacecraft  rotates  around  the  z axis  with  an  angular  rate  co  the  angular  momentum 
is  body  is 


2 2 

co  • (-J xzdm , - J yzdm , Jr  + y dm) 


As  the  rotation  vector  has  the  components  (0,  0,co)  it  follows  that 


2 

co  x M = co  ( ^yzdm,  -J xzdm , 0) 


In  the  principal  axis  system  the  components  of  co  x M are 


co  <py(/3  - I2),  yaOi  - I3),a$(I2  - Ix)) 


where  a,f3,y  are  the  direction  cosinus  of  the  rotation  vector  which  is  in  the  direction  of  r . It 
follows  that  the  gravity  gradient  torque  in  the  principal  axis  system  is 

r 


where 

pi  is  the  gravitational  constant  of  the  Earth  (398601.3  km**3/sek**2) 
r is  the  distance  from  the  Earth  centre  to  the  spacecraft 

a,  (3,  y are  the  direction  cosinus  relative  the  principal  axis  system  for  the  direction  (unit 
vector)  from  the  Earth  centre  to  the  spacecraft 
1 1, 1 2>  1 3 are  the  principal  moments  of  inertia 

Introducing  coordinate  axis  a,  b,  c defined  by  the  orbit  such  that  a points  from  the  centre  of  the 
Earth  to  perigee  and  c is  in  the  direction  of  the  orbital  pole  then 

a = xacos0  + xfcsin0 
P = yacos0  + y^sin0 
y = zacos0  + zfesin0 

where  0 is  the  true  anomaly  and  xa,  xb,  xc , ya,  yb,  yc  and  za,  zb,  zc  are  the  direction  cosinus  of 
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the  principal  axis  with  respect  to  the  a,  b,  c axis. 

As  the  change  of  integration  variable  from  time  t to  true  anomaly  0 is  made  by  the  transforma- 
tion 

dttjyip  = ddr 2 
and  as 

1 _ 1 + ecos0 
r ~ P 


the  time  integral  of  T along  a Kepler  orbit  from  true  anomaly  0L  to  02  can  be  computed  ana- 
lytically by  finding  the  primitive  function  to  a trigonometric  polynomial.  This  primitive  func- 
tion is 


i(0)  + eG^QMh  ~ /3)(F2(0)  + eG2m,(I2  " 'i)(^3(0)  + eG3(Q))) 


where 

Fj(Q)  = Ajd+BjSm(2Q)  - C;cos(20) 
and 


G.(0)  = A.sin0  + B 

J J j 

where 


sin(30) 


suit 


0^_c.('£^0)  + cos6 


Ai  = 

A2  = 

A3  = 

B\  = 

B2  = 
B2  = 

Cl  = 
C2  = 


( yaza  + ybzb ) 

2 

(ZaXg+ZbXb) 

2 

(xaya  + xbyb) 
2 

(. yaza  - ybzb) 

4 

( zaxa~zbxb ) 

4 

(xaya-xbyb) 

4 

(yazb  + ybza ) 

4 

(zaxb  + zbxa ) 

4 
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c3 


(xayb  + xbya) 
4 
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-180.  -160.  -140.  -120.  -100.  -80.  -60.  -40.  -20.  0.  20.  40.  60.  80.  100.  120.  140.  160.  180. 


Right  ascension  (deg) 


Figure  1:  The  possible  viewing  direction  of  the  starmapper/telescope  during  the  perigee  passage  of  the  reference  orbit  99/08/07.  Earth  aspect  angle 
constraint  fulfilled  up  to  altitude  40000  km. 
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Declination  (deg) 


Right  ascension  (deg) 


Figure  2:  The  possible  viewing  direction  of  the  starmapper/telescope  during  the  perigee  passage  of  the  reference  orbit  99/08/07.  Earth  aspect  angle 
constraint  fulfilled  the  whole  following  orbital  revolution 


703 


Figure  3:  The  attitude  resulting  in  a maximal  gravity  gradient  torque.  The  torque  is  in  the  directed  to  align  the  x-axis  with  the  local  vertical.  This 
attitude  also  gives  the  maximal  accumulated  torque  from  -90  deg  to  90  deg  true  anomaly. 


-100.  -80.  -60.  -40.  -20.  0.  20.  40.  60.  80.  100. 


True  anomaly  (deg) 

Figure  4:  The  accumulated  torque  with  an  attitude  as  in  figure  3 from  true  anomaly  -90  deg  to  90  deg.  The  accumulated  Hy  torque  increases  conti- 
nously  to  19  Nms  while  the  accumulated  Hz  torque  is  cyclic  with  final  value  zero 
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Figure  5:  The  range  of  the  possible  changes  in  semi-major  axis  that  can  be  obtained  with  a momentum  dumping  manoeuvre  at  40000  km  altitude 
before  and  after  perigee  with  the  attitudes  of  figure  1.  Forgiven  r.asc.  the  decl.  is  chosen  as  close  as  possible  to  zero 


-J 

o 
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Right  ascension  (deg) 


Figure  6:  The  range  of  the  possible  changes  in  semi-major  axis  that  can  be  obtained  with  a momentum  dumping  manoeuvre  at  40000  km  altitude 
before  and  after  perigee  with  the  attitudes  of  figure  2.  For  a given  right  ascension  the  declination  is  chosen  as  close  as  possible  to  zero 
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Figure  7:  The  range  of  possible  semi-major  axis  developments  (osculating  at  apogee)  that  can  be  obtained  with  momentum  dumping  manoeuvres 
at  40000  km  altitude  in  permissable  perigee  passage  attitudes. 
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AAS  98-358 


RADARSAT  TIME  RATE  OF  MEAN  SEMI-MAJOR 

AXIS  DUE  TO  DRAG 


Said  R.  Marandi  ’ 

A model  of  time  rate  of  the  mean  semi-major  axis  due  to  radiation 
drag  versus  day  of  year  and  orientation  of  RADARSAT  is  developed. 
This  model  takes  into  account  the  periodic  shadowing  of  the  satellite 
by  the  earth  during  the  summer  months.  Through  use  of  this  model, 
the  flight  orbital  data  from  1996-98,  and  a number  of  assumptions, 
the  following  parameters  are  extracted  via  a least  squares  technique: 
(i)  the  aerodynamic  drag  formed  only  about  39%  of  the  net  drag  on 
the  satellite  in  1996;  (ii)  21%  of  the  radiation  on  the  cell  side  of  the 
solar  array  was  reflected. 

Four  pieces  of  evidence  are  offered  for  the  accuracy  of  the  tuned 
model:  (1)  the  flight  measured  time  rate  of  mean  semi-major  axis 
prior,  during  and  after  a ten  day  solar  array  articulation  maneuver 
versus  the  predictions  of  the  tuned  model,  (2)  the  vendor  absorp- 
tance  values  for  the  cell  side  of  the  solar  array  versus  the  deduced 
reflected  portion  of  the  incident  radiation,  (3)  the  increase  of  the 
average  aerodynamic  drag  from  year  1996  to  97  deduced  from  this 
model  versus  the  rise  of  the  solar  flux  at  10.7  cm  wave  length  and 
(4)  qualitative  agreement  between  the  model  and  the  measured  data 
during  1996-98. 

Aside  from  the  operational  significance  of  (i),  once  proven  accurate 
by  accounting  for  the  remaining  fuel  of  RADARSAT  in  year  2001  and 
the  effect  of  solar  cycles  on  the  atmospheric  drag,  this  intelligence, 
markedly  different  from  the  values  estimated  by  previous  studies, 
opens  the  door  to  the  following  consideration:  an  effective  use  of 
radiation  pressure  may  be  made  in  the  design  of  satellites  with  large 
surface  to  mass  ratio  to  reduce  the  needed  fuel  for  periodic  orbit 
corrections. 


'Spacecraft  Dynamics  Engineer  with  Canadian  Space  Agency,  6767  route  de  l’Aeroport,  Saint- 
Hubert,  Quebec  J3Y  8Y9,  Canada.  Phone:  (514)  926-4691,  FAX:  (514)  926-4695. 
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INTRODUCTION 


In  the  following  paragraphs,  the  motive  behind  this  work  is  given.  Throughout 
this  paper  semi-major  axis  is  short  for  mean  semi-major  axis  of  RADARSAT  T 

The  problem  facing  the  flight  dynamics  group  in  preparation  for  the  Antarctic 
Mapping  Mission  of  RADARSAT  was  to  ensure  that  the  ground  track  of  the  satellite 
remained  within  ±5  km  of  the  nominal  track  during  the  sixty  days  of  the  mission.  In 
Antarctic  orientation  one  can  only  lower  the  altitude  of  the  satellite;  in  this  orientation 
the  thrust  vector  is  along  the  velocity  vector  of  the  satellite.  A reliable  estimate  of 
daily  drop  in  the  altitude  of  the  satellite  in  the  Antarctic  orientation,  for  which 
there  was  no  prior  data,  was  needed.  This  estimate  allowed  the  operators  to  raise 
appropriately  the  altitude  of  the  satellite  prior  to  the  Antarctic  Mapping  Mission. 

The  initial  aim  of  the  study  reported  in  this  paper  was  to  estimate  the  daily  drop 
in  the  semi-major  axis  of  the  satellite  in  the  Antarctic  orientation. 

METHODOLOGY 

In  the  following  paragraphs,  the  method  employed  to  estimate  the  constituents  of 
drag  on  the  satellite  is  outlined. 

The  modus  operandi  in  this  study  was  to  base  all  estimates  on  the  flight  data 
collected  during  the  first  two  years  of  the  operation  of  the  satellite.  Furthermore, 
I considered  the  solar  radiation  phenomenon  much  better  understood  than  the  at- 
mospheric conditions  in  exosphere.  As  a result,  I wrote  a model  of  time  rate  of 
semi-major  axis  a(a,p,t ) due  to  the  solar  radiation  as  a function  of  two  parameters: 
articulation  angle  of  the  solar  array  a and  the  ratio  of  the  reflected  to  incident  radi- 
ation on  the  cell  side  of  the  solar  array  p.  This  model  naturally  depends  upon  time 
t which  ties  the  phenomena  such  as  sun  declination  and  distance  with  a.  The  sun 
declination  in  combination  with  the  particular  orbit  of  RADARSAT  dictate  eclipse 
periods  which  are  taken  into  account  in  the  model. 

The  component  of  the  net  force  due  to  the  solar  radiation  along  the  inertial  velocity 
of  the  satellite  averaged  over  an  orbit  with  due  regard  to  eclipse  periods  is  computed 
as  a function  of  time  t.  I refer  to  this  component  as  the  radiation  drag.  The  radiation 
force  is  due  to  the  reflection  of  the  solar  radiation  off  the  solar  array  wings  and  the  SAR 
antenna.  The  component  of  the  portion  of  the  solar  force  due  to  the  absorption  of  the 
radiation  by  the  satellite  along  the  velocity  vector  averaged  over  an  orbit  is  about  zero 
and  plays  no  role  in  a.  In  this  analysis,  reflected  intensity  refers  strictly  to  specular 
reflection:  the  portion  of  the  scattered  energy  in  the  incident  plane  reflected  at  an 
angle  equal  to  the  incident  angle.  The  diffuse  reflection  is  of  secondary  importance. 


tRADARSAT  is  a Canadian-led  cooperative  program  with  the  U.S.  to  launch  and  operate  a 
remote  sensing  satellite  with  a synthetic  aperture  radar.  The  launch  was  on  4 November  1995. 
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The  available  flight  data  is  in  the  form  of  mean  semi-major  axis  given  at  intervals 
of  about  one  day.  The  time  rate  of  mean  semi-major  axis  A(ti)  computed  from  the 
flight  data  constitute  the  measurement  in  this  analysis.  The  family  (it-)"=1  is  the 
sequence  of  time  tags  at  which  a measurement  is  available. 

To  find  the  time  rate  of  semi-major  axis  due  to  aerodynamic  drag  D and  p mini- 
mize 

J2  (<*(<*> p,U)  + D-  A(t,)) 2 

1=1 

with  respect  to  these  two  parameters.  This  method  yields  a constant  value  D over 
the  period  under  consideration  tn  — t\.  One  year  was  the  adopted  period  in  this 
study.  A year  is  long  enough  to  average  out  the  diurnal,  27-day,  seasonal-latitudinal 
and  semi-annual  variations  in  the  aerodynamic  drag  and  short  enough  to  reflect  the 
11-year  variation  due  to  the  solar  cycles.  The  named  atmospheric  phenomena  are 
reported  in  Ref.  [1]. 

RESULTS 

The  results  of  the  analysis  outline  in  the  previous  section  is  given  below. 

Figures  1 and  2 show  the  results  of  the  least  squares  fit  of  the  model  and  the  data 
for  years  1996-97.  For  1996  data  p = 0.21  and  D = —0.47  m/day.  For  1997  data 
p = 0.20  and  D = —0.54  m/day.  Assuming  that  we  have  a moderately  good  fit  to 
the  data  one  may  estimate  standard  deviations  of  0.26  m/day  and  0.28  m/day  for 
data  from  these  two  years.  The  relatively  large  dispersion  in  the  measured  data  is, 
possibly,  a result  of  the  particular  choice  of  mean  semi-major  axis.  I suspect  that 
the  orbital  period,  as  a proxy  for  the  altitude  of  the  satellite,  would  show  a smaller 
relative  dispersion. 

The  marked  minimum  in  the  time  rate  of  semi-major  axis  near  summer  solstice 
corresponds  to  the  season  when  part  of  the  satellite  orbit  is  eclipsed  by  the  earth. 
The  large  gaps  in  the  data  are  from  periods  when  the  articulation  of  the  solar  array 
was  other  than  nominal. 

VERIFICATION 

In  this  section  pieces  of  evidence  which  lend  credence  to  the  results  are  presented. 

To  verify  the  accuracy  of  the  model  with  the  determined  parameters,  I have  com- 
puted the  effect  of  the  articulation  of  the  solar  array  to  body  aligned  orientation 
during  days  42  to  52  of  1996  and  compared  to  the  available  data.  Figure  3 contains 
the  results  of  this  comparison.  The  three  constant  values  of  the  measured  time  rate 
of  semi-major  axis  are  obtained  from  three  separate  linear  fits  to  the  measured  semi- 
major axis  over  periods  35  to  45,  45  to  52  and  55  to  62  days  of  1996.  There  were 
eight  samples  in  each  step.  Hence  the  standard  deviation  associated  with  ordinate  of 
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Figure  1:  The  measured  time  rate  of  RADARS  AT  mean  semi-major  axis  (dots)  versus 
day  of  year  1996.  The  line  is  the  best  fit  of  the  model  to  the  measured  data. 


m/day 


Figure  2:  The  measured  time  rate  of  RADARSAT  mean  semi-major  axis  (dots)  versus 
day  of  year  1997.  The  line  is  the  best  fit  of  the  model  to  the  measured  data. 
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Figure  3:  The  measured  (thick)  and  the  model  time  rate  of  mean  semi-major  axis  of 
RADARSAT  versus  day  of  year  1996. 

each  step,  computed  from  the  standard  deviation  of  the  data  (0.26  m/day)  and  the 
sample  size,  is  0.09  m/day.  Therefore,  we  have  an  agreement  between  the  model  and 
the  data  well  within  one  standard  deviation.  Note  that  the  model  was  independent 
of  the  data  from  days  35-62  of  1996. 

The  obtained  ratio  of  the  reflected  to  incident  radiation  intensity  for  solar  array 
p = 0.21  is  consistent  with  the  manufacturer  reported  solar  absorptance  of  0.645 
(beginning  of  life)  and  0.69  (end  of  life)  for  solar  cells.  The  gap  between  one  minus 
absorptance  values  and  p is  attributed  to  the  diffuse  reflection  of  about  0.14  of  the 
incident  radiation.  Furthermore,  the  minor  reduction  of  p = 0.21  in  1996  to  p — 0.20 
in  1997  is  also  consistent  with  the  expected  increase  in  the  absorptance  values  of  solar 
cells. 

From  the  aerodynamic  contribution  to  the  rate  of  semi-major  axis  one  may  find, 
through  the  standard  drag  equation,  an  atmospheric  density  value.  Then  using  the 
basic  static  model  of  L.G.  Jacchia  reported  in  Ref.  [2]  one  may  adopt  a corresponding 
exospheric  temperature.  Based  on  D — —0.47  m/day  for  1996  and  D = —0.54  m/day 
the  exospheric  temperatures  of  1107  K and  1127  K are  found  for  years  1996-97. 

The  solar  flux  at  10.7  centimeter  wave  length  F,  based  on  Penticton  Observatory 
measurements,  averaged  over  years  1996  and  1997  are,  respectively,  about  72.03  and 
80.97  (10 ~22rc°#z)-  Ignoring  all  but  the  mean  yearly  variation  of  the  exospheric 
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temperature  one  may  estimate  the  expected  difference  in  the  exospheric  temperature 
over  the  two  year  from  Ref.  [3] 

3.24(F(1997)  - F(1996)) 

to  be  29  K.  This  accords  well  with  the  exospheric  temperatures  deduced  from  our 
aerodynamic  drag  estimates,  considering  the  gross  nature  of  our  calculations. 

The  available  literature  on  aerodynamic  drag  correlates  the  sun  activity  with  the 
mean  rate  of  semi-major  axis  in  satellites  over  a year.  However,  the  intermediate 
steps  used  in  this  correlation,  such  as  exospheric  temperature,  atmospheric  density 
and  aerodynamic  drag  equation,  are  not  a logical  outcome  of  this  correlation.  The 
accepted  values  of  exospheric  temperature  and  atmospheric  density  and  the  validity 
of  aerodynamic  drag  equation  in  exosphere  may  come  under  question  if  independent 
means  of  verifying  them  is  adopted. 

CONCLUSION 

In  1996  the  aerodynamic  drag  of  RADARSAT  was  about  39%  of  the  total  drag. 
The  preponderance  of  the  radiation  drag  over  aerodynamic  in  RADARSAT  is  due 
to  an  11°  offset  between  the  spine  of  the  solar  array  and  the  velocity  vector  of  the 
satellite. 

If  the  solar  array  is  designed  with  significant  component  of  the  unit  normal  vector 
to  the  cell  side  along  the  minus  velocity  vector,  in  the  future  versions  of  the  satellite, 
the  solar  radiation  could  dramatically  reduce  the  amount  of  fuel  required  for  raising 
of  the  satellite  altitude. 
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REENTRY  ALGORITHM  FOR  RESCUE  REENTRY  VEHICLE 

Y.G.Sikharoulidze,  Y.N.Kaluzhskikh' 

The  paper  discusses  the  main  principles  of  a reentry  algorithm  for 
a rescue  reentry  vehicle  with  the  average  lift-to-drag  ratio  (about  0.5). 

The  rescue  reentry  vehicle  must  realize  a mission  in  a short  time.  So 
the  reentry  algorithm  must  provide  a high  accuracy  (about  1 km)  that 
allows  to  use  not  1...2  landing  places,  but  one  order  more.  A high 
activity  of  mission  assumes  the  autonomous  reentry  guidance  including 
a solution  of  two-point  boundary  problem  on  a choice  of  a reference 
(command)  roll  angle  function.  The  reference  roll  angle  function  is 
a piecewise  constant  with  three  roll  overturns.  This  allows  to  reduce  to 
zero  downrange  miss  and  crossrange  miss  simultaneously. 

The  developed  method  permits  quickly  to  obtain  a solution  within 
the  guaranteed  zone  of  vehicle  manoeuvre.  It  is  possible  also  to  take 
into  account  a limitation  on  a maximal  value  of  a load  factor  that  is 
important  for  a rescue  reentry  vehicle. 

The  mathematical  simulation  of  a reentry  in  the  disturbed  atmosphere 
for  different  location  of  a landing  point  confirms  a high  accuracy  of 
developed  algorithm. 


INTRODUCTION 

The  problem  of  an  emergency  return  of  one  astronaut  or  the  whole  crew  during 
near  the  Earth  manned  mission  may  sometimes  arise.  The  transport  spacecraft  “Soyuz  - 
TM”  is  intended  for  both  this  purpose  and  for  delivery  of  the  crew  on  the  orbital  station 
“Mir”.  But  “Soyuz  ” type  reentry  vehicle  has  a relatively  non-high  landing  accuracy,  so 
a number  of  landing  places  is  limited.  As  a result  it  is  necessary  to  wait  for  the  special 
conditions  on  the  orbit  which  allow  to  land  in  a given  place.  Waiting  time  may  reach  many 
hours  that  is  inadmissible  in  some  situations. 

An  advanced  rescue  spacecraft  for  emergency  evacuation  of  orbital  station’s  crew 
must  have  two  new  capabilities.  The  first  one  is  an  increase  of  a propellant  reserve  to 
realize  rendezvous  and  docking  with  the  orbital  station  in  a limited  time.  A rendezvous 
manoeuvre  will  be  noncoplanar  in  a general  case.  The  second  capability  is  an  increase  of 
a landing  accuracy  up  to  1 km.  Such  an  accuracy  allows  significantly  to  increase  a number 
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of  landing  places.  As  a result  time  for  delivery  of  crew  on  the  Earth  essentially  decreases. 
Thus  capabilities  of  advanced  rescue  spacecraft  mentioned  above  allow  to  increase  its 
operativeness  and  efficiency.  A high  accuracy  of  landing  is  necessary  for  any  reentry 
vehicle  because  it  excludes  a lot  of  restrictions  on  the  choice  of  landing  place. 

Let  us  assume  that  for  the  most  part  of  trajectory  the  vehicle  has  a constant  trim 
angle  of  attack  and  is  static  neutral  with  a respect  to  a velocity  roll  angle.  It  realizes 
the  single  channel  roll  control  as  reentry  vehicles  “Soyz”  and  Apollo. 


ZONE  OF  MANOEUVRE 

A zone  of  manoeuvre  is  a set  of  points  on  the  Earth  surface  or  on  the  equidistant 
sphere  with  altitude  of  5. ..10  km,  which  are  accessible  for  a reentry  vehicle.  Let  us 
construct  a zone  of  manoeuvre  in  the  following  coordinate  system.  The  origin  of 
coordinates  coincides  with  a point  of  intersection  of  ballistic  reentry  trajectory  with 
the  equidistant  sphere  (or  the  Earth  surface).  Axis  X is  in  the  local  horizontal  plane  and 
passes  through  projection  on  the  plane  of  a terminal  point  of  a trajectory  with  a zero  roll 
angle  (y=0)  when  lift  force  is  up.  Axis  Y is  directed  along  the  local  vertical  and  axis  Z 
forms  the  right  coordinate  system. 

For  given  reentry  conditions  the  size  of  zone  of  manoeuvre  depends  essentially  on 
available  lift-to-drag  ratio.  For  example,  if  a reentry  angle  is  -1°  and  a vehicle  has  average 
lift-to-drag  ratio  K = 0.5,  downrange  from  a ballistic  landing  point  is  about  4000  km  and 
crossrange  is  more  than  400  km  (Figure  1).  The  maximal  load  factor  during  reentry  is  of  2 
for  a large  range  and  increases  up  to  6... 9 for  a short  range.  If  a value  of  reentry  angle 
increases  the  size  of  manoeuvre  zone  decreases. 


For  reentry  with  a constant  roll  angle  in  the  disturbed  atmosphere,  a downrange 
dissipation  is  about  300  km  and  a crossrange  dissipation  is  near  30  km.  Therefore 
the  guaranteed  zone  of  manoeuvre  of  reentry  vehicle  decreases.  The  guaranteed  zone  is 
inner  envelope  of  disturbed  landing  points  (Figure  2).  We  shall  consider  only 
the  guaranteed  zone  of  manoeuvre. 
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Figure  2 The  guaranteed  zone  of  manoeuvre 

If  the  initial  orbit  of  a reentry  vehicle  is  known  and  value  of  deboost  impulse  is 
given,  the  geometry  of  a zone  of  manoeuvre  is  determined  uniquely.  When  a deboost  point 
is  removed  along  the  orbit  the  zone  of  manoeuvre  removes  respectively  on  the  surface  of 
equidistant  sphere  (or  the  Earth).  Deboost  of  reentry  vehicle  is  possible  at  the  time  when 
one  of  given  landing  points  is  found  inside  the  zone  of  manoeuvre.  In  a general  case  it  is 
necessary  to  carry  out  both  downrange  manoeuvre  and  crossrange  one  for  landing  in 
a given  place.  The  downrange  manoeuvre  depends  on  a value  of  a roll  angle  mainly.  The 
crossrange  manoeuvre  is  determined  by  a number  of  roll  overturns  (i.e.  change  of  sign  of 
a roll  angle  with  a constant  value  of  angle)  and  time  of  overturns. 


THE  REFERENCE  ROLL  ANGLE  FUNCTION 

The  reference  roll  angle  function  on  phantom  velocity  (or  time)  is  determined  as 
a solution  of  the  two-point  boundary  problem.  It  provides  landing  in  a given  place  if 
the  atmosphere  is  standard  (or  monthly  average).  A piecewise  constant  roll  angle  function 

with  three  overturns  is  necessary  to  provide  a high  (about  1 km)  accuracy  of  landing  1 . In 
the  simplest  consideration  we  can  assume  instantaneous  roll  overturn  (dotted  line  in 
Figure  3).  But  it  is  more  useful  to  take  into  account  a duration  of  overturn  phase  according 
to  available  efficiency  of  the  roll  control  channel  (solid  line  in  Figure  3).  The  value  of  roll 
angle  y0  and  overturns  location  on  phantom  velocity  V,,V2,V3  of  reference  function 
depend  on  a position  of  a landing  point  in  the  zone  of  manoeuvre.  These  parameters  must 
be  chosen  before  the  beginning  of  roll  control,  i.e.  before  reentry  in  the  atmosphere. 
Results  of  a preflight  calculation  are  used  to  simplify  an  onboard  solution  of  two-point 
boundary  problem.  Thus  during  investigation  of  a zone  of  manoeuvre  for  a given  reentry 
angle  it  is  possible  to  determine  a function  y0  =f0(XL),  where  XL  is  downrange  of 
a landing  point.  Then,  by  statistical  simulation  of  reentry  trajectories  in  the  disturbed 
atmosphere  it  is  possible  to  calculate  reference  values  of  phantom  velocity  V,,V2,V3  at 
overturns  for  fixed  downrange  XL  in  assumption  that  crossrange  of  a landing  point 
ZL=0. 

Preliminaiy  calculated  function  y0=f0(XL),  Vj  = ^(Xl),  V2=f^(XL), 

V3  = f3(XL)  are  used  in  the  onboard  software  as  initial  values  for  determination  of 
a reference  function  yref=  F(Vph,  y0 , V,,  V2,  V3 ) . The  function  is  calculated  by  a standard 
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Figure  3 The  reference  functions  of  roll  angle 


procedure  of  control  parameters  choice  at  each  step  of  control  update.  Simulation 
confirms  that  an  algorithm  has  quick  convergence  and  provides  determination  of 
a reference  function  by  1...3  iterations.  All  calculations  are  fulfilled  after  deboost  and 
before  reentry  (the  boundary  of  conditional  atmosphere  is  at  altitude  of  100  km).  The 
reentry  point  location  and  reenrty  parameters  are  updated  simultaneously.  Results  of  a 
phantom  velocity  measurement  during  a deboost  phase  and  navigation  at  a passive  flight 
phase  by  Glonas  or  GPS  are  used  for  this  purpose.  As  a result,  it  is  possibly  to  provide  near 
zero  initial  errors  at  reentry.  Then  a landing  error  will  depend  on  the  disturbed  atmosphere 
and  non-nominal  aerodynamic  characteristics  mainly.  But  a regular  component  of  non- 
nominal  aerodynamics  may  be  selected  during  flight  tests  and  updated  characteristics  will 
be  used  in  a control  process.  Thus  the  disturbed  atmosphere  is  the  most  essential  for 
landing  accuracy. 

TERMINAL  GUIDANCE  ALGORITHM 

Let  us  suppose  that  a control  system  of  a reentry  vehicle  includes  the  three-axis 
gyroplatform  with  accelerometers  along  each  axis.  Thus  it  is  possible  to  solve  an  onboard 
complete  navigational  task  and  determine  a three-dimensional  reentry  trajectory.  At 
altitudes  above  80  km  and  below  40  km,  i.e.  outside  of  blackout  zone,  it  is  possible  to  use 
navigational  systems  Glonas  and  GPS.  Consequently  the  accuracy  of  a navigational  task 
will  be  some  tens  meters  on  position  and  some  centimeters  per  second  on  velocity.  This 
allows  to  realize  a high  accuracy  terminal  control. 

At  each  step  of  a control  correction  for  a center  mass  trajectory  (with  duration  of 
1...2  sec)  an  updated  set  of  parameters  y0,  V),  V,,  V3  of  reference  function  is  chosen. 
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The  set  provides  guidance  of  a vehicle  from  the  current  position  to  a given  landing  point 
with  an  accuracy  of  1 km  if  at  the  remaining  part  of  trajectory  parameters  of  the  disturbed 
atmosphere  (density,  temperature,  pressure,  wind)  correspond  to  a monthly  average  model 
of  the  atmosphere.  Systematic  errors  of  guidance  algorithm,  errors  of  control  realization, 

atmospheric  and  aerodynamic  disturbances  are  compensated  due  to  a multistep  control 
2 

process  . 


Let  us  discuss  a procedure  of  a control  choice  at  the  current  step.  Before  realization 
of  the  first  roll  overturn  we  suppose  that  the  second  and  third  overturns  are  fixed.  Then 
a reference  roll  function  is  two-parameter.  Parameters  are  a value  of  roll  angle  and  time  of 
the  first  overturn.  Two  control  parameters  allow  to  reduce  to  zero  a downrange  miss  and 
crossrange  miss  simultaneously.  Let  us  note  that  the  control  system  of  “Soyz”and  Apollo 
reentry  vehicles  compensate  only  downrange  miss  and  limit  value  of  crossrange  miss. 

So-called  method  of  modulating  functions'3  is  used  for  a control  choice. 
A predicted  command  control  is  looked  for  in  the  form 

Y (Vph)  = Yref(Vph,s)(l+  0).  (1) 

Here  /ref(Vph,£)  is  a reference  function  of  a roll  angle  (see  Figure  4),  s is  a parameter  of 
phase  modulation  for  correction  of  a point  Vi  of  overturn,  (3  is  a parameter  of  amplitude 
modulation  for  “contraction”  or  ’’expansion”  of  a function  y (Vh)  with  respect  of 
abscissa  axis. 


Figure  4 Modulation  of  reference  function 
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The  parameter  3 affects  downrange  motion  mainly.  If  -1  < 3 ^ 0,  the 
command  roll  function  contracts  to  abscissa  axis  and  value  of  roll  angle  decreases. 
Therefore  a steepness  of  the  trajectory  decreases  and  downrange  increases.  If  3 > 0, 
a downrange  decreases. 

If  e > 0,  a roll  overturn  takes  place  later  and  in  the  case  s < 0 overturn  takes  place 

earlier. 


Now  let  us  discuss  a control  correction  procedure  in  detail.  An  initial  radius  vector 
r0  and  velocity  vector  V0  are  known  from  the  solution  of  a navigation  task.  Control 
parameters  3o  ande0  at  previous  step  are  known  also.  A reference  prediction  with 
parameters  30  and  e0  is  run  initially  to  determine  downrange  miss  L0  and  crossrange  miss 
B0  from  a given  landing  point.  Then  two  predictions  are  run  with  parameters 

Pi  = Po  + 5P  . ai  = s0  (2) 

and 

P2  = Po  > s2  = e0  + 5s  , (3) 

where  53,  5s  are  small  variations  for  calculation  of  partial  derivatives. 

Let  us  assume  that  L,  and  B,  are  components  of  miss  for  the  second  prediction 
and  L2  , B2  for  the  third  prediction.  We  solve  a two-parameter  boundary  problem,  so 
the  number  of  predicted  trajectories  is  equal  to  three.  Then  in  linear  approximation  it  is 
possible  to  obtain  a system  of  algebraic  equations  for  determination  of  corrections 
A3  and  As  those  provide  zero  miss: 


— A3  + —As  + L0  = 0 , 
5p  cfc 


fAP  + #As  + B0=  0. 
53  cs 


Here  partial  derivatives  are  determined  by  a method  of  finite  differences 


(4) 


5L 

L, 

-L„ 

5L 

L2  l0 

53  " 

53  ’ 

5s 

5s 

5B 

B, 

1 — 

5B 

B,  - B0 

5P" 

53 

5s 

5s 

(5) 
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A solution  of  system  (4)  allows  to  find  updated  control  parameters 


P = P0  + Ap  , g = e0  + Ae 


(6) 


for  a current  step. 

Time  is  necessary  for  calculation  of  updated  parameters.  Thus  a solution  for 
a current  step  may  be  used  not  earlier  than  at  the  following  step  due  to  discreteness  of 
terminal  control.  Consequently  a minimal  delay  in  use  of  update  control  is  equal  to  a step, 
i.e.  1...2  sec.  If  delay  is  a step,  we  can  realize  only  piecewise  constant  control  (Figure  5), 
when  a command  roll  function  has  ordinary  discontinuities  at  each  step. 

If  delay  is  two  steps  we  can  connect  a previous  command  roll  angle  with  updated 
one.  Then  we  have  a continuous  piecewise  linear  control  function  (Figure  6)  that  simplifies 
the  problem  of  stabilization  of  attitude  motion. 


After  the  first  overturn  we  fix  on  phantom  velocity  the  third  overturn  (V3)  and 
update  location  of  the  second  overturn  (V2),  etc.  Finally,  after  realization  of  the  third 
overturn  the  two-parameter  control  transfers  in  one-parameter  control.  A single  parameter 
(P)  is  used  for  correction  of  downrange  miss. 
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SINGULARITY  OF  CONTROL 

The  third  overturn  V3  of  reference  function  should  be  placed  as  close  as  possible  to 
the  end  of  trajectory  to  reduce  a crossrange  miss.  But  during  reentry  in  the  disturbed 
atmosphere  the  third  overturn  can  remove  beyond  the  end  of  trajectory  in  a process  of 
a control  correction.  Such  a control  can  not  be  realized  and  solution  of  two-parameter 
boundary  problem  has  singularity.  Careful  analysis  allowed  to  find  out  a reason  of 
singularity  and  the  method  to  eliminate  it  was  suggested. 

Let  us  suppose  that  at  the  phase  of  reentry  after  the  second  overturn  and  before 
the  third  overturn  we  have  a trajectory  with  undershoot  (due  to  a high  density  of 
the  disturbed  atmosphere,  headwind,  etc.).  For  compensation  of  undershoot  the  guidance 
algorithm  tries  to  reduce  a value  of  a roll  angle.  Simultaneously  a side  component  of 
control  force  decreases  and  efficiency  of  crossrange  control  decreases  as  well.  Really,  it  is 
impossible  to  regulate  crossrange  miss  if  a roll  angle  reduces  to  zero.  As  a result  the  third 
overturn  quickly  moves  to  the  end  of  reentry  trajectory  and  may  be  on  phantom  velocity 
outside  of  a trajectory. 

The  revealed  reason  of  control  singularity  permitted  to  suggest  a simple  and  reliable 
way  of  its  elimination.  Instead  of  a given  landing  point  we  introduce  coordinates  of  point 
with  larger  downrange  AX>0  in  algorithm.  Usually  AX  = 1...3  km.  Some  value  of 
phantom  velocity  Vbjas  is  chosen  simultaneously  in  the  range  from  V2  to  V3 . A biased 
landing  point  is  retained  till  achievement  of  velocity  Vbias . At  that  velocity  the  targeting 
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point  is  superposed  with  the  given  landing  point.  It  is  clear  that  up  to  this  time  we  have 
a trajectory  with  overshooting.  Thus  at  the  current  control  step  algorithm  increases  a value 
of  roll  angle  to  compensate  “arisen”  overshooting.  An  efficiency  of  crossrange  control  is 
increased  simultaneously,  and  the  third  overturn  displaces  not  to  the  end  but  to 
the  beginning  of  trajectory.  Control  parameters  AX  and  Vbias  are  chosen  by  mathematical 
simulation  at  an  adjustment  of  guidance  algorithm. 

In  a special  case  we  can  remove  a target  point  in  downrange  direction  ( AX  ) and 
crossrange  direction  (AZ).  In  addition  the  downrange  correction  of  a landing  point 
Vbias(AX)  and  crossrange  correction  Vbias(AZ)  may  be  different.  Two  additional  control 
parameters  AZ  and  Vbias(AZ)  increase  capability  of  guidance  algorithm  but 
simultaneously  complicate  its  adjustment. 


PREDICTION  OF  REENTRY  TRAJECTORY 


To  choose  control  parameters  according  to  a method  of  modulating  functions  it  is 
necessary  to  make  three  predictions  of  remaining  reentry  trajectory.  For  high  accuracy 
terminal  guidance  we  can’t  use  simplified  explicit  formulas  or  preliminary  calculated  partial 


. . . 5L  5L 

derivatives  — , — , 
db  <3e 


® 5B 

— , — for  a nominal  reentry  trajectory.  A variety  of  possible 
5b  5e 


reentry  trajectories  for  a rescue  vehicle  and  a high  landing  accuracy  require  only  numerical 
prediction  by  an  onboard  computer.  Developed  algorithm  of  terminal  control  allows 
parallel  calculations,  so  a multi-processor  computer  is  preferable.  Then  during  a control 
step  (1...2sec)  three  predicted  trajectories  are  calculated  in  parallel  and  this  reduces 
requirements  to  calculation  speed  of  computer. 


If  a calculation  speed  of  an  available  computer  is  not  enough  for  realization  of 
a terminal  control  algorithm  it  is  possible  to  fix  a maximal  admissible  number  of  integration 
steps  to  guarantee  all  calculations  within  a control  step.  Then  at  initial  phase  of  reentry 
an  integration  step  may  be  big  and  accuracy  of  calculation  may  be  found  to  be  low. 
The  nearer  to  the  end  of  reentty  trajectory,  the  shorter  predicted  trajectory.  Thus 
an  integration  step  decreases  and  accuracy  of  calculation  increases  respectively.  As  a result 
it  is  possible  to  provide  a required  landing  accuracy. 

Phantom  velocity  is  suitable  independent  variable  for  numerical  integration. 
A constant  step  on  phantom  velocity  automatically  decreases  a step  on  time  in  the  region 
of  high  aerodynamic  load  and  increases  if  load  is  low.  Thus  an  accuracy  of  prediction 
increases. 
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RESULTS  OF  SIMULATION 


Developed  algorithm  of  terminal  control  was  tested  by  the  mathematical  simulation 
of  reentry  trajectories  of  vehicle  in  the  disturbed  atmosphere.  We  considered  center  mass 
trajectories  with  simplified  description  of  a roll  angle  change  in  process  of  overturn  (as 
an  aperiodic  link  with  constant  of  time  3 sec  and  maximal  roll  rate  of  1 0 degrees  per 
second).  It  was  assumed  that  reentiy  vehicle  has  the  average  lift-to-drag  ratio  k=  0.5  and 


ballistic  coefficient  cn  = 


^ = l,lxl0-3 
m 


M2/kg.  Altitude  of  conditional  boundary  of 


atmosphere  is  100  km,  inclination  of  orbit  51.6°,  reentry  angle  -0.9°  at  velocity  7.87 
km/sec.  Coordinates  of  a reentry  point  are  20°  of  Northern  latitude  and  20.2°  of  Eastern 
longitude.  A terminal  point  is  at  altitude  of  10  km  where  a parachute  system  is  operated. 


The  computational  model  of  disturbed  atmosphere  includes  season-latitude,  diurnal  and 
random  variations  of  density  and  field  of  zonal  (along  a parallel)  and  meridional  winds.  For 
reentry  at  mean  latitudes  extremal  disturbances  of  atmospheric  parameters  take  place  in 
winter  (January)  and  in  summer  (July).  Both  months  were  considered.  Figure  7 
illustrates  dispersion  of 


Figure  7 Dispersion  of  terminal  points  for  X j = 3500  km,  Z j = 0 km  (January) 

terminal  points  for  100  reentry  trajectories  in  January.  Landing  point  has  downrange 
coordinate  XT  = 3500  km  and  crossrange  one  ZT  = 0 . This  is  approximately  a maximal 
downrange  inside  of  guaranteed  zone  of  manoeuvre.  Figure  8 shows  simulation  results  for 
100  reentry  trajectories  in  July.  A landing  point  has  coordinates  XT  = 2500  km  and 
ZT  = -400  km.  This  is  middle  of  downrange  manoeuvre  and  limit  of  crossrange 
approximately.  Figure  9 gives  an  example  of  landing  accuracy  in  January  for  minimal 
downrange  (XT  = 500  km,  ZT  = 0)  when  maximal  load  factor  is  limited  by  value  5. 

Simulation  results  show  that  majority  of  landing  points  are  deep  inside  of  a circle 
with  a diameter  of  1 km.  This  confirms  a high  accuracy  of  a developed  reentry  algorithm. 
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Figure  8 Dispersion  of  terminal  points  for  X j = 2500  km,  Z j = -300  km  (July) 


Z,  km 

Figure  9 Dispersion  of  terminal  points  for  Xj=  500  km,  Zj  = 0 km  (January) 
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Figure  10  An  example  of  roll  control  and  parameters  of  disturbed  atmosphere 
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An  example  of  roll  angle  control  and  parameters  of  the  disturbed  atmosphere 

(January,  variant  N 94)  is  given  in  Figure  10.  Here  5 = - — — is  variation  of  density,  U 

Ps. 

is  zonal  wind,  V is  meridional  wind.  A roll  angle  function  on  time  is  sufficiently  smooth 
that  provides  a small  propellant  consumption  for  attitude  stabilization. 
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The  paper  presents  materials  on  development  of  a future  manned 
returned  space  vehicle  included  into  a complex  for  the  Martian  mission. 

The  basic  points  of  the  developed  aerothermodynamic  and  flight 
dynamic  method  for  designing  of  the  unwinged  returned  vehicle 
performing  an  entry  to  the  Earth  atmosphere  at  hyperbolic  velocities  are 
presented.  The  results  of  the  comparative  thermal  and  mass  analysis  are 
given  for  three  unwinged  returned  vehicles  and  for  the  entry  velocities 
13-17  km/s,  longitudinal  ranges  of  descent  3000-5000  km  (providing 
the  accuracy  of  landing  within  1 km),  satisfying  the  temperature 
constraint  at  a characteristic  point  on  the  windward  surface  of  the 
vehicle  and  also  providing  admissible  g-loads  for  the  crew  (taking  into 
account  the  ‘withstandability’  factor). 

INTRODUCTION 

During  the  last  years  one  of  the  most  important  directions  of  modem  cosmonautics  - the 
interplanetery  Martian  missions  with  a return  to  the  Earth  has  obtained  a new 
development.  First  of  all  it  is  connected  with  the  announced  program  of  Mars 
explorations  with  automatic  and  manned  vehicles  for  the  period  till  2015. 

This  direction  was  developed  rather  intensively  in  60-th  years  [6-10,17,18]  at  the  initial 
phase  of  manned  space  explorations  but  then  the  associated  studies  and  design  works 
were  stopped  due  to  different  political,  economical  and  technological  reasons.  The 
comprehensive  studies  conducted  at  that  time  in  all  important  directions  of 
implementation  of  the  interplanetary  Martian  mission  with  a return  to  the  Earth  produced 
the  fundamental  for  the  applied  cosmonautics  results  that  are  still  significant  at  the 
present  time. 

It  was  found  that  in  order  to  perform  a ‘capture’  of  the  vehicle  by  the  Earth  atmosphere 
and  to  satisfy  the  admissible  thermal  and  load  factor  constraints  on  the  descent  trajectory 
one  of  the  most  important  design  flight  dynamic  tasks  is  to  find  the  minimally  sufficient 
available  lift  to  drag  ratio  (Kp)min  for  studied  return  vehicle  of  any  configuration.  One  of 
results  of  the  conducted  studies  was  that  for  the  future  unwinged  vehicles  it  is  necessary 
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to  provide  (Kp)mjn  not  less  than  0.4  [6],  This  result  lead  to  a need  to  consider  candidate 
return  vehicles  of  non  standard  (for  that  period  of  time)  configurations  - vehicles  of  the 
‘conical  segment’  class  [5,  10,  18],  biconical  configuration  [18],  segmetal-conical 
configuration  [10]  (different  by  its  geometry  shape  from  the  Soyuz  and  Appolo 
configurations  [18])  and  many  other  original  configurations. 

The  longitudinal  range  Llong  of  the  atmospheric  descent  phase  belongs  to  important 
initial  parameters  characterizing  a relative  position  of  the  required  area  of  landing  and 
phase  position  of  the  vehicle  at  the  entry  point  (or  basic  parameters  of  the  approach 
hyperbola).  It  was  established  that  for  an  arbitrary  specification  of  the  Llong  range  the 
direct  landing  of  the  return  vehicle  (without  exiting  out  of  the  atmosphere)  may  not  be 
provided.  Then  in  order  to  provide  the  direct  landing  of  the  return  vehicle  on  the  USSR 
territory  the  longitudinal  range  Llong  was  taken  within  the  interval  3000-5000  km,  and 
the  most  important  obtained  result  [7,10]  is  that  a necessary  condition  of  landing  in  a 
required  area  of  the  USSR  territory  (at  the  latitude  50°  N)  is  a nonpositivity  of  the  initial 
declination  angle  on  the  infinity 

S^O  (the  angle  8X  characterizes  a position  of  the  asymptote  of  the  vehicle’s  approach 
hyperbola).  For  the  unfavorable  combination  of  the  initial  parameters  VOT  and  (first  of 
all  for  the  values  §*>0)  the  direct  landing  of  the  return  vehicle  is  not  always  possible  and 
so  it  is  necessary  to  take  into  account  the  alternative  way  of  the  orbital  landing  (with 
preliminary  insertion  of  the  vehicle  to  the  Earth  orbit). 

The  safe  landing  of  the  manned  return  vehicle  requires  to  take  into  account  and  solve  the 
problem  of  an  admissible  load  factor  profile  that  is  first  of  all  connected  with  the  account 
of  an  admissible  duration  of  high  g-loads  acting  on  the  crew  at  the  atmospheric  phase 
[17].  This  problem  of  the  g-load  ‘withstandability’  was  formalized  with  the  analytic 
relation  [9]  that  takes  into  account  an  integral  effect  of  g-loads  during  the  atmospheric 
deceleration  phase  and  allows  to  design  the  required  descent  trajectory  and  guidance  law 
with  an  obligatory  fulfillment  of  the  final  ‘withstandability’  condition  0^0.  The  use  of 
the  given  criterion  allows  to  provide  a flight  dynamic  solution  of  the  problem  of  the 
return  vehicle  safe  landing  in  the  required  area  of  the  USSR  [10]. 
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Figure  1 

It  should  be  noted  that  the  choice  of  a shape  (configuration)  of  RV  was  considered  at  that 
time  as  one  of  the  most  important  design  tasks  since  the  required  mass  of  the  RV  thermal 
protection  coating  was  estimated  as  »40%  of  the  total  RV  mass.  Then  the  main  task 
during  choice  of  the  RV  cQnfiguration  was  to  minimize  the  total  required  mass  of  the 
vehicle's  thermal  protection  coating  (also  satisfying  all  imposed  constraints  and 
conditions  of  landing  in  a given  area)  [10,14], 

BASIC  POINTS  OF  AEROTHERMODYNAMIC  AND  FLIGHT  DYNAMIC 
DESIGNING  OF  RETURN  VEHICLE. 

At  the  present  time  an  important  task  of  the  space  technology  for  the  manned  missions  is 
to  provide  an  accurate  landing  of  the  return  vehicle  in  any  given  area  of  the  Earth  surface, 
i.e.  to  provide  a highly  accurate  landing  (within  a circle  of  1 km  in  diameter)  of  the 
vehicles  returned  from  the  Earth  surface  [1];  to  provide  an  accurate  landing  of  the 
interplanetary  vehicles  in  a give  area  of  the  Earth  or  other  explored  planet  (fot  example 
Mars)  [3]. 

In  order  to  develop  a successful  (in  technical  and  economical  respects)  return  vehicle  of 
any  configuration  and  to  do  it  quickly  it  is  necessary  to  form  the  mutually  coordinated 
and  technically  feasible  geometry,  flight  dynamic  and  aerothermodynamic  parameters  of 
the  return  vehicle  at  the  initial  phase  of  a design  work  [1-4].  This  approach  to  the 
comprehensive  designing  of  the  vehicle  guarantees  obtaining  of  noncontradictory  and 
feasible  technical  characteristics  of  the  vehicle  and  facilitates  further  successful  detailed 
designing. 

The  aerothermodynamic  and  flight  dynamic  designing  of  a future  returned  space  vehicle 
is  a development  of  mutually  agreed  basic  flight-dynamic,  aerothermodynamic  and 
geometry  parameters  of  the  vehicle,  which  feasibility  is  verified  during  the  flight  dynamic 
modeling  of  the  return  vehicle  motion  on  every  phase  of  a flight. 
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The  initial  stage  of  the  flight  dynamic  designing  of  RV  of  a specified  configuration  is  to 
develop  the  basic  initial  data  for  performing  an  analysis  on  finding  the  feasible  geometry 
and  aerodynamic  parameters  of  the  vehicle  to  be  developed.  The  basic  initial  data  for  the 
manned  unwinged  return  vehicle  of  a segmental-conical  configuration  (Fig.  2)  are: 
number  of  crewmembers,  parameters  of  the  configuration  describing  the  vehicle's 
geometry  shape  (parameters  0C  0k  a volume  W (corresponding  to  the  external  shape  of 
the  vehicle)  or  a characteristic  linear  dimension  of  RV,  an  initial  mass  G0  (or  a payload 
mass  Gpi)  of  the  developed  RV. 
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The  determination  of  the  basic  geometry  dimensions  of  the  developed  RV  is  done  using 
the  so  called  configuration  equation  [10,1 1]: 

W = Cf-D3,  (1) 

where  W is  a vehicle's  volume,  m; 

D is  a characteristic  linear  size  of  the  vehicle,  m; 

for  the  RV  of  the  considered  shape  D is  a diameter  of  the  head  spherical  segment 

(Fig-2); 


Cf  is  a shape  coefficient  functionally  depending  on  initial  characteristic 
parameters  of  the  configuration. 

For  the  RV  of  a considered  type  the  configuration  equation  is  the  following: 


Cf  = 


TZ 

24 


(l -sin9c)(2  + sin0c)  1 - Bk 
(l  + sin0c)cos9c  tan0k 


+ BkFk  (2  + sin0k)  cos0k 


(2) 
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where 


jFk  =2Vtanek, 

K = Fk(l  + sm0k)  (3) 

It  should  be  noted  that  for  each  RV  of  a given  geometry  shape  the  corresponding  analytic 
relation  can  be  obtained. 


Basing  on  equations  (l)-(3)  all  geometry  parameters  of  the  considered  RV  can  be 
obtained  uniquely  that  allow  to  calculate  the  'maximum  section  area'  parameter  Smid 
(necessary  for  the  further  analysis  of  the  flight  dynamic  parameters)  and  the  design 
parameter  [4,11]: 


kvol  = 


4.836 -W 


% 


(4) 


characterizing  a level  of  the  vehicle's  design  quality,  here  S£  is  a full  surface  of  the 
vehicle  calculated  by  the  obtained  geometric  parameters. 

It  should  be  mentioned  that  in  a case  of  the  obligatory  satisfaction  of  a design  constraint 
on  the  maximum  admissible  diameter  D (the  requirement  on  the  RV  placement  in  a 
launcher  payload  module)  the  configuration  equation  (1)  gives  a unique  value  of  the 
vehicle’s  volume  W.  Also  an  additional  constraint  on  the  large-size  loads  (D<4.1m) 
limits  an  available  volume  of  the  vehicle:  W=22.5m3. 


The  main  feature  in  an  analysis  of  the  available  aerodynamic  parameters  of  the  RV  to  be 
developed  is  to  find  a range  of  the  trim  angle  of  attack  a5  for  which  the  vehicle  has  the 
longitudinal  static  stability  during  the  atmospheric  deceleration.  As  it  is  known  a criterion 
of  the  longitudinal  static  stability  of  any  flying  vehicle  is  to  satisfy  the  condition 


da 


= m“  < 0 at  11^=0.  The  profiles  for  the  available  lift  to  drag  ratio  K = f(m“ ) and 


trim  angle  of  attack  a5  = f(Kp,m“)  can  be  obtained  for  each  RV  and  for  different  values 
of  the  center  of  gravity  coordinate  xt  (fig. 3).  The  use  of  these  graphic  profiles  allow  to 
determine  not  only  an  available  range  of  the  trim  angle  of  attack  Aa5  but  also  a range  of 
the  available  lift  to  drag  ratio  [2,4,5], 
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Figure  3 

A process  of  obtaining  the  graphic  profiles  Kp=f(m“)  and  a6=f(Kp,m“)  (fig.3) 
requires  rather  long  computations.  In  order  to  be  able  to  estimate  quickly  a 'flyability'  of 
the  developed  vehicle  (at  an  admissible  trim  angle  of  attack  a5)  a new  analytic  relations 
[1 1,12]  have  been  obtained.  The  generalized  flyability  criterion  combines  both  the  design 
geometric,  aerodynamic  parameters  and  basic  flight  dynamic  parameters  of  RV  (the  lift  to 

C -S  .d 

drag  ratio  Ks  and  ballistic  coefficient  gx  = — — , where  G0  is  an  initial  design  mass 

Go 

of  RV).  The  use  of  the  generalized  flyability  criterion  [11,12]  allow  to  obtain  a 
quantitative  estimation  of  a quality  of  the  adopted  design  solution  of  RV  for  each  trim 
angle  of  attack  a5.  If  the  generalized  flyability  criterion  is  satisfied  for  each  of  candidate 
trim  angles  of  attack  (within  the  range  Aas)  it  can  be  stated  that  the  obtained  design 
geometry  and  aerodynamic  parameters  are  mutually  coordinated  and  feasible,  and  the 
developed  RV  can  accomplish  the  required  task. 

An  important  stage  of  the  flight  dynamic  designing  of  the  developing  RV  is  to  find  such 
flight  dynamic  parameters  of  the  vehicle  that  allow  both  to  accomplish  a formulated  task 
and  to  satisfy  all  constraints  during  descent  in  the  atmosphere,  in  particular  the 
constraints  connected  with  the  thermal  and  load  factor  profiles.  This  task  is  accomplished 
using  the  flight  dynamic  modeling  of  the  RV  motion  that  allow  at  the  same  time  to 
produce  a program  of  the  vehicle's  guidance  and  a trajectory  of  the  RV  descent  to  a 
required  geographic  point. 

All  constraints  connected  with  the  admissible  deceleration  profile  and  conditions  of  the 
vehicle's  functioning  [10,14]  are  to  be  taken  into  account  in  the  guidance  program  and 
during  analysis  of  the  RV  descent  trajectory.  It  should  be  mentioned  that  the  RV  of  an 
unwinged  configuration  is  controlled  during  motion  in  the  atmosphere  by  variation  of  its 
bank  angle  y (here  the  vehicle  is  stabilized  on  a required  trim  angle  of  attack  a8). 
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The  basic  constraints  in  the  algorithm  of  solution  are  a one  side  limitation  on  the 
maximum  admissible  equilibrium  radiation  temperature  (T^)  in  a characteristic  point 
on  the  head  surface  of  the  vehicle  and  a two  side  limitation  on  the  load  factor 
nT)  <nT  < nT)  . Here  the  limitation  on  the  minimum  admissible  load  factor  is 

introduced  to  guarantee  a non-exit  of  RV  out  of  the  atmosphere  that  is  especially  critical 
when  the  vehicle  is  moving  near  an  upper  border  of  the  entry  corridor. 

The  generation  of  the  guidance  law  7(1^)  = y;  (at  a current  moment  in  time  t,,  i=l,...,n)  and 
of  the  RV  state  vector  at  the  same  moment  in  time  is  based  on  a special  prediction 
module  [10]  which  predicts  and  estimates  possible  variants  of  the  current  guidance  (with 
necessary  checking  of  the  mentioned  above  constraints).  From  the  algorithmic  point  of 
view  the  RV  motion  prediction  is  done  using  the  second  system  of  the  equations  of 
motion  (on  the  prediction  interval  that  is  equal  to  1 00  integration  steps  of  the  first  basic 
system),  and  here  a predicted  estimation  of  all  admissible  values  of  the  bank  angle  y;  is 
provided  with  further  analysis  and  choice  of  the  best  value  of  the  angle  yj*.  The  obtained 
guidance  (value  of  the  angle  y')  corresponding  to  the  minimum  temperature  value 

h;) . is  then  used  in  the  basic  (first)  system  of  RV  motion  equations  only  on  the 

current  step  of  solution  (till  the  moment  tj+1),  then  the  procedure  of  the  quick  prediction 
and  choice  of  a new  bank  angle  value  (yi+1)’  is  repeated. 

It  should  be  noted  that  in  order  to  increase  a speed  of  the  described  algorithm  for 
obtaining  the  guidance  law  y(t)  and  nominal  descent  trajectory  of  RV  the  new  analytic 
relations  [15,16]  are  applied,  first  of  all  in  the  prediction  module  of  the  second  system  of 
the  vehicle's  equations  of  motion.  A distinctive  feature  of  the  new  method  of  RV  motion 
prediction  is  a substantial  reduction  in  computation  time  while  keeping  a required 
accuracy  of  solution  (in  comparison  with  the  solution  obtained  using  the  numerical 
integration  of  the  motion  equations). 

COMPARATIVE  THERMAL  AND  MASS  ANALYSIS  OF  RETURNED 
UNWINGED  CONFIGURATIONS 

Fig.  4 shows  [4,5]  the  experimental  dependencies  of  the  lift  to  drag  ratio  with  respect  to 
the  drag  coefficient  for  the  segmental-conical  vehicle  that  demonstrate  a possibility 
and/or  appropriateness  to  consider  RV  of  the  given  configuration  as  a promising  vehicle 
for  return  to  the  Earth  (if  the  lift  to  drag  ratio  K5>0.4  is  provided). 

Three  types  of  RV  of  the  unwinged  configuration  that  are  the  most  studied 
aerodynamically  have  been  compared:  a vehicle  with  the  head  thermal  protection  screen 
(the  segmental-conical  vehicle,  fig. 3)  and  two  lifting  body  vehicles  (the  'conical  segment' 
type  vehicle  [10]  and  the  'conical  segment  with  a superstructure'  type  vehicle  [5],  fig. 5). 

The  following  parameters  have  been  taken  as  the  basic  initial  data:  the  number  of 
crewmembers  is  6 (2  pilots  and  4 passengers),  the  vehicle's  volume  W=20.2  m3,  the  initial 
mass  of  the  vehicle  before  its  entry  to  the  atmosphere  is  7.012-8.645  t,  here  the  lowest 
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value  of  the  initial  mass  corresponds  to  the  entry  velocity  13  km/s  and  the  highest  one 
corresponds  to  the  entry  velocity  1 7 km/s. 


Figure  4 
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Figure  5 


The  methodology  of  the  aerothermodynamic  and  flight  dynamic  designing  of  RV 
developed  for  the  solution  of  the  given  problem  has  some  specific  features  typical  only  to 
the  hyperbolic  entry  vehicles:  to  provide  a 'capture'  of  the  vehicle  (non-exit  of  RV  out  of 
the  atmosphere)  and  an  admissible  integral  level  of  high  g-loads  acting  on  a crew 
(nx)ma*>6-  The  load  factor  (nz)max=8  was  taken  as  a maximum  admissible  limit  and  a level 
of  the  load  factor  influence  on  the  crew  was  estimated  using  the  integral  criterion  of  the 
load  factor  withstandability  AO  [9,10,17],  and  here  the  minimum  value  AOmin  was 
provided  during  analysis  of  the  basic  aerothermodynamic  and  flight  dynamic  parameters 
of  each  vehicle.  It  should  be  mentioned  that  the  design  geometry  parameters  for  each  of 
the  compared  vehicles  were  obtained  basing  on  solution  of  the  corresponding 
configuration  equations  (1)  while  satisfying  the  given  design  criteria. 


In  order  to  obtain  basic  mutually  coordinated  aerothermodynamic  and  flight  dynamic 
parameters  the  criterion  of  'drag  efficiency'  Sx  (the  first  time  introduced  in  [10])  was 
applied  for  each  of  the  considered  vehicles: 


ST 


(5) 


The  profiles  ST=f(a)  and  ST=f(0o)  obtained  for  each  vehicle  and  each  value  of  the  entry 
velocity  Ven  (here  a is  the  angle  of  attack  and  0O  is  the  entry  angle)  allow  to  form  the 
required  flight  dynamic  parameters  (as,  Ks,  ax,  0O)  that  provide  the  minimum  value  of  the 
load  factor  withstandability  criterion  AOmin.  Thus  the  analyzed  segmental-conical  vehicle 
has  the  non-standard  (in  comparison  with  the  Soyuz  RV)  design  geometry  parameters: 
0=57°,  0k=35°  [10]. 

Fig.  6 presents  the  mentioned  profiles  ST  =f(a)  and  ST=f(0o)  for  the  considered  vehicle  of 
the  segmental-conical  configuration.  Using  these  profiles  it  is  possible  to  determine  the 
trim  angle  of  attack  ae  and  entry  angle  0o  corresponding  to  a minimum  level  of  the 
integral  load  factor  effect  on  the  inital  phase  of  the  RV  deceleration  A3>min. 
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Figure  6 

Fig.  7 gives  a relative  mass  of  the  thermal  protection  G as  a function  of  the  entry  angle  0o 
and  values  of  the  drag  efficiency  criterion  ST  at  different  values  of  the  entry  velocity  Vo, 
longitudinal  range  of  the  atmospheric  phase  Llqng  different  models  (<f>i  ,....,<£7)  of 
the  load  factor  withstandability.  The  given  graphic  profiles  were  built  solving  the  thermal 
and  mass  trajectory  optimization  problem  [14]  minimizing  the  thermal  protection  weight 
G at  the  characteristic  point  of  the  windward  surface  of  the  considered  segmental-conical 
configuration.  The  similar  profiles  were  obtained  also  for  the  other  considered  vehicles.  It 
should  be  noted  that  the  applied  analytic  relations  [14]  for  determination  of  the  mass  G 
are  based  on  the  results  of  fundamental  studies  in  the  area  of  the  radiation  and  convective 
heat  exchange  of  entry  vehicles  [13]. 


Table  1 contains  for  each  of  the  considered  return  vehicles  the  obtained  values  of  the 
maximum  lift  to  drag  ratio  K^,  trim  angle  of  attack  (a)^^  corresponding  to  K^, 
values  of  the  drag  efficiency  criterion  ST  (also  corresponding  to  K^),  range  of  the  lift  to 
drag  ratio  Kp  variation  (corresponding  to  the  optimum  available  range  of  the  drag 
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efficiency  criterion  ST=0. 020-0. 035)  and  range  of  the  trim  angle  of  attack  a5  variation 
(also  corresponding  to  the  optimum  available  range  of  the  drag  efficiency  criterion 
ST=0. 020-0. 035). 


Shape 

^max 

^Kmax 

(®T)Kmax 

Range  St=0. 020-0. 035 

Range  Kp 

Range  «a 

CD 

0.725 

50° 

0.075 

0.40-0.55 

27.0°-36.0° 

0.565 

15° 

0.146 

0.43-0.58 

51.0°-41.0° 

1.525 

0° 

0.340 

0.43-0.62 

33.0°-26.0° 

Table  1 


The  obtained  in  such  a way  flight  dynamic  parameters  of  RV  was  used  then  to  form  the 
nominal  guidance  profile  y(t)  and  descent  trajectory  to  satisfy  a terminal  condition  to 
provide  a longitudinal  range  of  the  atmospheric  phase  Llong=3 000-5 000  km. 

CONCLUSION 

Fig.  8 presents  the  final  results  of  the  comparative  thermal  and  weight  analysis  performed 
for  the  three  RV  of  unwinged  configurations,  and  graphs  in  the  right  part  of  Fig.  8 
corresponds  to  the  case  when  the  drag  efficiency  criterion  ST  (5)  has  been  applied  in 
determination  of  the  basic  flight  dynamic  and  aerodynamic  parameters  for  each  vehicle 
and  graphs  in  the  left  part  of  Fig.  8 corresponds  to  the  case  when  this  criterion  has  not 
been  applied. 
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Figure  8 

The  main  result  of  the  performed  studies  is  a conclusion  about  the  competitiveness  of  the 
segmental-conical  configuration  RV  in  comparison  with  the  considered  lifting  body 
vehicles  (using  the  criterion  of  the  minimum  required  mass  of  the  thermal  protection 
coating  in  the  characteristic  point  of  the  vehicle's  surface).  It  should  be  especially  stressed 
that  this  conclusion  is  done  at  the  accurate  forming  of  the  basic  aerothermodynamic  and 
flight  dynamic  parameters  of  RV  (using  the  drag  efficiency  criterion  ST)  and  at  accurate 
solution  of  the  trajectory  thermal/mass  optimization  problem  during  the  RV  motion  in  the 
atmosphere. 
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Improved  Instrumental  Magnitude  Prediction  Expected  from  Version  2 
of  the  NASA  SKY2000  Master  Star  Catalog* 
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The  SKY2000  Master  Star  Catalog  (MC),  Version  2 and  its  predecessors  have 
been  designed  to  provide  the  basic  astronomical  input  data  needed  for  satellite 
acquisition  and  attitude  determination  on  NASA  spacecraft.  Stellar  positions  and 
proper  motions  are  the  primary  MC  data  required  for  operations  support  followed 
closely  by  the  stellar  brightness  observed  in  various  standard  astronomical 
passbands.  The  instrumental  red-magnitude  prediction  subsystem  (REDMAG)  in 
the  MMSCAT  software  package  computes  the  expected  instrumental  color  index 
(Cl)  [sensor  color  correction]  from  an  observed  astronomical  stellar  magnitude  in 
the  MC  and  the  characteristics  of  the  stellar  spectrum,  astronomical  passband,  and 
sensor  sensitivity  curve.  The  computation  is  more  error  prone  the  greater  the 
mismatch  of  the  sensor  sensitivity  curve  characteristics  and  those  of  the  observed 
astronomical  passbands.  See  Figure  3 for  comparison  of  the  sensitivity  curve  of  a 
typical  new-generation  red-sensitive  charge-coupled-device  (CCD)  star  tracker 
(ST)  with  the  standard  passbands  ( UBVR1 ').  Here,  the  effective  wavelength  of  the 
very  broad  sensor  curve  is  shifted  well  away  from  that  of  the  much  narrower 
visual  (V)  passband. 

This  paper  presents  the  preliminary  performance  analysis  of  a typical  red-sensitive 
CCDST  during  acquisition  of  sensor  data  from  the  two  Ball  CT-601  ST’s  onboard 
the  Rossi  X-Ray  Timing  Explorer  (RXTE).  A comparison  is  made  of  relative  star 
positions  measured  in  the  ST  FOV  coordinate  system  with  the  expected  results 
computed  from  the  recently  released  Tycho  Catalogue  (Reference  1).  The 
comparison  is  repeated  for  a group  of  observed  stars  with  nearby,  bright 
neighbors  in  order  to  determine  the  tracker  behavior  in  the  presence  of  an 
interfering  near  neighbor  (NN).  The  results  of  this  analysis  will  be  used  to  help 
define  a new  photoelectric  photometric  instrumental  sensor  magnitude  system  (5) 
that  is  based  on  several  thousand  bright  star  magnitudes  observed  with  the  RXTE 
ST’s.  This  new  system  will  be  implemented  in  Version  2 of  the  SKY2000  MC  to 
provide  improved  predicted  magnitudes  in  the  mission  run  catalogs. 


* This  work  was  supported  by  the  National  Aeronautics  and  Space  Administration  (NASA)/Goddard 
Space  Flight  Center  (GSFC),  Greenbelt,  Maryland,  USA,  under  Contract  GS-35F-4381G,  Task  Order  No. 
S-03365-Y. 

t e-mail:  csande@cscmail.csc.com 
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INTRODUCTION 


The  current  operational  version  of  the  SKYMAP  MC,  known  as  SKY2000  MC,  Version  1 was  produced 
in  1996-7  and  represents  the  last  version  of  the  MC  to  contain  data  solely  from  ground-based  sources.  It  is 
to  be  replaced  by  SKY2000  MC,  Version  2,  which  will  incorporate  data  from  several  newly  available 
spacebome  sources,  including  astrometric  and  photometric  data  from  the  European  Space  Agency  (ESA) 
Hipparcos  mission  and  sensor  photometric  data  acquired  from  the  RXTE  spacecraft.  This  catalog  is  to  be  a 
comprehensive  all-sky  star  catalog  down  to  approximately  visual  magnitude  9 that  includes  astrometric, 
photometric,  and  many  other  types  of  stellar  data  for  approximately  300,000  stars.  The  MMSCAT 
software  package  is  used  to  generate  specialized  subcatalogs  called  mission  run  catalogs  for  satellite 
attitude  support  using  the  SKY2000  MC,  Version  2 as  input.  All  mission  run  catalog  stars  include  a 
predicted  sensor  magnitude  ( ms ) calculated  by  the  REDMAG  subsystem.  The  observed  sensor  magnitudes 
from  the  RXTE  ST’s  will  provide  an  additional  group  of  input  magnitudes  to  the  software  for  several 
thousand  of  the  brightest  stars. 

BACKGROUND 

Rossi  X-Ray  Timing  Explorer: 

The  RXTE  spacecraft  was  launched  by  a Delta  II  ELV  on  December  30,  1995,  to  study  the  time 
variability  in  emissions  of  x-ray  sources  over  the  spectral  range  2-250  keV.  Two  Ball  CT-601  CCDST’s 
were  carried  as  part  of  the  spacecraft’s  attitude  control  system  (ACS).  Each  tracker  is  capable  of 
identifying  up  to  five  stars  simultaneously  for  use  in  attitude  determination  (see  Figure  1).  Beginning  in 
March,  1997,  the  Attitude  Model  Support  Task  began  collecting  additional  star  observations  from  both  star 
trackers  to  refine  the  sensor  calibration,  to  define  a new  observed  photometric  sensor  system  (5)  for  the 
MC,  Version  2,  and  to  determine  near  neighbor  (NN)  effects  on  measured  sensor  positions  and  magnitudes. 
In  less  than  six  months,  more  than  7700  observations  have  been  obtained  of  several  thousand  different 
stars.  Sky  coverage  has  not  been  uniform  because  of  mission  constraints,  but  enough  sensor  magnitudes 
have  been  obtained  to  allow  the  creation  of  a new  observed  RXTE  photometric  sensor  system.  Stars 
having  observed  RXTE  magnitudes  will  have  magnitudes  available  that  will  more  nearly  match  the 
effective  wavelength  and  bandwidth  of  other  CCDST’s  than  those  observed  in  the  standard  UBVR1 
passbands.  Predicted  instrumental  ms’s  based  upon  RXTE  input  magnitudes  are  expected  to  be  improved 
over  those  based  upon  the  UBVRI  passbands.  The  data  acquired  permit  an  examination  of  CCDST 
performance,  primarily  in  the  areas  of  measured  star  positions  and  measured  sensor  magnitudes,  which  are 
the  most  important  pieces  of  information  coming  out  of  the  ST’s  from  the  operational  standpoint.  The 
knowledge  gained  will  be  of  use  in  improving  the  generation  of  future  mission  run  catalogs  for  other 
satellites  using  CCDST’s. 
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XTE  Spacecraft 


Figure  1 Rossi  X-ray  Timing  Explorer 


Characterization  of  the  CCDST  Data: 

The  body  of  data  acquired  by  the  Attitude  Model  Support  Task  includes  measured  positions  in  field  of 
view  (FOV)  coordinates  and  measured  instrumental  magnitudes  with  data  points  at  two-second  intervals 
during  periods  of  successful  star  identification.  Observations  were  acquired  both  during  periods  of 
spacecraft  inertial  pointing  and  during  slews  between  points.  Up  to  five  stars  may  be  identified 
simultaneously  by  each  star  tracker.  The  trackers  are  mounted  with  a boresight  separation  of  9.9  degrees 
along  the  diagonal  of  each  FOV,  so  that  there  is  a little  more  than  one  degree  in  common  between  the 
nominal  8x8  degree  FOV’s  at  the  overlapping  comers.  This  arrangement  allows  for  the  possibility  of 
simultaneous  observation  of  the  same  star  by  both  trackers. 

Each  star  image  detected  by  the  CCDST  is  defocused  so  that  its  image  is  spread  over  4x4  to  5x5  pixels. 
Each  pixel  on  the  CCD  is  approximately  60x60  arcsecond.  The  calculated  centroid  of  this  defocused 
image  over  16  to  25  pixels  yields  a position  in  FOV  coordinates  and  integration  of  the  flux  over  the  same 
image  yields  a sensor  magnitude.  Since  a real-time  spacecraft  attitude  was  not  recorded  during  the  data 
acquisition,  only  the  angular  separation  of  neighboring  pairs  of  stars  in  the  FOV  at  the  same  time  is  useful 
in  comparison  with  other  independent  source  catalog  positions  (e.g.,  the  Tycho  Catalogue  [Ref.  1]). 

Stars  which  were  mis-identified  in  the  attitude  determination  software  used  to  process  the  star  tracker 
data  were  identified  by  the  large  deviations  in  the  measured  angular  separation  from  that  predicted  for  the 
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pair.  These  large  deviations  were  typically  on  the  order  of  several  degrees  and  were  well  outside  the  range 
of  variation  examined  for  NN  effects. 

A comparison  of  the  observed  RXTE  magnitudes  with  the  predicted  REDMAG  subsystem  values  was 
done  to  validate  the  REDMAG  algorithms.  For  the  purposes  of  this  analysis,  a group  of  stars  observed 
simultaneously  in  the  FOV  of  RXTE  ST  1 was  chosen  and  divided  into  two  subgroups,  one  of  the  stars  not 
expected  to  have  NN-related  identification  problems  and  the  other  stars  in  which  at  least  one  star  of  the  pair 
has  a bright  NN.  These  stars  were  identified  in  the  Tycho  Catalogue  and  independent  Tycho  positions  and 
V magnitudes  were  obtained. 

TRACKER  POSITION  PERFORMANCE  COMPARED  WITH  TYCHO 
Star-Pair  Angular  Separations: 

Angular  separations  of  star  pairs  were  calculated  both  from  the  RXTE  FOV  coordinates  and  from  the 
Tycho  positions.  For  the  stars  with  NN’s  brighter  than  approximately  V = 10.0,  the  effects  on  the  observed 
RXTE  star  by  it’s  near-neighbor  were  measured  in  a shift  in  position  relative  to  another  observed  RXTE 
star  in  the  FOV  at  the  same  time. 

Figure  2 shows  the  effects  of  NN  interference  on  the  measured  position  of  the  centroid  by  plotting  the 
deviation  of  the  predicted  pair  separation  from  the  measured  separation  (taken  as  measured  minus 
predicted)  as  a function  of  NN  angular  separation  ( Ad)  and  the  magnitude  difference  (Am)  of  the  primary 
and  secondary  NN  stars.  The  horizontal  axis  represents  the  NN  Ad  in  arcseconds,  while  the  vertical  axis 
represents  the  component  Am  (in  magnitudes),  and  the  contours  are  the  measured  A60  minus  the  predicted 
AOp  in  arcseconds.  The  horizontal  axis  is  marked  in  one-pixel  increments.  The  location  of  each  data  point 
used  in  the  plot  has  been  superimposed  over  the  contours  as  an  oval  symbol.  The  region  in  the  lower  left- 
hand  comer  corresponds  to  stars  with  small  NN  separations  and  a bright  companion  star.  Due  to  these 
characteristics,  this  region  (0  < Am  < 1;  0 < A6  < 60)  is  devoid  of  features  because  the  attitude 
determination  software  rejected  the  stars  seen  by  the  star  tracker  for  identification.  The  difference  between 
the  AB0  and  AQp  separations  is  probably  not  bounded;  the  maxima  and  minima  in  Figure  2 probably 
indicate  regions  in  which  star  identification  often  fails  in  the  software.  The  10-arcsecond  or  less  contours 
correspond  to  the  noise  (standard  deviation  between  the  A90  and  Adp  values  for  the  group  of  stars  without 
interfering  NN’s).  This  number  is  in  good  agreement  with  the  6 arcsecond  error  (in  each  coordinate)  found 
during  calibration  maneuvers  early  in  the  RXTE  mission  (Ref.  2). 
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Figure  2 Near-Neighbor  Effects  on  Measured  Separations  (Arcseconds) 


CCDST  MAGNITUDE  MEASUREMENT  COMPARED  TO  PREDICTION 
Star-Pair  Magnitude  Differences: 

All  observed  RXTE  stars  have  V magnitudes  obtained  either  from  the  Tycho  Catalogue,  the  Catalog  of 
Red  Magnitudes  (Ref.  3),  or  from  the  Mermilliod  UBV  Catalogue  (Ref.  4).  These  magnitudes  are  not 
directly  useful,  as  the  sensitivity  curves  of  the  CCDSTs  on  RXTE  are  not  close  to  that  of  the  Johnson  V 
passband  (see  Figure  3).  However,  these  magnitudes  together  with  available  Johnson  and  Cousins  red 
magnitudes  from  Reference  3 ( R passband)  could  be  used  as  input  to  the  REDMAG  magnitude  prediction 
subsystem  of  the  MMSCAT  catalog  generation  software.  REDMAG  uses  the  sensitivity  curve  of  the 
RXTE  CCDSTs  (an  average  of  the  curves  for  trackers  1 and  2)  together  with  spectrophotometric  scans  of 
different  stellar  spectral  types  to  calculate  a color  correction  (Cl)  to  the  input  astronomical  magnitude  in 
order  to  predict  the  instrumental  RXTE  ms.  See  the  Appendix  and  Ref.  5 for  discussions  of  REDMAG 
algorithms.  The  residuals  between  measurement  and  prediction  were  investigated  for  the  stars  without  an 
interfering  near  neighbor  and  found  to  be  in  accordance  with  results  documented  elsewhere  (Ref.  6),  and 
then  separately  for  the  subgroup  where  at  least  one  star  of  the  pair  was  expected  to  show  the  effects  of  NN 
interference. 
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Figure  3 Johnson  Standard  UBVRI  Passbands  Compared  to  Ball 
Aerospace  CT-601  Sensitivity  Curve  (Rossi  XTE) 


For  the  stars  with  interfering  NN’s,  the  magnitude  residuals  were  then  related  to  separations  and 
magnitude  differences  obtained  from  various  catalog  sources,  usually  Tycho  or  the  Washington  Catalog  of 
Visual  Double  Stars  1994.0  (Ref.  7),  with  the  qualifier  that  predicted  sensor  magnitudes  for  the  primaries 
and  secondaries  were  used  to  generate  sensor  passband  magnitude  differences  for  the  pairs  involved.  Also, 
it  was  apparent  that  the  observed  sensor  magnitudes  from  the  defocused  CCDST  images  can  be  modeled 
better  by  using  the  standard  astronomical  formula  for  a blended  pair  magnitude  with  the  standard 
astronomical  passband  magnitudes  and  magnitude  differences  replaced  by  predicted  sensor  magnitudes  and 
magnitude  differences  (compare  Figures  4 and  5,  see  Eq.  1). 

m (blend)  = m (primary)  -2.51og10(l+2.51 19_Am)  (1) 

Figure  4 shows  the  effects  of  NN  interference  on  the  measured  CCDST  magnitudes,  expressed  as  the 
difference  between  the  measured  sensor  magnitude  and  the  unblended  predicted  magnitude.  The 
horizontal  and  vertical  axes  are  the  same  as  in  Figure  2,  but  the  contours  in  Figure  4 represent  the 
difference  between  the  measured  and  predicted  magnitudes  of  the  stars.  The  magnitude  difference  on  the 
vertical  axis  is  the  sensor  passband  magnitude  difference,  and  the  horizontal  axis  represents  the  separation 
in  arcseconds  between  the  primary  and  secondary  components  of  the  pair. 
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Figure  4 Near-Neighbor  Effects  on  Measured  Magnitude,  Non-Blended 

Predicted  Magnitudes 


Figure  5 is  the  same  plot,  but  using  blended  predicted  magnitudes,  where  the  blended  magnitude  is 
computed  from  the  predicted  primary  magnitude  and  the  sensor  passband  magnitude  difference.  Both 
figures  show  features  near  the  CCDST  pixel  boundaries  which  may  be  associated  with  the  algorithm  used 
by  the  manufacturer  to  sum  the  incident  flux  and  produce  a measured  sensor  magnitude.  Further  analysis 
of  this  effect  may  require  knowledge  of  the  manufacturer’s  algorithm,  which  is  not  available  at  present. 
Figure  5 shows  an  improvement  in  the  agreement  of  the  predicted  magnitudes  with  the  measured 
magnitudes  over  the  region  in  which  a blended  image  is  seen  by  the  tracker,  but  the  blended  predicted 
values  become  too  bright  in  the  region  in  which  the  tracker  begins  to  separate  the  images  (4-5  pixels 
separation). 
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Figure  5 Near-Neighbor  Effects  on  Measured  Magnitude,  Blended 

Predicted  Magnitudes 


748 


Figure  6 Near-Neighbor  Effects  on  Measured  Magnitude,  Blended 
Predicted  Magnitudes  (Spectral  Types  O-F) 

Since  the  CT-601  CCDST  is  known  to  be  selectively  more  sensitive  in  red  wavelengths,  the  stars  plotted  in 
Figures  4 and  5 were  further  separated  into  two  groups,  one  composed  of  stars  with  spectral  types  between 
O and  F,  and  one  composed  of  stars  with  spectral  types  K,  M,  or  redder.  Figures  6 and  7 highlight  the  fact 
that  the  predicted  magnitudes  are  not  as  accurate  for  the  redder  stars,  as  expected  (Ref.  6).  The  region  in 
Figure  7 corresponding  to  NN’s  brighter  than  two  magnitudes  fainter  than  the  primary  and  closer  than  4 
pixels  (240  arcseconds)  is  devoid  of  data  points,  which  may  indicate  that  the  star  identification  software 
fails  for  red  primary  stars  in  this  region. 
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Figure  7 Near-Neighbor  Effects  on  Measured  Magnitude,  Blended 
Predicted  Magnitudes  (Spectral  Types  K,  M,  and  Redder) 

DISCUSSION 

The  manufacturer  of  the  CT-601  CCDST  states  that  NN’s  separated  by  more  than  four  pixels  (240 
arcseconds)  from  a measured  star  should  have  a greatly  reduced  effect  on  the  position  determination.  This 
appears  to  be  well  borne  out  by  the  data.  For  example,  replacement  of  primary  component  positions  with 
center-of- light  positions  showed  no  significant  improvement  in  the  residuals  in  the  region  where  blended 
magnitudes  improved  the  magnitude  residuals  (less  than  four  pixels  NN  separation).  Calculated  positions 
can  deviate  by  tens  of  arcseconds  from  predicted  values  in  cases  of  extreme  interference,  but  most  attitude 
determination  software  applies  constraints  to  the  identification  process  and  properly  setting  them  can 
eliminate  many  of  the  affected  stars  from  an  attitude  solution.  Also,  there  does  seem  to  be  a significant 
pixel  edge-related  effect  on  the  measured  positions,  but  at  this  point  in  the  analysis  it  has  not  been 
examined  closely  (Figure  2). 

The  manufacturer  also  recommends  that  no  star  brighter  than  4 magnitudes  fainter  than  a potential 
candidate  catalog  star  be  located  within  0. 1 degree  (6  pixels)  of  that  candidate  star  in  order  to  reduce  the 
contamination  of  the  image.  Within  this  0.1-degree  region,  it  appears  that  stars  3 or  more  magnitudes 
fainter  than  the  catalog  star  produce  little  or  no  observable  interference  (Figure  5).  As  the  NN  brightness 
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and  position  approaches  the  catalog  star,  the  interference  increases  until  the  image  measured  by  the  star 
tracker  deviates  too  much  from  the  catalog  prediction,  whereupon  most  attitude  software  will  reject  the 
star.  This  situation  can  be  improved  by  the  use  of  blended  sensor  magnitudes  for  pairs  separated  by 
approximately  3 pixels  (compare  Figures  4 and  5),  but  the  blended  magnitudes  are  less  accurate  than 
unblended  predictions  at  separations  of  approximately  four  or  more  pixels  (Figure  5).  The  positive 
deviations  in  Figure  5 indicate  that  the  blended  predictions  are  brighter  than  what  is  observed,  possibly 
indicating  that  the  tracker  no  longer  sees  a blended  image. 

The  recommendation  from  the  manufacturer  that  stars  with  NN’s  violating  the  preceding  constraints  be 
excluded  from  a mission  star  catalog  would  probably  be  too  harsh  a restriction.  Instead,  alterations  in  the 
NN  data  fields  of  the  input  MC  and  in  the  REDMAG  subsystem  of  the  MMSCAT  software  could  be  made 
in  order  to  produce  better  predictions  for  CCDST’s.  Catalog  entries  could  be  blended  into  single  entries 
for  stars  with  significantly  interfering  NN’s,  which  would  also  eliminate  a problem  seen  for  stars  with  NN 
separations  of  around  four  pixels,  in  which  the  identification  produced  by  the  attitude  software  “flip-flops” 
between  the  two  stars  of  the  pair.  A single,  blended  catalog  entry  would  obviously  eliminate  the  possibility 
of  a “flip-flop”  in  the  software  and  is  probably  a better  prediction  of  what  the  CCDST  will  see  for  stars 
with  interfering  NN’s. 


ACKNOWLEDGMENT 

The  authors  wish  to  acknowledge  the  contributions  of  the  following  personnel  to  this  paper: 

• Joseph  A.  Hashmall 

• Joanne  R.  Myers 

• Flight  Dynamics  Attitude  Operations  personnel,  notably  Jonathan  S.  Landis  and  Craig  U.  Woodruff 

REFERENCES 

1. )  European  Space  Agency,  Hipparcos  and  Tycho  Catalogues,  ESA  SP-1200,  1997. 

2. )  Goddard  Space  Flight  Center,  Flight  Dynamics  Division,  CSC  10032526,  Rossi  X-Ray  Timing 

Explorer  (RXTE)  Postlaunch  Report,  D.  Fink,  W.  Davis,  et  al.  (CSC),  June,  1996. 

3. )  Warren  Jr.,  W.,  Northern  Hemisphere  Catalog  of  Red  Magnitudes,  1 994. 

4. )  Mermilliod,  J.C.,  Catalogue  of  Homogeneous  Means  in  the  UBV  System , Institut  d’Astronomie, 

Universite  de  Lausanne,  1994. 

5. )  Goddard  Space  Flight  Center,  Flight  Dynamics  Division,  CSC-27434-41,  SKYMAP  Requirements, 

Functional,  and  Mathematical  Specifications,  Volume  2,  Revision  1,  Instrumental  Red  Magnitude 
Prediction  Subsystem,  A.C. Miller,  D.Brasoveanu,  C.Sande,  (CSC),  D.A.Tracewell  (NASA/GSFC), 
W.H. Warren  Jr.  (Raytheon  STX),  prepared  by  the  Computer  Sciences  Corporation,  June  1997,  pp. 
4.6-4  & 4.6-5. 

6. )  Goddard  Space  Flight  Center,  Flight  Dynamics  Division,  56830-04,  SWAS  Run  Catalog  Prelaunch 

Analysis,  A.C.  Miller,  R.  Nieman,  prepared  by  the  Computer  Sciences  Corporation,  September,  1996. 

7. )  Worley,  C.E.  and  G.G.  Douglass,  Washington  Catalog  of  Visual  Double  Stars  1994.0,  United  States 

Naval  Observatory,  1994. 


751 


APPENDIX 


Instrumental  Magnitude  Prediction  Algorithm 

The  instrumental  red-magnitude  prediction  subsystem  (REDMAG)  in  the  MMSCAT  software  package 
computes  the  expected  instrumental  color  index  {CISZ)  [sensor  color  correction]  from  a stellar  magnitude 
(/«r)  observed  through  an  astronomical  passband  (Z)  and  the  spectral  type  (MK)  both  recorded  in  the 
Master  Star  Catalog  (MC),  and  the  characteristics  of  the  Z passband  response  curve  (Pz)  and  sensor 
passband  (5)  sensitivity  curve  ( Ps ).  mz  is  corrected  by  CISZ  to  give  the  expected  sensor  magnitude  (ms  = 
mz  + Cl 22).  The  CISZ  algorithm  follows  from  Reference  5: 


Offi  =-251ogl0 


((Ps  »N®  io-a4*W*)) 

((w"))  H^)) ' 

((P2  •N®W*mA)Avfj 

({rs.N-)}  ({r».N*r)} 

where  each  set  of  double  brackets  ((•))  gives  the  energy  flux  of  the  stellar  spectrum  ( N)  intercepted  by 
the  response  curve  (P).  The  Morgan-Keenan-Johnson  (MK)  spectral  type  gives  access  to  the  proper 
spectrophotometric  spectrum  in  the  REDMAG  scan  file.  Each  scan  is  normalized  to  1 .0  at  the  effective 
wavelength  (Zv efi)  of  the  visual  passband  (F)  and  each  response  curve  is  normalized  to  1.0  at  its  maximum 
value.  All  TV's  and  P's  are  functions  of  wavelength  (Z)  and  their  product  function  is  defined  as 


« np 

{(P*N))  = \P(A)N(A)dA*  I P(A.)N(A.)<5A. 

0 i = 1 


where 


np  = the  total  number  of  data  points  in  the  summation 


Specific  variables  and  functions  are  defined  as 

CISZ  = notation  for  the  (S-Z)  sensor  color 

Z = ^(typically);  the  preferred  order  of  use  for  the  RXTE  mission  is  red  (/?)  first,  then  V 
when  R is  not  available,  then  photovisual  (ptv ),  followed  by  infrared  (I),  blue  ( B ),  photographic  (ptg ),  or 
ultraviolet  (£/)  as  available 

Pv  = response  curve  of  the  V passband 
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Ps  = sensitivity  curve  of  the  sensor  ( S) 

P:  = response  curve  of  an  observed  standard  astronomical  passband  ( Z) 

N = normalized  stellar  spectrophotometric  scan 

Av  = interstellar  absorption  index  in  the  V passband  is  computed  using  the  difference  between 
the  observed  color  (B-V) obs  and  intrinsic  [standard]  color  (B-V) im;  the  MK  spectral  type  of  the  star  in  the 
MC  gives  access  to  the  REDMAG  standard  colors  file. 

W(/ 1)  = Whitford  interstellar  reddening  function  normalized  to  ^ eff 

= stellar  spectral  scan  reddened  by  interstellar  absorption 

NAOV  = spectral  scan  of  an  A OV  reference  type 

(*)  = typically  AOV,  GOV,  KOV  or  other  reference  selected  for  the  mission  sensor;  frequently 
different  from  the  standard  AOV  reference  used  for  astonomical  passbands  ( UBVRJ) 

N (+)  = normalized  spectral  scan  for  the  mission  sensor  reference  type  (*) 


In  general,  the  contribution  from  each  of  three  ratios  in  the  CIS2  expression  above  is  given  by 


ACIszfratio)  = -2.5log]Q(ratio  value) 


Once  the  value  of  (*)  has  been  selected  for  the  mission,  the  contribution  of  the  last  ratio  is  a constant, 
unchanged  for  all  stars  and  all  observed  astronomical  passbands.  [Examples:  (*)  = AOV  and  ACIsz(}asl)  = 

zero  for  the  RXTE;  (*)  = GOV  and  ACIsz(\asi)  = 0.455  magnitude  for  the  SWAS.]  Similarly, 
ACIsz(middle)  is  unchanged  for  all  stars  but  does  change  with  the  observed  astronomical  passband  used  in 
each  computation.  ACIsz(first)  changes  with  each  star  and  the  observed  passband  (Z)  used.  Due  to  the 
non-flat  stellar  spectrum  of  the  typical  star,  it  is  clear  that  the  closer  kzeff,  effective  bandwidth  (A 2?efj),  and 
shape  of  Pz  is  to  Pjthe  closer  ACIsz(first)  comes  to  zero  and  the  less  critical  the  uncertainty  in  the 
computation.  See  Figure  8 for  the  product  functions  Ps  »N  and  Py  •N  for  RXTE. 
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FIGURE  8 TYPICAL  STAR  MEASURED  IN  V & XTE  (BALL  CT-601)  BANDS 


Usually  Z - V and  Pz  becomes  Pv  since  there  are  many  more  accurate,  observed  mv' s in  the  MC  than 
any  other  magnitude.  The  first  equation  above  reduces  to  the  following: 


The  Clsv  = ms  - mv  is  the  sensor  color  correction  supplied  by  the  vendor  which  includes  the  effect  of  the 
reference  spectral  type  (*)  selected  for  the  mission.  At  the  selected  reference,  CISV  = 0 ( ms  = mv ).  Note 
that  at  the  selected  reference,  when  Z # V,  in  general  CISZ  # 0 (ms  # m:). 
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ABSTRACT 


As  an  evolution  of  activities  performed  in  the  frame  of  an  ESTEC  contract  for 
the  development  and  realization  of  an  autonomous  star  sensor  for 
interplanetary  and  scientific  mission,  OG  is  now  developing  a compact 
autonomous  star  tracker  useful  for  commercial  applications  where  reduced 
mass,  power  consumption  and  recurring  cost  are  driving  requirements,  rather 
than  accuracy. 

Through  proper  on-board  star  catalogues  and  pattern  recognition  and  attitude 
estimation  algorithm,  the  sensor  is  capable  to  quickly  determine  attitude  and 
rate  of  S/C  with  respect  to  inertial  reference  frame  without  any  a priori  attitude 
knowledge.  The  sensor  is  designed  to  allow  an  updating  rate  of  10  Hz  (or 
higher)  to  be  competitive  with  the  faster  sensor  on  board  of  a S/C  (i.e.  gyro) 
and  then  to  be  used  as  part  of  a gyroless  attitude  control  system. 

New  Electronic  packaging  technology  and  VLSI  components  are  used  to 
reduce  electronic  volume  to  the  minimum  extent. 

This  paper  presents  the  description  of  the  sensor  H/W  and  S/W,  a summary  of 
the  functionality  and  the  performance  analysis  as  obtained  via  a high  fidelity 
simulator. 
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AUTONOMOUS  STAR  IDENTIFICATION  USING 
FUZZY  NEURAL  LOGIC  NETWORK 

Jian  Hong*  and  Julie  A.  Dickerson* 

Star  observation  is  widely  used  by  spacecraft  for  attitude  determination. 

Star  sensors  are  used  by  spacecraft  to  measure  star  magnitude  and  star 
coordinates  in  the  spacecraft  frame.  The  measurements  are  then 
compared  with  a reference  star  catalog  to  obtain  the  attitude  information 
of  the  spacecraft.  Most  "quaternion-out"  star  recognition  systems  use 
direct  match  algorithms  to  search  a database  of  star  patterns.  These 
methods  are  inefficient  in  both  search  time  and  memory  requirements. 

Fuzzy  Neural  Logic  Networks  (NLN)  can  through  their  internal  parallelism 
speed  up  the  search  process  and  deal  with  measurement  uncertainty.  It 
also  requires  no  a-priori  attitude  knowledge  for  the  star  identification.  We 
use  a set  of  NLNs  that  divide  the  data  into  eleven  subnetworks  based  on 
the  distance  between  the  two  brightest  stars  in  a star  triplet.  On  a set  of 
9050  star  triplet  patterns  generated  from  the  SKY2000  database,  the 
network  recognition  accuracy  was  better  than  99%  even  when 
measurement  errors  up  to  72  arcsec  were  present.  With  the  proposed 
star  recognition  algorithm,  errors  due  to  star  magnitude  measurement 
can  also  be  minimized. 

INTRODUCTION 

Star  observation  is  widely  used  by  spacecraft  for  attitude  determination.  Star 
sensors  measure  star  magnitude  and  star  coordinates  in  the  spacecraft  frame.  The 
measurements  are  then  compared  with  a reference  star  catalog  to  obtain  the  attitude 
information  of  the  spacecraft.  Autonomous  star  identification  is  important  for  spacecraft 
navigation  since  it  reduces  the  influence  caused  by  the  system  failure  and  the  spacecraft 
is  less  dependant  on  the  ground  communication  links. 

Most  of  the  current  autonomous  star  identification  systems  use  direct-match 
algorithms  that  store  the  star  feature  vectors  in  a database1,2.  During  recognition,  the 
measurements  are  compared  with  the  reference  feature  vectors  in  sequence2  or  by  using 
binary-tree  search-’,  until  a correct  match  is  found.  The  computation  time  for  star 
recognition  with  direct-match  algorithms  is  high  and  it  increases  as  the  number  of  the 
feature  patterns  in  the  database  increases. 


* Electrical  and  Computer  Engineering  Department,  Iowa  State  University,  Ames,  IA  50010 
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Fuzzy  logic  and  neural  networks  can  help  deal  with  these  problems.  The 
parallelism  of  neural  networks  can  help  speed  pattern  search  and  fuzzy  logic  can  help 
deal  with  measurement  uncertainty.  However,  star  recognition  is  very  different  from 
other  pattern  recognition  problems  in  that  the  number  of  star  patterns  is  quite  large.  For 
example,  the  number  of  star  triplet  patterns  in  the  SWAS  Catalog  is  9050.  Therefore, 
when  applying  neural  network  models  to  star  recognition,  network  complexity  and 
recognition  speed  are  two  major  concerns. 

The  Neural  Logic  Network  (NLN)  is  a neural  network  model  which  combines  the 
strength  of  both  neural  networks  and  rule-based  systems4.  In  our  research,  we  proposed 
an  autonomous  star  identification  system  by  using  a fuzzy  NLN.  The  algorithm  used  by 
the  fuzzy  NLN  for  pattern  matching  is  called  Supervised  Clustering  and  Matching 
(SCM)\  During  training,  a specific  hidden  node  learns  and  encodes  the  input  pattern  only 
when  both  the  input  and  output  patterns  match  well  enough.  With  fuzzy  NLN,  no-apriori 
attitude  knowledge  is  required.  The  simulation  results  based  on  SKY2000  Master  Star 
Catalog6  shows  that  fuzzy  NLN  has  the  advantage  of  fast  learning  speed  and  high 
accuracy  in  star  pattern  recognition. 

NEURAL  LOGIC  NETWORK 

The  Neural  Logic  Network  (NLN)  is  a neural  network  model  that  combines  the 
strength  of  both  neural  networks  and  rule-based  expert  systems.  Artificial  neural 
networks  are  computational  models  that  have  the  capability  of  learning  and  adaptation, 
but  they  can  not  reason  with  symbolic  languages.  Rule-based  expert  systems  simulate  the 
human  problem  solving  process  in  the  form  of  heuristic  rules,  but  they  can  not  respond  to 
the  new  inputs.  A NLN  combines  the  two  systems  to  incorporate  human  problem  solving 
skills  to  the  area  of  pattern  recognition  and  information  evaluation.4 

A NLN  builds  up  its  inference  engine  with  the  neural  network  as  its  underlying 
structure.  So  it  can  simulate  human  decision  making  behavior  as  well  as  learn  adaptively. 
In  star  identification,  NLN  is  used  as  a neural  network  model,  where  parallel  pattern 
learning  and  recognition  is  most  important. 

There  are  three  types  of  NLNs:  Boolean  NLN,  3-valued  NLN,  and  fuzzy  NLN5. 
In  a Boolean  NLN,  “0”  is  used  to  denote  “True”  and  “1”  for  “False”.  In  a 3-valued  NLN, 
{(1,0),  (0,1),  (0,0)}  are  used  as  the  truth  values,  where  (1,0)  denotes  “True”,  (0,1)  denotes 
“False”,  and  (0,0)  denotes  “Unknown”.  In  a fuzzy  NLN,  the  truth  value  domain  A is 
defined  by5: 


A = {(x,x):x  € [0,1], x € [0,1], x+x  = 1}  (1) 

where  x represents  on-response  and  x = 1 - x is  the  complement  of  x , representing  the 
off-response.  Complement  coding  preserves  both  the  on-response  and  the  off-response  to 
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an  input  vector.  It  shows  if  a feature  is  present  or  absent  and  to  what  degree.  It  helps 
fuzzy  NLN  to  handle  measurement  uncertainty. 

The  structure  of  a fuzzy  NLN  for  star  pattern  recognition  is  similar  to  that  of  the 
three-layer  feed- forward  neural  networks  (Figure  1).  The  hidden  nodes  are  called  cluster 
nodes,  since  one  hidden  node  may  be  used  to  encode  more  than  one  pattern.  Each  input 
and  output  pattern  can  be  represented  by: 


X = ((x,  ,Xi),(x2,x2),.. 

,,(xw,x,v/)) 

(2) 

(3) 

where  (x,  ,x, ) denotes  the  truth  value  of  the  ith  input  node  and  (yJ,yj')  denotes  the 
truth  value  of  jth  output  node. 


The  fuzzy  NLN  is  trained  with  the  Supervised  Clustering  and  Matching  (SCM) 
algorithm.5  SCM  is  derived  from  the  Adaptive  Resonance  Associative  Map  (ARAM)  , 
which  is  a model  from  the  supervised  Adaptive  Resonance  Theory  (ART)  network 
family8.  During  training,  a cluster  node  is  chosen  if  both  its  input  and  output  templates 
match  the  input  and  output  patterns  to  a certain  degree.  The  match  similarity  is  measured 

as  follows 5 : 
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(4) 


rrtj  = 


z< 


WJ,X,  - WjiX,  ) 


\W; 


\X\ 


> px  and 


\ Wj 


where  m)  and  m * are  the  match  degrees  for  input  and  output  patterns,  px  e [0,1]  and 

pv  e [0,1]  are  the  recognition  thresholds  for  the  input  and  output  layer,  (w*,  wy,)  and 

(Wj^wm)  are  the  Jth  weights  for  the  input  and  output  layer.  In  Eq.  (4),  w]ixi  is  the 
correlation  measurement  between  the  input  pattern  and  the  input  weight  template,  so  the 

bigger  Z.(wjvx,  - wj,  x , ) means  the  input  pattern  is  more  similar  to  the  input  weight 
template.  This  measurement  is  then  normalized  by  the  multiplication  of  the  L2-norm  of 
the  input  and  weight  vectors.  The  L2-norm  function  |«|  is  defined  as: 

14  =JZ^  (5) 

If  both  the  input  and  output  matches  exceed  the  thresholds,  the  cluster  node  learns  the 
input  and  output  pattern  by  updating  its  weight  vectors  as  follows: 

= a + A(xf  ,-x, ) (6) 

«,^rw=(  i-A)«,^rw+^(x (7) 

where  J3X  e [0,1]  and  J3y  e [0,1]  are  the  learning  rates  for  the  input  and  output  layer 

respectively.  The  learning  moves  the  weight  vectors  W j and  Wj  towards  the  input  and 
output  vectors  X and  - Y respectively.  Large  learning  rates  result  in  fast  learning  speed. 
Small  learning  rates  can  result  in  more  accurate  learning,  but  the  learning  speed  is  quite 
slow. 


If  the  node  does  not  satisfy  the  threshold  in  Eq.  (4),  the  network  selects  another 
node.  If  no  existing  cluster  nodes  satisfy  the  above  condition,  a new  cluster  node  is  added 
to  encode  the  given  input  and  output  pattern.  The  advantage  of  using  two  different 
thresholds  is  to  allow  the  network  to  respond  properly  to  different  pattern  recognition 
problems.  Higher  values  can  impose  a stricter  matching  criteria,  which  in  turn  partitions 
the  input  set  into  finer  categories.  Lower  vigilance  values  tolerate  greater  mismatch, 
which  will  result  in  a coarse  recognition.  In  star  recognition,  we  used  high  input  and 
output  thresholds,  since  very  similar  triplet  features  may  correspond  to  different  triplet 
patterns  due  to  the  measurement  errors. 

SYSTEM  DESIGN 

Since  a single  star  does  not  have  enough  distinctive  features  to  classify  it  from 
thousands  of  other  stars,  successful  star  identification  algorithms  often  use  features 


760 


generated  by  a group  of  stars.  Previous  studies  show  that  star  triplets  work  well  for  star 
identification3,9.  We  use  star  triplets  for  feature  extraction  in  our  system,  then  the  features 
are  sent  to  the  fuzzy  NLN  to  get  the  recognition  result. 

Feature  Selection 

Star  features  that  can  be  used  for  recognition  include  star  magnitude,  angular 
separation,  the  group  geometry,  or  the  variations  of  these  features,  such  as  the  square  of 
the  separation.  Star  magnitudes  can  be  difficult  to  determine  accurately,  since  different 
star  spectral  types  can  cause  shifts  in  intensity  measurements  unique  to  particular  imaging 
systems3,  and  star  magnitudes  can  change  over  a short  period  of  time.  Data  from  the  XTE 
(X-ray  Timing  Explorer)  showed  that  the  observed  magnitude  difference  could  be  greater 
than  1.0  relative  to  the  predicted  magnitude10.  Therefore  star  magnitude  may  not  be  a 
very  reliable  parameter.  For  recognition,  the  angular  separation  has  small  variation  and 
can  be  measured  with  high  accuracy.  So  we  use  the  angular  separation  between  the  stars 
in  a triplet  as  the  feature  vector.  The  geometry  of  the  triplet  is  determined  by  reordering 
the  stars  according  to  their  magnitudes.  The  procedure  to  generate  the  triplet  feature 
vector  is  as  follows: 

1 . Choose  a reference  star  from  the  central  portion  of  Field  of  View  (FOV). 

2.  Select  the  two  brightest  neighbors  within  the  FOV.  For  SWAS  CT-601  star 
tracker11 , the  FOV  is  8x8  degree. 

3.  Reorder  the  triplet  from  brightest  to  faintest  according  to  star  magnitude,  i.e. 


4.  Calculate  the  angular  separations  between  each  pair  of  the  stars,  which  is 
denoted  by  dtJ . Therefore,  the  input  feature  vector  to  the  fuzzy  NLN  network  is 


m,  < m-,  < m 


(8) 


8 deg 


8 deg 


+■ 


Figure  2 Star  Triplet  Attributes 
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System  Structure 

The  reference  star  catalog  used  by  our  research  is  the  SWAS  star  catalog,  which  is 
a run  catalog  created  from  SKY2000  Master  Catalog.  The  original  SWAS  star  catalog 
contains  33,379  stars.  Considering  only  those  stars  whose  magnitudes  are  brighter  than 
6.5,  the  total  number  of  triplet  patterns  generated  is  9,050.  With  this  large  number  of 
patterns,  it  is  inefficient  to  train  a single  neural  network.  The  solution  is  to  divide  the 
problem  into  smaller  NLNs  that  can  be  trained  more  efficiently. 

From  analysis,  we  know  the  angular  separation  is  a more  reliable  parameter  than 
star  magnitude.  The  histograms  of  the  three  angular  separations  of  the  triplet  (Figure  3,  4 
and  5)  show  that  dn  (the  distance  between  starl  and  star2  in  a triplet)  is  the  most  evenly 
distributed  attribute,  therefore  we  used  dn  to  select  which  NLN  to  use.  During 
recognition,  direct  match  is  first  used  on  dn  to  decide  which  fuzzy  NLN  to  enter,  then 
the  corresponding  NLN  will  give  the  classification  result  as  shown  in  Figure  6. 

The  range  for  dn  is  [0.0031,  7.855]  deg.  The  overlap  of  each  interval  for  dn 
ensures  an  error  tolerance  capability  up  to  0.3  deg  for  angular  separation  at  this  step.  The 
number  of  triplet  patterns  in  each  NLN  is  (from  NLN-1  to  NLN-11):  914,  1048,  1300, 
1495,  1544,  1697,  1626,  1131,  1027,  889,  and  1047  respectively.  The  average  of  pattern 
stored  in  each  fuzzy  NLN  is  1247.  This  is  a very  quick  and  efficient  method  in  dividing 
the  total  triplet  patterns,  which  also  maintains  the  error  tolerance  performance. 

Due  to  the  overlap  between  each  two  nearby  intervals  of  dn,  one  triplet  may  fall 
into  two  NLNs.  For  example,  assume  the  original  angular  separation  dn  is  2.6,  due  to  the 
measurement  error,  it  is  changed  to  2. 6-0. 3=2.3  (suppose  the  maximum  angular 
separation  error  is  0.3).  So  this  pattern  will  fall  into  two  NLNs:  NLN-3  and  NLN-4, 
which  correspond  to  dn  interval  of  [1.7,  2.5]  and  [2.3,  3.0]  respectively.  However,  the 
correct  pattern  should  belong  to  NLN-4.  The  method  to  decide  which  classification  result 
is  the  correct  one  depends  on  the  calculation  of  the  maximum  hidden  node  truth  value  Ty. 

7 1*71,1*12 

Here,  w*  is  the  weight  connecting  ith  input  node  and  jth  hidden  node,  x,  is  the  ith  input 
feature  value.  W‘  is  the  weight  vector  connecting  input  vector  with  the  jth  hidden  node. 
X is  the  input  vector.  7]  is  a similarity  measurement  between  input  pattern  and  the  stored 
pattern.  A larger  value  of  7]  means  that  the  input  is  more  similar  to  the  stored  pattern.  For 
example,  in  our  experiment,  the  pattern  mentioned  before  (<712- 2.3)  has  the  maximum 
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Figure  3 Histogram  of  dn 
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Figure  4 Histogram  of  d 
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Figure  5 Histogram  of  d}l 
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[5.7,  8.1] 
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NLN-1 1 
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index 


Figure  6 System  Structure  for  Star  Recognition  ( The  triplet 
measurement  dn  selects  which  NLN  to  use.  The  numbers 
in  [ ] give  the  range  of  dn  for  a NLN  ) 


hidden  node  truth  value  of  0.999148  for  NLN-4  and  0.998707  for  NLN-3.  Therefore,  the 
classification  result  from  NLN-4  is  considered  to  be  the  correct  one. 

Star  Identification  Algorithm 

Based  on  the  analysis  and  system  design  described  above,  we  propose  the 
algorithm  for  autonomous  star  identification  as  follows: 

1.  Generate  a triplet  for  the  reference  star  that  is  in  the  central  portion  of  FOV. 
Reorder  the  triplet  according  to  the  star  magnitude. 

2.  Calculate  the  angular  separation  for  the  triplet  to  get  the  feature  vector: 

(^12  ’^23’  ^31  )• 

3.  Use  direct  match  on  dn  to  choose  a proper  NLN  for  identification. 
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4.  If  more  than  one  NLN  is  used,  calculate  the  hidden  node  truth  value  of  each 
NLN.  Choose  the  NLN  with  the  largest  hidden  node  truth  value. 

5.  Get  the  identification  result  by  using  Eq.  (10): 

O',  , y , ) = / 1 (X  wj'1j  ( 1 °) 

j J 

where  (tj ,tj)  = (1,0)  if  it  is  the  maximum  hidden  node,  otherwise 
= (0,0)  . (Y,Y)  is  the  output  truth  vector.  The  slope  threshold  function 
fs  is  defined  by 


fs{a,a) 


(1,0)  if  a-  a>\ 

<(0,1)  ifa-a<- 1 

(a,l  - a)  otherwise 


(ID 


Then  translate  this  binary  representation  of  ( Y , Y)  to  get  the  SKY2000  index 
number  of  the  reference  star. 

In  the  SCM  algorithm,  only  the  cluster  node  J that  receives  the  maximum  hidden 
node  truth  value  predicts  the  output.  For  fuzzy  identification,  the  highest  two  or  three 
maximum  truth  value  nodes  were  chosen  to  predict  the  results.  For  example,  when  the 
angular  separation  error  was  60  arcsec,  the  first  two  maximum  hidden  node  truth  values 
for  an  input  corresponding  to  reference  star  6376  were  0.999997  and  0.999994 
respectively,  where  “6376”  is  the  SKY2000  index  number.  The  recognition  result  from 
the  first  hidden  node  was  star  2102,  while  the  result  from  the  second  hidden  node  was 
star  6376.  In  fuzzy  recognition,  the  truth  value  Tj  was  used  as  a confidence  level.  By 
using  fuzzy  recognition,  we  obtained  more  accurate  results.  This  is  especially  useful  for 
the  situation  where  the  measurement  error  is  big  enough  that  one  pattern  can  easily  fall 
into  another  class. 

SIMULATION  RESULTS 

The  simulation  is  done  in  three  steps.  First,  generate  a reference  catalog  of  star 
triplets  from  the  SWAS  star  catalog.  Second,  train  the  fuzzy  NLNs  using  triplet  feature 
vectors.  Third,  test  the  system  using  simulated  observation  data. 

The  procedure  for  creating  a triplet  catalog  from  SWAS  star  catalog  is  shown  in 
Figure  7.  In  SWAS  star  catalog,  flag7  is  the  trackability  near-neighbor  flag.  This  flag 
maps  the  angle  to  the  nearest  star  either  brighter  than  or  up  to  4.0  magnitude  fainter. 
Flag8  is  the  identifiability  near-neighbor  flag.  It  maps  the  angle  to  the  nearest  star  within 
1.0  magnitude.  In  Figure  7,  the  comparison  for  flag7  and  flag8  is  to  ensure  that  a 
reference  star  has  no  neighbors  within  0. 1 degree  that  are  within  4 magnitude  of  the 
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Figure  7 Diagram  for  Generating  Triplet  Catalog 


766 


reference  star  brightness,  according  to  the  CT-601  star  tracker's  manual 11 . 

After  obtaining  the  triplet  feature  vector,  the  second  step  is  to  train  the  fuzzy 
NLNs.  The  procedure  for  training  fuzzy  NLN  is  introduced  in  the  second  part  of  this 
paper.  The  inputs  to  each  of  the  fuzzy  subnets  are  the  angular  separations,  so  there  are 
three  input  nodes.  The  hidden  nodes  are  dynamically  created  during  the  training.  Since 
there  are  9050  triplet  patterns,  the  binary  representation  for  each  pattern  can  be  done  by 
using  14  binary  digits: 


A = LIo§:  9050j+l  = 14  (12) 

So  the  number  of  output  nodes  for  each  fuzzy  NLN  is  14.  Other  parameters  for  training 
fuzzy  NLN  are: 


Px  = 0.15,  f3y  =0.15,  Px=  0.9,  py  =1.0  (13) 

We  used  small  learning  rates  to  get  more  stable  learning  results.  For  star  recognition,  high 
input  and  output  vigilance  values  were  used  to  ensure  high  recognition  accuracy. 

The  feature  vector  used  to  train  the  fuzzy  NLN  consists  of  9 training  samples  for 
each  pattern.  The  training  samples  are  generated  by  adding  random  noise  to  the  original 
feature  vectors.  The  intensity  of  the  noise  is  up  to  2%  of  the  maximum  feature  value.  The 
training  time  for  each  NLN  was  about  3 hours. 

Finally,  we  used  the  flight  data  from  SWAS  star  catalog  to  test  the  system 
performance.  Simulations  were  done  on  SGI  workstations  by  using  C/C++.  The 
maximum  error  for  angular  separation  is  set  to  72  arcsec  in  the  simulated  data. 
The  recognition  results  are  shown  in  Table  1. 

Table  1 shows  that  the  proposed  system  has  star  recognition  accuracy  higher  than 
99%  even  when  the  angular  separation  error  is  72  arcsec.  The  recognition  is  also  very 
fast.  The  major  computations  for  average  NLN  include  3x1049x2+1049x14x2=35,666 
multiplications,  where  1 049  is  the  average  number  of  stored  patterns,  3 is  the  number  of 
input  nodes,  14  is  the  number  of  output  nodes,  2 accounts  for  the  complement  coding. 
The  storage  required  for  the  system  includes  the  weights  connecting  the  input  layer  with 
the  hidden  layer  and  the  weights  connecting  the  hidden  layer  with  the  output  layer  for 
each  NLN. 

Although  by  using  angular  separations  for  star  pattern  recognition,  the  magnitude 
error  will  not  have  direct  influence  on  the  performance  of  fuzzy  NLN,  it  can  affect  the 
system  performance  if  the  magnitude  error  is  big  enough  that  the  star  triplet  is  improperly 
ordered.  To  illustrate  the  influence  of  the  magnitude  error  on  the  system  performance, 
histograms  of  the  absolute  magnitude  difference  between  each  two  stars  in  a triplet  are 
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Table  1 

RECOGNITION  RESULTS  FOR  AUTONOMOUS  STAR  RECOGNITION 


Error  Range  for  Angular  Separation 
(arcsec) 


[0,0] 

[0,36] 

[0,54] 

[0,61] 

[0,72] 

9 Training  Samples 

Misclassification/ 
Number  of  Samples 

0/1047 

0/1047 

0/1047 

9/1047 

Correct  (%) 

100 

100 

100 

99.14 

16  Training  Samples 

Misclassification/ 
Number  of  Samples 

0/1047 

0/1047 

2/1047 

5/1047 

Correct  (%) 

100 

100 

99.81 

99.52 

25  Training  Samples 

Misclassification/ 
Number  of  Samples 

0/1047 

3/3141 

6/3141 

7/2094 

14/4188 

Correct  (%) 

100 

99.90 

99.81 

99.67 

99.67 

shown  in  Figure  8,  9,  and 

10.  Table 

2 lists  the 

statistical 

information 

of  the  star 

magnitude  difference  based  on  the  histograms. 

From  Table  2,  we  can  see  the  magnitude  error  has  more  influence  on  the  order  of  the  first 
and  second  brightest  stars  in  a triplet  geometry.  For  example,  if  starl  or  star2  has  the 
magnitude  error  of  up  to  0.3,  then  the  probability  of  misordering  can  increase  to 
28.17%.  But  the  third  star  is  usually  much  fainter  than  the  first  two  stars,  so  the 
possibility  of  error  is  reduced. 

An  effective  solution  for  this  problem  is  to  represent  the  triplet  patterns  in 
different  ways  to  the  recognition  system.  For  example,  assume  the  original  feature  vector 
is  <dn  >^23  >^3i  > ’ we  present  it  to  the  recognition  system  and  get  solution  I.  Then  we 
present  the  feature  vector  < dl2,dil,d13  > to  the  system,  in  case  star2  is  actually  brighter 
than  starl  (so  we  switch  starl  <-*star2).  We  obtain  solution  II  through  this  way.  Next,  we 
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number  o(  Iriplels 


between  the  first  and  second  brightest  stars  in  a triplet 


magnitude  difference 


Figure  9 Histogram  of  | M,  - M3| , the  absolute  magnitude  difference 
between  the  second  and  third  brightest  stars  in  a triplet 


magnitude  difference 


Figure  10  Histogram  of  |M,  - M3| , the  absolute  magnitude  difference 
between  the  first  and  third  brightest  stars  in  a triplet 


769 


Table  2 

MAGNITUDE  DIFFERENCE  OF  STAR  TRIPLETS* 


Number  of  Star  Triplets 


|M, 

-m2| 

|m2 

-m3| 

|M, 

-m3| 

Range  of  Magnitude 
Difference 

[0,  0.1] 

930 

(10.28%) 

209 

(2.31%) 

9 

(0.1%) 

[0,  0.2] 

1799 

(19.88%) 

405 

(4.48%) 

34 

(0.38%) 

[0,  0.3] 

2549 

(28.17%) 

599 

(6.62%) 

77 

(0.85%) 

[0,  0.4] 

3274 

(36.18%) 

764 

(8.44%) 

138 

(1.52%) 

[0,  0.5] 

3929 

(43.41%) 

956 

(10.56%) 

213 

(2.35%) 

* M, , M2  and  M3  are  the  magnitudes  of  the  brightest,  the  second  brightest  and  the  faintest 
star  in  a triplet 


reorder  the  triplet  feature  to  <d3],d23,dn  > and  get  solution  III.  This  result  is  possible 
if  star3  is  in  fact  brighter  than  star2.  The  choice  of  the  final  solution  depends  on  the 
maximum  hidden  node  truth  value.  The  solution  with  the  biggest  maximum  hidden  node 
truth  value  is  considered  to  be  the  correct  one.  In  this  way,  the  influence  of  the  magnitude 
error  on  the  system  performance  can  be  minimized.  This  technique  is  to  be  incorporated 
into  our  system. 

CONCLUSIONS 

In  our  research,  we  proposed  an  autonomous  star  identification  system  that  uses 
fuzzy  NLN.  The  system  performance  was  successfully  tested  using  SWAS  star  catalog. 
Compared  with  the  direct  match  algorithms,  this  system  can  obtain  both  high  accuracy 
and  fast  recognition  speed  when  a large  star  catalog  is  used.  When  new  patterns  are  added 
to  the  catalog,  the  NLN  can  learn  the  new  pattern  by  adding  another  cluster  node  to  the 
network.  In  contrast,  the  binary-tree  search  algorithmJ  needs  to  update  the  entire  tree.  It 
also  requires  a much  smaller  FOV  (8x8  deg)  when  compared  with  Williams  et  al.  neural 
network  star  identification  algorithm12,  which  requires  a FOV  as  wide  as  20x20  deg. 
With  the  proposed  algorithm,  the  influence  caused  by  the  magnitude  error  can  also  be 
minimized.  Therefore,  the  proposed  system  should  have  a great  promise  for  star 
identification  in  the  real  world. 
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With  large  reference  catalog,  the  memory  requirement  is  a bit  high  in  order  to 
store  the  weight  vectors  for  each  NLN.  The  total  memory  required  for  all  the  NLNs  is 
over  3M  bytes.  Although  the  recognition  speed  is  not  slowed  down,  further  work  will  be 
done  to  seek  a solution  for  this  problem  for  implementation  on-board  spacecraft. 
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Abstract 


Star  trackers  have  recently  been  used  to  determine  spacecraft  attitude  by  identifying  and 
matching  the  observed  stars  in  the  tracker  field  of  view  (FOV)  against  onboard  catalog  stars. 
Many  algorithms  to  perform  initial  attitude  acquisition  using  star  sighting  data  have  been 
developed  [ 1 -6]  for  autonomous  attitude  determination.  However,  none  of  these  papers  provides 
analytical  methods  to  predict  the  attitude  acquisition  algorithm  performance.  This  paper 
presents  a probabilistic  model  that  can  accurately  predict  the  probability  of  a successful  attitude 
acquisition  using  star  pattern  match  algorithms.  A lower  bound  of  successful  attitude  acquisition 
probability  is  also  derived  in  the  paper  to  assess  the  worst  case  performance.  Statistics  generated 
from  Monte  Carlo  simulations  are  used  to  validate  the  derived  probabilistic  model.  The  results 
demonstrate  the  usefulness  of  the  probabilistic  model  for  performing  system  performance  trades 
against  many  attitude  acquisition  design  parameters  such  as  star  tracker  FOV,  maximum  tracked 
stars,  star  magnitude  sensitivity  and  accuracy,  star  position  accuracy,  and  number  of  catalog 
stars. 


Key  words  : Attitude  acquisition  and  determination,  star  pattern  match  algorithm,  probabilistic 
model. 
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STAR  IDENTIFICATION  FOR  THREE-AXIS  ATTITUDE 
ESTIMATION  OF  FRENCH- BRAZILIAN  SCIENTIFIC 

MICRO-SATELLITE 

Roberto  V.  F.  LopesT  Gustavo  B.  Carvalho*  and  Adenilson  R.  Silva* 


This  paper  investigates  full  sky  star  identification  methods  envisaging  their 
application  to  attitude  determination  of  the  French-Brazilian  scientific  micro- 
satellite. A statistical  analysis  gives  a suitable  framework  to  select  and  adapt  an 
algorithm  based  on  the  relationship  between  star  sensor  specification  and  the 
achievable  star  identification  confidence  level  under  the  mission  constraints. 
Attitude  determination  global  performance  is  presented  for  a one  year  long 
digital  simulation,  which  is  intended  to  give  subside  to  the  AOCS  design. 


INTRODUCTION 


In  the  context  of  CNES-INPE  cooperation  protocol,  Brazil  and  France  are  going  to  jointly  build 
and  operate  a micro-satellite  for  scientific  purposes.  As  far  as  the  Brazilian  side  experiments  are 
concerned,  the  /x-satellite  will  be  in  a low  inclination  and  low  altitude  orbit,  with  three-axis,  Sun 
oriented  attitude  stabilization,  the  z-axis  towards  the  ecliptic  north.  In  a preliminary  conception,  the 
AOCS  contains  a three-axis  reaction  wheel  and  a three-axis  magnetic  coil  for  wheel  desaturation. 
During  the  routine  phase  mode,  the  attitude  kinematics  will  be  measured  by  a three-axis  rate  gyro. 
The  gyro  drift  will  be  updated  by  a Kalman  filter  primarily  fed  by  a CCD  star  tracker.  Whenever  the 
star  tracker  field  of  view  (FOV)  is  obliterated  by  the  Earth,  secondary  rough  attitude  sensors  (namely 
a sun  sensor  and  a magnetometer)  would  supply  the  necessary  three-axis  attitude  information  to 
the  Kalman  filter. 

The  main  attitude  control  specification  is  0.5°  around  each  axis,  as  long  as  the  Sun  remains 
at  sight.  The  on  board  computer  should  be  able  to  perform  full  sky  identification  autonomously, 
without  any  a priori  attitude  information.  Such  capability  would  contribute  to  reduce  charge  on 
ground  support  segment  as  well  as  to  qualify  the  platform  for  multi-mission  future  applications. 
There  are  however  restrictions  due  to  the  memory  budget  of  the  on  board  computer.  So,  a trade  off 
between  the  size  of  the  on  board  star  catalog  and  the  average  processing  time  of  the  star  identification 
algorithm  is  an  important  element  to  the  AOCS  design.  The  star  tracker  must  be  also  compatible 
with  the  low  cost  concept  of  the  /^-satellite.  This  represents  an  additional  constraint  for  the  selection 
of  a star  identification  method.  A statistical  analysis  is  accomplished  which  gives  insight  to  the  whole 
problem.  The  selected  algorithm  is  specially  adapted  to  the  current  platform  specification. 
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OVERVIEW  ON  STAR  IDENTIFICATION  METHODS 


Stars  are  the  most  accurate  and  abundant  natural  source  of  attitude  reference  spread  all  over  the 
sky.  Consequently,  star  sensors  may  achieve  the  highest  accuracy  level  among  spacecraft  attitude 
sensors  and  are  suitable  for  multi-mission  purposes.  Processing  star  sensor  observations  is  however  a 
much  more  complicated  task  than  processing  Sun  sensor  or  magnetometer  observations.  It  requires 
a star  catalog  and  a star  identification  software,  besides  the  attitude  determination  software,  which 
may  also  include  after-launch  calibration  of  distortion  and  misalignment. 

When  a priori  attitude  information  is  available,  the  star  identification  task  may  be  performed 
by  the  direct  match  method1.  It  matches  each  observed  star  with  the  respective  guide  star  from 
the  star  catalog  in  an  optimized  neighborhood  of  its  a priori  coordinates.  This  situation  may  apply 
ordinarily  whenever  a new  star  enter  the  sensor  FOV  during  safe  routine  phase,  or  after  attitude 
acquisition  by  means  of  secondary  attitude  sensors. 

If  no  a priori  attitude  information  is  available,  then  a full  sky  star  identification  procedure  must  be 
used.  Unfortunately,  identifying  a star  name  (or  equivalently  its  catalog  number)  from  a star  image 
only  is  still  out  of  the  scope  of  current  star  sensor  technology.  The  existing  procedures  identify  not 
properly  a star,  but  a constellation  _ a set  of  two  or  more  neighbor  stars  _ basically  by  the  angular 
separation  match  method1.  This  method  matches  the  angular  separation  between  each  observed  star 
pair  with  their  respective  values  from  star  catalog.  Star  instrumental  magnitude  information  may 
also  be  taken  into  account  in  order  to  improve  the  identification  success  rate.  This  however  may 
require  post  launch  calibration  of  the  predicted  instrumental  magnitude  of  the  cataloged  (guide) 
stars. 

Procedures  using  the  angular  separation  match  method  may  be  classified  as  iterative  or  non 
iterative  procedures.  Iterative  procedures2-6  usually  start  with  a pair  match  and  next  search  for  a 
triplet  match  and  so  on.  The  search  domain  may  be  considerably  reduced,  as  well  as  the  search  time, 
if  magnitude  information  is  taken  into  account7.  Non  iterative  procedures8,9  match  the  constellation 
at  once  by  maximizing  a matching  function  with  respect  to  the  candidate  guide  stars  for  every 
observed  star.  They  are  potentially  faster  than  iterative  procedures,  but  at  memory  expense. 

Some  procedures8,9,10  are  more  indicated  to  a large  FOV  application,  while  others7  are  able  to 
deal  with  huge  guide  stars  catalog  and  a narrow  sensor  FOV,  which  are  more  likely  to  offer  high 
accuracy.  Therefore,  the  choice  of  a star  sensor  for  a given  space  mission  is  strongly  connected 
not  only  with  the  required  attitude  accuracy  but  also  with  the  star  identification  procedure.  This 
connection  may  be  highlighted  by  a statistical  analysis. 


STATISTICAL  ANALYSIS 

Since  star  catalogs  and  star  sensors  are  not  perfectly  reliable,  any  star  identification  procedure  is 
subject  to  failure.  The  expected  success  rate  of  such  procedures  are  limited  by  the  probability  of 
uniqueness  of  observed  star  patterns  under  the  applicable  uncertainty  level.  Star  patterns  whose 
representation  are  unique  are  called  unambiguous  and  the  probability  of  observing  an  unambiguous 
star  pattern  depends  mainly  on  the  sensor  accuracy,  the  sensor  FOV,  the  range  of  magnitudes  which 
can  be  observed  by  the  sensor  and  the  maximum  number  of  stars  which  can  be  simultaneously 
tracked  by  the  sensor. 

This  relationship  is  not  straightforward.  The  expected  number  of  stars  at  sight  on  a wide  FOV, 
for  instance,  is  larger  than  on  a narrow  one.  This  should  make  unambiguous  star  patterns  likely 
to  be  found  at  wide  FOV  values.  Nevertheless,  because  the  CCD  matrix  size  of  currently  available 
star  trackers  are  roughly  in  the  same  range  of  hundreds  of  thousands  of  pixels,  increasing  the  sensor 
FOV  has  a negative  impact  on  sensor  accuracy.  The  supposed  advantage  of  a wide  FOV  may  thus 
be  vanished.  The  expected  number  of  stars  at  sight  could  also  be  increased  by  extending  the  sensor 
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Fig.  1:  Star  Pairs  Star  Triplets  and  their  Uncertainty  Bandwidth 


range  of  magnitudes  but  again  this  apparent  profit  is  compensated  by  the  exponential  growth  at 
the  required  catalog  size,  since  ambiguous  star  pattern  probability  increases  with  the  amount  of 
candidate  guide  stars. 

In  order  to  get  insight  in  this  subject,  this  section  evaluates  the  probability  of  unambiguous  star 
pairs  and  unambiguous  star  triplets  observations  as  a function  of  pertinent  sensor  characteristics. 
The  numerical  results  were  obtained  using  MATLAB. 


Sky  Model 


Assuming  a Poison  model  for  space  distribution  of  stars  at  the  celestial  sphere,  the  expected  number 
of  stars  on  a certain  distance  range  [7  — ~S,  7 + ^6]  from  a given  star  is  given  by  (see  Figure  1): 


— -27rsin(7)<5  , 

47T 

where  N is  the  number  of  stars  with  visual  magnitude  less  or  equal  to  My . 

Let  be  Qp  the  number  of  guide  star  pairs  in  this  bandwidth.  The  expectance  of  Qp  is  : 

£{«,}  = 

where  E{-}  represents  the  expectance  operator.  Np  may  be  written  in  a compact  way  as: 


(1) 


(2) 


NP{jp,l)=p sin(7)  , 


(3) 


where  p is  a sensor  parameter  which  represents  the  maximum  expected  number  of  candidate  pairs: 


p = J N2{Mv)6  . 


(4) 


In  order  to  discard  the  star  pairs  which  could  not  be  fitted  at  the  sensor  FOV,  one  imposes 
the  constraint  7 < -ymax  where  7max  is  the  distance  between  opposite  corners  of  sensor  FOV.  The 
probability  density  function  of  7 is  then: 


fr{ 7) = 


sin(7) 

1 -cos(7max) 


V7  G [0,  7max]  i 


(5) 
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V7  G [0,  7max]  • 


(6) 


while  the  probability  distribution  function  is: 


Fr(l)  = 


1 — cos(7) 

1 - cos(7max) 


This  agree  with  real  data  up  to  visual  magnitude  My  — 5 from  SKY2000  star  catalog11  for  a 
20°  x 20°  square  FOV  (see  Figure  2a).  Such  agreement  does  not  mean  that  the  star  distribution  over 
the  sky  follows  the  Poison  model.  Indeed  the  star  density  is  clearly  higher  at  the  galactic  plane  than 
at  the  neighborhood  of  the  galactic  pole,  for  instance.  Furthermore,  the  analysis  is  based  on  visual 
magnitude  though  CCD’s  are  more  sensitive  to  the  red  or  infra-red  range  of  the  spectrum.  One 
should  keep  this  in  mind  when  analyzing  the  quantitative  information  of  this  section.  Nevertheless, 
the  presented  results  are  primarily  intended  to  illustrate  the  qualitative  relationship  between  sensor 
parameters  and  their  correspondent  capability  to  identify  stars.  More  realistic  numerical  evaluation 
for  a specific  sensor  configuration  is  carried  out  at  the  next  section. 

Figure  2b  shows  the  exponential  growth  of  the  amount  of  real  stars  against  the  maximum  visual 
magnitude  from  SKY2000  star  catalog.  According  to  this  data,  the  number  of  stars  follows  an 
empirical  law: 

N(MV)  = 6.5e110™1'  . (7) 


Angular  separation  between  star  pairs  does  not  have  the  same  distribution  for  both  observed 
star  pairs  and  guide  star  pairs,  specially  for  distances  close  to  7max  (compare  Figures  2a, 2c).  The 
distribution  Fp0( 7)  for  observed  star  pairs  was  evaluated  numerically  by  the  Monte  Carlo  method 
for  different  square  FOV  values. 

For  a triplet,  it  would  be  hard  to  show  the  distribution  function,  since  it  depends  on  three  angular 
separations.  Fortunately  it  is  needless  for  the  present  purpose.  It  is  more  convenient  in  this  case  to 
focus  on  the  number  Qx  of  triplets  (a,  /?,  7)  of  guide  stars  which  could  not  be  distinguished  from 
each  other  due  to  sensor  inaccuracy.  From  the  Poison  model,  considering  an  uncertainty  band  6,  the 
expectance  of  Qx  is  given  by  (see  Figure  1): 


E{Qt}  = Nt  = 


N / 2 nN  sin(a) 


2x3 


4ir 


N62 


47rsin(A) 


Nx  may  be  rewritten  in  the  following  compact  way: 


(8) 


JVr(V)  = 4,  (9) 

r 

where  r is  the  sines  ratio  of  the  triplet  spherical  triangle;  and  r*  is  a sensor  parameter  which  gives 
the  sines  ratio  of  triplets  whose  expected  number  amounts  one.  They  are  respectively  given  by: 


sin(a)  sin{f3)  sin(  7) 

sin(A)  sin(S)  sin(C)  ’ 

487T 

{N(MV)6}3  ' 


(10) 

(11) 


The  probability  distribution  of  r for  observed  triples,  Fro  ( r ) was  numerically  evaluated  for  different 
values  of  sensor  FOV  by  the  Monte  Carlo  method.  The  results  are  shown  on  Figure  2d.  One  should 
remark  that,  analogous  to  the  star  pair  case,  sines  ratio  of  star  triplets  would  not  present  the  same 
distribution  for  both  observed  stars  and  guide  stars. 


Observation  Constraints  for  Star  Sensors 


According  to  the  Poison  model,  the  expected  number  of  stars  at  a square  FOV  obeys: 


m — N(My) 


2i r — 4arccos[sin2(^</>)] 


47T 


(12) 


Cataloged  Distances  [deg]  Observed  Distances  [deg] 


Fig.  2:  The  Sky  Model:  a)  Probability  distribution  of  distance  between  guide  stars;  b)  Size  of  star 
catalog;  c)  Probability  distribution  of  distance  between  observed  stars;  d)  Probability  distribution 
of  sines  ratio  for  observed  star  triplets. 

where  o represents  the  sensor  FOV.  Figure  3a  shows  how  m changes  with  the  sensor  magnitude 
limit  and  the  sensor  FOV.  The  probability  of  the  number  Na  of  observed  stars  is: 

PWo  = n}  = — p-e_m  , (13) 

n\ 

while  the  probability  of  observing  at  least  n stars  is: 

n— 1 j 

P[Na  > n]  = 1 - J2  • (14) 

t=o  l' 

which  is  plotted  on  Figure  3.b  for  different  values  of  m. 

Figure  3c  presents  the  relationship  of  sensor  accuracy  a*  and  sensor  FOV  for  some  typical  star 
trackers.  In  order  to  simplify  the  analysis,  the  sensor  accuracy  will  be  assumed  to  be  one  arc-second 
per  degree  of  the  FOV.  In  view  of  Figure  3c,  such  naive  empirical  law  seems  to  give  a conservative 
approximation. 

Figure  3d  combines  information  from  Figures  3a, b and  show  the  number  of  stars  with  95% 
of  probability  to  be  observed,  as  a function  of  sensor  FOV  and  magnitude  limit.  Figures  3c, d,  in 
connection  with  Figure  2b,  characterize  the  observation  constraints  for  a star  tracker.  From  them 
one  can  conclude  that  in  order  to  assure  a reasonable  number  of  star  observations  (5,  for  instance), 
a highly  accurate  sensor  would  have  a narrow  FOV  and  a large  magnitude  limit,  which  consequently 
would  require  a large  star  catalog,  and  vice  versa. 

Identification  Capability  of  Star  Sensors 

The  last  step  is  to  evaluate  the  uniqueness  probability  for  star  pairs  and  star  triplets.  With  this 
purpose,  the  uncertainty  5-bandwidth  is  taken  as  twice  the  maximum  error  on  the  angular  separation 


779 


Visual  Magnitude 


FOV  [deg] 


Observed  Stars  Visual  Magnitude 


Fig.  3:  Sensor  Constraints:  a)  Average  number  of  stars  at  sight;  b)  Probability  distribution  of 
number  of  stars  at  sight;  c)  Characteristics  of  typical  star  trackers;  d)  Number  of  stars  at  sight  with 
95%  of  confidence. 


of  a star  pair,  usually  taken  as  three  times  the  standard  deviation  of  the  error  distribution.  Since 
such  error  is  composed  of  two  primary  errors  (related  to  the  position  of  each  star),  its  standard 
deviation  is  bigger  than  the  sensor  one  by  a factor  of  \/2,  which  yields: 

6 = 2 x 3ct*\/2  . (15) 


According  to  the  Poison  distribution,  the  probability  of  Qp  obeys: 


P[QP  = n] 


l\jn 

ilPp-Np 

n\ 


Therefore,  the  probability  that  a given  guide  star  pair  is  unambiguous  is: 


P[Qp  = 1|  Qp  > 0]  = 


P[Qp  - 1] 

1 - P[QP  = 0] 


NP 

eNP  _ X 


(16) 


(17) 


The  probability  that  an  observed  star  pair  Oij  is  unambiguous  is: 


f 


P[Qp  = 1| Qp  > 0}dFpo 


(18) 


where  * denotes  unambiguity  and  < ■ >r0  represents  the  arithmetic  average  for  observed  star  pairs 
computed  by  Monte  Carlo  method.  For  currently  available  star  trackers  the  uniqueness  probability 
of  a star  pair  resulted  too  small. 
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For  a given  set  Op  = {Oij,  i = 2, ...,  n,  j = 1,  ...,i}  of  observed  star  pairs,  the  probability  that 
none  of  them  is  unambiguous  is 

P[Op\N0  = n)  = {1  - P[Oi*J-]}*n(B-1)  , Vn  > 2 , (19) 

where  the  bar  indicates  the  complement  event.  Finally,  the  probability  that  at  least  one  of  the 
observed  star  pairs  is  unambiguous  is: 


P[Op] 


1 - P[Op\Na  = n]P[JV0  = n] 

n= 2 


n= 2 l N 


/ NP 
eNp  — 1 


^n(n— 1) 


n! 


(20) 


where  n*  is  the  maximum  number  of  stars  which  can  be  simultaneously  tracked  by  the  sensor. 
Unfortunately  such  probability  was  less  than  5%  for  all  the  analyzed  values.  This  indicates  that  for 
the  current  star  tracker  technology,  full  sky  star  identification  procedures  based  on  star  pair  matches 
only  would  be  likely  to  be  quite  disappointing.  Star  magnitudes  or  star  triplet  matches  should  be 
considered  if  high  success  rates  have  to  be  assured.  Otherwise,  star  pairs  seems  to  fit  better  for 
applications  where  the  uncertainty  search  area  is  smaller  than  full  sky  in  order  of  magnitude. 

For  a triplet  the  situation  is  much  more  favorable.  The  development  is  similar  to  the  star  pair 
case.  The  probability  of  Qt  obeys: 


P[Qt  = n]  = 


Nxe-NT 

nl 


Therefore,  the  probability  that  a given  guide  star  triplet  is  unambiguous  is: 


P[Qt  = 1| Qt  > 0]  = 


P[Qt  = 1]  _ Nt 

1 - P[Qt  = 0]  ~ eNr  - 1 ' 


(21) 
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The  probability  that  an  observed  star  triplet  Oi.j.fc  is  unambiguous  is: 


P[0 


s' 


P[Qt  = 1\Qt  > o }dFRo 


(23) 


where  < • >r0  represents  the  arithmetic  average  for  observed  star  triplets  computed  by  Monte  Carlo 
method.  The  uniqueness  probability  of  a star  triplet  resulted  typically  very  high. 

For  a given  set  Or  = * = 3,  ...,n,  j = 2,  k = 1, ...,  j}  of  observed  star  triplets,  the 

probability  that  none  of  them  is  unambiguous  is 

P[6mT\N0  = n]  = (1  - P[Oi*J,fc]}*n(n-1>(B-2)  , Vn  > 3 . (24) 

The  probability  that  at  least  one  of  the  observed  star  triplets  is  unambiguous  is: 

P[Or\  = 


1 - Y,  P[Pt\N0  = n]P[N0  = n] 


n= 3 


>-E  > 


n= 3 


Nt 


e"r  - l 


in(n-l)(n-2) 
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lm‘- 

n! 


(25) 
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Fig.  4:  Boundaries  for  design  parameters  of  star  trackers  which  assure  star  identification 
with  a 99%  confidence  level  based  on  star  triplets  for  different  values  of  maximum 
number  n*  of  stars  which  can  be  simultaneously  tracked. 

Figure  4 shows  the  boundaries  of  the  areas  at  the  magnitude  limit  and  sensor  FOV  map  with  99% 
of  success  rate  of  a triplet  identification  for  two  values  of  n* . The  results  indicates  that  typical  star 
trackers  assure  unambiguous  identification  from  a single  observed  star  triplet.  Of  course  for  the  sake 
of  safeness,  a bigger  value  of  n*  is  recommended,  since  non  cataloged  bodies  such  as  planets  and 
variable  stars,  which  often  have  low  magnitudes,  may  appear  in  the  sensor  FOV.  The  value  n*  — 5 
found  in  many  star  trackers  seems  to  satisfy  this  recommendation. 


THE  IDENTIFICATION  ALGORITHM 

As  aforementioned,  for  a low  cost  mission  with  moderate  accuracy  requirements  for  attitude  determi- 
nation, a wide  FOV  star  tracker  would  be  suitable.  It  does  not  need  too  many  guide  stars  _ typically 
up  to  visual  magnitude  4 is  good  enough  to  assure  a number  of  stars  at  sight  most  of  the  time.  In 
this  case,  the  number  of  guide  star  pairs  is  manageable  by  the  on  board  computer  memory  and  can 
be  pre-stored,  sorted  by  angular  separation.  This  is  supposed  to  be  the  case  for  French-Brazilian 
^.-satellite.  For  this  reason,  the  Bezooijen’s  approach9  was  selected  for  the  present  analysis. 

Bezooijen’s  approach  is  subdivided  into  a special  algorithm,  which  is  intended  to  work  for  small 
uncertainty  areas  (typically  ten  times  the  sensor  FOV);  and  a general  algorithm  for  full  sky  star 
identification.  In  few  words,  both  algorithms  are  based  on  the  “confirmation  value”  of  every  candidate 
star  match.  For  every  star  pair  match  (under  a given  tolerance  bandwidth),  the  confirmation  value 
of  the  related  candidate  star  matches  are  incremented  by  one. 

The  special  algorithm  is  very  simple  and  basically  selects  a star  match  as  the  candidate  one  with 
higher  confirmation  value.  A number  of  sanity  checks  completes  the  special  identification  algorithm. 
Ideally,  if  n*  stars  are  observed,  and  i-th  observed  star  corresponds  to  7-th  guide  star,  then  Mi,i  — 
n*  — 1,  while  = 0,  where  Mi,i  is  the  confirmation  value  of  star  match  (J,  i).  Of  course,  the 

confirmation  value  is  affected  by  sensor  inaccuracy  which  could  ultimately  lead  to  misidentification, 
specially  for  large  uncertainty  areas.  The  general  algorithm  copes  with  this  problem  by  carefully 
taking  into  account  information  about  match  groups  headed  by  kernel  matches.  In  this  way,  candidate 
match  kernels  with  unacceptably  low  confirmation  values  are  considered  spurious  and  their  related 
match  groups  are  excluded  from  the  identification  process.  The  same  is  true  if  the  match  group  does 
not  satisfy  a geometry  check.  Such  high  efficient  approach  represents  however  an  increasing  in  the 
algorithm  complexity. 
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In  this  section  one  proposes  a modification  of  Bezooijen’s  special  algorithm  which  extends  its 
identification  capability  to  the  full  sky  uncertainty  area  case  and  keeps  its  simplicity  when  compared 
to  the  general  algorithm.  The  challenge  for  full  sky  identification  using  the  special  algorithm  is  to 
avoid  spurious  pair  matches  to  score.  The  proposed  solution  is  to  replace  unit  scores  by  weighted 
iterative  scores.  The  match  matrix  M is  initialized  with  equal  confirmation  values  for  every  candidate 
star  match.  At  next  iterations,  for  every  star  pair  match  (under  a given  tolerance  bandwidth),  the 
confirmation  -value  of  the  correspondent  candidate  star  matches  are  incremented  proportionally  to 
the  product  of  last  iteration  confirmation  values  of  both  candidate  star  matches: 

r Ml  ) 

l Mh  J ’ 

f 1 . if  111  “ T/.jI  < 

( 0 , otherwise 

where  D is  the  uniform  discriminating  function.  In  this  way,  if  any  of  candidate  star  matches  related 
with  a given  star  pair  match  is  found  to  be  spurious,  such  star  pair  match  will  not  score  any  more. 
It  means  that  spurious  star  matches  are  intrinsically  excluded  from  the  identification  process.  The 
match  matrix  is  normalized  at  the  end  of  each  iteration  so  that  the  sum  of  each  column  is  always 
one.  At  the  beginning  of  each  iteration  one  sets  Mk  = 0.  Note  that  first  iteration  is  equivalent  to 
the  original  special  algorithm. 

The  triplet  with  higher  confirmation  values  is  taken  as  a triplet  match.  Actual  implementation 
of  the  algorithm  takes  profit  of  the  pre-stored  catalog  of  guide  star  pairs  angular  separation,  and 
convergence  (M /ti  = l)is  often  achieved  in  less  than  five  steps.  The  number  of  iterations  was  limited 
to  kmax  = 10.  By  setting  kmax  = 1 one  reproduces  the  results  of  Bezooijen’s  special  algorithm. 

Alternatively  a gaussian  discriminating  function  was  also  tested: 


D = 


Numerical  results  for  several  simulation  cases,  one  hundred  trials  each,  considering  the  current 
specification  of  the  French-Brazilian  ^-satellite  star  tracker  are  summarized  in  Table  1.  In  the  first 
simulation  battery,  about  800  guide  stars  have  been  considered.  The  advantage  of  the  iterative 
algorithm  is  clear:  it  increases  the  confidence  degree  of  the  identification  algorithm  from  less  than 
80%  to  close  to  95%.  The  results  were  not  very  sensitive  to  the  shape  of  the  discriminating  function. 
Since  the  uniform  is  the  simplest  one,  it  turns  to  be  the  natural  choice.  The  increased  FOV  size  had 
a minor  negative  impact  on  the  algorithm  performance. 

The  last  simulation  battery  considered  about  1600  guide  stars  up  to  visual  magnitude  4.5  and 
has  shown  that  the  number  of  guide  stars  has  a strong  effect  on  the  algorithm  performance.  The 
confidence  of  the  proposed  iterative  algorithm  resulted  about  90%.  In  order  to  improve  this  value, 
information  about  the  star  magnitude  was  included  in  the  discriminating  function  as  follows: 


D = 


1,  if  |7 li  - 7/,j|  < 56  & \My.  - MVl  \ < <5mag  & I Mfr.  - Mvj  | < <5mag 
0,  otherwise 

My.  - Mv,  \ 2 , (My,  -M^j2 
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5* 
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where  <5mag  was  taken  equal  to  0.5.  The  discriminating  power  was  suitably  improved,  as  one  can 
see  from  Table  1.  Uniform  discriminating  function  was  confirmed  as  the  right  choice  from  which 
identification  failure  reports  were  virtually  eliminated. 
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Table  1:  CONFIDENCE  OF  MODIFIED  BEZOOIJEN’S  ALGORITMH 


^mai 

Discrim. 

Function 

N = 800, 

cr*  = 24" 

N = 1600, 

cr*  = 20" 

FOV  20°  x 20° 

FOV  30°  x 20° 

FOV  20°  x 20° 

FOV  20°  x 20° 

l 

Uniform 

73% 

79% 

21% 

90% 

l 

Gaussian 

80% 

72% 

42% 

87% 

10 

Uniform 

97% 

94% 

89% 

100% 

10 

Gaussian 

96% 

94% 

89% 

97% 

(1)  Star  magnitude  included  in  the  discriminating  function 


ADDITIONAL  DEVELOPMENTS:  High  Accurcy  Application  Case 

At  this  point  it  is  convenient  to  introduce  a variation  of  Bezooijen’s  modified  approach.  The  algorithm 
presented  on  the  previous  section  has  a natural  limitation:  the  on  board  guide  star  pairs  catalog 
must  be  manageable.  Even  though  the  current  design  of  the  multi-mission  platform  for  the  French- 
Brazilian  /r-satellite  is  in  fully  compliance  with  this  constraint,  future  applications  may  require 
attitude  determination  with  higher  accuracy.  In  terms  of  star  sensor  parameters  it  means  a narrow 
FOV,  a high  boundary  for  observable  star  magnitudes  and  consequently  a huge  on  board  guide 
star  catalog  which  ultimately  makes  any  star  pairs  catalog  based  algorithm  virtually  unfeasible. 
Nevertheless,  by  partitioning  conveniently  the  celestial  sphere,  the  problem  falls  into  a sequence  of 
sub-problems  whose  related  guide  stars  sub-catalogs  are  small  enough  to  assure  manageability  of  the 
corresponding  guide  star  pairs  sub-catalogs.  Of  course  the  processing  time  may  increase  considerably. 

A genetic  algorithm12  is  proposed  to  solve  this  problem.  The  result  is  also  supposed  to  be  useful 
to  cope  with  star  identification  reported  failures  at  moderate  accuracy  applications.  The  standard 
procedure  under  a identification  failure  report  is  to  commute  the  spacecraft  control  to  contingency 
mode,  if  secondary  attitude  sensors  are  available  and  to  emergency  mode  otherwise,  and  so  wait  for 
ground  based  commands.  A small  attitude  maneuver  may  also  be  commanded  in  order  to  change 
the  observed  star  pattern.  However,  attitude  maneuvers  from  an  initial  attitude  which  is  unknown 
by  assumption  may  be  hazardous.  Furthermore,  interruption  of  routine  operation  mode  represents 
a waste  of  payload  lifetime  and  possibly  a waste  of  fuel  too.  Therefore,  the  genetic  algorithm  as  a 
back  up  procedure  offers  an  appealing  solution,  despite  the  possibility  of  a higher  processing  time. 

In  order  to  apply  the  genetic  algorithm,  small  guide  stars  sub-catalogs  Qk  are  represented  by 
chromosomes.  The  goal  function  is  given  by: 

f{Qk)  = T{Qk)P:,  (26) 

where  T (Gk)  is  the  product  of  the  confirmation  values  of  each  identified  star  from  the  Bezooijen’s 
modified  approach  considering  the  stars  in  Qk,  P*  is  the  probability  of  observing  a false  star,  and  n 
is  the  number  of  observed  stars  which  could  not  be  identified  yet.  Since  the  goal  function  can  be  seen 
as  an  approximation  of  the  correct  identification  probability,  the  convergence  criterion  is  achieved 
when  / is  higher  then  a given  confidence  level. 

The  phenotypes  have  been  codified  by  a special  curve  named  Cocoon 13  (see  Figure  5)  based  on 
the  Hilbert  curve14.  The  Cocoon  is  a closed  fractal  curve  without  knots  or  crossings,  which  fills  the 
sphere  with  arbitrary  resolution  level.  In  other  words,  it  is  able  to  map  star  angular  coordinates  on 
scalar  coordinates  over  the  unit  circle.  Such  mapping  also  preserves  closeness  of  neighbor  stars  in 
most  of  its  domain. 

One  took  advantage  of  the  referred  property  and  set  the  initial  population  with  sub-catalogs 
composed  by  guide  stars  which  are  neighbors  on  the  Cocoon.  The  sub-catalogs  all  together  cover 
the  whole  sky.  Since  the  stars  composing  an  observable  constellation  look  necessarily  close  to  each 
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Fig.  5:  The  Cocoon:  adaptation  of  Hilbert  curve  over  the  isocohedrom  faces  projected  on  a sphere. 


other  on  space,  they  are  likely  to  be  found  in  a same  sub-catalog.  Indeed,  convergence  was  achieved 
in  less  than  10  generations  for  nearly  70%  of  tested  cases.  Considering  that  more  than  9000  guide 
stars  with  visual  magnitude  up  to  6.5  has  been  put  in  the  core  catalog,  it  represents  an  encouraging 
result.  Further  analysis  are  currently  being  carried  out  by  the  second  author  on  his  master  thesis, 
in  order  to  better  explore  this  new  approach. 

ATTITUDE  ESTIMATION:  Algorithm  and  Simulation  Results 

Having  a star  triplet  been  identified,  three-axis  attitude  determination  can  be  accomplished  and  the 
gyro  drift  calibration  updated.  A digital  simulation  was  carried  out  which  takes  into  account  sensor 
obliteration  by  Earth  presence.  In  such  case  the  attitude  is  updated  by  a three-axis  magnetometer  and 
a Sun  sensor,  when  available.  The  geomagnetic  field  is  taken  from  the  IGRF-95  spherical  harmonic 
model  up  to  order  10.  In  this  section  one  describes  the  attitude  estimation  process  and  show  the 
related  numerical  results. 

The  satellite  has  inertial  three-axis  stabilization.  Its  attitude  is  supposed  to  be  on  a nominal 
steady  state  equilibrium  due  to  the  action  of  attitude  control,  A -axis  pointed  directly  to  the  Sun, 
Z-axis  towards  the  Ecliptic  North  Pole  and  Y = Z A X.  To  maintain  Sun  orientation,  the  angular 
velocity  rate  is  u>  = 2ir  rad/year  around  Z-axis. 

The  attitude  kinematics  is  described  by  the  following  uncoupled  model,  based  on  a discrete 
version  of  Markley  &:  Lefferts  & Shuster’s  approach15  for  small  attitude  deviations: 

Sk+i  = 9k  + UkAt  , (27) 

= ujk  + dk  + M \o2gIzy.z\  , (28) 

dk+ 1 = exp{—At/T}dk  +Af  [o’*  (1  — exp{—2At/r})  /3x3]  , (29) 

where  8 € 5R3  represents  the  small  attitude  error  vector  around  the  body  axes;  uig  6 D?3  represents 

the  rate  gyro  output;  d e ?R3  is  the  gyro  drift;  N\-}  represents  a gaussian  white  sequence  with  given 
covariance  matrix;  crg  is  the  standard  deviation  of  gyro  noise  output;  (Jd  is  the  standard  deviation  of 
long  term  gyro  drift;  r is  the  long  term  time  constant  of  the  gyro  drift  model;  and  I is  the  identity 
matrix. 

Let  the  state  vector  be: 

X={A8'-.  Ad'}'  , (30) 
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where  ' indicates  the  transpose  operator  and  the  deviation  A-  is  taken  with  respect  to  the  expected 
values: 


A9  = 9-6 
Au  = U)  — U) 


By  taking  the  estimate  of  u as  the  gyro  output  corrected  from  the  estimated  gyro  drift: 

CU/C  — i Jg  dk  , 

the  state  propagation  obeys: 

Xk+1-=$Xk+ff[Q] 

where  the  transition  matrix  <d>  and  the  state  noise  matrix  Q are: 

<z>  = ( ^3x3  —Atl3x3  \ 

V 03x3  exp{-At/r}I3x3  ) ’ 

Q = diag  {At<7g[l  : 1 : 1]  : <j\  (1  - exp{-2 At/r})  [1:1:1]}  . 


(31) 

(32) 

(33) 

(34) 

(35) 

(36) 


The  attitude  observation  model  may  be  written  as: 

yk  = HkXk+Af[Rk]  , (37) 

where  the  observation  matrix  Hk  and  the  observation  error  covariance  matrix  Rk  depend  of  which 
attitude  sensors  are  switched  on.  Three-axis  attitude  determination  is  performed  by  the  singular 
value  decomposition  method16  (see  also17)  based  on  star  observations  only,  whenever  they  are  avail- 
able. Such  static  estimate  works  as  the  attitude  observation  to  the  Kalman  filter  estimation  process 
which  takes  into  account  the  kinetic  model.  If  the  star  sensor  field  of  view  is  obliterated  by  the 
Earth  presence,  then  secondary  attitude  sensor  observations  may  be  taken  into  account  in  either  of 
the  following  ways.  If  Sun  sensor  observations  are  available,  a rough  three-axis  attitude  determina- 
tion is  carried  out  from  both  Sun  sensor  and  magnetometer  observations.  In  this  case,  the  attitude 
observation  to  the  Kalman  filter  estimation  process  is  the  same  as  for  the  previous  case  except  for 
the  worst  attitude  error  covariance  matrix.  Finally,  if  only  magnetometer  observations  are  available, 
they  fed  the  Kalman  filter  directly,  since  there  is  a lack  of  instantaneous  observability  in  such  case. 
Therefore,  one  has: 


Hk 


Rk 


J [^3x3  ; O3X3] , if  stars  or  Sun  observations  are  available; 

\ [12  (m)  : C*3x3]  > otherwise; 

/ 1 0 0 \ 

<J2At  I 0 1 0 I A't , if  star  observations  are  available; 

< \ 0 0 10  / 

[<7q2  {I3x3  — ss1)  + a~2  (/3x3  - PaO]  1 , if  Sun  is  the  only  star  at  sight; 
, o-2(/3X3  - MM')  > otherwise, 


(38) 


(39) 


where  s is  the  sun  direction  at  body  frame,  nominally  {1:0:  0}';  p is  the  observed  magnetic  field 
unit  vector;  is  the  magnetometer  uncertainty;  cr,  is  the  star  sensor  uncertainty;  !?(■)  is  the  vector 
product  operator  matrix,  and  A*  is  the  star  sensor  attitude  matrix  with  respect  to  the  body  frame: 

(cosip  0 sin  ip  \ 

0 10,  (40) 

— sin  ip  0 cos  ip  J 

and  ip  is  the  star  sensor  tilt  angle,  intended  to  minimize  the  sensor  obliteration  problem  during 
payload  Sun  observations. 
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Table  2:  ATTITUDE  SIMULATION  PARAMETERS 


At 

o-d 

r ip  FOV  cr*  <tq 

5s 

.05% 

17° /hr 

1000s  20°  20°  x 20°  24"  1°  2° 

Based  on  Equations  34  and  37,  a Kalman  filter18  was  implemented  and  a one  year  long  simulation 
was  carried  out,  one  orbit  every  five  days.  The  satellite  is  in  a circular  orbit  with  800Km  of  altitude, 
7°  of  inclination  and  initial  ascending  node  of  0°.  Table  2 presents  the  attitude  relevant  parameters. 
The  overall  performance  is  shown  at  Figure  6.  The  two  plots  on  the  page  bottom  correspond  to  an 
increased  sensor  FOV  which  simulates  the  worst  possible  effect  of  control  degradation  due  to  star 
sensor  obliteration.  It  yielded  a small  increasing  on  the  length  of  occultation  periods. 

Unfortunately,  with  the  current  AOCS  specification,  attitude  errors  soon  became  bigger  than 
0.5°  (3<r)  during  unavoidable  periods  with  lack  of  star  observations.  Nevertheless,  such  performance 
should  be  considered  acceptable  since  the  pointing  accuracy  specification  refers  to  the  illuminated 
orbit  phase  only.  Furthermore,  error  overflow  effect  is  conditionally  periodic  due  to  the  seasonal 
apparent  motion  of  the  Sun  throughout  the  ecliptic  and  the  orbit  precession  motion,  whose  period 
is  about  50  days.  It  means  that  a suitable  attitude  maneuver  every  six  months  could  reduce  the 
problem. 

CONCLUSIONS  AND  RECOMMENDATIONS 

A numerical  analysis  was  carried  out  on  star  identification  algorithms  applied  to  attitude  deter- 
mination of  a /i-satellite  being  jointly  designed  by  Brazil  and  France.  The  main  conclusions  and 
recommendations  are: 

• The  use  of  star  pairs  only  is  not  recommended  for  full  sky  star  identification  with  currently 
available  star  trackers; 

• The  use  of  star  triplets  is  reliable  for  a wide  range  of  existing  star  trackers; 

• The  proposed  Bezooijen’s  modified  algorithm  is  a simple  and  still  fast  solution  for  full  sky  star 
identification  for  moderate  accuracy  level  applications; 

• For  the  French-Brazilian  /^-satellite,  star  magnitude  information  seems  to  be  necessary  to 
increase  the  discriminating  power  of  the  proposed  identification  algorithm; 

• For  smaller  guide  star  catalogs,  magnitude  information  could  be  relegated  to  the  sanity  checks 
of  a pattern  match; 

• For  highly  accurate  applications,  on  board  guide  star  pairs  catalog  may  grow  up  to  an  un- 
manageable size.  So,  alternative  solutions  such  as  the  Ketchum&Tolson  and  the  Williams  et 
al  ones  seems  to  be  necessary.  Preliminary  results  using  genetic  algorithms  indicate  however 
that  the  Bezooijen’s  modified  algorithm  could  also  be  used  in  a partitioned  way. 

• Using  the  currently  AOCS  specification  of  French-Brazilian  ^-satellite,  the  analysis  indicate 
preliminary  that,  due  to  star  sensor  obliterating  periods,  attitude  accuracy  requirements  would 
not  be  fulfilled  during  less  than  10  minutes  per  orbit,  at  the  worst  case.  Since  roughly  50%  of 
the  orbit  is  left  for  payload  scientific  experiments,  the  performance  could  be  still  considered 
acceptable  for  practical  purposes.  Periodic  orbit  maneuvers  should  be  carefully  analyzed  as  a 
way  to  minimize  the  problem  without  AOCS  design  modifications. 
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% of  Orbit  % of  Orbit  % of  Orbit  % of  Orbit 


Star  Sensor  Obliteration 


Fig.  6:  Summary  of  Results  for  FOV  20  deg  (a)  and  FOV  22  deg  (b) 
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A ROBUST  STAR  ACQUISITION  ALGORITHM 
FOR  THE  WIDE-FIELD  INFRARED  EXPLORER 

Eric  T.  Stoneking 


Mission  requirements  for  the  Wide-field  Infra-Red  Explorer  (WIRE)  motivate  an  au- 
tonomous star  acquisition  algorithm  which  is  flexible  and  robust.  WIRE  uses  one  Ball 
CT-601  CCD  Star  Tracker  for  fine  attitude  determination,  and  will  observe  8-10  inertial 
targets  per  orbit.  Each  target  is  defined  by  an  uploaded  list  of  2-5  guide  stars.  The 
star  acquisition  algorithm  described  in  this  paper  is  based  on  the  Submillimeter  Wave 
Astronomy  Satellite  (SWAS)  algorithm,  with  additional  features  added  to  improve  its 
reliability  under  WIRE’S  more  demanding  acquisition  requirements.  The  algorithm  first 
looks  for  one  guide  star,  accepting  up  to  four  candidates  in  a reduced  field  of  view  which 
satisfy  a magnitude  check.  It  then  uses  a pattern  match  to  find  a second  guide  star 
and  confirm  one  of  the  candidates  for  the  first  star.  The  remaining  guide  stars  are 
then  acquired  by  directed  search.  Attitude  determination  is  enabled  as  soon  as  enough 
stars  have  been  acquired  to  provide  adequate  attitude  information  about  the  axis  of  the 
star  tracker  boresight.  Noting  that  the  Rossi  X-ray  Timing  Explorer  uses  two  CT-601’s 
which  have  exhibited  anomalous  Loss  Of  Track  (LOT)  events,  the  WIRE  algorithm 
includes  LOT-handling  logic.  Performance  is  demonstrated  with  nominal  and  difficult 
starfields,  and  guide  star  selection  guidelines  are  discussed. 


INTRODUCTION 

The  Wide-field  Infra-Red  Explorer  (WIRE)  is  a Small  Explorer  mission  slated  for  launch 
in  the  fall  of  1998.  During  its  four-month  mission,  the  spacecraft  will  point  a cryogenically- 
cooled  telescope  to  observe  starburst  galaxies.  Eight  to  ten  inertially- fixed  targets  will  be 
studied  per  orbit.  Each  target  is  defined  by  an  uploaded  list  of  two  to  five  guide  stars. 

Fine  attitude  determination  is  performed  using  a Ball  CT-601  CCD  Star  Tracker  aligned 
with  the  science  instrument.  For  thermal  control  reasons,  the  instrument,  and  therefore  the 
star  tracker,  must  always  point  within  30°  of  zenith.  The  initial  acquisition  of  stars  must 
be  performed  while  using  the  coarse  attitude  estimate,  based  on  sun  sensor,  magnetometer, 
and  gyro  information.  Once  stars  have  been  acquired,  fine  attitude  estimation  is  performed 
using  star  tracker  and  gyro  information.  During  slews  between  targets,  the  fine  attitude 
estimate  is  propagated  using  gyro  inputs. 

The  CT-601  tracker  can  simultaneously  track  up  to  five  stars  in  its  8°  x 8°  field  of  view. 
The  tracker  can  be  commanded  to  perform  a Full  FOV  Search,  a Directed  Search,  or  a 
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Reduced  FOV  Search.  The  Full  FOV  Search  takes  about  25  seconds  to  scan  the  entire  field 
of  view  for  stars.  The  Directed  Search,  which  searches  an  area  8 arcmin  on  a side,  takes 
only  a few  tenths  of  a second. 

The  Reduced  Field  of  View  (RFOV)  is  a window  of  intermediate,  commandable  size, 
developed  for  SWAS.  WIRE  uses  two  typical  sizes  of  RFOV:  a 2°  x 6°  window  which  assures 
that  the  window  doesn’t  miss  the  sought  star  due  to  coarse  attitude  estimation  errors,  or  a 
0.5°  square  window  which  reduces  the  search  time  when  the  fine  attitude  estimate  is  used. 

Stars  found  by  any  of  these  search  functions  are  tested  against  the  guide  star’s  instrument 
magnitude  before  the  search  is  deemed  successful.  On  SWAS  and  WIRE,  a tolerance  of 
±0.75  instrument  magnitudes  is  used. 

The  Rossi  X-Ray  Timing  Experiment  (RXTE)  was  launched  in  1995,  and  carries  two 
CT-601’s.  These  trackers  have  exhibited  Loss  Of  Track  anomalies  (LOT’s),  characterized 
by  unexplained  loss  of  a tracked  star. 

These  factors  impose  a set  of  constraints  on  the  star  acquisition  algorithm.  The  acqui- 
sition process  must  acquire  a new  target  ten  times  per  orbit,  so  it  must  be  autonomous.  It 
must  be  rapid,  to  maximize  science.  It  must  be  robust  to  attitude  estimation  errors,  star 
misidentification,  and  LOT’s.  These  are  accomplished  through  a sequence  of  steps,  using  a 
strategy  of  provisional  acceptance  and  verification. 


SWAS  BACKGROUND 

Consistent  with  the  Small  Explorer  philosophy,  WIRE  re-uses  as  much  of  the  SWAS  al- 
gorithms as  possible.  The  star  acquisition  algorithm  keeps  the  basic  outline  of  the  SWAS 
algorithm,  but  WIRE’S  more  demanding  acquisition  requirements  make  necessary  some  sig- 
nificant modifications.  We  outline  the  SWAS  procedure  here  to  present  the  basis  for  the 
WIRE  algorithm,  and  to  point  out  some  of  the  reasons  why  modifications  were  required.  A 
more  complete  description  of  the  SWAS  algorithm  is  presented  in  [2] . 

SWAS  uses  two  special  targets  for  acquisition,  one  near  the  north  ecliptic  pole  and  one 
near  the  south  ecliptic  pole.  These  targets  are  chosen  so  that,  from  any  orbit  position  and 
at  any  time  of  year,  one  of  them  will  always  be  visible.  (SWAS  will  fly  in  a near-polar  orbit, 
as  will  WIRE.)  One  star  in  each  acquisition  target  is  identified  as  the  Base  Star.  The  Base 
Star  is  chosen  to  differ  sufficiently  in  brightness  from  all  other  stars  in  the  field  of  view,  so 
that  a magnitude  check  will  reliably  identify  it. 

To  acquire  the  Base  Star,  a Reduced  Field  of  View  (RFOV)  search  is  conducted.  The 
RFOV  is  sized  so  that  the  only  star  in  the  RFOV  bright  enough  for  the  tracker  to  track  is 
the  Base  Star.  Once  the  Base  Star  is  acquired,  directed  searches  are  commanded  to  find 
the  other  guide  stars.  Offsets  of  the  observed  Base  Star  position  from  its  predicted  position 
are  used  to  correct  the  positions  of  the  directed  search  commands  for  the  remaining  stars. 
Completion  of  the  acquisition  phase  is  achieved  through  a criterion  on  the  separation  of  the 
acquired  guide  stars. 
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THE  WIRE  STAR  ACQUISITION  ALGORITHM 


Modifications  in  the  star  acquisition  sequence  for  WIRE  are  driven  by  the  more  severe 
constraints  on  spacecraft  pointing,  and  by  the  short  mission  lifetime.  Since  the  star  tracker 
must  always  point  near  zenith,  the  ecliptic  poles  are  only  visible  to  the  tracker  for  portions 
of  the  orbit.  Since  the  mission  is  only  four  months  long  (limited  by  cryogen  supply),  it  is 
desirable  not  to  have  to  wait  for  an  acquisition  target.  These  considerations  lead  us  to  the 
goal  of  using  any  science  target  as  an  acquisition  target.  This  in  turn  leads  us  to  maximize 
the  algorithm’s  flexibility  and  robustness.  This  is  done  by  allowing  for  multiple  base  star 
candidates,  performing  a search  for  a second  star  to  confirm  the  base  star-  choice,  and  by 
allowing  any  of  the  uploaded  stars  to  function  as  a base  star. 

Obtaining  a Base  Stax 

As  for  SWAS,  the  first  step  in  the  WIRE  algorithm  is  to  acquire  a base  star.  SWAS  uses  a 
RFOV  search,  keeping  the  one  star  found  that  meets  its  criterion  on  instrument  magnitude. 
For  WIRE,  this  is  inadequate,  since  we  cannot  expect  that  a general  starfield  will  have  so 
distinct  a star  in  it. 

By  default,  WIRE  uses  the  first  star  in  the  guide  star  list  as  a base  star.  To  maximize 
robustness,  however,  any  guide  star  may  be  called  upon  to  act  as  the  base  star  should 
preceding  stars  not  be  found. 

The  base  star  is  sought  using  an  RFOV  search,  with  the  window  centered  on  the  expected 
location  of  the  base  star  in  the  tracker  FOV.  The  size  of  the  RFOV  is  determined  by  the 
performance  of  the  attitude  estimator;  the  RFOV  must  be  large  enough  that  the  base  star 
will  lie  in  it  despite  the  worst-case  attitude  estimation  errors.  For  the  initial  acquisition, 
WIRE’S  RFOV  size  is  2°  x 6°.  The  rectangular  shape  occurs  because  the  coarse  attitude 
estimate  accuracy  about  the  X axis  is  driven  by  digital  sun  sensor  errors,  while  accuracy 
about  the  Y axis  is  driven  by  magnetometer  errors.  Once  the  fine  attitude  estimator  has 
converged,  a smaller  RFOV  is  used  to  speed  the  RFOV  search  and  reduce  the  chance  of 
having  multiple  candidates.  This  window  size  is  commandable,  with  a typical  expected 
value  of  0.5°  x 0.5°. 

With  the  large  window,  and  a general  star  field,  it  is  possible  that  more  than  one  star 
which  is  near  the  base  star’s  magnitude  will  lie  in  the  RFOV.  (SWAS  and  WIRE  have  a 
±0.75  magnitude  tolerance  on  their  magnitude  matching  checks.)  The  SWAS  algorithm 
would  stop  on  finding  the  first  of  these  matches.  The  WIRE  algorithm  continues,  assigning 
a tracking  slot  to  each  star  it  finds  in  the  RFOV  which  satisfies  the  magnitude  check,  until  it 
has  acquired  four  such  stars,  or  has  searched  the  entire  RFOV.  The  stars  found  are  labeled 
as  base  star  candidates.  Up  to  four  candidates  may  be  tracked  because  the  tracker  can  track 
up  to  five  stars  simultaneously,  and  we  reserve  one  tracking  slot  for  the  next  step  in  the 
acquisition  procedure. 

In  the  event  that  no  base  star  candidates  are  found,  the  guide  star  list  is  “cycled” ; the 
pointer  which  identifies  the  base  star  is  incremented  to  point  at  the  next  guide  star  in  the 
list.  Then  the  acquisition  is  restarted,  and  an  RFOV  search  is  conducted  to  find  candidates 
for  the  new  base  star.  This  continues  as  needed  until  base  star  candidates  are  found. 
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It  is  also  possible,  though  rather  unlikely,  that  there  are  more  than  four  base  star  matches 
in  the  RFOV,  and  the  true  base  star  is  not  one  of  the  first,  four  found  in  the  RFOV  search. 
This  case  will  be  handled  by  the  next  step.  Base  Star  Verification. 

Verifying  the  Base  Star 

Having  found  at  least  one,  and  up  to  four,  base  star  candidates,  the  next  step  is  to  determine 
which  one,  if  any,  is  the  base  star.  This  is  done  using  the  simplest  form  of  a pattern  match. 
Using  the  first  candidate,  a directed  search  is  commanded  for  another  guide  star.  This 
guide  star  carries  the  functional  tag  “Guide  Star  #2”  (GS#2).  Like  “base  star”,  this  is  a 
functional  tag  which  may  point  to  any  of  the  uploaded  guide  stars;  by  default  it  is  the  last 
star  in  the  guide  star  list.  If  the  directed  search  returns  a successful  result  before  a timeout 
occurs,  then  the  base  star  candidate  is  confirmed  as  the  base  star.  If  not,  the  GS#2  pointer 
is  incremented,  and  another  directed  search  is  commanded.  This  continues  until  a GS#2  is 
found,  or  the  list  of  guide  stars  is  exhausted.  If  the  former,  we  have  succeeded  in  verifying 
the  base  star,  and  proceed  to  the  next  step,  acquiring  the  remaining  guide  stars.  If  the  list 
of  guide  stars  is  exhausted,  we  consider  the  next  base  star  candidate  and  conduct  another 
GS#2  search.  If  the  candidate  list  is  exhausted,  then  we  cycle  the  guide  stars  and  begin 
again  with  an  RFOV  search  for  the  new  base  star. 

Once  the  base  star  and  GS#2  are  found,  break  track  commands  are  issued  to  those 
windows  tracking  the  remaining  base  star  candidates.  These  windows  will  be  needed  to 
find  and  track  the  remaining  guide  stars. 


Acquiring  Remaining  Guide  Stars 

At  this  point  the  base  star  has  been  found,  and  confirmed  by  finding  a second  star.  All  that 
remains  is  to  find  the  remaining  guide  stars  and  enable  attitude  updates. 

The  remaining  guide  stars  are  sought  using  directed  search  commands.  The  positions 
of  the  directed  search  windows  are  corrected  using  the  differences  between  the  observed 
and  predicted  locations  of  the  base  star  and  GS#2.  To  guard  against  the  unlikely  event 
of  a misidentified  base-GS#2  pair,  at  least  one  of  the  remaining  guide  stars  must  be  found 
before  a timeout.  If  none  are  found,  the  base-  GS#2  pair  is  assumed  to  be  misidentified, 
the  guide  stars  are  cycled,  and  the  process  begins  again  with  ail  RFOV  search  for  a new 
base  star. 

There  are  two  cases  where  the  algorithm  cannot  perform  this  final  check  on  the  base- 
GS#2  pair,  and  so  must  assume  that  they  have  been  correctly  identified.  The  first  case 
is  when  there  are  only  two  guide  stars.  The  second  is  when  the  predicted  position  of  the 
remaining  guide  stars,  corrected  by  the  observed  positions  of  the  base  star  and  GS#2,  lies 
outside  the  tracker’s  FOV.  Although  not  likely,  this  condition  could  occur  due  to  coarse 
attitude  estimation  errors. 

To  provide  useful  information  to  the  attitude  estimator,  it  is  not  necessary  for  all  of  the 
guide  stars  to  be  found.  Since  the  tracker  is  used  to  generate  a three-axis  attitude  estimate, 
at  least  two  stars,  sufficiently  separated,  are  sufficient.  Thus,  following  SWAS,  we  define  a 
criterion  on  the  separation  of  the  acquired  stars  which  defines  the  completion  of  the  star 
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SWAS:  Same  stars,  different 
Good  Star-  Condition 


WIRE  resolves  ambiguity 
by  using  all  chords 


Figure  2:  SWAS  and  WIRE  Separation  Cri- 
teria 


Figure  1:  Star  Acquisition  Flowchart 
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acquisition  process.  This  criterion  is  called  the  Good  Star  Condition. 

The  SWAS  algorithm  used  the  sum  of  the  squares  of  the  chords  between  the  base  star 
and  each  of  the  other  acquired  guide  stars.  This  sum  had  to  be  larger  than  a threshold  (4 
deg2)  for  the  Good  Stax  Condition  to  be  true.  For  WIRE,  this  criterion  is  modified.  The 
SWAS  method  yields  different  sums  for  the  same  set  of  stars,  depending  on  which  one  is 
the  base  star.  But  the  attitude  estimator  accuracy  doesn’t  change  depending  on  which  star 
is  the  base  star,  so  the  distinction  serves  no  purpose.  So,  the  WIRE  algorithm  measures 
the  sum  of  the  squares  of  all  chords  between  all  pairs  of  acquired  guide  stars.  If  this  sum  is 
above  a threshold,  the  criterion  is  satisfied  and  Good  Star  Condition  is  set  to  True. 


HANDLING  LOSS  OF  TRACK  EVENTS 

The  Rossi  X-Ray  Timing  Experiment  (RXTE)  was  launched  in  December  1995.  It  has 
experienced  Loss  of  Track  (LOT)  anomalies  with  its  two  CT-  G01  star  trackers[3].  Some 
of  these  events  axe  attributable  to  debris  floating  across  the  field  of  view,  but  some  remain 
unexplained. 

While  the  cause  is  unknown,  the  solution  for  LOT’s  is  simple.  When  the  LOT  is  detected, 
a break  track  command  is  sent,  then  the  tracking  window  is  re-commanded  to  search  for 
the  lost  star.  Since  the  LOT  is  a transient  event,  the  star  should  be  recovered  immediately. 
RXTE,  SWAS,  and  WIRE  have  all  implemented  similar  solutions.  The  WIRE  algorithm  is 
written  so  that  this  recovery  is  transparent  to  the  attitude  estimator  and  to  the  taking  of 
science  data.  Failure  Detection  and  Handling  logic  does  monitor  the  star  processing,  but 
only  acts  if  the  Good  Star  Condition  is  violated  for  a period  of  time.  If  this  occurs,  the 
ground  is  notified,  and  the  star  acquisition  process  is  re-initialized. 


PERFORMANCE 

The  star  processing  modules  of  the  WIRE  flight  algorithm  have  been  modelled  in  detail  in 
the  WIRE  high-fidelity  dynamics  simulation,  both  to  show  the  typical  behavior  of  the  star 
acquisition  process  and  to  test  the  flight  algorithm  prior  to  real-time  testing.  We  present 
here  the  results  of  two  acquisition  cases:  a nominal  acquisition  starting  from  a coarse 
attitude  estimate,  and  a rather  difficult  case  which  shows  the  robustness  of  the  algorithm. 
In  both  cases,  LOT  events  were  simulated  at  60-second  intervals,  so  that  each  tracker  slot 
suffered  a LOT  every  five  minutes.  This  is  a much  higher  rate  than  is  expected  on  orbit, 
and  was  shown  to  have  no  impact  on  the  acquisition  or  maintenance  of  a stellar  attitude. 

To  help  interpret  the  behavior  of  the  acquisition  process,  the  acquisition  states  are 
plotted.  Table  1 presents  the  state  numbers  and  the  corresponding  labels.  Comparison 
with  figure  1 shows  that  the  three  search  phases  of  the  algorithm  are  comprised  of  two 
states  each.  In  the  “Init  Search”  state,  commands  are  formulated  and  issued  to  the  tracker, 
and  in  the  “Search”  state  the  tracker  results  are  received  and  interpreted. 
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StarSearcliMode 

Number 

State  Name 

1 

Standby 

2 

InitBaseStarSearch 

3 

BaseS  tarSearch 

4 

InitSecondStarSearch 

5 

SecondS  tarSearch 

6 

InitStarFieldSearch 

7 

StarFieldSearch 

8 

Track  Field 

Table  1:  Star  Search  States 


Nominal  Acquisition 

Figures  3-5  show  a nominal  acquisition  case.  This  case  simulates  the  initial  acquisition  of 
an  inertial  stellar  attitude,  starting  from  a zenith-pointing  attitude  and  a coarse  attitude 
estimate  using  sun  sensor,  magnetometer,  and  gyro  measurements.  The  slew  to  the  target 
occurs  in  the  first  25  seconds,  and  the  starfield  acquisition  is  completed  in  the  following 
13  seconds.  The  majority  of  the  acquisition  time  is  spent  performing  the  Reduced  Field 
of  View  search  for  the  base  star.  Upon  completion  of  the  acquisition,  the  fine  attitude 
estimator  is  enabled,  and  the  estimation  errors  about  the  X and  Y axes  drop  immediately 
to  the  arc-second  range.  Estimation  errors  about  the  Z axis  converge  more  slowly  because 
this  is  the  tracker  boresight  axis,  and  observability  is  poor.  Figure  5 shows  the  state  of  the 
algorithm  as  a function  of  time. 

Acquisition  with  Ambiguous  Base-Second  Star  Pairs 

Figures  6-8  show  a difficult  acquisition  case.  In  this  case,  there  are  two  field  stars  which 
match  the  first  guide  star,  and  two  field  stars  which  match  the  second  guide  star.  One 
1-2  pair  is  the  intended  pair,  and  one  1-2  pair  is  a spurious  pair,  offset  from  the  intended 
pair  and  having  the  same  relative  spacing.  The  stars  are  arranged  so  that  a Reduced  Field 
of  View  search  finds  the  spurious  star  before  it  finds  the  intended  star.  A search  for  the 
remainder  of  the  field  will  be  required  to  avoid  a misidentification. 

The  acquisition  state  history  is  shown  in  figure  8.  To  interpret  this  plot,  it  is  helpful  to 
trace  the  use  of  the  guide  star  slots.  Remember,  the  terms  “base  star”  and  “second  star” 
are  functional  tags.  The  “base  star”  may  be  any  of  the  stars  in  the  uploaded  guide  star  list. 
The  term  “guide  slot”  will  refer  to  the  position  of  a particular  guide  star  in  that  list.  For 
example,  the  base  star  and  second  star  may  be  the  stars  in  guide  slots  4 and  2,  respectively. 
(The  tracker  slots  are  yet  another  matter,  not  to  be  confused  with  guide  slots.) 

The  first  RFOV  search  finds  both  candidates  for  guide  slot  #1.  Using  the  spurious 
candidate,  a directed  search  is  commanded  at  the  expected  location  of  guide  slot  #5  (the 
default  slot  for  the  “second  star”,  as  guide  slot  #1  is  the  default  slot  for  the  “base  star”). 
This  search  fails,  and  the  next  directed  search  is  at  the  expected  location  of  guide  slot  #2. 
This  search  succeeds,  only  because  we  have  placed  a spurious  "second  star”  to  accompany 
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Figure  3:  Nominal  Acquisition,  Angle  to  Go 


Figure  6:  Difficult  Acquisition,  Angle  to  Go 
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Figure  4:  Nominal  Acquisition,  Estimation  Errors 


Figure  7:  Difficult  Acquisition,  Estimation  Errors 
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our  spurious  “base  star”.  The  next  step  is  to  search  for  the  remaining  guide  stars.  This 
search  fails,  forcing  a return  to  the  InitBaseStarSeareh  state,  where  the  “base  star"  tag  is 
reassigned  to  guide  slot  # 2 and  the  “second  star”  tag  is  reassigned  to  guide  slot  #3.  Then 
the  second  RFOV  search  is  performed.  It  finds  two  candidates  for  the  base  star,  the  true 
and  spurious  stars  we  provided  for  guide  slot  #2.  Using  the  spurious  candidate,  a search 
is  performed  for  a second  star,  failing  to  find  one  for  guide  slots  #3,4,  and  5 before  finding 
the  spurious  star  for  guide  slot  #1.  Again,  a search  is  performed  for  the  remaining  guide 
stars,  which  once  again  fails.  This  forces  another  return  to  InitBaseStarSeareh,  where  the 
“base  star”  tag  is  assigned  to  guide  slot  #3  and  the  “second  star"  tag  is  reassigned  to  guide 
slot  #4.  With  this  unambiguous  pair,  the  acquisition  proceeds  as  in  the  nominal  case. 


GUIDE  STAR  SELECTION 

In  conjunction  with  algorithm  design,  intelligent  selection  of  the  uploaded  guide  stars  is 
also  required  in  order  to  ensure  acquisition  of  the  star  field.  Both  the  algorithm  design  and 
guide  star  selection  guidelines  have  been  tailored  to  the  capabilities  and  limitations  of  the 
CT-601  star  tracker.  In  this  section,  some  of  the  star  guidelines  are  discussed. 

Some  guidelines  are  obvious,  and  do  not  require  much  discussion: 

1.  Each  target  must  have  2-5  guide  stars.  Two  guide  stars  are  required  to  provide  a three- 
axis  attitude  solution,  and  five  is  the  maximum  number  which  may  be  simultaneously 
tracked  by  the  CT-601. 

2.  All  guide  stars  must  have  instrument  magnitudes  in  the  range  1.0  < M,  < 6.0.  This 
is  the  sensitivity  range  specified  by  Ball  Aerospace. 

3.  Guide  stars  must  have  a minimum  separation  of  0.15°.  This  is  a limitation  of  the 
tracker. 

Additional  guidelines  bear  more  on  how  the  tracker  is  used,  and  must  be  crafted  in 
conjunction  with  the  acquisition  algorithm: 

1.  No  guide  star  may  have  a neighbor  within  3 instrument  magnitudes  within  0.1°. 

This  guideline  is  the  result  of  a trade-off  between  star  availability  and  accuracy  of 
the  measurement.  A dim  star  near  a tracked  star  shifts  the  perceived  location  of 
the  tracked  star,  degrading  the  accuracy  of  the  measurement.  Ball  recommends  a 
4 Mi  minimum  separation,  neglecting  altogether  stars  with  Mt  > 9.  This  yields  a 
maximum  centroiding  error  of  4 arcsec,  but  it  reduces  the  number  of  available  guide 
stars.  For  WIRE,  the  typical  science  target  is  already  in  a sparsely-populated  area  of 
the  sky,  such  that  this  constraint  became  a concern.  Fortunately,  WIRE’S  pointing 
requirements  do  not  require  this  level  of  accuracy.  Relaxing  the  minimum  brightness 
separation  to  3 Mi  yields  an  8 arcsec  centroiding  error,  which  is  acceptable,  and  greatly 
increases  the  availability  of  guide  stars. 

2.  At  least  two  guide  stars  per  target  should  be  at  least  0.5°  from  the  edge  of  the  tracker’s 
field  of  view  when  the  tracker  is  centered  on  the  target  attitude. 
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This  guideline  is  a reflection  of  the  expected  estimator  errors  at  the  end  of  a large 
slew.  Between  targets,  the  fine  attitude  estimate  is  propagated  using  gyroscope  rate 
measurements.  Uncompensated  scale  factor  errors  may  lead  to  estimation  errors  of 
up  to  0.28°  after  a 60°  slew.  Since  a minimum  of  two  stars  is  required  for  a successful 
acquisition,  at  least  two  stars  must  be  far  enough  away  from  the  FOV  edge  to  insure 
that  they  will  still  be  in  the  FOV  after  such  a slew.  Once  these  stars  are  acquired, 
the  star  acquisition  algorithm  has  provision  for  then  acquiring  any  additional  stars 
which  may  have  drifted  out  of  the  FOV.  This  guideline  may  be  modified  as  the  mission 
progresses,  as  the  gyro  properties  are  better  characterized. 

3.  The  instrument  magnitude  of  all  guide  stars  must  be  known  to  within  0.75  at  obser- 
vation time. 

Magnitude  checks  are  performed  on  all  stars  found  by  the  tracker.  The  CCD  star 
tracker  has  a somewhat  different  spectral  response  than  the  human  eye,  however,  so 
the  instrument  magnitude  of  a star  varies  from  the  visual  magnitude  as  a function  of  its 
spectrum.  While  this  dependence  has  been  characterized  [4]  for  the  RXTE  tracker, 
WIRE  still  allows  large  tolerances  on  magnitude  checks.  The  trade-off  is  between 
finding  more  base  star  candidates  and  rejecting  valid  guide  star  matches.  Since  the 
WIRE  algorithm  provides  for  rejection  of  false  positive  matches,  tight  magnitude 
tolerances  are  not  required. 

4.  Guide  stars  must  be  spaced  to  insure  satisfaction  fo  the  Good  Star  Criterion, 


where  is  the  two-dimensional  position  vector  of  the  ith  star  in  the  tracker  FOV, 
and  n is  the  number  of  guide  stars  being  tracked. 

Assuming  an  8 arcsec  error  on  the  placement  of  any  star,  this  separation  criterion 
assures  that  the  attitude  measurement  error  about  the  tracker  boresight  is  less  than 
15  aremin. 

5.  At  least  one  target  in  any  120°  orbit  segment  should  have  two  guide  stars  separated 
by  no  more  than  2.8°. 

This  condition  allows  the  target  to  be  used  as  an  acquisition  target,  despite  worst-case 
coarse  attitude  estimation  errrors  (assumed  to  be  2°  about  the  sun  line).  With  this 
estimation  error,  the  directed  search  for  the  second  guide  star  may  miss  the  star  if  it 
is  more  than  2.8°  from  the  base  star.  Recalling  that  the  goal  of  the  star  acquisition 
algorithm  is  to  allow  acquisition  more  quickly  than  could  be  done  with  the  SWAS 
strategy  using  dedicated  targets  at  the  North  and  South  ecliptic  poles,  at  least  three 
acquisition-quality  targets  per  orbit  are  desired.  Star  catalog  studies  suggest  that  this 
is  not  a difficult  condition  to  satisfy. 

Note  that  this  guideline,  combined  with  the  guideline  above,  indicate  that  targets 
with  only  two  guide  stars  are  less  likely  to  make  good  acquisition  targets  than  target 
with  more  guide  stars. 
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CONCLUSION 


Building  on  SWAS  heritage  and  RXTE  flight  experience,  an  autonomous  star  acquisition 
algorithm  has  been  developed  for  the  WIRE  spacecraft.  This  algorithm  first  searches  a 
reduced  field  of  view  (RFOV)  for  one  star,  using  a loose  magnitude  match  criterion.  Ac- 
cepting up  to  four  candidates  for  this  “base”  star,  it  then  searches  for  a second  star,  using  a 
pattern  match  for  verification.  The  algorithm  makes  use  of  the  capability  of  the  tracker  to 
track  multiple  stars,  and  to  limit  its  search  to  a reduced  field  of  view.  This  latter  capability 
was  added  for  SWAS,  and  included  in  the  WIRE  star  tracker.  The  algorithm  is  robust  to 
initial  attitude  estimation  errors,  bad  uploaded  stars,  multiple  matches  for  guide  stars,  and 
Loss  of  Track  anomalies. 
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PERFORMANCE  OF  LEAST  SQUARES  AND  KALMAN  FILTER 
ALGORITHMS  FOR  ORBIT  DETERMINATION  USING  SINGLE- 
AND  MULTI-STATION  TRACKING  OF  GEOSTATIONARY 

SATELLITES 

J.P.  Halain  1,  T.  Welter  2,  P.  Francken  2,  G.  Krier  2,  P.  Wauthier  2 and  P.-  Rochus  1 

ABSTRACT 

This  paper  provides  a comprehensive  overview  of  the  Least  Squares  (LS) 
and  Extended  Kalman  Filter  (EKF)  orbit  estimation  algorithms  and  their 
current  software  implementations  at  Societe  Europeenne  des  Satellites 
(SES).  We  present  how  a LS  orbit  determination  program  has  been  adapted 
to  yield  the  implementation  of  a continuous-discrete  EKF,  making  maximal 
re-use  of  computer  code  between  the  two  formulations.  We  discuss  how  the 
performances  of  both  methods  have  been  assessed  using  a dedicated  Monte- 
Carlo  analysis  software.  Our  implementations  of  the  two  methods  are  also 
compared  from  an  operational  standpoint.  Finally  actual  orbit  determina- 
tion results  using  single-station  tracking  based  on  range  and  angle  data  as 
well  as  a new  multi-station  tracking  system  developed  by  SES  are  presented 
and  discussed. 


INTRODUCTION 

SES  has  realized  a safe  co-location  of  7 satellites  in  a longitude  and  latitude  window  of  ±0°.l 
using  a conventional  single  station  tracking  system  composed  of  accurate  spread-spectrum  ranging 
units  and  of  a single  antenna  tracking  successively  the  different  satellites1.  In  order  to  support  the 
future  development  of  its  fleet,  SES  has  developed  and  installed  a so-called  trilateration  network. 
Operational  since  February  1998,  this  system  consists  in  a master  tracking  station  located  in  Betz- 
dorf,  Luxembourg  and  a set  of  three  slave  ranging  stations  - including  a backup  - located  close  to  the 
edges  of  the  ASTRA  system  footprint.  Each  station  provides  a continuous  flow  of  range  data  with 
an  accuracy  better  than  one  meter.  The  system  was  designed  to  provide  an  improvement  in  orbit 
determination  accuracy  of  one  order  of  magnitude  compared  to  the  single  station  tracking  system. 
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In  order  to  comply  with  the  high  accuracy  of  this  new  tracking  system,  the  overall  trajectory  and 
measurement  models  in  the  DLR  program  ORBIT2  have  been  improved3.  As  a result,  the  thrust-free 
trajectory  of  a geostationary  satellite  can  be  modelled  with  an  accuracy  better  than  1 m (effective 
range  error)  over  a 2 weeks  orbit  estimation. 

In  parallel,  SES  analyzed  if  further  improvements  in  estimation  accuracy  could  be  obtained  by 
using  an  Extended  Kalman  Filter  (EKF)  in  lieu  of  the  current  Least  Squares  (LS)  estimator.  In  the 
present  paper,  we  describe  our  prototype  of  a continuous-discrete  EKF,  as  well  as  a dedicated  Monte 
Carlo  simulation  software  used  to  compare  the  accuracy  of  the  estimations  provided  by  the  LS  and 
EKF  methods.  Both  methods  are  also  compared  in  terms  of  their  operational  implementations. 
Finally  we  present  actual  operational  experience  with  both  the  LS  and  EKF  methods,  using  single- 
as  well  as  multi-station  tracking  systems.  The  results  confirm  the  accuracy  of  the  trilateration 
system  and  the  conclusions  of  our  simulations  regarding  the  relative  performances  of  the  LS  and 
EKF  techniques  and  their  implementations. 


THEORY 


The  equations  of  motion  of  the  satellite  can  formally  be  written  as 


y(0  = f(y  ,*)  + w(t) 


(i) 


where  the  generalized  state  vector  y (t)  includes  the  position  and  velocity  vectors  as  well  as  a set  of 
model  parameters;  w (t)  denotes  Gaussian  white  process  noise  with 

£'[w(t)]  = 0,  E [w(f)wT(r)]  = Q(f)<J(t  - r)  . (2) 

A particular  solution  of  Eqs.  (1)  is  defined  by  initial  conditions  y(to)  = yo-  The  set  of  measurements 
{2fc(t/e)}  collected  at  discrete  times  *i  < *2  < ■ ■ • < tn,  forms  a n-dimensional  vector  z,  which  is 
related  to  the  state  vector  by  means  of  a measurement  model  : 

z = h(y0)+v  (3) 


where  h implicitly  depends  on  yo  through  y(tfe),  k=l,...n  and  v is  Gaussian  noise  with 

£(v)  = 0 , £(v-vt)  = R.  (4) 

In  the  absence  of  process  noise,  w = 0,  the  maximum  likelihood  estimator  is  the  one  that  minimizes 
the  x2  function  : 

X~  = [z  - h(y0)]T  • R-1  • [z  - h(y0)]  . (5) 

The  dependency  upon  the  estimate  yo  is  non-linear  so  the  problem  is  solved  iteratively.  At  each 
iteration,  a linearisation  is  performed  around  the  reference  trajectory  yre/  obtained  from  the  esti- 
mation of  the  previous  iteration  and  it  is  required  to  compute  the  correction  x to  be  applied  to  the 
current  reference  trajectory  : 

x(to)  = y(<o)  -y ref  {to)  • (6) 

The  normal  equations  provide  a mean  to  solve  the  linear  LS  sub-problem  : 

* = (AT.R~1.A)"1AT.R-1.b  (7) 


where  we  have  defined 


A 


def 


dh(y0) 

<9y0 


yo=yre/(to) 


b = [z-h(yo)] 


yo=yre/(£o) 


(8) 
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We  get  for  the  covariance  matrix  : 


P = 


E 


(x  - £(x)).(x  - E(x))T 


(at.r_1.a)  1 . 


(9) 


Assuming  now  that  a priori  information  on  x is  available  in  the  form  of  an  a priori  estimate  xa  and 
an  associated  covariance  matrix  Po(*o)  = Cov(xa,xa),  this  information  can  be  handled  by  analogy 
with  additional  observations  of  x through 


x = xa  + v with  E(v)  = 0,  E(v  ■ vT)  = Po(<o)  • (10) 


In  consequence  the  LS  with  a-priori  information  can  be  deduced  from  the  standard  formulation 
through  the  substitutions 


The  normal  equations  Eqs.  (7)  and  (9)  then  become 

x(*0)  = [Pq1(<o)  + At.R-1.a]”1  • [Po1(t0)xa  + AT.R"1.b]  , 
P(*o)  = [Pq1(<o)  + At.R“1.a]”1  . 


(11) 


(12) 

(13) 


This  formulation  allows  the  LS  to  be  implemented  in  a recursive  way;  whenever  a new  measurement 
is  collected  at  time  tk  the  a priori  information  is  taken  from  the  previous  estimation  at  tk-i  and  the 
process  is  repeated.  The  a priori  estimate  xa(f)  and  covariance  matrix  Po(t)  are  then  replaced  by 
x(t|t/c_i)  and  P(t|tfc_i),  while  the  new  estimates  x(<)  and  P (t)  are  now  denoted  x(t|f/c)  and  P(t|f*). 
The  matrix  R becomes  the  scalar  quantity  R(tk)  = E{v2(tk)}  while  the  matrix  A and  the  vector  b 
become  A(tk,t)  — dh[y(tk),tk]/dy(t)  and  b(tk)  — zk  — h[y(tk),  bt],  respectively.  In  general  A (<*,*) 
may  be  obtained  as 


A (<*,<) 


dh[y(tk),tk] 


dy{t) 


dh[y(tk),tk] 


y(«)=y  rc/(t) 


dy  (tk) 


y(0=y  rc/(.t) 


where  the  transition  matrix  $ is  obtained  from  the  matrix  differential  equation: 


= F(t')$(f',t)  with 

and  F(t)  is  the  Jacobian  of  the  vector  function  f[y(t),<] 

5f[y(t),t] 


$(M)  = I 


F(0  = 


dy  (0 


y(t)=yr«f  (*) 


i -l 


Defining  the  Kalman  gain 

K(t)  =f  P(<|<fc_1)Ar(tfc, f)  • [A(ffc!<)PUI^-i)AT(t/c,t)  + R(^)] 
we  can  rewrite  Eqs.  (12,  13),  after  some  algebraic  manipulations,  as  the  filtering  equations 


(14) 


(15) 


(16) 


(17) 


x(f|**)  = x(t\tk-i)  + K{tk)[b(tk)-A(tk,t)Mt\ik-i)]  , (18) 

P(f|/*)  = [l-K(tk)A(tk,t)]-P(t\tk-i)  • (19) 


For  t — t0  this  formulation  is  equivalent  to  the  initial  LS  parameter  estimation  problem.  By  contrast, 
setting  t — tk  in  the  above  equations  leads  to  a filtering  problem.  In  this  case  the  integration  of  the 
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variational  equations  Eqs.  (15)  is  avoided,  but  the  values  of  x(ifc|ffc_i)  and  need  to  be 

computed  from  the  values  Sc(tk-\\tk-i)  and  obtained  at  the  previous  time  tk-i  through 

a prediction  step.  Taking  now  additional  process  noise  w into  account,  the  quantity  x(i)  appearing 


in  Eq.  (6)  satisfies  the  equation  : 

x(<)  = F(t)x(t)  + vf(t)  (20) 

where  F(<)  is  given  by  Eq.  (16).  The  solution  of  the  linearised  system  Eq.  (20)  can  be  expressed 
between  the  observation  times  tk-i  and  tk  as 

x(<fc)  = +vf'{tk)  (21) 

where  $(tfc,<fc_j)  is  the  transition  matrix  of  Eq.  (15)  and  w'(lt)  = f‘*  ^ $(tfc,<)w(f)df  is  a stochastic 
integral  with 

E [w'(t*)]  = 0 , E [w'(**)w'r(<*+J)]  = Q '(tk)S(l)  . (22) 

The  discrete  noise  covariance  matrix  Q '(tk)  satisfies  the  matrix  differential  equation 

ftQ'(t)  = Q(t)  + F(t)Q'(t)  + Q'(t)F  T(t)  with  Q,(<*-1)  = 0.  (23) 

The  prediction  equations  for  the  estimated  state-vector  and  error  covariance  now  become 

x(<fc|<fc-i)  = E {$(tk,tk-i)x{tk-i)  + w'(tfe)}  = &{tk,tk-i)x{tk-i\tk-i)  . (24) 

P(tfcKfc-i)  = ^(tfc.ffc-i)P(ffc-i|ffc-i)^T(tfc!tfc-i)  + • (25) 

The  filtering  equations  from  x(tk\tk-i)  to  x(f/;|ffc)  are  similar  to  the  recursive  LS  estimation, 
Eqs.  (17),  (18),  (19).  We  have  the  discrete  KF  equations: 

y(tk\tk-i)  = yr«f(f*)  +x(tk\tk-i)  (26) 

b(tk)  = z{tk)  - fi[y(f*|<*-i),<fc]  (27) 

L(tk)  = A(t/:,<fc)P(t*|tfc_i)AT(tfc,<A:)  + R{tk)  (28) 

K (tk)  = P(ffc|ffc_1)AT(tfc,ffc)i-1(<fc)  (29) 

x.(tk\tk)  = x(ffe|tfc_i)  + K(tk)  [b{tk)  - A(tfc,tfc)x(tfc|tfc_i)]  (30) 

P(tk\tk)  = P(tk\tk-i)-L(tk)K(tk)KT(tk)  (31) 

The  extended  discrete  Kalman-Filter  relinearises  about  each  new  estimate  : 

y«f(0  = y{t\tk-i)  , x(t)  = y(t)  -y{t\tk-i)  foTtk-i<t<tk  (32) 

Equations  can  now  be  rewritten  in  terms  of  the  original  state  vector  y instead  of  the  auxiliary  vector 
x.  Indeed,  y(tk\tk-i)  may  be  obtained  through  integration  of  the  equations 

^y{t\tk-i)  = f[y(t\tk-i),t]  ■ (33) 

From  Eq.  (32)  one  has  x(fjt|f,t_i)  = 0 so  using  the  explicit  form  of  b(tk)  in  Eq.  (27)  the  filter  update 
equation  Eq.  (30)  becomes,  adding  y(tk\tk-i)  to  both  sides  : 

y(<*|fjfe)  =y{tk\tk-i)  +K(<A){r(ffe)  -h[y(f*|ffc_i),4]}  . (34) 

In  the  continuous-discrete  EKF,  differential  equations  for  the  covariance  matrix  can  also  be  derived 
from  Eq.  (25)  by  differentiation  with  respect  to  <*,  using  Eqs.  (15),  (23)  and  (25)  : 

^P(t|t*-i)  = F(t)P(«|t*-i)  + P(f|U_1)Fr(<)  + Q (t)  . (35) 

at 
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DEVELOPMENT  OF  A CONTINUOUS-DISCRETE  EKF 


DLR’s  program  ORBIT3,  which  is  in  use  at  SES,  implements  a Square  Root  information  filter 
formulation  of  the  LS  method,  wherein  tracking  data  are  treated  sequentially.  Each  time  a new 
measurement  is  processed  the  QR-factorization  of  the  design  matrix  Eq.  (8),  A = Q.R,  where  Q is 
an  orthogonal  matrix  constructed  by  the  accumulation  of  Givens  rotation  matrices  and  R is  an  upper 
triangular  factor,  is  updated.  By  contrast  to  a recursive  LS.  the  resulting  system  of  equations  is  only 
solved  once  after  all  measurements  have  been  processed  in  order  to  obtain  the  desired  estimates. 
This  feature  made  it  quite  easy  to  implement  an  EKF  with  maximum  re-use  of  the  existing  ORBIT 
code;  the  sequential  accumulation  step  was  replaced  by  the  Kalman  filtering  step  of  Eqs.  (28,  29,  34, 
31),  while  propagation  of  the  state  and  transition  matrix  between  measurements  in  the  LS,  Eqs.  (1, 
15),  was  replaced  by  the  propagation  of  the  estimate  and  covariance  matrix,  Eqs.  (33,  35).  Note 
that  in  practice  the  LS  code  splits  the  transition  matrix  of  Eq.  (15)  into  a 6 x 6 state  transition 
matrix  associated  to  the  position/ velocity  vector  and  a so-called  sensitivity  matrix  S associated  to 
the  model  parameters;  this  feature  does  not  apply  to  the  EKF  formulation. 

A main  orbit  estimation  package  ORBIT.OD,  shown  in  Figure  1,  implements  functions  to 
initialize  the  filter,  loop  over  measurements,  propagate  differential  equations  to  the  new  measurement 
time  (through  procedures  in  package  ORBINT)  and  process  the  data.  Since  further  interpolation  of 
the  state  and  covariance  matrix  is  required  for  light-time  correction3 , the  time  update  of  the  EKF 
(which  consists  in  assigning  propagation  results  to  private  internal  structures  of  the  filter)  is  not 
performed  directly  after  the  propagation  step  but  only  after  light-time  correction.  Measurement 
processing  also  involves  computing  h[y(tk),tk]  and  A (tk,t)  = dh[y(tk),tk]/dy(t)  and  subsequently 
realizing  the  filter  measurement  update,  Eqs.  (28,  29,  34,  31),  through  a KALMANLIB  procedure. 


MAIN 


Fig.  1. — Package  dependencies  in  program  ORBIT.  SETUP:  process  user  inputs;  ORBIT-OD:  orbit  de- 
termination; ORBIT-OP:  orbit  propagation;  ORBIT-EST:  non-linear  LS;  KALMANLIB:  Kalman  filtering; 
ORBINT:  integration  and  interpolation  of  trajectory  and  covariance  or  transition  matrix;  FORCEJVIODEL: 
computation  of  differential  equations  right  hand  side;  DELIB:  numerical  integrator. 


Compared  to  the  LS  version  of  ORBIT-OD,  the  procedure  contains  one  less  level  of  iteration,  and 
no  further  processing  is  required  on  exit  of  the  main  measurements  loop,  while  the  LS  implementation 
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calls  a set  of  ORBIT.EST  procedures  to  solve  for  the  estimates,  compute  the  covariance  matrix  and 
update  estimation  parameters  with  the  solution  of  the  LS  system.  Another  major  difference  is  that 
for  the  EKF,  the  multi-step  numerical  integrator  needs  to  be  restarted  at  each  new  measurement 
due  to  the  update  of  the  reference  trajectory,  Eq.  (32).  Like  the  LS  version  of  ORBIT,  our  EKF 
implementation  has  the  capability  to  estimate  the  6 components  of  the  position/velocity  vector, 
the  2 in-plane  components  of  the  solar  radiation  force  and  a drag  coefficient.  It  also  involves  the  3 
components  of  a maneuver  thrust  vector,  for  a total  of  12  solve-for  parameters. 

The  original  ORBIT  code  comprises  47  Ada  packages,  4 of  which  required  modification: 

• Main  program  : involved  very  limited  changes,  concerning  mainly  the  size  of  the  covariance 
matrix  which  was  extended  from  6x6tol2xl2. 

• ORBIT.OD  package  : reflects  the  changes  mentioned  above 

• Integrator  package  ORBINT  : the  sensitivity  matrix  was  removed  as  argument  of  the  various 
procedures;  the  state  transition  matrix  was  replaced  by  the  covariance  matrix. 

• FORCE-MODEL  package  : the  sensitivity  matrix  was  removed  as  argument  of  the  various  pro- 
cedures and  the  state  transition  matrix  was  replaced  by  the  covariance  matrix.  The  procedure 
that  integrates  the  variational  equations  Eq.  (15)  was  replaced  by  a corresponding  procedure 
that  integrates  the  covariance  matrix  equation,  Eq.  (35).  Since  the  same  partial  derivative 
information,  Eq.  (16),  is  required  in  both  cases  on  the  right  hand  side  of  the  equations,  modi- 
fications were  again  minimized. 

The  specific  package  KALMANLIB  was  finally  implemented  to  replace  the  package  ORBITJEST  of 
the  LS  version.  It  defines  specific  data  structures  for  the  EKF  and  procedures  for  EKF  initialization, 
time  update,  measurement  update  and  retrieval  of  estimation  results  from  private  EKF  structures. 
In  total  about  630  lines  of  code  were  changed  in  existing  packages  and  290  lines  of  code  were  added 
in  new  packages. 


ESTIMATOR  ACCURACY  EVALUATION  USING  SIMULATIONS 

In  this  chapter,  we  will  describe  how  the  performances  of  the  LS  and  EKF  estimators  were 
compared  in  a systematic  way  using  Monte  Carlo  simulations.  The  comparison  greatly  takes  ad- 
vantage of  the  large  commonality  between  the  software  implementation  of  the  two  algorithms,  so 
that  any  bias  related  to  the  use  of  different  propagation  or  observation  models  is  avoided.  Artificial 
trajectories  - which  may  include  dynamical  effects  not  actually  modelled  in  the  estimation  software 
- are  generated  and  subsequently  observed  through  an  observation  function,  which  includes  a model 
of  random  and  systematic  measurement  errors.  The  observations  are  then  processed  by  the  LS  and 
EKF  versions  of  the  ORBIT  program,  and  estimated  trajectories  are  compared  to  the  reference 
artificial  trajectory.  Comparison  results  are  accumulated  over  a large  sample  of  realizations  of  the 
tracking  data  and  are  analyzed  statistically.  This  process  has  been  systematized  through  a dedicated 
simulation  software,  whose  architecture  is  depicted  in  Figure  2. 

Actual  tracking  data  are  used  as  a reference  and  processed  through  our  standard  LS  version 
of  ORBIT.  The  estimation  residuals  are  stored,  and  an  artificial  trajectory  corresponding  to  the 
observed  tracking  data  arc  is  generated,  along  with  a set  of  “perfect”  artificial  tracking  data  (with- 
out observation  errors)  and  a dense  interpolation  table  of  the  reference  trajectory,  to  be  used  for 
subsequent  comparison  with  estimation  results. 
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Fig.  2. — Data  flow  diagram  of  the  tracking  data  simulation  software. 

In  a second  step,  the  estimation  residuals  are  analyzed  through  a module  TRACK-1,  which 
fits  the  observed  statistical  distribution  of  residuals  as  a function  of  time  and  models  the  observed 
temporal  distribution  of  the  tracking  data.  In  a third  step,  a module  TRACK-2  adds  random  noise 
to  the  “perfect”  artificial  tracking  data;  this  noise  corresponds  to  the  residual  distribution  model 
generated  previously  - which  is  conservatively  considered  to  be  part  of  the  observation  error  model. 
It  also  filters  the  tracking  data  according  to  the  temporal  distribution  model  and,  last  but  not  least, 
superimposes  an  a-priori  model  of  the  observation  errors.  This  model  is  meant  to  account  for  errors 
which  may  not  be  directly  observable  in  OD  residual  patterns,  but  can  be  assumed  from  a physical 
knowledge  of  the  observation  process,  like  unmodelled  ionospheric  refraction,  station  calibration  or 
spacecraft  delay  uncertainties.  This  model  takes  the  form 

= Vi  + vft  + V? sin  (ipt  - 7 if)  + [0(v»,-)J7i  + ©(-V’ibf]  sin <Pi  , = ipt  - rj-  (36) 

where  the  index  i runs  over  the  different  measurement  stations,  t is  the  observation  time,  ip  denotes 
the  Earth’s  angular  velocity,  0(x)  = 0 if  x < 0 and  ©(x)  = 1 if  x > 0 and  each  of  the  coefficients 
77^,  j = 1, . . . 7 is  a Gaussian  random  variable  characterized  by  its  mean  and  standard  deviation. 
These  parameters  remain  constant  over  each  realization  of  the  full  tracking  data  set,  and  different 
realizations  of  these  random  variables  are  obtained  by  repeating  a number  of  times  the  whole  artificial 
tracking  data  generation  process. 

Once  the  artificial  tracking  data  have  been  generated,  they  are  processed  using  both  the  LS  and 
EKF  versions  of  the  ORBIT  program.  The  EKF  produces  a new  estimation  after  each  tracking  data 
while,  for  the  LS,  the  estimation  is  repeated  over  increasing  slices  of  the  data  and  the  estimated  orbit 
is  propagated  up  to  the  end  of  the  data  slice.  The  estimated  position  and  velocity  vectors  at  the 
successive  times  are  then  compared  to  the  true  reference  trajectory  by  using  the  interpolation  table 
generated  in  the  first  step,  and  the  resulting  errors  are  stored  for  subsequent  statistical  analysis. 
The  whole  process  is  then  repeated  until  enough  data  have  been  accumulated  to  yield  statistically 
significant  results. 
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The  statistical  analysis  proceeds  by  propagating,  for  each  estimate,  the  difference  between  the 
true  and  estimated  spacecraft  positions  over  one  orbital  period  and  extracting  the  minimum  and 
maximum  position  discrepancies  along  each  of  the  three  axes  of  the  spacecraft  local  frame.  Minimum 
and  maximum  values  contribute  together  to  the  position  error  statistics  along  each  axis.  Population 
parameters  are  then  computed  aiong  with  an  associated  confidence  interval  estimate.  The  number 
of  samples  needed  to  obtain  the  confidence  interval  corresponding  to  a fixed  confidence  level  can 
then  be  computed,  directing  the  system  whether  or  not  to  proceed  with  further  simulations.  The 
Kolomogorov-Smirnov  test  is  finally  applied  to  test  the  normality  of  the  populations. 


SIMULATION  RESULTS  AND  DISCUSSION 

For  single-station  tracking,  simulations  were  performed  for  a station  located  in  Betzdorf  (Lux- 
embourg), using  spread-spectrum  ranging  and  an  accurate  tracking  antenna  providing  azimuth  and 
elevation  data  with  an  accuracy  better  than  0°.01.  For  trilateration,  simulations  were  performed 
assuming  a master  station  located  in  Betzdorf  and  three  slave  stations,  ranging  successively  each  of 
the  7 ASTRA  satellites  for  about  10  minutes. 

In  both  cases  a real  data  span  of  2 days  without  maneuver  was  used  as  input  for  residuals  anal- 
ysis. The  resulting  a-posteriori  measurement  error  statistics  was  combined  with  an  a-priori  error 
model  characterized  by  the  parameters  of  Table  1 in  order  to  generate  the  artificial  data.  Coefficient 
rj\  was  assumed  to  represent  station  calibration  and  position  errors;  T]~  was  used  to  represent  equip- 
ment drifts,  t)f  and  rjf  represent  daily  variations  of  satellite  transponder  delays  and  possibly  solid 
Earth  tides  and  r/f , rjf  and  TjJ  are  dedicated  to  the  modelling  of  day  and  night  components  of  the 
ionospheric  refraction.  Other  sources  of  error,  like  inaccuracies  in  the  modelling  of  the  tropospheric 
refraction,  may  also  be  considered  to  be  included  in  these  coefficients. 


Table  1:  Error  model  parameters  used  in  simulations.  The  factor  ps  in  the  range  error  coefficients 
rjf , rjf  is  defined  as  p,-  = sin-1  e:-  where  c,  is  the  spacecraft  elevation  at  the  i-th  station 


Model 

range 

azimuth 

elevation 

parameter 

mean 

rms 

mean 

rms 

mean 

rms 

Vi 

0.00  m 

2.00  m 

o 

o 

o 

4”. 00 

o 

o 

o 

05 

o 

o 

O 

Vi 

0.00  m/day 

0.10  m/day 

0”  .00  /day 

3”  .00  /day 

0”.00  /day 

5”  .00  /day 

vf 

0.00  m 

0.20  m 

o 

o 

o 

4”  .00 

0!,.00 

5”  .00 

Vi 

1.57  rad 

1.00  rad 

1.57  rad 

1.00  rad 

1.57  rad 

1.00  rad 

vf 

Pi  x 0.53  m 

pi  x 0.37  m 

O 

o 

o 

O 

o 

o 

O 

O 

o 

o 

o 

o 

Vi 

Pi  x 0.05  m 

pi  x 0.04  m 

0”  .00 

0”.00 

o 

o 

o 

o 

o 

o 

Vi 

1.57  rad 

0.26  rad 

0.00  rad 

0.00  rad 

0.00  rad 

0.00  rad 

In  addition  to  the  measurement  error  model,  simulations  discussed  in  this  paper  take  into 
account  an  imperfect  modelling  of  the  trajectory  in  the  estimation  softwares.  To  this  end,  the 
reference  trajectory  was  generated  by  using  a modified  version  of  the  ORBIT  propagator,  which 
models  the  solar  radiation  force  applied  on  the  reflectors  of  the  satellite.  By  contrast,  this  dynamical 
effect  is  not  modelled  by  the  estimators,  which  only  have  the  capability  to  estimate  inertially  fixed 
components  of  the  solar  pressure.  Orbit  estimations  were  started  with  an  initial  guess  error  consistent 
with  typical  estimation  accuracies  shown  below,  namely  in  the  order  of  1000  m for  the  position  and 
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10  mm/s  in  velocity  in  each  direction  for  single-station  tracking  and  100  m and  1 mm/s  respectively 
for  trilateration.  The  initial  covariance  matrix  was  input  to  be  (10  km)2  for  the  position  and  (1 
m/s)2  for  the  velocity  vector  components.  For  single-station  tracking  a Kalman  filter  input  noise 
covariance  of  ( 10—  ‘ m s-2)2  was  applied  to  each  component  of  the  velocity  vector;  for  trilateration 
this  value  was  reduced  to  (10-9  m s-2)2.  These  values  were  optimized  based  on  simulation  results 
so  as  to  avoid  divergence  of  the  filter  while  maximising  the  estimation  accuracy. 

Simulation  results  were  statistically  analysed  as  described  in  the  previous  chapter.  As  a first 
example,  Table  2 shows  the  mean  and  standard  deviations  of  the  LS  and  EKF  estimation  errors  along 
the  three  directions,  for  2 days  of  single-  and  multi-station  tracking.  The  LS  appears  to  yield  better 
estimates  for  single-station  tracking  while  both  estimators  provide  similar  results  for  trilateration. 
Trilateration  is  also  seen  to  provide  an  improvement  of  more  than  an  order  of  magnitude  in  accuracy. 


Table  2:  Accuracy  of  the  LS  and  EKF  for  single-  and  multi-station  tracking  (100  realizations  . 


tracking  system/ 
method 

mea 

radial 

n position  di 
tangential 

f.  [m] 
normal 

rms 

radial 

position  difl 
tangential 

• [m] 
normal 

single-station  / LS 

0.60 

-31.69 

0.06 

131.33 

298.99 

1036.59 

single-station  / EKF 

1.57 

-73.70 

0.04 

194.23 

754.40 

1526.83 

multi-station  / LS 

0.57 

-5.67 

-0.82 

3.98 

85.32 

21.74 

multi-station  / EKF 

0.39 

-2.78 

-1.70 

4.55 

73.99 

30.33 

More  detailed  analysis  results  will  now  be  presented  for  the  case  of  trilateration.  Figure  3 shows 
the  evolution  of  the  normal  component  of  the  position  estimation  error  for  the  LS  and  EKF,  sampled 
over  successive  tracking  intervals  of  3,  6,  9,  12,  18,  24,  36  and  48  hours.  The  figure  shows  the  mean 
error  and  its  associated  confidence  interval  computed  from  Student’s  distribution,  corresponding  to  a 
confidence  level  of  99.9%,  along  with  the  3cr  error  band.  Note  that  as  in  most  cases  the  Kolmogorov- 
Smirnov  test  did  not  allow  to  conclude  to  the  normality  of  the  populations,  corresponding  statistics 
and  confidence  intervals  for  the  standard  deviation  are  difficult  to  obtain.  No  significant  estimation 
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Fig.  3. — Evolution  of  the  normal  component  of  the  position  estimation  error  (in  m)  for  the  LS  and  EKF 
as  a function  of  the  tracking  interval  (in  hours).  Solid  line:  mean  position  error;  dotted  lines:  associated 
confidence  interval  at  0.1%,  dash-dotted  lines:  3 -a  error  band.  Statistics  are  over  100  realizations. 

bias  can  be  detected;  the  behaviour  of  both  estimator  looks  rather  similar,  although  it  may  be 
observed  that  the  3 -a  error  band  of  the  LS  reduces  slightly  faster  than  that  of  the  EKF. 
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In  order  to  further  compare  the  two  estimators,  we  introduced  the  concept  of  a worst-case  error 
estimate  defined  as  the  sum  of  the  absolute  values  of  the  error  mean,  half-width  of  the  associated 
confidence  interval  and  3 times  the  observed  standard  deviation  of  the  estimates.  Figures  4 shows 
the  evolution  of  this  worst  case  error  for  both  estimators  and  all  three  components  of  the  position. 


Fig.  4. — Evolution  of  the  worst  case  estimation  errors  along  the  radial,  tangential  and  normal  directions 
(in  m)  as  a function  of  the  tracking  interval  (in  hours).  Solid  line:  EKF;  dashed  line:  LS.  Statistics  are  over 
100  realizations. 

Both  estimators  are  seen  to  be  almost  equivalent  for  the  estimation  of  the  tangential  component. 
There  seems  to  be  a slight  advantage  to  the  LS  in  terms  of  the  two  other  components;  the  difference 
is  however  not  large  enough  to  draw  any  definitive  conclusion. 

Note  that  in  addition  to  the  simulations  presented  above,  a significant  number  of  other  sim- 
ulation cases  were  analysed,  for  different  values  of  the  initial  guess  error,  of  the  Kalman  filter’s 
input  spectral  density  matrix,  of  the  error  model  parameters  and  different  combinations  of  tracking 
stations.  In  general,  however,  the  results  confirm  the  above  conclusion  that  none  of  the  methods 
seems  to  exhibit  a significant  advantage  over  the  other  one. 


OPERATIONAL  IMPLEMENTATION  OF  THE  ALGORITHMS 

Kalman  Filters  are  often  considered  operationally  superior  to  Batch  LS  algorithms  due  to  their 
capability  to  provide  a real-time  update  of  the  estimate  triggered  by  the  arrival  of  new  measurements. 
However,  for  geostationary  satellites,  the  time  elapsed  between  consecutive  measurements  is  typically 
a very  small  fraction  of  the  orbital  period  and  there  is  practically  no  advantage  in  getting  an  update 
at  each  measurement.  On  the  other  hand  the  performances  of  modern  computers  make  the  frequent 
processing  of  a large  batch  of  data  quite  feasible.  For  example  a typical  Orbit  Determination  using 
the  LS  version  of  the  ORBIT  software  and  4 days  of  trilateration  data  takes  in  the  order  of  10 
seconds  on  a DEC/AXP  233MHz  workstation.  Based  on  these  considerations,  SES  undertook  some 
years  ago  the  development  of  a quasi  real-time  orbit  determination  application  (QRTOD)  based  on 
the  ORBIT  program.  This  application  acts  as  a scheduler  for  ORBIT,  which  processes  tracking  data 
arcs  over  a moving  time  window.  The  previous  estimate  is  usually  taken  as  the  new  initial  guess 
which  guarantees  convergence  of  the  LS  in  only  a few  iterations.  The  overall  architecture  of  this 
system  is  depicted  in  Figure  5.  It  is  written  in  Ada,  and  reuses  functions  of  the  ORBIT  application 
library  for  orbit  propagation,  database  access  and  time  format  conversions.  It  contains  10  packages 
and  some  3100  lines  of  code. 
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Fig.  5. — Data  flow  diagram  of  the  QRTOD  software. 


The  system  operates  in  4 modes:  an  initialisation  mode  with  typically  minimal  number  of  solve- 
for  parameters  and  modest  accuracy  requirements,  a calibration  mode  used  to  calibrate  biases  over 
long  coast  arcs  and  E/W  and  N/S  maneuver  assessment  modes.  The  system  is  fully  integrated 
with  the  best  knowledge  orbit  and  maneuver  database  system  of  the  GeoControl  environment2.  It 
automatically  detects  the  occurrence  of  maneuvers  and  decides  to  solve  for  maneuver  parameters  as 
required.  Its  internal  logic  allows  the  determination  of  optimum  tracking  arcs  based  on  criteria  like 
maximum  arc  length  and  minimum  data  span  before  and  after  any  maneuver,  for  each  operating 
mode.  Once  the  optimum  tracking  arc  has  been  determined,  the  system  propagates  its  latest  state 
vector  estimate  to  the  beginning  of  the  arc  and  retrieves  all  relevant  tracking  information  from  the 
tracking  data  server.  Based  on  the  particular  circumstances,  e.g.  if  it  detects  a long  enough  coast 
arc,  it  automatically  decides  to  calibrate  antenna  angular  biases.  It  has  embedded  self-correction 
algorithms  which  analyse  the  quality  of  the  last  orbit  determination  and  takes  appropriate  measures 
to  cure  problems  by  e.g.  modifying  its  set  of  solve-for  parameters. 

The  system  offers  maximum  flexibility  as  the  user  can  fully  configure  the  parameters  like  (1)  the 
tracking  data  sources  and  types,  (2)  the  corresponding  default  bias  and  standard  deviation  values,  (3) 
the  OD  frequency,  (4)  the  nominal  tracking  arc  length,  (5)  the  nominal  duration  of  stay  in  maneuver 
assessment  mode,  (6)  the  maximum  number  of  LS  iterations,  (7)  culling  limits,  (8)  dynamical  model 
parameters,  (9)  the  nominal  list  of  solve-for  parameters  and  (10)  a list  of  thresholds  on  parameters 
like  mean  and  standard  deviation  of  residuals  for  each  measurement  type  or  state  vector  convergence 
parameters  as  used  for  quality  estimation.  Most  of  these  parameters  can  be  specified  separately  for 
each  operating  mode. 

Once  all  Orbit  Determination  parameters  have  been  established  the  QRTOD  spawns  the  ex- 
ecution of  the  ORBIT  program  and  retrieves  its  results  upon  completion  of  the  task.  Based  on 
the  quality  estimation  the  system  then  decides  whether  or  not  to  (1)  update  the  external  database, 
(2)  update  its  internal  state  vector  estimate,  (3)  update  internal  maneuver  estimates,  (4)  update 
internal  bias  estimates,  (5)  retrieve  new  estimates  from  the  external  database,  (6)  reload  default 
parameters,  (7)  return  to  robust  initialization  mode. 

The  system  maintains  its  own  best  knowledge  database  by  merging  at  all  times  in  a consistent 
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way  its  most  up-to-date  estimation  information  with  the  most  up-to-date  planning  information 
available  in  the  standard  GeoControl  database2.  It  involves  several  display  functions  which  allow  to 
either  monitor  the  correct  behavior  of  the  system  or  get  a summary  status  of  the  latest  orbit  and 
maneuvers  estimation  for  the  entire  fleet,  by  comparing  assessment  to  prediction  information. 

The  EKF  code  currently  in  use  at  SES  does  not  have  the  same  level  of  sophistication  as  the 
QRTOD  system,  as  it  is  essentially  being  used  for  evaluation  purposes.  Note  that  a limitation  of 
our  current  EKF  implementation  is  its  capability  to  evaluate  a single  maneuver  at  a time;  once  a 
new  maneuver  takes  place  the  filter’s  covariance  matrix  needs  to  be  updated,  which  can  be  done 
in  practice  by  stopping  the  filter  once  the  estimation  of  the  previous  maneuver  has  converged  and 
restarting  it  with  the  new  maneuver  prediction.  Furthermore  our  EKF  does  not  have  the  capability 
to  estimate  measurement  biases.  Finally  our  EKF  implementation  does  not  include  the  type  of  self- 
correcting  algorithms  embedded  in  the  QRTOD.  It  may  be  envisaged,  in  the  future,  to  implement 
such  actions  as  modifying  the  filter’s  input  spectral  density  matrix  based  on  a monitoring  of  the 
residuals  behaviour.  However  the  implementation  of  the  EKF  is  intrinsically  simpler  software-wise 
than  that  of  the  QRTOD,  as  neither  the  specific  tracking  arc  selection  logic  nor  the  upper  software 
layers  contained  in  the  QRTOD  implementation  for  the  sake  of  events  scheduling  and  monitoring  is 
required.  Instead,  a simple  infinite  loop  waits  for  new  measurements  and  processes  them. 


OPERATIONAL  EXPERIENCE 

From  an  operational  point  of  view,  the  single-station  tracking  system  consists  in  a set  of  ranging 
units  and  a single  antenna  tracking  successively  the  different  satellites;  trilateration  consists  in  4 
stations  ranging  successively  each  satellite  for  about  10  minutes  and  sending  the  tracking  data,  along 
with  local  meteorological  data  used  for  tropospheric  refraction  correction,  via  a satellite  transponder 
back  to  the  master  station  in  Betzdorf.  Figure  6 shows  typical  range  residuals,  corresponding  to  a LS 
orbit  determination  performed  using  4 stations  over  a period  of  8 days;  the  initial  state  vector,  2 in- 
plane components  of  the  solar  radiation  force  and  a satellite  transponder  delay  were  estimated.  The 
assumption  of  white  Gaussian  measurement  noise  as  the  dominant  error  source  cannot  be  confirmed, 
as  systematic  errors  with  characteristic  periods  of  fractions  of  one  day  can  be  observed.  However 
the  residuals  amplitude  over  this  period  (about  1 m)  is  remarkable,  demonstrating  the  accuracy  of 
the  measurement  device  as  well  as  of  the  ORBIT  propagation  and  observation  models. 


Fig.  6. — Example  of  LS  range  residuals  from  a trilateration  slave  station. 


A way  to  practically  assess  the  OD  accuracy  is  to  perform  an  estimation,  propagate  the  estimate 
at  a future  time  and  subsequently  verify  this  prediction.  The  following  procedure  was  applied: 
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1.  perform  an  orbit  determination  for  a first  3-day  track'ing  interval  [fa,,  *<«•>] 

2.  predict  the  state  vector  ya(t)  at  the  future  epoch  t — <0,  + 5 days. 

3.  perform  an  orbit  determination  for  a second  3-day  tracking  interval  [<6,,t{>2]  centered  around 
t and  determine  the  state  vector  y b(t)  at  epoch  t. 

4.  propagate  the  relative  state  vector  yt(f)  — y a(t)  over  one  orbital  period  and  compute  the 
maximum  difference  along  each  component  in  the  spacecraft  local  reference  frame. 


Table  3:  Accuracy  of  orbit  prediction  (see  explanation  in  the  text)  resulting  from  an  average  over  7 
satellites.  The  EKF  input  noise  variance  was  taken  to  be  (3  x 1Q~8  m s~2)2. 


tracking  system/ 
method 

max 

radial 

. position  di 
tangential 

f.  [m] 
normal 

max. 

radial 

velocity  diff. 
tangential 

[mm/s] 

normal 

single-station  / LS 

84 

428 

620 

5.9 

12.1 

45.2 

multi-station  / LS 

5.0 

87.0 

6.0 

0.24 

0.67 

0.44 

multi-station  / EKF 

5.1 

71.3 

5.8 

0.24 

0.68 

0.42 

Table  3 summarizes  the  differences  so  obtained;  the  multi-station  tracking  system  is  seen  to  be 
almost  two  orders  of  magnitude  more  accurate  that  the  single-station  system  for  the  estimation  of 
the  normal  component  and  one  order  of  magnitude  more  accurate  for  the  two  in-plane  components. 
Results  are  seen  to  be  almost  similar  for  the  LS  and  EKF  estimators,  and  confirm  the  simulation 
results  presented  above. 

Beside  an  accurate  estimation  of  the  satellite  position  and  velocity  vectors,  it  is  operationally 
important  to  be  able  to  accurately  assess  maneuver  performances.  For  instance,  accurate  estimation 


Fig.  7. — Convergence  of  Astra  N/S  maneuver  estimations  using  single-  and  multi-station  tracking. 
Shown  are  the  estimated  normal  velocity  increment  and  the  associated  3 a confidence  interval. 
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of  maneuver  parameters  is  required  to  properly  calibrate  thrusters,  assess  the  seasonal  variations 
of  thruster  performances  or  monitor  the  health  of  the  propulsion  subsystem.  Another  important 
aspect  of  the  problem  is  the  amount  and  the  time-span  of  post-maneuver  tracking  data  required  to 
be  able  to  assess  a maneuver  with  a given  accuracy  level.  Indeed,  the  faster  the  maneuver  can  be 
assessed,  the  safer  the  satellites  can  be  co-located,  since  one  can  react  faster  to  misperformances  or 
anomalies.  While  from  this  point  of  view  single-station  tracking  is  satisfactory  for  E/W-maneuvers, 
N/S  maneuvers  are  difficult  to  assess  in  a reasonably  short  period  after  the  maneuver  as  typically 
24  to  48  hours  of  data  are  required.  Here  again,  multi-station  tracking  substantially  improves  the 
situation.  This  can  be  seen  in  Figure  7,  which  shows  the  typical  evolution  of  QRTOD  maneuver 
estimates  as  a function  of  time,  for  the  two  tracking  systems.  It  can  be  observed  that  three  hours 
of  post  maneuver  tracking  using  the  trilateration  system  yield  more  accurate  results  than  two  days 
of  single  station  tracking. 


CONCLUSIONS 

We  have  described  the  actual  implementation  of  LS  and  EKF  estimators  at  SES;  we  have  em- 
phasized how  both  implementations  were  derived  from  a common  basis  and  how  differences  were 
limited,  software-wise,  to  only  a few  specific  estimation. modules.  We  have  described  the  dedicated 
simulation  software  developed  to  compare  our  implementations  of  both  estimators,  and  concluded 
that  in  the  context  of  SES’s  trilateration  tracking  system  our  LS  and  EKF  estimators  were  essentially 
equivalent  in  terms  of  accuracy.  We  have  also  compared  our  implementations  of  the  two  methods 
from  an  operational  point  of  view,  showing  that  the  specific  QRTOD  software  built  by  SES  around 
the  LS  software  could  provide  a flexibility  equal  or  superior  to  that  of  our  current  EKF  implemen- 
tation. We  have  also  presented  actual  operational  experience,  which  confirms  the  conclusions  of  our 
simulations  and  demonstrates  the  significant  enhancement  of  orbit  determination  accuracy,  brought 
by  the  trilateration  system.  We  showed  in  particular  that  this  system  allowed  to  greatly  improve 
the  monitoring  of  the  station-keeping  maneuver  performances  as  well  as  their  calibration. 
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SOHO  AND  WIND  ORBIT  DETERMINATION  USING  A 
SEQUENTIAL  FILTER 

Richard  Hujsak1,  Ned  Stein2,  William  Chuba,  Todd  Rose 
Logicon3  Geodynamics,  Exton,  PA.  & Sunnyvale,  CA. 

SOHO  and  WIND  are  solar  observing  satellites  which  can  be  characterized  as 
deep  space  orbits  which  remain  in  the  vicinity  of  the  Earth.  They  are  tracked  via 
NASA’s  Deep  Space  Network  and  operated  from  Goddard  Space  Flight  Center. 

The  orbits  for  SOHO  and  WIND  are  operationally  determined  by  the  Goddard 
Trajectory  Determination  System  (GTDS)  using  batch  least  squares.  For  this 
analysis  the  orbits  are  determined  with  a sequential  filter,  a modified  version  of 
RTOD®,  and  the  ephemerides  are  compared  to  GTDS-derived  products.  The 
SOHO  case  was  uneventful  and  provided  the  basis  for  verifying  the  new  DSN 
measurement  models  in  RTOD®.  The  test  case  for  WIND  contained  three 
maneuvers,  a perigee  passage,  an  outgoing  lunar  fly-by,  and  a leap  second.  The 
filter  successfully  processed  through  all  events,  including  maneuvers,  without 
manual  intervention,  and  generated  a single  continuous  ephemeris  file,  while 
GTDS  was  run  in  five  batches  to  work  around  maneuver  events.  Differences 
between  the  filter  ephemeris  and  the  five  GTDS  ephemerides  were  generally 
smaller  than  the  abutment  error  between  successive  GTDS  ephemerides,  with  no 
appreciable  degradation  in  the  RTOD®  ephemeris  during  or  following  maneuver 
events.  These  results  demonstrate  that  a filter  is  a robust  alternative  to  least 
squares  for  this  class  of  orbits.  These  results  also  demonstrate  a level  of 
automation  in  the  presence  of  maneuvers  which  is  generally  unachievable  with 
least  squares  methods,  implying  that  a filter  is  a strong  candidate  for  NASA’s 
effort  to  achieve  a “lights  out”  operational  capability. 

INTRODUCTION 

The  authors  have  spent  much  of  the  last  decade  demonstrating  that  orbit 
determination  using  a sequential  filter  is  a viable  alternative  to  orbit  determination  based 
on  least  squares  methods.  Filter-derived  ephemerides  have  proven  to  be  as  accurate  or 
more  accurate  than  those  generated  with  least  squares.  More  importantly  the  filter  has 
been  demonstrated  to  be  a fully  automated  process,  and  should  be  a viable  candidate  for 
fully  automated,  or  “lights  out”,  satellite  operations.  This  particular  analysis  addresses 
solar  observing  satellites  SOHO  and  WIND,  which  are  tracked  through  NASA’s  Deep 
Space  Network  (DSN).  This  is  the  first  attempt  by  the  authors  to  process  DSN  tracking 
data  and  the  first  attempt  to  determine  orbits  for  this  class  of  objects.  Our  objective  is  to 
once  again  demonstrate  the  accuracy  and  degree  of  autonomy  that  can  be  achieved  with 
filter-based  orbit  determination. 


'760  Constitution  Dr.  Suite  30,  Exton,  PA,  19341,(610)  458-3330,  dhujsak@logicon.com. 

2 1 150  N.  Fairoaks  Ave.,  Sunnyvale,  CA,  94089,  (408)  745-1310,  nstein@logicon.com. 

3 Logicon  is  a wholly  owned  subsidiary  of  Northrop  Grumman. 
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The  sequential  filter  used  for  this  analysis  is  an  engineering  variant  to  our 
proprietary  orbit  determination  product,  RTOD®,  which  was  originally  developed  in  1988 
through  a Small  Business  Innovative  Research  (SBIR)  project  funded  by  NASA  Goddard 
Space  Flight  Center  (GSFC).  At  that  time  GSFC  was  investigating  simultaneous 
sequential  orbit  determination  as  an  alternative  to  the  Goddard  Trajectory  Determination 
System  (GTDS)  when  applied  to  the  Tracking  and  Data  Relay  Satellite  System  (TDRSS) 
and  the  user  satellites  serviced  by  TDRSS.  GSFC  and  Computer  Sciences  Corporation 
(CSC)  tested ''2'3’4,5  an  early  version,  called  RTOD/E  over  a period  of  three  years.  In  the 
final  report6  they  say  “The  comparison  of  the  RTOD/E  estimates  for  EUVE,  ERBS, 
COBE,  Landsat-4,  and  TOPEX/Poseidon  with  external  results  shows  the  filter  capable  of 
quite  accurate  results,  and  can  certainly  meet  the  accuracy  requirements  for  daily 
operational  support  for  the  TDRSS  user  spacecraft  and  the  TDRSs”.  The  same  report 
does  note  a deficiency  in  RTOD/E  in  processing  through  TDRS  maneuvers.  These  reports 
do  not  indicate  the  degree  of  automation  that  a filter  brings  to  satellite  operations.  That  is 
unfortunate,  considering  that  NASA  now  seeks  to  automate  satellite  operations  on  a large 
scale,  with  a stated  objective  of  “lights-out”  operations. 

Since  that  time  RTOD®  has  matured  and  evolved  into  a true  real-time  process 
with  the  capability  to  process  tracking  data  from  multiple  systems.  RTOD®  has  been 
applied,  sometimes  as  an  engineering  variant,  to  TDRSS,  AFSCN,  SSN,  GPS,  and  SLR 
applications.  The  filter  now  processes  through  all  forms  of  TDRS  maneuvers 
automatically  (provided  that  a TDRS  Maneuver  Message  is  input  automatically).  In  an 
study  of  military  geosynchronous  satellites7,  the  filter  was  shown  to  provide  recovery-of- 
accuracy  with  a minimum  of  post-maneuver  tracking  data.  When  an  engineering  variant 
of  the  RTOD®  filter  was  mated  to  a matching  smoother  and  applied  to  SLR  data  for 
TOPEX,  with  the  TOPEX  yaw  profile  incorporated,  the  resultant  ephemeris  proved  to  be 
as  accurate  as  the  NASA  POE8 . 

For  the  SOHO  and  WIND  missions  accuracy  is  not  an  issue.  It  appears  that  GTDS 
fully  satisfies  all  of  the  operational  requirements  for  accuracy.  Our  analysis  shows 
RTOD®  and  GTDS  to  have  comparable  accuracy,  so  RTOD®  accuracy  is  not  an  issue  for 
these  missions.  NASA  has  requirements  other  than  accuracy,  and  now  seeks  to  fully 
automate  orbit  determination,  including  an  active  investigation  of  AI  methods  of 
controlling  and  monitoring  GTDS  processing  for  resident  missions.  Orbit  determination 
for  these  solar  observing  missions  can  be  automated  most  of  the  time,  but  events  such  as 
maneuvers  still  require  orbit  analyst  attention.  Maneuvers  also  pose  challenging  problems 
for  AI  rules.  Our  analysis  will  demonstrate  how  the  filter  can  process  through  a variety  of 
events  (maneuvers,  a lunar  swing-by,  perigee  passage  and  even  a leap  second)  without 
manual  intervention  and  without  an  AI  process  control.  It  is  in  this  automation  of  orbit 
determination  that  the  filter  appears  to  have  some  distinct  advantages  over  least  squares. 

This  analysis  was  performed  using  Logicon  IR&D  funding.  Release  of  tracking 
data  to  Logicon  was  authorized  by  Tom  Stengle,  NASA  GSFC. 
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DATA  DESCRIPTION 

Test  data  was  requested  from  NASA  GSFC  and,  upon  approval,  provided  by  CSC 
personnel.  This  data  consisted  of  initial  conditions,  force  modeling  parameters,  GTDS 
ephemerides,  tracking  data  for  key  segments  of  the  NASA  SOHO  and  WIND  missions, 
and  tracking  data  format  definitions.  The  GTDS  ephemerides  which  were  provided  were 
generated  by  CSC  personnel  in  an  off-line  activity  and  are  not  necessarily  the  same  as  the 
operational  ephemerides  over  the  same  time  period. 

Deep  Space  Network  (DSN)  has  a variety  of  formats,  providing  Doppler  in  the 
DT-2  format  and/or  in  the  Universal  Tracking  Data  Format  (UTDF)  and  range  in  the  DT- 
5 format.  Due  to  limited  resources  this  analysis  was  restricted  to  DT-5  range  data 
(however  GTDS  solutions  used  all  available  range  and  Doppler  data). 

SOHO  Data 

SOHO  mission  data  consists  of  initial  trajectory  and  force  model  parameters,  DT5 
range  data  from  days  196-239  (Jul.  15  to  Aug.  27),  and  a single  GTDS  ephemeris  for 
days  209-274  (Jul.  28  to  Oct.  1).  At  this  time  SOHO  was  orbiting  between  the  earth  and 
Sun  at  a distance  of  approximately  230  earth  radii  from  the  Earth.  There  were  no 
maneuver  events  in  this  data  set. 

The  SOHO  filter  used  all  of  the  DT-5  range  tracking  data,  while  the  GTDS  fit 
interval  was  shorter.  The  majority  of  the  data  was  collected  from  the  34-meter  STD 
antenna  at  Canberra  and  the  26-meter  antennas  at  Canberra  and  Madrid.  Some  addition, 
passes  were  collected  from  the  34-meter  STD  antenna  at  Madrid,  the  Goldstone  26-meter 
antenna,  and  the  34-meter  BWG  Goldstone  antenna. 

WIND  Data 

Data  for  the  WIND  mission  was  made  available  just  prior  to  completion  of  this 
study  and  was  included  without  special  tuning  of  the  filter.  This  consisted  of  DT5 
measurement  data  from  days  161-226  (Jun.  10  to  Aug.  14)  and  associated  GTDS 
ephemerides  spanning  days  161-263  (Jun.  1 to  Sept.  20.) 

The  key  events  in  this  test  case  are  summarized  in  Table  1,  below. 


Table  1 "WIND  ORBIT  AND  TRACKING  EVENTS" 


Event 

Date  (1997) 

Day-of-Year 

Start  Tracking  Data 

June  10 

161 

Perigee 

June  12 

163 

Perigee  Maneuver  P20 

June  12  03:25:16 

163 

Leap  Second 

June  30  24:00:00 

181 

Perigee 

July  4 

185 

Perigee  Maneuver  P21 

July  9 14:45:03 

190 

Perigee 

July  26 

207 

Outbound  Lunar  Swingby 

July  29 

210 

Correction  Maneuver 

Aug  12  15:00:40 

224 

End  of  Tracking  Data 

Aug  14 

226 
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The  WIND  satellite  maneuvered  at  one  perigee  (on  June  12)  and  after  the  next 
perigee  (on  July  4)  in  preparation  for  a double  lunar  swingby.  The  outgoing  lunar 
swingby  is  covered  by  the  tracking  data  span.  Each  perigee  occurs  at  roughly  ten  earth 
radii  and  the  outgoing  lunar  swingby  comes  within  seven  earth  radii  of  the  Moon 
(approximately). 

An  overview  of  the  WIND  data  processing  timeline  is  depicted  in  Figure  1, 
below.  The  perigee  passages  are  denoted  by  the  letter  “P”.  Vertical  bars  denote  the  start 
and  end  times  of  GTDS  ephemerides. 
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Figure  1 "WIND  Event  Timeline" 

DT-5  range  tracking  data  for  WIND  was  collected  primarily  from  two  DSN  sites, 
the  34-meter  STD  antenna  at  Madrid  and  the  34-meter  BWG  antenna  at  Goldstone. 

Other  passes  were  contributed  by  the  34-meter  STD  antenna  at  Canberra,  the  26-meter 
antenna  at  Canberra,  and  the  26-meter  antenna  at  Goldstone. 


SOFTWARE  MODIFICATIONS  AND  VERIFICATION 

The  baseline  RTOD®  was  modified  in  several  ways,  resulting  in  an  engineering 
variation  on  the  configuration-controlled  baseline.  These  modifications:  (a.)  changed  the 
entire  representation  for  state  and  covariance  from  equinoctial  orbital  elements  to  earth 
centered  inertial  position  and  velocity,  (b.)  replaced  the  Variation  of  Parameters  orbit 
integrator  with  a Cowell  Runge-Kutta  algorithm,  (c.)  modified  the  input  processor  to  read 
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the  DSN  DT-5  format  for  range  and  pass  the  ambiguous  range  and  the  ambiguity  interval 
to  the  filter  and  (d.)  modified  the  RTOD®  filter  range  measurement  model  to  resolve  the 
DT-5  range  ambiguity  and  generate  a complete  range  measurement.  Several  references 
were  useful  in  defining  these  changes910,1 1,12 . 

Software  validation  included:  (a.)  testing  Cowell  Runge-Kutta  versus  the  baseline 
RTOD®  Variation  of  Parameters  integrator  on  a LANDSAT  test  case  for  accuracy  and 
closure,  (b.)  testing  a variety  of  Runge-Kutta  algorithms  for  speed  and  accuracy,  (c.) 
comparing  force  models  between  GTDS  and  RTOD®,  (d.)  comparing  RTOD®  to  GTDS 
in  a straight  prediction  for  SOHO,  and  (e.)  evaluating  DT-5  range  residuals  for  modeling 
errors  (means  and  trends).  Some  of  these  verification  analyses  are  discussed  below. 

For  this  analysis,  the  filter  used  a Runge-Kutta  (8,12)  integrator  (eighth  order, 
twelve  force  model  evaluations),  using  a fixed  step  size  of  600  minutes  for  SOHO  and  60 
minutes  for  WIND.  (GTDS  ephemerides  were  generated  with  a 12th  order  variable  step 
predictor-corrector.) 

RTOD®  ephemeris  predictions  matched  the  GTDS  SOHO  predictions  to  within 
1 .5  meters  over  a 65  day  predict  span  for  SOHO,  with  slightly  different  solar  pressure 
coefficients. 

FORCE  MODEL  AND  COORDINATE  SYSTEMS 

The  force  model  parameters  are  enumerated  for  each  trajectory  in  Table  2. 

Table  2 “FORCE  MODEL  CONTROLS” 

SOHO  GTDS  RTOD 

Geopotential  JGM  2, 8X8  EGM-96, 8X8 

Solar  Radiation,  CR  1.41  1.393  (Filter)4 


SLP  Bodies 

WIND 
Geopotential 
Solar  Radiation,  CR 
SLP  Bodies 

Thrust 


Sun,  Moon,  Jupiter, 
Venus,  Saturn,  Mars 

GTDS 

JGM  2,  8X8 

1.67-  1.70 

Sun,  Moon,  Jupiter, 
Venus,  Saturn,  Mars 

acceleration  profile 


Sun,  Moon,  Jupiter, 
Venus,  Saturn,  Mars 

RTOD 

EGM-96,  8X8 

1.69  (Filter) 

Sun,  Moon,  Jupiter, 
Venus,  Saturn,  Mars 

constant  acceleration 


4 CR  values  used  for  RTOD/GTDS  prediction  comparisons  were  tuned  to  get  the  best  agreement.  The  initial 
values  for  the  final  RTOD  filter  runs  were  not  tuned  and  are  indicated  by  the  appellation,  (Filter). 
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There  are  differences  between  RTOD®  and  GTDS  models,  the  most  significant 
being  the  solar  pressure  and  maneuver  models.  RTOD®  uses  a sphere  for  a solar  pressure 
model,  as  does  GTDS,  however  some  of  the  fundamental  constants  may  be  different, 
since  it  was  necessary  to  fractionally  increase  the  RTOD®  value  for  CR  to  obtain  a good 
predictive  match  with  GTDS,  yielding  the  values  quoted  in  Table  2.  NASA  provided 
thrust  accelerations  in  tabulated  form  as  is  used  in  GTDS.  RTOD®  does  not  presently 
utilize  tabulated  thrust  acceleration  profiles,  so  a constant  acceleration  was  used,  defined 
as  the  time-average  of  the  tabulated  values. 

CALIBRATING  THE  FILTER 
Range  Bias  Calibration 

The  biggest  concern  in  calibration  of  the  range  biases  is  the  effects  of  the  bias 
solutions  on  satellite  position  in  intrack  and  crosstrack  directions.  For  both  SOHO  and 
WIND  trajectories,  small  changes  in  range  bias  can  significantly  affect  both  crosstrack 
and  intrack  position  estimates.  A change  in  a range  bias  on  the  order  of  5 meters  can 
change  the  SOHO  orbit  in  the  cross  track  direction  by  more  than  2 kilometers. 

Range  bias  calibration  was  complicated  by  a tendency  for  DSN  tracking  passes  to 
have  significant  errors  in  reported  range  over  the  first  few  and  last  few  minutes  of  each 
track.  After  confirming  this  behavior  with  CSC  we  simply  omitted  the  “tails”  in  each 
tracking  pass,  both  in  calibration  and  in  performance  analyses. 

The  filter  includes  range  biases  as  time-varying  solve-for  parameters  for  each 
station.  A constant  bias  for  each  DSN  antenna  was  determined  using  SOHO  and 
removed.  The  remaining  “bias”  is  treated  as  time-varying  with  a slow  variation  on  the 
order  of  a few  hours.  Table  3 tabulates  the  fixed  biases  and  the  time- varying  bias 
characteristics  assigned  to  the  filter. 

Table  3 "FILTER  SOLVED-FOR  RANGE  BIASES" 


ANTENNA 

BIAS 

(meters) 

GAUSS-MARKOV 

SIGMA 

(meters) 

GAUSS-MARKOV 
HALF  LIFE 
(hours)5 

DSS  16 

0 

5 

3 

DSS24 

0 

5 

3 

DSS  46 

-4 

5 

3 

DSS  42 

-3 

5 

3 

DSS  66 

0 

5 

3 

DSS  61 

0 

5 

3 

Range  noise  statistics  were  set  in  two  ways.  Initially  we  applied  a fixed  noise  of 
0.5  meters,  but  the  analyses  presented  here  apply  range  noise  statistics  calculated  on  a 


5 Initial  biases  determined  using  30  day  half  life. 
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measurement-by-measurement  basis  from  the  signal-to-noise  statistics  in  the  DT-5 
message.  The  assignment  of  a time-varying  range  bias  with  amplitude  of  5 meters  is 
somewhat  ad  hoc.  Calibration  over  a longer  span  would  be  required  to  provide  significant 
gains. 

The  bias  calibration  exercise  was  performed  with  SOHO  data,  but  it  was  later 
verified  by  processing  SOHO  and  WIND  in  a simultaneous  filter,  solving  for  a common 
bias.  The  simultaneous  solution  found  the  biases  to  be  independent  of  the  mission  over 
this  data  set.  This  is  in  contrast  to  information13  indicating  a 100  +/-  30  meter  bias  on  the 
Goldstone  34-meter  antenna  (DSS-24)  reported  by  the  operational  software  supporting 
the  WIND  mission  over  this  interval. 

Solar  Pressure  Process  Noise 

The  solar  pressure  solve-for  is  an  additive  correction  to  CR,  and  is  treated  as  a 
Gauss-Markov  process  with  exponentially  correlated  process  noise.  For  SOHO  this  state 
was  given  an  r.m.s.  value  of  0.01  and  a half-life  of  20  days.  For  WIND  the  r.m.s.  was 
0.10  and  the  half-life  was  assigned  at  one-half  day. 

Thrusting  Process  Noise 

The  accuracy  of  the  thrust  acceleration  profile  was  unknown,  as  was  the  accuracy 
of  ignition  time  and  bum  duration,  however  we  treated  these  as  well-calibrated  quantities, 
and  assigned  thrust  magnitude  sigmas  as  2%  of  thrust  and  an  ignition  time  uncertainty  of 
1 second  (we  were  using  telemetry  values  for  ignition  and  duration). 

FILTER  PERFORMANCE  - SOHO 

Figure  4 provides  the  differences  between  RTOD®  and  GTDS  ephemerides  over 
the  RTOD®  fit  interval.  The  differences  are  presented  in  satellite-centered  rotating 
coordinates,  with  radial  (R)  and  crosstrack  (C)  directions  properly  named  and  with 
intrack  (I)  positive  in  the  direction  of  motion  but  constrained  to  complete  the  orthonormal 
basis.  The  differences  fall  well  within  the  operational  requirements  to  support  SOHO. 
Nevertheless  we  are  tempted  to  closely  examine  the  differences.  Recall  that  there  is  just 
one  GTDS  ephemeris,  the  result  of  a fit  to  a set  of  tracking  data,  followed  by  a prediction. 
The  filter  solution,  on  the  other  hand,  is  a continually  changing  ephemeris,  predicting 
between  tracking  passes  and  correcting  during  tracking.  In  addition  the  filter  processes 
tracking  data  throughout  the  entire  interval  (RTOD®  prediction  testing  is  discussed 
above). 
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Day  of  Year  1997 

Figure  2"SOHO:  RTOD®  versus  GTDS" 

The  most  noticeable  feature  of  Figure  2 is  the  persistent  trend  in  crosstrack  and 
intrack  differences.  It  would  have  been  useful  to  have  a second,  abutting  GTDS 
ephemeris  to  help  determine  whether  this  trend  is  due  to  GTDS  or  due  to  RTOD®.  The 
trend  is  similar  to  one  we  will  see  later  in  the  WIND  results  where  it  is  clear  that  it  is  an 
artifact  of  the  least  squares  fit.  The  intrack  and  crosstrack  ephemeris  differences  between 
the  RTOD®  and  GTDS  solutions  are  consistent  with  a 5 meter  uncertainty  in  range  biases. 
The  saw-toothed  pattern  is  due  to  the  filter  continuously  correcting  the  orbit  plane, 
reflective  of  the  uncertainty  in  the  plane  for  SOHO  at  these  very  long  tracking  ranges. 

Radial  differences  agree  very  nicely  over  the  GTDS  fit  span  and  it  is  quite  likely 
that  the  increase  in  radial  differences  over  the  prediction  in  Figure  2 is  due  to  GTDS. 

SOHO  Covariance 

Figure  3 presents  the  two-sigma  values  as  generated  by  the  filter  while  processing 
SOHO  data.  The  saw-toothed  pattern  is  typical  of  a filter,  with  the  covariance  increasing 
during  predictions  and  collapsing  when  tracking  data  is  processed.  If  the  filter  is  properly 
tuned  and  is  complete  in  its  statistical  representation  of  significant  error  sources,  then  the 
covariance  should  be  a realistic  representation  of  the  orbit  errors.  If  we  compare  these 
covariance  bounds  to  the  RTOD®  versus  GTDS  differences  (Figure  2)  and  focus  on  the 
GTDS  fit  interval,  we  see  that  the  differences  fall  within  the  covariance  bounds.  This 
comparison  serves  two  purposes,  it  gives  confidence  that  the  differences  between  RTOD® 
and  GTDS  fail  within  the  uncertainty  in  either  process,  and,  conversely,  provides  some 
confidence  that  the  covariance  is  a reasonable  measure  of  the  performance  of  the  filter. 


824 


The  latter  conclusion  is  important  in  that  it  provides  a measure  of  performance  which  can 
be  monitored  automatically,  which  is  critical  in  a “lights-out”  operational  concept. 

Notice  that  the  covariance  values  do  bound  the  differences  between  RTOD®  and 
GTDS,  except  for  the  crosstrack  difference  during  the  GTDS  prediction.  If  the  covariance 
is  realistic  then  we  might  conclude  that  the  crosstrack  tail  in  Figure  2 is  due  to  the  GTDS 
fit.  Again  it  would  be  useful  to  have  a second  contiguous  GTDS  ephemeris. 


Figure  3 " RTOD®  Radial  Intrack  / Crosstrack  Covariance  for  SOHO" 


FILTER  PERFORMANCE  - WIND 

Figure  4 provides  a comparison  of  the  RTOD®  trajectory  solution  to  for  GTDS 
ephemerides  for  the  WIND  mission.  Radial  and  crosstrack  differences  are  both 
represented  by  thin  lines,  but  the  radial  error  is  almost  always  close  to  zero,  so  these  lines 
are  easily  distinguished.  The  intrack  difference  is  the  thicker  line.  All  of  the  differences 
presented  on  this  graph  are  well  within  the  operating  requirements  for  WIND,  and  in  this 
case  the  filter  provides  an  independent  check  of  GTDS  performance. 

At  the  beginning  of  Figure  4 the  large  radial  and  intrack  differences  are  probably 
due  to  the  fact  that  the  filter  had  not  converged  two  days  after  initialization  when  a 
perigee  maneuver  occurred.  (The  abutment  error  between  GTDS  ephemeris  #1  and  #2 
was  less  than  1 km.)  At  the  second  maneuver  (day  190)  the  radial  and  intrack  differences 
are  well-behaved,  which  is  expected  for  a converged  filter. 

The  crosstrack  differences  show  several  kilometers  of  abutment  error  in 
successive  GTDS  ephemerides,  first  at  the  perigee  maneuver  time  (day  190)  and  then 
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later  at  lunar  swingby  (day  210).  These  step  functions  were  investigated  to  ensure  that  the 
step  functions  graphed  were  actually  due  to  GTDS  abutment  errors  and  not  due  to  some 
discontinuity  in  the  filter.  The  magnitude  of  the  step  function  in  crosstrack  was  confirmed 
to  be  the  magnitude  of  the  abutment  error. 


Figure  4 "WIND:  RTOD®  versus  GTDS” 

Smaller  scale  features  in  Figure  4 are  also  worth  noting.  There  is  a bizarre  “blip” 
in  the  graph  following  the  leap  second  on  day  181,  which  is  probably  due  to  an 
inconsistency  in  leap  second  processing.  Since  both  processes  fit  tracking  data  across  the 
leap  second,  it  is  difficult  to  determine  where  the  error  lies.  It  is  possible  that  the  filter 
introduces  an  error,  however  the  peculiar  behavior  “magically”  disappears  at  the 
abutment  with  GTDS  ephemeris  #3 a. 

Note  too  the  sinusoidal  behavior  of  crosstrack  differences  over  GTDS  ephemeris 
#3a.  This  behavior  is  a typical  least  squares  response  when  the  plane  and  intrack  errors 
are  poorly  separated.  While  there  is  no  proof  that  this  particular  sinusoid  is  due  to  the 
GTDS  fit  it  is  a reasonable  hypothesis  considering  that  the  intrack  difference  also  appears 
to  be  biased  over  this  time  period. 

Finally  the  crosstrack  difference  over  the  last  GTDS  ephemeris  span,  after  lunar 
swingby,  has  a pronounced  slope.  This  too  is  a typical  characteristic  of  a least  squares  fit 
when  there  are  force  model  errors.  Since  this  slope  starts  with  a large  GTDS  abutment 
error  on  day  210,  it  is  reasonable  to  assign  the  slope  as  an  error  in  the  GTDS  ephemeris. 
A converged  filter  actually  has  an  advantage  for  such  transitional  events;  the  filter  is  a 
continuous  process  with  the  covariance  acting  as  a constraint  on  the  estimate  which  tends 
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to  keep  slow  moving  parameters  associated  with  orbit  plane  from  overcorrecting. 
Successive  least  squares  solutions,  on  the  other  hand,  are  independent,  and  the  plane  can 
change  arbitrarily  from  batch  to  batch. 

WIND  Covariance 

The  positive  portion  of  the  covariance  for  WIND  is  given  in  Figure  5,  below.  The 
scales  are  the  same  as  the  those  in  Figure  4,  above,  for  easy  comparisons.  The  two-sigma 
bound  for  intrack  is  the  bold  line,  while  crosstrack  and  radial  two-sigma  bounds  are 
thinner.  The  two  perigee  maneuvers  and  the  lunar  swingby  events  are  indicated  by 
vertical  dashed  lines,  and  are  coincidentally  the  abutment  points  for  successive  GTDS 
ephemerides. 

Chronologically,  the  filter  starts  with  a fairly  large  covariance,  which  collapses 
rapidly  (WIND  is  approaching  perigee,  so  there  is  a lot  of  dynamical  motion  and  the  orbit 
is  easy  to  determine).  The  first  perigee  maneuver  (P20)  occurs  on  day  1 63  and  the 
covariance  responds  to  maneuver  process  noise  by  increasing  the  error  covariance.  Note 
the  spiking  radial  covariance  values  over  6 days.  Once  the  filter  has  resolved  the  radial 
error  then  the  intrack  and  crosstrack  errors  begin  to  collapse.  The  covariance  response  to 
the  second  perigee  maneuver  (P21),  on  day  190,  is  similar  to  the  first,  and  requires 
roughly  the  same  time  interval  to  recover.  If  the  filter  had  used  the  DSN  Doppler  data  we 
would  expect  the  covariance  to  collapse  more  quickly. 


Figure  5 " RTOD®  Position  2-Sima  Bounds  for  WIND" 
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The  covariance  collapses  in  all  three  components  on  days  163,  185,  and  207, 
when  there  is  a perigee  passage  and  the  tracking  geometry  is  most  favorable.  On  the  other 
hand,  it  is  not  clear  why  the  covariance  collapses  slightly  on  days  211-212,  just  after  the 
lunar  swing-by,  perhaps  there  is  a favorable  change  in  the  ranging  geometry. 

WIND  Residual  Analysis 

Figure  6 provides  a sample  of  the  residuals  displayed  by  the  filter  while  it  is 
processing.  These  residuals  are  predicted  residuals,  with  the  first  residual  the  result  of 
predicting  the  orbit  from  a previous  tracking  pass,  but  subsequent  residuals  are  obtained 
by  predicting  over  the  short  spans  between  measurements.  The  3-sigma  bounds  are 
affixed  to  the  plot.  The  values  are  obtained  through  the  classical  Kalman  measurement 
residual  calculation,  projecting  the  full  covariance  into  the  range  direction  and  adding  the 
measurement  noise  variance  to  it.  The  3 -sigma  bound  is  important  to  the  filter  operation, 
because  residuals  which  exceed  the  3 -sigma  threshold  are  autonomously  rejected. 

The  most  pronounced  feature  of  Figure  6 is  the  step  decrease  in  the  3-sigma 
bound  just  after  08:35.  At  this  time  the  signal-to-noise  statistic  in  the  DT-5  increased,  and 
the  computed  measurement  error  variance  (for  white  noise)  dropped.  Before  08:35  the  3- 
sigma  calculation  was  dominated  by  the  white  noise  contribution,  hence  the  “ratty” 
bound,  but  after  08:35  the  3-sigma  bound  is  dominated  by  the  projection  of  the  orbit 
covariance  into  range,  and  the  bound  is  smooth.  Note  that  the  residual  distribution  is 
really  more  compact  after  08:35,  indicating  that  there  is  value  in  dynamically  computing 
the  3-sigma  bound  from  signal-to-noise  statistics  in  the  DT-5  message. 
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Figure  6 "WIND  Predicted  Range  Residuals" 
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Note  the  minor  over-correction  in  the  3 -sigma  bound  just  after  the  first 
measurement.  This  is  due  to  the  linearization  of  the  measurement  correction  process. 

This  effect  can  be  removed  with  classical  text-book  estimation  techniques. 

The  Measurement  Residual  Test  is  constructed  by  dividing  each  predicted  residual 
by  the  computed  range  sigma  and  binning  in  a histogram.  If  the  filter  estimate  is  optimal, 
then  a zero-mean  Gaussian  histogram  will  be  produced.  Unfortunately  the  converse  is  not 
necessarily  true,  it  is  possible  to  generate  a Gaussian  histogram  and  have  a non-optimal 
estimate,  however  it  is  difficult  to  do  so.  Figure  7 was  generated  for  all  range  data 
processed  in  the  WIND  test  case  and  is  remarkably  Gaussian,  which  we  interpret  as  an 
indicator,  but  not  proof,  of  a realistic  covariance.  The  dots  in  Figure  7 are  the  ideal 
Gaussian  histogram  for  an  infinite  sample  size. 


Measurement  EditTest  Statistic 


Figure  7 "WIND  Measurement  Residual  Test  (All  Stations)" 

CONCLUSIONS 

We  have  once  again  demonstrated  the  filter  to  be  a powerful  alternative  to  least 
squares  orbit  determination.  The  filter  appears  to  meet  NASA  accuracy  requirements  for 
both  missions,  as  does  GTDS.  These  test  cases  include  many  aspects  of  space  craft 
operations,  including  maneuvers,  a lunar  swing-by,  very  long  range  operations,  and  even 
a leap  second.  More  important  than  the  accuracy  achieved  is  the  demonstration  of 
automated  processing  through  all  events,  and  particularly  through  maneuvers.  This  is 
particularly  rewarding  considering  we  have  never  processed  this  tracking  data  type 
before,  nor  this  orbit  class,  and  considering  that  we  did  not  use  the  Doppler  data,  which 
may  improve  accuracy  and  the  speed  of  post-maneuver  accuracy  recovery. 


829 


Given  that  this  a first  attempt  to  process  this  class  of  data  and  missions  we  expect 
that  better  performance  can  be  achieved  with  more  tracking  data  and  some  analysis. 

These  tracking  data  sets  are  representative,  but  are  not  encompassing,  and  the  SOHO  case 
leaves  questions  unanswered  whether  the  observed  trend  is  due  to  RTOD®  or  to  GTDS. 
The  filter  is  also  a powerful  analysis  tool,  and  when  coupled  with  a smoother  can  be  used 
to  optimize  the  orbit  determination  process.  Recommended  analyses  include: 

• Further  calibration  of  range  biases 

• Incorporation  of  integrated  Doppler  measurements 

• Automated  filter  initialization  techniques 

• Addition  of  adaptive  integration  controls  and  techniques 

• Refinements  and  calibration  of  maneuver  models 

• Implementation  of  an  optimal  filter-smoother  configuration 

We  have,  over  the  last  decade,  used  RTOD®  and  engineering  variants  on  RTOD® 
to  demonstrate  the  accuracy,  reliability,  and  autonomy  of  filter-based  orbit  determination. 
These  demonstrations  have  been  performed  for  a host  of  tracking  systems,  including 
TDRSS,  AFSCN,  SSN,  GPS,  SLR,  and  now  DSN.  In  almost  every  historical 
demonstration  the  issues  were  filter  accuracy  and  reliability.  In  every  case  the  filter  has 
proved  to  be  as  accurate  and  as  reliable  as  legacy  least  squares  orbit  determination 
methods,  and  if  there  are  significant  events  (maneuvers)  or  mismodeled  forces  (drag, 
solar  pressure)  then  the  filter  has  proved  to  be  more  accurate  and  more  reliable.  Now 
autonomy  is  an  important  requirement,  and  NASA  seeks  “light  out”  operations  for 
resident  satellites.  Legacy  orbit  determination  systems  can  be  automated  through  queuing 
and  even  through  application  of  AI  techniques,  however  these  efforts  “work  around”  the 
problem  and  are  severely  stressed  when  events  like  maneuvers  occur.  This  filter  has  been 
demonstrated  to  be  a natural  solution  for  all  three  requirements,  accuracy,  reliability,  and 
autonomy. 
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AAS  98-370 


NAVIGATION  AND  MUSES-B  MISSION-HALCA 


Tsutomu  Ichikawat  and  Takaji  Katot 


MUSES  stands  for  Mu  space  Engineering  Satellite,  where  Mu  is  the  name  of  the 
ISAS’s  satellite  launch  rocket.  The  satellite  launched  in  February  12,  1997  from 
the  Kagoshima  Space  Center(JKSC)  of  the  ISAS.  After  injection,  three  perigee 
raising  maneuvers  placed  Muses-B  into  an  eccentric  orbit  ( about  560km  by 
21,000km  ) and  carried  with  8m  antenna  for  Space  Very  Long  Baseline 
Interferometry(S-VLBI)  science. 

This  satellite  renamed  “HALCA”.  And  HALCA  is  part  of  an  international  collabo- 
rative effort  which  includes  facilities  in  the  U.S.,  Canada,  Australia,  and  Europe. 
The  objective  of  HALCA  consists  of  two  aspects:  engineering  experiments  and 
Space  VLBI  radio  astronomical  observations.  The  engineering  experiments  are  a 
development  antenna  using  servo  mechanism,  the  stable  phase  lock  system,  and 
the  precise  orbit  determination  using  radiometric  data  and  on-board  GPS  receiver. 
From  a point  of  the  navigation  technology,  the  requirement  of  orbit  determination 
is  very  stringent  for  the  ground  VLBI  correlation  system.  This  satellite  has  both 
Ku-band  and  S-band  frequency  transponders.  Namely,  the  availability  of  two  dif- 
ferent frequencies  communication  between  this  satellite  and  the  ground  station  makes 
it  obtain  the  different  radiometric  data.  And  also  radiometric  data  has  been  ex- 
changed between  ISAS  two  stations  and  several  DSN  stations  (Included  Greenbank 
station).  It  can  be  performed  orbit  determination  by  using  all  station  in  the  world. 
This  paper  describe  result  and  evaluation  of  orbit  determination  by  using  Japanese 
two  stations  radiometric  data  for  this  satellite.  And  describe  the  correlation  result 
based  on  the  orbit  solutions. 


INTRODUCTION 

After  three  orbit  maneuvers  HALCA  was  injected  into  the  elliptical  earth  orbit  and  the  8 
m diameter  radio  telescope  was  successfully  deployed.  And  also  the  first  fringe  detected 
between  HALCA  8m  antenna  and  UDSC  64m  antenna.  UDSC  64m  antenna  and  on-board 
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8m  antenna  tracked  same  quaser.  In  this  test,  the  space  VLBI  technology  was  proofed. 

In  mission  phase, the  requirement  of  the  orbit  determination  accuracy  is  precise  for  the 
ground  VLBI  correlation  system  in  order  to  detect  the  correlation  data.  The  tracking  and 
control  for  HALCA  is  carried  out  at  JKSC  in  the  S-band  frequency.  The  VLBI  data  acquired 
with  on-board  are  transmitted  to  the  ground  link  stations  in  the  Ku-band  frequency.  Figure  1 
shows  outline  of  TT&C  and  VLBI  data  acquisition  system  for  HALCA.  In  the  phase,  three 
types  of  tracking  data  are  used  for  orbit  determination,  that  is,  S-band  range  and  2-way 
coherent  Doppler  data  from  JKSC,  and  Ku-band  Doppler  data  from  Usuda  Deep  Space 
Center  (UDSC)  in  Japan.  Especially,  Ku-band  Doppler  data  is  observed  with  a mode  of  two 
types.  These  observation  model  describe  next  section  in  this  paper. 


TT&C  STATIONS  Ku  - LINK  STATIONS  VABI  STATIONS 


Figure  1 Outline  of  TT&C  and  VLBI  acquisition  system  for  HALCA 
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MEASUREMENT  MODEL  OF  THE  DOPPLER  DATA 


This  satellite  has  both  S-band  and  Ku-band  frequency  transponders.  In  the  VLB  I observa- 
tion phase,  three  types  of  tracking  data  are  used  for  orbit  determination,  that  is,  S-band 
range  and  2-way  coherent  Doppler  data  from  JKSC,  and  Ku-band  Doppler  data  from  Usuda 
Deep  Space  Center  (UDSC).  Especially,  the  measurements  of  Ku-band  Doppler  data  is  fol- 
lowing as  two  modes. 

(1)  2-way  coherent  Doppler  mode  with  the  fixed  Up-link  frequency. 

(2)  2-way  coherent  Doppler  mode  with  the  Doppler  compensated  Up-link  frequency  so 
that  a nearly  constant  frequency  is  received  at  the  satellite. 

The  first  mode  is  same  as  the  mode  of  S-band  Doppler  received  at  JKSC  and  is  used  in  the 
test  phase.  The  Second  mode  is  new  mode  required  by  Science  ( VLBI ) observation  and  is 
usually  used  in  the  mission  phase. 


Measurement  modes  of  Doppler 

2-way  coherent  Doppler  mode  with  the  fixed  Up-link  frequency 


Figure  2 shows  the  measurement  scheme  of  2-way  coherent  Doppler  mode  with  the  fixed 
Up-link  frequency.  In  this  mode  the  received  frequency  fR0  at  the  ground  station  is  given 
by 


/ ro  (h ) — ^ x fro  (*i ) + k x fJop(up)0  + fa 


• dop(do\vn  )0 


(1) 


where  t,,t3  : the  transmission  time  and  the  reception  time  at  the  station.  And  relating 
equations  are  as  following. 

fT0  : Up-link  frequency  (fixed  Up-  link  frequency  mode  ( =fup0  ))■ 
fup0  : constant  up  link  frequency 

k : the  ratio  of  trasmitted  frequency  to  received  frequency  at  the  satellite. 


Figure  2 2-way  coherent  Doppler  mode  with  the  fixed  up-link  frequency 


835 


/j„p(„p)0:  up  link  doppler  frequency  in  the  fixed  up-link  frequency  mode. 
fduP(down)0  '■  down  link  doppler  frequency  in  the  fixed  up-link  frequency  mode. 
The  observed  frequency  fohx0  is 

fobsO^h  ) — / ro  (^3 ) k x fT0  ( t] ) + fBias 

= kxfT0  (/, ) x (fR0  (r3 ) /( k x fT0  (r, ))  - 1)  + fBms 

k X f dop(up) 0 f dop{ down )0  f Bias 

where  fBjas  is  the  bais  frequency. 

The  integrated  doppler  observable  IDO  is  given  by 


ID(tb)-ID(ta)  , lfll/.  lft 


■f Bias  — , j"  [fobsO  T ) f Bias'y^t 3 X f dOp(up)0  ^ f dopi  up)0  j 


kxfu 


upO 


\'b{fR0(t2)/{kXfT0(tl))-l}dt 


(3) 


where  Tc(=  tb-ta)  is  the  integration  time. 

2-way  coherent  Doppler  mode  with  the  Doppler  compensated  Up-link  frequency 


Figure  3 shows  the  measurement  scheme  of  2-way  coherent  Doppler  modes  with  the 
Doppler  compensated  Up-link  frequency.  In  this  mode  the  received  frequency  fR2  at  the 
ground  station  is  given  by 


-f dop{up)0  f dop(uc)^\^ 

fm  (h  ) ~ k x fn  (t, ) + k X fdop(up)2  + f <jop(<jUwn)2 


(4) 

(5) 


where  fjop(UC)'  Doppler  compensated  frequency 

fT2  : Up-link  frequency  in  the  Doppler  compensated  up-link  frequency  mode 
fdop(uP) 2 : Up-link  frequency  in  the  Doppler  compensated  Up-link  frequency  mode. 
fdoP(down)2  '•  Down-link  Doppler  frequency  in  the  Doppler  compensated  Up-link  frequency 
mode. 

The  observed  frequency  fobs2  of  2-way  coherent  Doppler  mode  is 


fohsZ  (h  ) _ Ir2  (h  ) k X fr2  (f3  ) + feias 

= f R2  (^3  ) — k X fT 2 (t|  ) + k X iyfdup^)  (t3  ) — ))  + f Bias 

k X f.Jop\  up  )2  f dopidown  ) 2 k X f fjopl  uc)  ( ^3  ) f dnp(uc_)^\  ))  f Bias 

The  following  equation  holds  good  status. 
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(7) 


(/« 2 ( ^3  ) ^ X |))^(^  X /n(fl))  — (^  X f tlop{up)2  + fdopi down )2 ) X ./r2  (fl  )) 

~ X fdapiup) 0 fjt>p<down)o)/(,k  X fT0(t]  ))  = fR  / fj  — 1 

Consequently  Eq.(6)  is  written  b 

fobsl^h)  ~ k X (-^/op(«p)0  ~ fdop(uc)^  1 ))  X (^R  ^ — ^ X (-£/op<uc)  (^3  ) — fdnp(uc)^  I ))  + /s/os  (8) 

The  integrated  Doppler  observable  /D  is  given  by 


imzim.f  =±['y  (t)-f  w 

^ J Bias  j.  Jr  \J0bs2\l)  J Bias 


kxfd 


dop(up)0 


£(fR  /fT  - 1)*,  - 1-  > x (f,  / fT>*3  +i  )* 


A:  r'» 

r 


/fT  - iv<3  - Y^y***^  Vt< 

1c. 


z 


(9) 


Figure  3 2-way  coherent  Doppler  with  variable  Up-link  frequency 

EVALUATION  OF  KU-BAND  DOPPLER  DATA 

In  the  early  operation  phase  Ku-band  Doppler  measurements  were  carried  out  at  UDSC  in 
the  fixed  Up-link  frequency  mode  in  order  to  test  Ku-band  Doppler  measurements  system. 
Fig.  3 shows  an  example  of  estimation  residuals  of  Ku-band  Doppler  data  which  mean  the 
difference  between  observation  data  (O)  and  expected  calculation  value  (C)  so  called  O-C. 
The  residuals  are  of  the  order  of  1 mm/s  ( 1 sigma)  for  Ku-band  Doppler  data. 

In  observation  phase  Ku-band  Doppler  measurements  are  carried  in  the  Doppler  compen- 
sated up  link  frequency  mode  so  that  a nearly  constant  frequency  is  received  at  the  satellite. 
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This  nearly  constant  frequency  decreases  the  loop  stress  of  the  receiver  at  the  satellite  and 
observation  accuracy  will  improve.  But  in  this  mode  the  prediction  error  deteriorates  obser- 
vation accuracy.  The  integrated  Doppler  observable  data  is  corrected  as  follows. 


ID(th)~  ID(ta)  , k r'i-n,  „ , , , k r* 


/fiia.5  + x J /dop(uc)(^l  )^1  T J fdop(uc)(h^h 

! * * a T a ! J r rt 


kxfa 


dop(up)0 


[V'lfr-  0*, 


(10) 


So  Taand  are  calculated  used  orbit  prediction  value,  the  prediction  error  may  have  bad 
effect  on  the  third  term  in  the  left  part  of  Eq.(10). 

If  predicted  position  error  is  1 km  , maximum  Doppler  data  error  is  1 mm/s  at  the  perigee 
region.  Figure  4 shows  example  of  estimation  residuals  of  Ku-band  Doppler  data  in  this 
mode.  The  residuals  are  of  the  order  of  0.5  mm/s  (1  sigma)  for  Ku-band  Doppler  data.  From 
comparison  between  Figure  4 and  Figure  3 the  influence  of  compensation  of  Up-link  fre- 
quency is  shown,  and  the  observation  accuracy  of  Ku-band  Doppler  data  in  the  Doppler 
compensated  Up-link  frequency  mode  is  better  than  that  in  the  fixed  Up-link  frequency 
mode. 

Consequently,  the  measurements  of  2-way  coherent  Ku-band  Doppler  data  with  the  Dop- 
pler compensated  Up-link  frequency  is  proper. 


Figure  3 Ku-band  Doppler  residual  with 
Fixed  Up-link  frequency 


Figure  4 Ku-band  Doppler  residual  with  vari- 
able Up-link  frequency 


ORBIT  ESTIMATION  RESULT 


The  orbit  element  and  solar  radiation  pressure  cofficient  estimate  by  using  SQRT(Square 
Root)  Filter. 

The  orbit  solution  is  two  phases.  One  is  prediction  phase,  and  the  other  is  reconstruction 
phase.  In  the  prediction  phase,  the  orbit  is  estimated  by  using  S-band  range  and  2-way 
coherent  Doppler  data  at  JKSC  station  and  Ku-band  Doppler  data  at  USUDA  station  during 
two  passes  ( About  four  revolution  orbit).  In  the  reconstruction  phase,  the  solution  is  more 
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precise  accuracy  based  on  priori  information  which  the  solution  is  prediction  phase.  Namely 
it  is  solved  by  using  Ku-band  Doppler  data  and  S-band  Doppler  data  during  one  pass  that 
included  data  in  the  prediction  phase. 

The  estimation  residuals  of  Ku-band  Doppler  data  and  S-band  Doppler  data  which  means 
the  difference  between  observation  data  ( O ) and  calculation  value  ( C ) so  called  O-C  are 
shown  Figure  5 and  Figure  6. 

The  summary  of  orbital  element. 

Epoch  : 1997-5-22  19H00M0.0S(UTC)  J2000  coordinate  system  (Center  : Earth) 

Semi-major  axis  : 17394.0  (km) 

Eccentricity  : 0.59991 137  ( - - ) 

Inclination  : 31.33438  (deg) 

Argument  of  perigee  : 198.21592  ( deg  ) 

Long,  of  ascending  node  : 190.17254  ( deg  ) 

Mean  Anomaly  : 338.0019  ( deg  ) 

Perigee  height : 573. 1 68  ( km ) 

Apogee  height : 21420.137  ( km  ) 

Orbit  period  : 6.33  ( hour  ) 
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Figure  5 Ku-band  coherent  Doppler  residual 
at  Up-link  frequency  control 


Figure  6 S-band  2-way  coherent  Doppler  re- 
sidual 


This  orbit  element  estimated  at  the  epoch  of  previous  description.  The  accuracy  is  212.34  ( 
m ) in  position  and  3.432  ( cm/s  ) in  velocity  ( 1 sigma  ).  It  is  shown  the  result  of  correlation 
output  based  on  this  reconstruction  orbit  solution  as  following  ( Fig. 7 and  Fig. 8 ) Fig. 7 is 
shown  delay  to  VLBI  observation  (1.6GHz).  And  Fig. 8 is  shown  delay  rate  as  same  as 
VLBI  observation  time. In  the  case  of  change  to  inertial  coordinate  system  of  this  sattelite,  it 
shows  accuracy  of  maximum  320.4  ( m ) in  position  and  maximum  4.345  ( cm/s  ) in  veloc- 
ity. 
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■ 3"COrT’  20rn  4-cm  1 4n00m  20m  40m 

TIME  from  MJO  50539 


Figure  7 Delay  time  and  Delay  rate  from  the  Japanese  correlation  system 

CNCLUSION  AND  REMARKS 

It  is  described  to  orbit  estimation  result  in  final  section  . This  reconstructed  solution  is 
preliminary  result.  We  study  optimal  parameter  estimation  of  solar  radiation  pressure  and 
air  drag  models  for  dynamics  with  orbital  element.  And  consider  VLBI  observation  model. 
It  is  expect  to  more  precise  accuracy  to  orbit  estimation. 
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AAS  98-371 


NAVIGATION  OF  THE  SPACE  VLBI  MISSION  - 

HALCA1 

Tung  Han  You2,  Jordan  Ellis3  & Neil  Mottinger2 

In  February  ’97,  the  Japanese  Space  Agency  ISAS  launched  the  first  space 
VLBI  satellite,  HALCA,  with  an  8 meter  diameter  wire  mesh  antenna  and 
radio  astronomy  receivers  capable  of  observing  at  1.6,  4.8,  and  22  Ghz.  In 
a 560  by  21000  km  orbit  with  a 6 hour  period  and  31  degree  inclination,  it 
observes  celestial  radio  sources  in  conjunction  with  a world  wide  network 
of  ground  radio  telescopes  as  part  of  an  international  collaborative  effort 
which  includes  facilities  in  Japan,  the  U.S.,  Canada,  Australia,  and  Europe. 

JPL  is  providing  tracking  and  navigation  support  using  a dedicated  subnet 
of  11  meter  antennas  as  well  as  co-observations  using  the  DSN  70  meter 
antennas.  This  paper  describes  the  spacecraft  dynamics  model  and  orbit 
determination  strategies  developed  to  meet  the  stringent  trajectory  accu- 
racy requirements  for  generating  predicts  for  the  transfer  of  a stable  uplink 
frequency  to  the  spacecraft  and  for  determining  reconstructed  orbits  for 
delivery  to  the  NRAO  VLBI  correlator  and  the  international  VLBI  science 
community. 


INTRODUCTION 

Very  Long  Baseline  Interferometry  (VLBI)  techniques  have  been  extensively  used  from 
ground  based  radio  telescopes  to  map  celestial  radio  sources.  The  angular  resolution  is 
limited  by  the  maximum  baseline  between  sites,  which  for  Earth  based  antennas,  is  the 
diameter  of  the  Earth.  Longer  baselines  and  thus  increased  resolution  and  sensitivity  can  be 
attained  by  placing  one  of  the  antennas  in  Earth  orbit.  In  February  97  the  Japanese  Institute 
of  Space  and  Astronautical  Science  (ISAS)  launched  the  first  VLBI  Space  Observatory 
Program  (VSOP)  satellite  using  the  newly  developed  M-V  launch  vehicle.  A second  VLBI 
satellite,  Radioastron,  is  scheduled  to  be  launched  by  the  Russian  Space  Agency  in  the  year 
2000.  The  ISAS  satellite,  renamed  HALCA,  is  an  800  kg  spacecraft  with  an  8 meter  diameter 
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wire  mesh  antenna  and  radio  astronomy  receivers  capable  of  observing  radio  sources  at  1.6, 
4.8  and  22  Ghz.  HALCA  was  initially  injected  into  a 200  by  21000  km  orbit.  Three  perigee 
raising  maneuvers  placed  HALCA  into  a 560  by  21000  km  orbit  with  a 6 hour  period  and 
31  degree  inclination.  Approximately  two  weeks  after  launch,  the  critical  deployment  of 
the  8 meter  mesh  antenna  was  successfully  completed.  Perigee,  initially  in  the  northern 
hemisphere  for  communications  with  the  command  site  in  Japan  during  the  orbit  transfer, 
precesses  at  a rate  of  0.96  degrees  per  day.  Communication  for  commanding  and  engineering 
data  is  at  S-band  (2.3  Ghz).  VLBI  science  data  and  two-way  Doppler  are  collected  at  Ku- 
band  frequency  (15.3  Ghz). 

The  Space  VLBI  program  is  an  international  collaborative  effort  which  includes  fa- 
cilities in  Japan,  the  U.S.,  Canada,  Australia,  and  Europe.  ISAS  provided  the  spacecraft 
and  the  launch  vehicle,  and  is  responsible  for  operating  the  spacecraft  and  coordinating 
the  observation  sequence  of  the  orbiting  antenna  with  the  network  of  tracking  stations  and 
radio  telescopes.  The  U.S.  has  constructed  a network  of  dedicated  Orbiting  VLBI  tracking 
stations  to  support  the  space  VLBI  missions,  is  providing  Jet  Propulsion  Laboratory  (JPL) 
tracking  and  navigation  services,  co- observation  with  the  Deep  Space  Network  (DSN)  70- 
meter  antennas,  and  correlation  using  facilities  of  National  Radio  Astronomy  Observatory 
(NRAO). 

The  VLBI  observation  requires  lengthy  uninterrupted  reception  of  a radio  signal  at 
the  radio  telescope  receiving  sites.  During  the  VLBI  session,  uplink  phase  control  must  be 
maintained  for  the  ground  to  spacecraft  link.  To  satisfy  this  requirement  for  nearly  contin- 
uous contact,  a world  wide  network  of  five  Ku-band  tracking  stations  has  been  committed 
to  supporting  the  mission.  The  DSN  has  constructed  an  Orbiting  VLBI  subnet  of  three  11 
meter  stations  at  sites  in  Goldstone,  Madrid,  and  Australia.  A 14  meter  antenna  at  the 
NRAO  Green  Bank  site  was  modified  to  support  HALCA  and  a new  10  meter  station  was 
constructed  by  ISAS  at  the  Japanese  Usuda  site.  The  tracking  stations  transfer  a stable 
uplink  reference  frequency  to  HALCA,  record  the  VLBI  data  which  is  downlinked  in  real 
time  from  the  spacecraft  and  collect  two-way  Ku-band  Doppler  for  orbit  determination. 

This  paper  describes  the  orbit  determination  strategies  developed  at  JPL  to  satisfy 
the  predicts  and  reconstruction  accuracy  requirements.  Orbit  determination  for  the  Space 
VLBI  missions  is  unique  because  it  involves  a highly  elliptic  Earth  orbiter  with  relatively 
stringent  prediction  and  reconstruction  accuracy  requirements.  These  requirements  are 
dictated  by  the  characteristics  of  the  Ku-band  tracking  stations  and  the  correlation  process. 
The  primary  data  type  for  determining  the  orbit  is  the  two-way  Ku-band  Doppler  which 
is  generated  by  the  reference  phase  transfer  operation.  The  most  challenging  aspect  of  the 
strategy  entailed  modelling  the  dynamic  effects  due  to  solar  pressure  and  drag  acting  on  the 
8 meter  mesh  antenna.  The  next  section  describes  the  source  of  the  accuracy  requirements 
and  details  of  the  support  plan.  Dynamic  and  observation  models  and  estimation  strategies 
are  discussed  in  subsequent  sections. 
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Predicts 

Position 

Velocity 

170  m 
27  cm/s 

Reconstruction 

Position 

80  m 

Velocity(22  Ghz) 

0.43  cm/s 

Velocity(5  Ghz) 

1.9  cm/s 

Acceleration(Weak  Sources) 

6 x 10-8  m/s 2 

Phase  Residual(Weak  Sources) 

1.2  mm 

Acceleration(Routine  Ops) 

4 x 10-7  m/s 2 

Phase  Residual(Routine  Ops) 

14  mm 

Table  1:  HALCA  ORBIT  ACCURACY  REQUIREMENTS  (1  SIGMA) 

MISSION  SUPPORT 
Navigation  Accuracy  Requirements 

The  Space  VLBI  missions  have  science  and  operational  objectives  which  translate  into 
comparatively  stringent  navigation  requirements.  A continuous  uplink  of  a ground  reference 
frequency  is  required  to  provide  a stable  reference  for  the  on-board  receiver.  This  signal 
is  the  source  of  the  timing  information  for  the  VLBI  data  received  at  the  spacecraft.  The 
uplink  is  phase  compensated  to  remove  the  effects  of  the  uplink  Doppler  shift.  This  signal  is 
coherently  retransmitted  by  the  spacecraft  to  the  tracking  site  where  a predicted  downlink 
Doppler  shift  is  removed  to  minimize  the  ground  receiver  tracking  loop  degradation.  The 
phase  is  sampled  at  the  tracking  site  400  times  per  second  which  translates  into  a require- 
ment that  the  error  in  the  predicted  received  frequency  at  the  spacecraft  be  less  than  175 
Hz  (3  sigma). 

Table  1 summarizes  the  (one  sigma)  accuracy  requirements  imposed  by  the  U.S.  Space 
VLBI  project  for  the  predicted  and  reconstructed  orbits.  Accuracies  for  predicted  orbits 
are  based  on  translating  the  frequency  error  into  equivalent  position  and  velocity  errors. 
Position,  velocity,  (and  acceleration)  requirements  are  expressed  as  one- dimensional  errors. 
The  predicted  velocity  error  represents  the  component  along  the  tracking  station  to  space- 
craft line  of  sight  and  the  predicted  position  error  the  component  along  the  projection  of 
the  velocity  vector  in  the  plane  of  sky.  Accuracies  for  reconstruction  orbits  are  defined  for 
the  component  along  the  direction  to  the  observed  radio  source. 

Requirements  for  the  reconstructed  orbit,  derived  by  R.  Linfield  (Ref.  1),  are  governed 
by  the  the  design  of  the  VLBA  correlator.  The  limit  of  128  delay  lags  per  frequency  channel 
translates  into  an  80  meters  (1-sigma)  reconstruction  requirement.  The  velocity  error  is 
fixed  by  the  maximum  fringe  rate  of  the  correlator.  The  requirement  for  the  acceleration 
accuracies  (Ref.  2)  is  expressed  for  routine  viewing  of  strong  and  intermediate  strength 
sources  and  for  viewing  of  weak  sources.  The  most  stringent  acceleration  accuracies  result 
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from  experiments  for  mapping  weak  sources  at  5 GHz  with  integration  times  greater  than 
300  seconds.  The  acceleration  error  is  the  resulting  rms  error  derived  from  fitting  the  phase 
residuals  at  the  correlator  to  a first  order  polynomial.  The  error  can  either  be  expressed  as 
a residual  (after  the  fit)  phase  error  or  as  a one-dimensional  pseudo  acceleration  error.  The 
latter  interpretation  is  based  on  equivalencing  the  second  order  error  to  an  acceleration. 

Since  reconstruction  requirements  are  defined  by  the  characteristics  of  the  VLBI  cor- 
relator, the  requirements  are  only  meaningful  when  HALCA  is  observing  a radio  source.  A 
minimum  spacecraft  altitude  of  2500  km  is  assumed  for  usable  VLBI  data.  (Reconstruction 
accuracy  requirements  imposed  by  ISAS  are  significantly  less  stringent  (~  800  meters)  due 
to  the  difference  in  design  of  ISAS  correlator  which  processes  station  and  spacecraft  signals 
in  separate  passes.) 

Navigation  Operations  Procedures 

Extensive  coordination  between  JPL  navigation,  the  ISAS  Mission  Control  Center, 
and  the  ISAS  navigation  center  is  required  for  orbit  determination.  ISAS  provides  JPL  a 
sequence  of  events  with  information  needed  to  model  spacecraft  dynamics,  and  the  times  of 
any  thruster  events  and  momentum  dumps.  This  includes  HALCA  Antenna  pointing  angles 
and  a schedule  for  radio  source  observations. Twice  each  week  JPL  navigation  generates  a 7 
day  predicted  orbit  using  the  Doppler  data  received  daily  from  the  DSN  Orbiting  VLBI  and 
Green  Bank  stations.  The  predicted  trajectory  is  delivered  to  the  DSN  and  Green  Bank 
sites.  (ISAS  navigation  is  responsible  for  delivering  predicts  to  the  Japanese  stations.)  The 
agencies  exchange  tracking  data  and  orbit  solutions  weekly.  Since  the  reconstructed  orbit 
is  delivered  one  week  from  the  time  of  the  last  data  point  collected,  tracking  from  all  sites, 
including  Usuda,  is  available  for  orbit  determination.  Reconstructed  orbits  covering  a seven 
day  span  are  delivered  in  a standard  portable  format  to  the  U.S.  Space  VLBI  Project  for 
use  at  the  VLBI  correlators. 

Navigation  Operation  Tools 

In  the  early  stages  of  designing  an  operating  system  to  support  orbit  determination,  it 
became  apparent  that  graphical  user  interfaces  (GUI)  were  needed  to  simplify  case  setup 
and  execution.  The  GUIs  created  enable  the  user  to  visualize  the  processing  activities  for 
the  current  week  in  the  context  of  prior  weeks’  activities.  A new  case  can  be  initialized 
using  a designated  previous  case  as  a reference.  Other  data  which  must  be  updated,  for 
example  the  ISAS  file  containing  the  HALCA  antenna  pointing  angles,  is  acquired  from  the 
U.S.  Space  VLBI  project.  Access  to  three  different  computer  platforms  is  provided  by  GUIs 
to  gather  all  the  data  needed  to  setup  a new  case. 

As  data  are  gathered  in  preparation  for  trajectory  product  generation,  a visualization 
program  displays:  (1)  station  view  periods,  planned  tracking  times,  and  tracking  data 
currently  available;  (2)  spacecraft  8 meter  antenna  source  pointing  and  VLBI  activities;  (3) 
the  time  when  various  trajectory  events  occur,  e.g.,  periapsis,  apoapsis,  and  eclipses.  From 
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Figure  1:  Sample  GUI  Used  in  the  HALCA  Operations 


this  it  is  possible  to  easily  verify  that  the  necessary  data  are  available.  Then  navigation 
software  is  activated  through  other  GUIs,  including  a menu  driven  interactive  data  selection 
and  display  program  for  orbit  estimation  and  solution  validation. 

When  trajectory  products  are  created,  other  GUIs  are  used  to  transfer  them  to  the 
proper  platform,  a DSN  computer  for  predicts  generation  and  a U.S.  Space  VLBI  computer. 
The  later  is  accessed  by  Green  Bank,  users  of  the  NRAO  VLBI  correlator,  or  other  members 
of  the  VLBI  science  community. 

Overall,  the  GUIs  have  reduced  the  processing  time  by  a factor  of  four.  They  provide 
efficient  ways  to  gather  the  information  needed  to  conduct  and  validate  the  orbit  deter- 
mination activities  and  disseminate  navigation  products.  Figure  1 demonstrates  a sample 
GUI  used  in  HALCA  operations. 

MODELS  FOR  ORBIT  DETERMINATION 
Dynamic  Models 

Precision  orbit  determination  requires  detailed  models  for  the  spacecraft  dynamics  and 
the  observations.  A primary  factor  contributing  to  the  orbit  determination  difficulty  for 
HALCA  is  the  uncertainty  in  modelling  the  nongravitational  accelerations.  This  includes 
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Figure  2:  HALCA  Structure 


the  effects  of  solar  pressure  acting  on  the  large  antenna  and  solar  panels,  atmospheric  drag  at 
periapsis  passage,  autonomous  thruster  firings  for  transfer  to  and  from  safe  hold  mode,  and 
any  outgassing  effects.  The  dominant  nongravitational  acceleration  is  expected  to  be  the 
solar  pressure.  Modelling  this  requires  a measure  of  the  effective  area  of  the  “transparent” 
mesh  VLBI  antenna,  knowledge  of  the  orientation  and  the  reflectivity  properties  of  the 
antenna  and  other  spacecraft  components.  Because  only  apriori  values  for  these  parameters 
were  available  prior  to  launch,  our  estimation  strategy  initially  attempted  to  improve  the 
values  during  the  early  phases  of  the  mission. 

JPL’s  Double  Precision  Orbit  Determination  Program  (DPODP)  (Ref.  3,  4)  is  used 
to  model  spacecraft  dynamics  and  observations.  The  trajectory  is  expressed  in  the  J2000 
Solar  System  Barycentric  Reference  frame.  The  spacecraft  dynamics  models  for  HALCA 
include  the  following: 

• central  body  perturbation  due  to  the  Earth  and  third  body  perturbations  due  to  Sun, 
Moon  and  planets  (JPL  Ephemeris  DE403  is  the  source  of  masses  and  ephemeris  ) 

• General  relativistic  effects  due  to  Earth,  Sun,  and  Moon  using  Solar  System  Barycen- 
tric formulation 

• Earth  geopotential  model  JGM3  50  x 50  (truncated  from  70  x 70) 

• Solid  Earth  Tide  Deformation 

• Solar  pressure  acceleration  modeled  using  antenna,  solar  panels,  and  bus  components 

• Atmospheric  drag  using  a Harris  Priester  atmosphere 

Spacecraft  Component  Model 
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The  key  to  modelling  the  nongravitational  accelerations  due  to  drag  and  solar  pressure 
is  to  decompose  the  complex  physical  structure  of  the  HALCA  spacecraft  into  five  repre- 
sentative component  areas.  These  include  the  8 meter  mesh  antenna,  solar  panels,  and 
three  flat  plates  which  are  used  to  model  the  central  bus.  The  structures  are  defined  in  an 
orthogonal  spacecraft  fixed  frame  as  shown  in  Figure  2 with  the  antenna  bore  sighted  along 
the  Z axis,  and  the  solar  panels,  which  rotate  about  the  Y axis,  oriented  so  that  the  front 
side  of  the  panel  faces  the  Sun.  Orientation  information  for  the  spacecraft  is  obtained  from 
the  radio  source  observing  scheduling  which  defines  the  spacecraft  Z direction.  Approxi- 
mate values  of  the  solar  pressure  constants  (i.e.,  the  diffuse  and  spectral  reflectivities)  were 
available  before  launch  along  with  an  estimate  of  85  to  90%  antenna  transparency.  This 
estimate  of  the  antenna  transparency  was  revised  during  the  early  phase  of  mission  to  65%. 

The  total  solar  radiation  force,  Fsoiar,  experienced  by  spacecraft  is  expressed  as 

Fsolar  = ( 1/,-,  <f>i  . ■ .))  (1) 

i= 1 

where  Csf  is  the  solar  flux  at  one  AU,  KsoiaT  is  the  shadow  factor,  Rsp  is  the  Sun-probe 
distance,  At  is  the  area  of  spacecraft  component  i,  and  /,(//,-,  i/{,  <pt . . .)  a collective  function 
of  specular  and  diffuse  reflectivity  coefficients,  /i,-  and  i/,-,  illumination  angle  d>i  &nd  others 
(shape,  i.e.,  flat  plate  or  parabolic  antenna)  of  each  spacecraft  component  i.  The  effective 
area  for  each  component  is  determined  from  knowledge  of  the  spacecraft  orientation.  The 
Harris-Priester  atmosphere  (HP)  model  is  used  for  computing  the  atmospheric  drag  force 
on  HALCA.  The  total  atmospheric  drag  force,  Fatm,  is  expressed  in  terms  of  the  drag 
coefficient  Cdi  the  atmospheric  density,  patm,  and  the  effective  cross-sectional  area  A,  of 
spacecraft  component  i in  the  direction  of  the  body-fixed  spacecraft  velocity  vector  Vsc  as 

Fatm  = -^Y^CD{Y,Ai)Vsc  (2) 


Measurement  Models 

The  Doppler  observables  from  the  dedicated  DSN  Orbiting  VLBI  stations,  Green  Bank, 
and  the  ISAS  stations  are  modeled  using  the  differenced  range  formulation  in  the  DPODP. 
The  transformation  of  the  location  of  the  tracking  station  from  body  fixed  to  inertial  co- 
ordinates includes  polar  motion  calibrations  and  UTl-TAI  timing  corrections,  solid  Earth 
tides,  and  an  Earth  center  of  mass  correction.  Troposphere  calibrations  are  computed  using 
a seasonal  model.  The  Earth  Orientation  file  is  the  source  of  polar  motion  and  timing  data. 

Although  the  uplink  frequency  is  continuously  varying  to  compensate  for  the  uplink 
Doppler  shift,  software  at  the  receiving  station  transforms  the  accumulated  phase  data 
to  the  equivalent  phase  for  a constant  uplink  frequency.  Consequently,  a constant  uplink 
frequency  is  assumed  in  the  computation  of  the  Doppler  shift.  The  Doppler  is  sampled 
every  10  seconds  and  compressed  to  60  seconds. 
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Parameter 

Predicted 

Recons  tructed 

A-Priori 

Strategy 

Strategy 

a 

Constant  Parameters 

epoch  state 

positionfkm) 

V 

V 

105 

velocity(km/sec) 

V 

V 

102 

solar  radiation  coefficient 

Mi 

V 

5 x 10“2 

V 

5 x 10~2 

atmospheric  drag  coefficient 

CD 

V 

5 x 10° 

Stochastic  Parameters 

stochastic  acceleration 

S/C  X (km/ sec2) 

V 

10-1° 

S/C  Y (km/ sec2) 

V 

10-to 

S/C  Z (km/sec?) 

V 

10-1° 

s/  parameter  is  estimated 

Table  2:  ESTIMATED  PARAMETERS 


ESTIMATION  METHODS 

Uncertainties  of  solar  pressure,  atmospheric  drag,  and  nonspherical  geopotential  per- 
turbations are  the  major  contributors  to  the  errors  in  estimating  the  orbit.  Analysis  by 
Tapley  et  al.  (Ref.  5),  demonstrated  that  the  JGM3  gravity  field  significantly  reduced  the 
errors  due  to  gravity  mismodelling.  Use  of  this  field  reduced  the  errors  due  to  the  gravity 
mismodelling  to  acceptable  levels,  directing  our  attention  to  developing  estimation  strate- 
gies to  reduce  the  mismodelling  effects  of  solar  pressure,  atmospheric  drag,  and  other  small 
forces. 

Estimation  strategies  to  determine  the  HALCA  orbit  are  based  on  the  results  of  co- 
variance  studies  and  modelling  sensitivity  studies  (Ref.  6-10)  conducted  at  JPL  and  ISAS. 
The  goal  of  the  navigation  task  is  to  create  simple  and  efficient  orbit  determination  strate- 
gies to  meet  the  accuracy  requirements  of  the  predicted  and  reconstructed  trajectories.  To 
meet  these  requirements,  different  data  processing  and  filtering  strategies  were  developed 
for  orbit  prediction  and  reconstruction. 

Predicted  Filter  Strategy 

The  objective  of  predicted  trajectory  generation  is  to  provide  a trajectory  which  satisfies 
the  175  Hz  (3  sigma)  accuracy  requirement  for  tracking  station  frequency  predicts.  The 
strategy  focuses  on  estimating  the  minimum  parameter  set  consistent  with  achieving  valid 
mapping  results. 

A six  day  data  arc  is  used  with  a simple  single  batch  filter  (subsequently  called  the 
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predicted  filter  strategy ) to  estimate  the  spacecraft  epoch  state  and  selected  solar  pressure 
and  atmospheric  drag  parameters  (see  Table  2,  column  2).  Values  of  estimated  parameters 
are  constrained  to  maintain  “realistic”  values  of  the  spacecraft  dynamic  constants.  The  new 
estimated  values  form  the  basis  of  integrating  the  predicted,  one  week  trajectory.  Nominally, 
the  predicted  orbit  is  updated  twice  each  week  and  delivered  to  the  DSN  and  Green  Bank. 

Reconstructed  Filter  Strategy 

The  objective  of  trajectory  reconstruction  is  to  determine  the  best  local  fit  within  the 
data  arc.  Reconstructed  solutions  are  initiated  using  the  results  of  the  predicted  filter 
strategy.  There  are  several  advantages  gained  in  starting  from  the  solution  obtained  by 
the  predicted  filter  strategy,  namely,  (1)  easy  setup  (same  data  arc);  (2)  updated  dynamic 
models  (i.e.,  estimates);  (3)  un-corrupted  observables;  and  (4)  reduced  nonlinearities.  Using 
the  same  data  arc  as  the  predicted  filter  strategy,  a stochastic  process  can  be  utilized  to 
refine  the  spacecraft  ephemeris. 

Typically,  the  reconstructed  orbit  is  determined  by  fitting  a data  arc  of  6 days  while 
maintaining  a two  to  three  day  overlap  between  the  data  arcs  of  each  reconstructed  orbit. 
Position  and  velocity  differences  in  the  overlapping  data  arcs  are  used  as  a measure  of 
the  solution  accuracy.  Orbit  reconstruction  uses  a batch-sequential  filter  (subsequently 
referred  to  as  reconstructed  filter  strategy ) and  smoother  driven  by  process  noise  to  reduce 
the  sensitivity  of  orbit  solutions  to  dynamic  mismodelling  effects.  The  reconstructed  filter 
strategy  features:  (1)  a six  day  data  arc;  (2)  three  hour  batches;  (3)  epoch  state  formulation; 
and  (4)  stochastic  three  dimensional  acceleration  estimation  (see  Table  2,  column  3).  A 
Markov  first  order  colored  noise  model  is  used  for  stochastic  process  noise  with  a constant 
value  assumed  in  each  batch  interval  and  a three  day  correlation  time. 

The  process  noise  sigma,  o,  can  be  expressed  in  terms  of  the  steady  state  sigma,  ass  , 
the  batch  length  ST,  and  the  correlation  time,  r,  of  the  form 

cr  = crss\]l  - e~2STlT  (3) 

Optimum  smoothed  estimates  are  determined  by  a batch-sequential  filter/smoother  algo- 
rithm developed  by  Bierman  (Ref.  11).  Reconstructed  orbits  are  delivered  weekly  covering 
the  7 day  period  of  the  previous  week. 

Table  2 summarizes  the  estimated  parameters  in  the  predicted  and  reconstructed  fil- 
ter strategies.  The  dynamic  parameters,  solar  pressure  and  atmospheric  drag  coefficients 
are  estimated  as  constant  parameters  in  the  predicted  filter  and  updated  later  in  the  recon- 
structed filter.  Typically,  for  a six  day  data  arc,  three  hour  batches  and  three  day  correlation 
times  are  used  in  the  HALCA  reconstructed  filter  strategy.  For  simplicity  and  efficiency, 
three  dimensional  accelerations  are  estimated  as  stochastic  parameters.  It  has  been  proven 
that  this  simple  design  is  adequate  to  absorb  the  dynamic  mismodellings. 

Figure  3 illustrates  the  iteration  procedure  for  the  correlated  stochastic  process.  The 
process  noise  time  update  is  performed  at  the  end  of  each  batch  and  the  pseudo-epoch 
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Figure  3:  Stochastic  Iteration  Block  Diagram 


state  Xk  and  the  process  noise  (stochastic)  parameters  Pk  are  mapped  to  batch  ( k ■+-  1). 
The  smoothing  coefficients  (Ref.  12)  ( Cw,Cx,Cp)k+1 , are  also  generated  and  saved  for 
backward  smoothing.  The  symbol  " represents  parameters  updated  with  new  measure- 
ments. By  recursively  applying  the  measurement  updates  and  time  updates,  the  square 
root  information  filter  (SRIF)  matrix  for  the  last  batch,  n,  can  be  obtained.  Along  with  the 
estimates,  covariance,  and  smoothing  coefficients,  Bierman’s  improved  Rauch-Tung-Streibel 
(RTS)  smoothing  algorithm  is  then  applied  recursively  to  obtain  the  smoothed  epoch-state 
Xo  and  smoothed  process  noise  parameters  (Po  • • • PO-  The  symbol  ~ represents  backward 
smoothed  estimates,  4>p  is  the  state  transition  mapping  matrix,  M is  a diagonal  correlation 
matrix,  W is  filter  process  noise,  and  m is  the  number  of  stochastic  iterations.  Typically, 
convergence  of  the  stochastic  process  takes  three  to  five  iterations. 

NAVIGATION  RESULTS 

This  section  summarizes  the  orbit  determination  results  for  trajectory  prediction  and 
reconstruction  activities.  The  performance  of  the  estimation  strategies  is  illustrated  by 
plots  of  Doppler  residuals  and  estimated  values  of  selected  dynamical  constants.  Plots  of 
position  and  velocity  differences  during  overlapping  segments  of  reconstructed  trajectories 
are  also  used  as  a means  for  evaluating  the  accuracy  of  these  orbits. 

Prediction  Results 

For  the  predicted  strategy,  constant  values  are  estimated  for  the  drag,  Cd,  and  solar 
pressure  reflectivity  parameters  m and  i/,-,  for  selected  components.  These  estimates  are 
compromised,  however,  due  to  limitations  in  the  ability  to  update  the  effective  area  as 
the  spacecraft  orientation  changes.  Figure  4(a)  plots  the  history  of  the  atmospheric  drag 
coefficient  estimates,  Cd,  for  a five  month  span.  The  secular  trend  may  be  attributed 
to  seasonal  changes.  The  fluctuations  may  be  due  to  (1)  short  term  atmospheric  density 
changes,  (2)  compromised  effective  antenna  transparency  values  as  described  above  and/or, 
(3)  incorrect  spacecraft  attitude  information. 

Similarly,  Figure  4(b)  plots  the  history  of  estimates  for  the  solar  radiation  coefficient 
of  the  solar  panels.  The  mean  value  of  specular  reflectivity  coefficient  is  about  0.35.  The 
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(a)  (b) 


Figure  4:  Estimated  Values  of  Atmospheric  Drag  Coefficient  Cd(cl ) and  Solar  Panel  Radi- 
ation Coefficient  n(b) 


Figure  5:  Predicted  Filter  Strategy,  Ku-band  Two-Way  Doppler  Post-Fit  Residuals(a)  and 
One- Week  Predicted  Residuals(i) 
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Figure  6:  Estimates  of  Stochastic  Acceleration,  km/ sec2 

spikes  from  the  middle  of  September  through  the  middle  of  October  are  caused  by  incorrect 
attitude  information.  The  fluctuations  may  reflect  the  effective  antenna  area  mismodefling 
described  above. 

Figure  5(a)  shows  typical  post-fit  Doppler  residuals  from  the  predicted  filter  strat- 
egy. Tracking  data  is  from  multiple  tracking  stations.  The  data  signatures  imply  dynamic 
mismodelling  is  still  present.  As  discussed  in  previous  sections,  the  main  purpose  of  this 
strategy  is  not  to  obtain  a perfect  local  fit,  but  to  obtain  reasonable  global  estimates  of 
spacecraft  constants  which  can  be  used  to  generate  a one-week  satellite  ephemeris  that  will 
meet  the  accuracy  requirements. 

Figure  5(b)  shows  typical  predicted  Doppler  residuals  for  one  week.  Over  this  span 
the  mean  residual  is  80  mm/sec  with  the  maximum  deviations  occurring  near  periapsis  (for 
Ku-band  two-way  Doppler,  1 mm /sec  = 0.0947'  Hz).  The  standard  procedure  is  to  update 
the  predicts  every  three  or  four  days,  in  which  case  the  mean  residual  is  about  40  mm/sec. 

Reconstruction  Results 

To  meet  the  more  stringent  orbit  accuracy  requirements  for  the  reconstructed  orbit,  a 
filter  strategy  using  stochastic  processes  is  employed  to  obtain  the  best  possible  local  fit. 
These  processes  are  estimated  as  accelerations  along  the  spacecraft  X,  Y,  and  Z directions. 

The  function  of  the  stochastic  processes  is  to  absorb  dynamical  effects  of:  (1)  unmodeled 
spacecraft  orientation,  particularly  in  the  intervals  when  the  antenna  is  moving  from  one 
celestial  source  to  another;  (2)  mismodeled  spacecraft  attitude  due  to  antenna  area  uncer- 
tainty and  incorrect  attitude  information;  (3)  short  term  dynamic  perturbations,  especially 
atmospheric  density  fluctuations,  higher  order  nonspherical  geopotential  mismodellings,  and 
other  unmodeled  small  accelerations.  A history  of  stochastic  acceleration  is  shown  in  Figure 
6.  The  large  initial  biases  in  the  September  1997  estimates,  were  due  to  an  interval  in  which 
there  was  no  tracking  data.  Recall  that  the  initial  setup  of  reconstructed  filter  strategy 
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Figure  7:  Reconstructed  Filter  Ku-band  Two-Way  Doppler  Residuals 


(*)  0>) 

Figure  8:  Reconstructed  Trajectory  Relative  Errors  along  the  observing  direction 

inherits  the  results  of  predicted  filter  strategy.  For  instance,  Figure  5(a)  shows  the  post-fit 
Doppler  residuals  of  the  predicted  filter  strategy  and  it  also  represents  pre-fit  residuals  of 
a reconstructed  case.  Figure  7 shows  the  post-fit  reconstructed  Doppler  residuals  for  this 
case.  Obviously,  the  reconstructed  filter  strategy  has  significantly  improved  the  local  fit  by 
a factor  of  5.  All  tracking  data  is  compressed  to  60  second  count  time  except  for  the  one 
pass  with  the  largest  data  noise  which  is  1 second.  Normally,  0.1  mm/sec  data  noise  is 
expected  for  a count  time  of  60  seconds. 

Evaluation  of  the  reconstructed  accuracy  is  based  on  differencing  the  overlapping  seg- 
ment of  two  reconstructed  trajectories.  Figure  8 shows  the  relative  errors  for  a typical 
week.  The  symbol  I — I indicates  spans  corresponding  to  navigation  only  passes  or  passes 
in  which  science  observations  are  collected.  The  peaks  in  the  plot  correspond  to  periapsis 
and  apoapsis.  The  maximum  relative  position  error  is  8 meters  and  the  maximum  relative 
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Figure  9:  Maximum  Reconstruction  Errors 
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error  is  2 mm/ sec  for  this  case.  Figure  9 plots  the  estimate  of  the  maximum  reconstructed 
orbit  errors  for  a five  month  span.  The  maximum  position  error  is  approximately  20  meters 
and  the  maximum  velocity  error  6 mm/sec.  It  should  be  noted  that  the  maximum  errors 
(ie.  the  spikes  in  Fig  9)  correspond  to  either  time  spans  in  which  there  is  no  tracking 
data  or  periods  for  which  the  spacecraft  attitude  is  unknown.  The  most  critical  test  of 
the  reconstructed  orbit  accuracy  is  the  use  of  the  orbit  for  the  VLBI  correlation  process. 
Exceeding  the  requirements  would  result  in  a failure  to  correlate  the  VLBI  data  collected 
at  the  spacecraft  or  in  excessive  correlator  run  times.  The  successful  trouble-free  use  of  the 
reconstructed  orbits  at  the  correlator  is  another  demonstration  of  the  ability  to  satisfy  the 
accuracy  requirements. 


CONCLUSIONS 

HALCA  is  the  first  mission  to  extend  VLBI  techniques  to  incorporate  an  observing 
antenna  in  Earth  orbit.  The  stringent  orbit  accuracy  requirements  for  an  orbiting  VLBI 
antenna  were  satisfied  by  developing  a detailed  model  of  the  spacecraft  structure  to  model 
the  drag  and  solar  pressure  accelerations  and  by  developing  filter  strategies  which  reduced 
the  sensitivity  to  these  effects. 

For  orbit  prediction  the  best  strategy  was  determined  to  be  a simple  batch  filter  which 
estimated  the  spacecraft  state  and  constrained  the  estimates  of  the  solar  pressure  and  drag 
parameters.  For  the  reconstructed  orbit,  a batch  sequential  filter/smoother  was  required, 
in  which  stochastic  accelerations  were  estimated  in  place  of  drag  and  solar  pressure.  The 
accuracy  of  the  orbit  was  limited  by:  (1)  the  lack  of  continuous  tracking  passes;  (2)  incorrect 
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or  incomplete  knowledge  of  the  spacecraft  orientation;  and  (3)  the  absence  of  the  data  in 
the  vicinity  of  perigee.  The  YLBI  correlation  process,  which  is  very  sensitive  to  any  errors 
in  the  orbit  estimates,  was  able  to  successfully  utilize  the  reconstructed  orbits  to  produce 
the  expected  high  resolution  images  of  the  observed  sources.  The  modeling  and  filtering 
strategies  developed  for  HALCA  are  expected  to  be  useful  for  application  to  other  missions 
such  as  Russian  Radioastron  VLBI  mission  and  the  Space  Interferometry  Mission  which 
have  stringent  navigation  accuracy  requirements  and  complex  spacecraft  dynamics. 
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REENTRY  PREDICTION  METHOD  USING 
PLURAL  TWO  LINE  ELEMENTS 


Hiroyuki  Konnof  , Toru  Tajima1,  Masao  Hirota+ 

The  uncontrolled  reentry  of  space  objects  is  one  of  the  serious 
problems  that  the  space  agencies  in  the  world  face.  This  pa- 
per presents  a new  reentry  prediction  method,  which  esti- 
mates the  reentry  time  using  multiple  sets  of  orbital 
information  and  an  error-propagation  model. 

In  the  low-altitude  orbit,  the  dominant  perturbing  force  for 
object’s  motion  is  air  drag.  Analyzing  how  the  air  drag  affects 
the  accuracy  of  the  orbit  propagation,  we  constructed  an  er- 
ror-propagation model.  Combining  the  multiple  orbital  in- 
formation with  this  model,  this  method  estimates  the  optimal 
air  drag  and  predicts  a reentry  time  accurately. 

To  demonstrate  the  performance  of  this  method,  a reentry 
prediction  experiment  was  performed.  The  experimental  pre- 
diction took  an  example  of  the  Chinese  satellite  FSW1  that 
actually  reentered  on  12  March,  1996.  Results  show  that  the 
method  can  provide  accurate  predictions  of  reentry  time. 

INTRODUCTION 

Recently,  the  atmospheric  reentry  of  the  risk  objects  has  been  con- 
sidered as  a consequential  problem  for  which  immediate  measures 
should  be  taken.  The  high-risk  reentry  event  is  defined  as  (a)  the  reen- 
try event  that  may  result  in  radioactive  contamination,  and  (b)  the  re- 
entry event  in  which  a reentry  object  may  survive  to  cause  a significant 
damage  (Ref.  1).  When  such  an  event  is  going  to  occur,  every  space 
agency  is  supposed  to  share  the  information  of  the  reentry  object  and 
predict  the  reentry  time  and  the  location  of  impact.  To  accomplish  this 
requirement,  some  agencies  have  already  organized  reentry  prediction 
teams  (Ref.2  and  3).  A major  activity  has  been  carried  out  by  the  United 
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States.  The  U.S.  Space  Command  (USSpaceCom)  periodically  monitors 
more  than  8,000  space  objects  using  space  surveillance  sensors,  and 
determines  their  orbits  (Ref.4).  In  the  case  of  reentry,  they  perform 
reentry  prediction  based  on  these  observation.  The  National  Aeronau- 
tics and  Space  Administration  (NASA)  also  releases  the  reentry  infor- 
mation in  addition  to  the  orbital  information. 

On  the  other  hand,  space  agencies  which  do  not  possess  sensors 
capable  of  continuous  observation  have  to  predict  reentry  time  based  on 
the  orbital  data  provided  by  other  space  agencies  (Ref.5  and  6).  Euro- 
pean Space  Agency  (ESA)  has  a system  that  predicts  reentry  time  by 
processing  other  agencies’  orbital  data  such  as  Tow  Line  Elements 
(TLE)  from  USSpaceCom  and  orbit  determination  results  from  USSR 
(Ref.5).  For  the  high-quality  prediction,  this  system  uses  an  accurate  air 
density  model  and  an  accurate  drag  coefficient  which  is  well  fitted  to  the 
semi-major  axis  reduction  history. 

This  paper  describes  a prediction  method  that  estimates  reentry 
time  using  multiple  sets  of  TLE.  To  predict  the  reentry  time  accurately, 
this  method  performs  an  estimation  of  an  optimal  air  drag  and  a 
modification  of  TLE. 

Consider  an  object  in  a low  orbit.  Air  drag  mainly  causes  its  alti- 
tude decrease.  Therefore,  an  accurate  reentry  prediction  requires  accu- 
rate air  drag  estimation.  To  deal  with  the  uncertainty  of  air  drag,  we 
define  a parameter  “pi”,  which  involves  all  the  errors  related  to  air  drag 
and  adjusts  these  errors  in  the  numerical  integration  for  orbit  propaga- 
tion. Based  on  the  analysis  of  the  way  how  the  error  of  p\  and  the  error 
of  the  initial  orbit  affect  the  precision  of  the  propagated  orbit,  an  er- 
ror-propagation model  is  derived.  Combining  the  plural  sets  of  TLE 
with  the  error-propagation  model,  this  method  estimates  the  pi  error 
and  the  initial  orbit  error.  Using  the  improved  values  with  these  errors, 
the  accurate  reentry  time  is  predicted. 

Presented  below  are  a definition  of  pi,  an  error-propagation  model, 
a reentry  prediction  algorithm,  and  a reentry  prediction  experiment. 
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DEFINITION  OF  Pl 

The  acceleration  by  air  drag  vd  is  expressed  as 
Vd  = -B-pV2,  (1) 


where  p is  the  air  density  at  an  object’s  position,  Fis  the  velocity  of  the 
object,  and  Bis  the  ballistic  parameter.  B is  expressed  as 


(2) 


where  CWis  the  drag  coefficient,  A is  the  effective  cross-section,  and  Afis 
the  mass.  The  ballistic  parameter  B includes  the  uncertainties  of  the 
physical  characteristics  and  the  attitude  of  the  object.  The  p has  a mod- 
eling error  of  air  density.  The  errors  in  B and  p are  major  error  sources 
of  air  drag,  and  mainly  causes  an  orbit  propagation  error. 

In  this  method,  the  parameter  pi  is  defined  to  handle  these  errors 
simultaneously.  Eq.(l)  is  reformulated  to 


K = -B-p-(  1 + Pl)-V2  . 


(3) 


This  equation  makes  the  pi  represent  the  major  errors  related  to  air 
drag. 

ERROR-PROPAGATION  MODEL 

In  the  orbit  propagation,  the  effect  of  air-drag  error  mainly  appears 
as  an  error  of  propagated  orbital  position  in  the  forward  direction.  In 
addition  to  air  drag,  the  accuracy  of  the  initial  orbit,  from  which  the 
orbit  is  propagated,  affects  the  accuracy  of  the  propagated  orbital  posi- 
tion. Therefore,  an  error-propagation  model  expresses  a relationship 
between  the  propagated  orbit  position,  air  drag,  and  the  initial  orbit. 

This  section  describes  a set  of  assumptions  made  for  the  model  and 
gives  a detailed  explanation  of  the  model. 
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Assumptions 

In  order  to  avoid  an  excessive  complication,  three  assumptions  are 
made. 

Assumptions  Air  drag  error  is  constant 

The  acceleration  by  actual  air  drag  (Eq.(3))  varies  at  every  instant, 
depending  on  the  air  density,  the  attitude  of  the  object,  and  so  on.  This 
means  that  the  air-drag  error  is  not  constant.  However,  the  variations 
mentioned  above  occur  due  to  complicated  physical  phenomena  so  that 
it  is  difficult  to  model  the  continuous  variation  of  air  drag.  Therefore, 
this  method  assumes  that  the  air  drag  error  is  constant  in  the  consid- 
ered duration. 

Assumption2:  Neglecting  the  impact  of  change  in  semi-major  axis 

The  decrease  of  a semi-major  axis  changes  various  physical  quanti- 
ties such  as  the  object  velocity  and  the  air  density.  When  we  estimate 
the  model  the  variations  due  to  the  decrease  of  the  semi-major  axis  are 
neglected  in  the  considered  period  for  convenience.  In  reality,  if  a 
semi-major  axis  decreases  by  60km,  the  percentage  of  the  change  is  less 
than  1%  (Note  that  the  semi-major  axis  is  at  least  more  than  6,380km). 
Therefore,  neglecting  the  impact  due  to  the  reduction  of  semi-major  axis 
has  little  effect  on  the  accuracy  of  the  reentry  prediction,  compared  with 
other  error  sources. 

Assumption  3:  The  object  is  in  a circular  orbit 

This  method  assumes  that  an  object  is  in  a circular  orbit.  If  we 
combine  this  assumption  and  Assumption  2,  air  drag  can  be  assumed  to 
be  constant  in  the  considered  duration. 

Establish  an  error-propagation  model 

This  method  pays  attention  to  how  an  air-drag  error  and  an  initial 
orbit  error  have  an  effect  on  a propagated  orbital  position.  The  accelera- 
tion by  air  drag  is  expressed  by  Eq.(3).  Assuming  that  only  air  drag 
causes  a change  in  the  object’s  velocity,  we  have 


AF=  VdM, 


(4) 
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where  A Vis  the  variation  in  the  object’s  velocity.  On  the  other  hand,  the 
Vis-Viva’s  formula  is 


(5) 


where  p is  the  gravitational  constant  of  the  Earth,  r is  the  geocentric 
radius,  a is  the  semi-major  axis.  Assuming  that  the  acceleration  by  air 
drag  immediately  affects  the  orbit  in  every  At,  Eq(5)  can  be  partially 
differentiated  with  respect  to  the  a while  fixing  the  position  where  the 
change  in  velocity  occurs.  That  is. 


2V 


dV 


da 


r -constant 


_ _Af_ 
a2 


(6) 


Based  on  Eqs.(4)  and  (6),  the  change  of  the  a is  expressed  by  the  follow- 
ing relationships: 


Aa  = 


a = 


2 a2V 
A4 

2a2V 

A4 


A V , 


K ■ 


(7) 


Combining  Eqs.(3)  and  (7), 

2a2V3 

a = -Bp{l  + px) . (8) 

A4 

Assumption  2 neglects  every  variations  caused  by  the  reduction  of  the  a. 
Therefore,  Eq.(8)  is  approximately  constant. 

9n2V3 

-Bp = constant  . (9) 

A4 
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Therefore,  the  error  of  the  pi  (i.e.,Api)  is  in  proportion  to  the  error  of  the 
a . 


Ad  sc  A px  . 


(10) 


Next,  assuming  that  the  object  is  in  a circular  orbit  (Assumption  3), 
its  orbital  position  in  the  forward  direction  is  equal  to  the  mean  anom- 
aly. The  following  relationship  is  derived. 


<t>  = 


where  $ is  the  orbital  position  in  the  forward  direction.  Differentiating 
this  equation  with  respect  to  a,  the  relationship  between  the  error  in  a 
and  the  error  in  <p  is  given  by 


A tp  = - 


3 

2 


(ID 


Based  on  Assumption  2,  the  coefficient  of  Eq.(ll)  is  approximately  con- 
stant and  the  following  relationship  is  derived. 

A <p  sc  Ad  (12) 

Combining  Eqs.(10)  and  (12), 

A 4>  * Ap:  . (13) 

Assumption  1 yields  Api  to  be  constant.  Therefore,  integration  of  this 
differential  equation  results  in  the  error  of  the  propagated  orbital  posi- 
tion, which  is  expressed  as  a quadratic  function  of  propagation  time: 

A <p(t)  = C0  + C1t  + C2t2  . (14) 

The  A <p(t)  is  calculated  as  the  difference  between  the  propagated  orbital 
position,  that  has  some  errors,  and  the  determined  orbit  position,  that  is 
a real  value.  The  least  square  method  estimates  the  coefficients  ( Co~ Ci) 
by  using  multiple  sets  (more  than  three  sets)  of  the  propagation  time 
and  the  A <p{t ). 
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The  following  subsections  explain  the  relationships  between  the 
coefficients  {Co~  Cz)  and  the  sources  of  the  orbital  position  error  A (p(t ): 
the  error  in  the  pi  (Api),  the  error  in  the  initial  semi-major  axis 
(expressed  as  A ay),  and  the  error  in  the  initial  orbital  position 
(expressed  as  A$y). 

Relationship  between  Co  and  A <jn : 

The  A0;  corresponds  to  the  error  in  the  orbital  position  at  the  initial 
time  ( t-  0).  Based  on  Eq.(14),  it  is  given  by 

A0(O)  = A <pi=  C0  . (15) 

Relationship  between  C\  and  A a, : 

The  Aay  corresponds  to  the  error  in  the  semi-major  axis  at  the  initial 
time  (t  = 0).  Based  on  Eqs.(ll)  and  (14),  it  is  derived  as 

A*(0)  = C,  = -§  . 


Therefore, 


A ay  = 


(16) 


Relationship  between  Cz  and  Api : 

Eqs.(13)  and  (14)  yields 

A$(0)  = 2C'2ocAp1  . (17) 

The  proportional  coefficient  between  the  Cz  and  the  Api  (i.e.,  Eq.(9)) 
depends  on  an  internal  calculation  method  which  is  used  in  an  orbit 
propagator.  Therefore,  it  can  not  be  formulated  easily.  Instead,  this 
method  calculates  the  Api  by  using  a differential  coefficient  of  Cz  and  pi: 

dC2  _ C2(Pi  + £)  ~ £q(Pi) 

dpi  e 

Apl=  ~dC^Cl  ’ 

dpi 


(18) 

(19) 
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where  C2(pi)  is  the  C2  that  is  estimated  by  using  an  arbitrary  value  as 
the  pi.  C2(pi+e  ) is  estimated  by  using  the  pi+e  that  is  obtained  from 
varying  the  pi  by  an  infinitely  small  amount. 

REENTRY  PREDICTION  ALGORITHM 

This  section  describes  the  reentry  prediction  algorithm  that  uses 
the  error-propagation  model  and  plural  TLE  data. 

1.  Obtain  n sets  of  TLE  (ns  4)  and  exchange  the  orbit  type  from  mean 
orbital  element  to  osculate  orbital  element1  . The  TLE  that  has 
the  newest  epoch  time  is  regarded  as  an  initial  orbit  (Initial  TLE) 
and  the  others  are  regarded  as  data  orbits  (Data  TLE). 

2.  Assume  an  arbitrary  value  as  an  initial  pi,  propagate  the  Initial 
TLE  to  each  Data  TLE’s  epoch  time,  and  calculate  the  difference  of 
the  orbital  positions:  A (pi  (k  =1,2, 

3.  Substitute  these  A <pk  in  the  error-propagation  model  (Eq.(14))  and 
estimate  the  coefficients  ( Co~  C2)  with  the  least  square  method. 

4.  Estimate  Aay  and  A0y  based  on  the  Eqs.(15)  and  (16). 

5.  Change  the  pi  by  a minute  amount  (pi+e)  and  conduct  the  process 
2,  3,  and  4 over  again. 

6.  Estimate  Api  by  substituting  the  pair  of  C2  into  Eqs.(18)  and  (19), 
and  calculate  an  optimal  pi  (=  pi-Api). 

7.  Improve  the  initial  orbit  with  A ay  and  A (pi,  and  propagate  the  im- 
proved orbit  to  the  reentry  time  using  the  optimal  pi. 

Principal  features  of  this  method  are  that  the  error-propagation 
model  estimates  the  air-drag  error  (Api)  and  the  initial  orbit  error  (Aay 
and  A0y)  as  the  origins  of  the  propagated  orbital  position  error  (A  <p(t)), 
and  that  the  statistical  processing  of  a large  amount  of  orbital  data 
provides  stable  results  that  are  not  influenced  by  the  uncertainty  of 
individual  orbital  data. 


1 The  orbit  propagation  considered  in  this  method  is  based  on  the  special  perturbation 
method.  Therefore,  TLE,  that  is  the  mean  orbital  element,  has  to  be  transformed  into  the 
osculate  orbital  element. 
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EXPERIMENT 

A reentry  prediction  experiment  was  conducted  to  examine  the  per- 
formance of  the  presented  method.  This  experiment  uses  an  example  of 
the  Chinese  satellite  (FSWl)  whose  orbit  actually  decayed  into  atmos- 
phere over  the  Southern  Atlantic  Ocean  on  12  March,  1996.  The  reentry 
time  that  was  officially  announced  is  4:05  UTC  of  12  March,  1996 
(Ref. 7).  The  solar  activity  remained  stable  during  the  last  months  of  its 
lifetime. 

This  section  describes  an  experimental  procedure  and  discusses 
results. 

Experimental  procedure 

In  this  experiment,  four  cases  were  simulated:  the  reentry  predic- 
tion at  6 days  before  the  reentry  (Casel),  5 days  before  the  reentry 
(Case2),  3 days  before  the  reentry  (Case3),  and  just  before  the  reentry 
(Case4).  For  each  case,  10  sets  of  TLE  (one  of  then  is  Initial  TLE  and  the 
others  are  Data  TLE)  were  selected.  Table  1 shows  the  TLE  sets  used  in 
each  case.  The  physical  parameters  of  the  satellite  were  assumed  as 
Cd=2.5,  A=6  (m2),  and  M=1000  (kg).  This  method  requires  two  values  for 
initial  pi’s.  In  the  experiment,  pi  =0  and  pi+e  = -0.5  were  used  as  the 
initial  pi.  Two  initial  pi’s  provide  two  sets  of  A (pk  ( k =1,2,.. .,9),  which 
result  in  two  set  of  Co~C2-  In  the  experiment,  the  set  of  Co~C2  derived 
from  the  smaller  A (pk  was  used  to  estimate  Aay  and  A0y. 


Table  1 : TLE  sets  used  for  each  case 


Case 

Prediction  Date 
(Days  to  Reentry) 

Data  TLE 
Duration 

Initial  TLE 
Epoch 

1 

6 Mar.  (6days) 

Mar.  4-6 

6 Mar.  at  12:28 

2 

7 Mar.  (5days) 

Mar.  5-7 

7 Mar.  at  12:21 

3 

9 Mar.  (3days) 

Mar.  5-9 

9 Mar.  at  11:55 

4 

11  Mar.  (5hours) 

Mar. 10-11 

11  Mar.  at  22:50 

Discussion  of  results 

Table  2 shows  the  estimated  values  (pi,  A ay,  and  A <p,).  Figure  1 
shows  the  prediction  error  corresponding  to  each  case.  Figure  2 shows 
the  ratio  of  the  prediction  error  and  the  propagation  run-time. 
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The  maximum  prediction  error  is  2.8hr..  The  maximum  error  ratio 
is  22%  and  the  average  error  ratio  is  6.7%.  In  particular,  the  predictions 
at  about  a week  prior  to  the  reentry  are  quite  good:  the  prediction  error 
of  0.2hr.  for  the  Casel  and  the  Case2. 

On  the  other  hand,  the  Figure  2 shows  a degradation  of  the  predic- 
tion performance  at  the  very  last  day  (Case4).  A comparison  of  the  esti- 
mated pi’s  shows  that  the  Case4  is  different  from  other  cases  (see  Table 
2).  This  suggests  that,  in  Case4,  the  prediction  method  failed  to  esti- 
mate the  pi.  The  following  subsections  examine  this  phenomena. 


Table  2:  Estimated  parameters 


Case 

Pi 

A ay  (km) 

A <pi  (deg) 

1 

-0.548 

-0.726 

0.253 

2 

-0.562 

0.139 

-0.028 

3 

-0.559 

-0.596 

0.524 

4 

-0.408 

-0.709 

0.010 

Prediction  Epoch  (Days  to 
Reentry) 


Prediction  Epoch  (Days  to 
Reentry) 


Figure  1:  Prediction  error  Figure  2:  Prediction  error  ratio 


Analysis  of  TLE  data  quality 

If  there  are  some  sets  of  Data  TLE  which  have  low  grade  precision 
compared  with  other  sets,  such  sets  have  an  undesirable  effect  on  the 
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estimation  of  the  A <p(t)  curve  (Eq.(14)).  Moreover,  the  precision  of  the 
estimated  pi  is  deteriorated.  To  confirm  the  existence  of  the  low-quality 
data,  Figure  3 shows  the  A0jt(k=l,2,...,9)  overlapped  with  the  estimated 
A0(t)  curve.  As  Figure  3 shows,  for  all  the  cases,  the  A0jts(k=l,2,...,9 ) are 
completely  fitted  to  the  curves,  and  no  low-quality  data  is  observed. 
Therefore,  the  possibility  that  the  low-quality  Data  TLE  affected  the  pi 
estimation  is  not  the  case  here. 


estimated  curve 

3 A 0k 


Case  1 


propagation  run-time  t (day) 
Case  2 


+ 


43- 


propagation  run-time  t (day) 
Case  3 


Case  4 


Figure  3:  A <pk  overlapped  with  estimated  A0(t)  curve 


Effect  of  the  air  drag  changing 

This  method  assumes  the  air  drag  is  approximately  constant  within 
the  considered  duration  (Assumption  2 and  3).  However,  as  the  object’s 
altitude  decreases,  the  air  drag  gradually  increases.  Moreover,  the  in- 
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crease  rate  becomes  higher  at  a lower  altitude.  Case4  is  the  prediction 
just  before  the  reentry,  so  that  the  satellite  is  at  a very  low  altitude. 
Therefore,  for  the  Case4,  there  is  a possibility  that  air  drag  increased 
drastically  in  the  considered  duration. 

Table  3 shows  the  highest  and  the  lowest  altitudes  in  the  each 
case’s  Data  TLE  and  the  corresponding  air  densities.  The  air  densities 
are  estimated,  based  on  the  Jacchia-Roberts  air  density  model.  As  Table 
3 shows,  the  air  density  at  the  lowest  altitude  is  11.7  times  higher  than 
the  highest  altitude  in  the  Case4.  This  difference  is  significant,  com- 
pared with  other  cases.  It  suggests  that  a large  change  in  the  air  density 
invalidated  Assumption  2 and  results  in  the  poor  estimation  of  pi. 


Table  3:  Altitude  and  air  density 


Case 

Max.  Altitude  TLE 
Altitude  (km) 

Air  density  (xiO"nkg/m3) 

Mim.  Altitude  TLE 
Altitude  (km) 

Air  density  ( xio_11kg/m3) 

Density 

Change 

Rate 

1 

282.860 

267.132 

1.6 

1.0957 

1.7518 

2 

279.879 

256.210 

2.0 

1.1953 

2.4493 

3 

273.504 

229.743 

4.1 

1.4441 

6.0156 

4 

212.381 

159.253 

11.7 

11.575 

135.424 

Additional  experiment 

This  method  deals  with  the  multiple  Data  TLE  in  a certain  extent 
of  duration  statistically.  Therefore,  averaging  time-to-time  variations 
of  ballistic  parameter  error  and  air  density  error  should  result  in  the 
stable  pi.  The  estimated  pi’s  of  Casel~3  are,  indeed,  very  stable.  It  sug- 
gests that  these  pi’s  might  be  useful  for  the  prediction  just  before  the 
reentry. 

On  the  other  hand,  in  the  initial  orbit,  A ay  and  A (pi  are  small  for  all 
cases  (see  Table  2).  It  suggests  that  the  TLE  is  very  precise.  Therefore, 
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though  the  Initial  TLE  is  not  improved  with  A ay  and  A (pi,  the  result  is 
little  affected. 

Based  on  the  above  discussion,  an  additional  experiment  was  con- 
ducted to  reduce  the  prediction  error  of  Case4.  In  this  experiment,  the 
orbit  propagator  propagated  the  Case4’s  Initial  TLE  to  the  reentry  time. 
Its  calculation  used  the  mean  value  of  the  estimated  pi’s  of  Casel~3  as 
an  optimal  pi.  Table  4 shows  the  result.  As  Table  4 shows,  a more  accu- 
rate result  is  obtained,  compared  with  the  original  Case4. 


Table  4:  Result  of  additional  experiment 


pl 

Initial  Orbit 

Prediction  Error 

Error  Ratio 

(mean  of  Casel~3) 

(hour) 

(%) 

-0.556 

Case4  Initial  TLE 

0.1 

2.0 

CONCLUSION 

This  paper  described  the  reentry  prediction  method.  Processing 
plural  sets  of  TLE  with  an  error-propagation  model,  this  method  esti- 
mates the  optimal  pi  that  is  viable  for  the  accurate  reentry  prediction. 
An  experiment  shows  that  the  method  provides  the  high  quality  results, 
especially  when  it  is  performed  with  the  data  of  days  before  the  reentry. 

The  experiment  also  shows  that  the  estimation  gradually  deterio- 
rates just  before  the  reentry.  The  reason  is  surmised  that  the  drastic 
variation  of  air  drag  due  to  the  object’s  altitude  decrease  makes  the 
model’s  assumption  invalid.  However,  the  very  last  day’s  prediction  can 
be  improved  by  using  pi’s  that  have  been  estimated  in  the  earlier  pre- 
diction. 

National  Space  Development  Agency  of  Japan  (NASDA)  plans  to 
implement  this  method  in  the  Space  Debris  Orbit  Analysis  Test  System 
(Ref.8).  To  obtain  some  know-how  of  the  reentry  prediction,  the  actual 
prediction  work  is  necessary.  By  accumulating  the  prediction  experi- 
ences and  improving  the  method  based  on  the  experiences,  we  expect 
this  method  to  contribute  the  world-wide  reentry  prediction  activities  in 
near  future. 
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EUVE  Reaction  Wheel  Assembly  Calibration 
for  Improved  Spacecraft  Slews 
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An  innovative  approach  to  reaction  wheel  assembly  (RWA)  calibration  has  re- 
sulted in  improved  slew  performance  of  the  Extreme  Ultra-violet  Explorer  (EUVE) 
spacecraft.  Calibration  tests  were  performed  using  an  approach  which  allows  the 
science  mission  to  proceed  without  interruption  and  unaffected  by  the  tests.  The 
parameter  calibrated  was  the  RWA  torque  command  scale  factor.  Spacecraft 
slews  confirm  improved  performance  using  the  calibrated  scale  factor. 

The  EUVE  spacecraft  was  launched  in  June  1992.  During  the  in-orbit  check- 
out the  RWA  scale  factors  were  calibrated  based  on  data  taken  during  spacecraft 
slews.  However,  the  accuracy  of  the  scale  factor  calibration  was  affected  by  un- 
certainties in  spacecraft  inertia,  structural  dynamics,  attitude  determination,  and 
RWA  drag  variation  with  wheel  speed.  To  separate  the  command  scale  factor 
from  other  parameters  effecting  slews  a novel  in-flight  testing  approach  was  de- 
veloped. EUVE  has  four  RWAs,  three  of  which  are  used  for  attitude  control  at 
any  given  time.  The  extra  degree  of  control  freedom  afforded  by  the  fourth  RWA 
is  used  to  issue  torque  commands  to  all  RWAs  in  such  a way  that  the  net  torque 
on  the  spacecraft  is  zero.  Thus,  spacecraft  inertia  and  structural  dynamics  un- 
certainty are  eliminated  from  the  calibration  process.  The  change  in  RWA  mo- 
menta as  observed  by  the  wheel  tachometer  is  used  to  derive  the  torque  com- 
mand scale  factors.  Since  attitude  determination  information  is  not  used,  it  too  is 
eliminated  as  a source  of  errors.  To  separate  effects  due  to  drag,  the  drag  varia- 
tion with  wheel  speed  is  calibrated.  By  disabling  commands  to  a given  RWA,  the 
RWA  is  allowed  to  coast  down  under  the  sole  influence  of  drag  while  the  other 
RWAs  maintain  control  of  the  spacecraft.  Drag  is  deduced  from  the  slope  of  the 
momentum  versus  time. 

The  tests  were  performed  with  minimal  burden  on  the  flight  operations.  More 
importantly,  the  science  mission  was  able  to  proceed  completely  unaffected  by 
the  RWA  calibration  test.  This  salient  feature  of  the  tests  is  due  to  the  use  of  the 
extra  degree  of  control  freedom  afforded  by  four  RWAs  to  exercise  them  ac- 
cording to  a tell  tale  scenario  while  imparting  zero  net  torque  onto  the  spacecraft. 

This  paper  presents  the  test  plan  and  data  reduction  methods  used  to  cali- 
brate the  RWAs.  The  resulting  scale  factors  are  compared  with  those  found 
during  RWA  testing  in  the  factory  and  with  the  baseline  scale  factors  found  from 
calibration  slews  performed  a few  weeks  after  launch.  For  completeness,  drag  is 
plotted  versus  wheel  speed  as  deduced  from  in-flight  data  for  one  of  the  four 
RWAs.  A comparison  is  made  between  slews  performed  using  the  baseline 
scale  factors  and  those  found  using  the  calibration  approach  given  herein. 
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INTRODUCTION 

Slews  are  an  important  part  of  many  spacecraft  missions.  Typically,  payload  fields  of  view 
are  a small  fraction  of  the  observational  field  of  interest.  Therefore  maneuvers  are  required  to 
collect  data  from  disperse  targets.  It  is  desirable  to  minimize  the  time  spent  to  maneuver  in  order 
to  allow  more  time  for  observation.  Indeed,  for  some  missions  time  is  of  the  essence  since  the 
targets  of  interest  may  be  fleeting.  “Slew”  is  the  general  term  given  to  maneuvers  which  rapidly 
reposition  the  payload  field  of  view  without  regard  to  collection  of  mission  data  during  the  ma- 
neuver. A slew  typically  has  four  phases:  acceleration,  coast,  deceleration,  and  settling.  This  pa- 
per discusses  a method  demonstrated  on  the  Extreme  Ultraviolet  Explorer  (EUVE)  spacecraft  to 
improve  the  slew  performance.  Specifically,  the  attitude  errors  due  to  uncertainty  in  reaction 
wheel  assembly  (RWA)  torque  command  scale  factors  and  bearing  drag  are  greatly  reduced  by  an 
innovative  RWA  calibration  technique  which  can  be  performed  without  impact  to  the  on-going 
science  mission. 

EUVE,  shown  in  Figure  1,  is  a NASA  spacecraft  which  was  launched  on  7 June  1992  into  a 
low  Earth  orbit  of  approximately  528  km  altitude  and  28.5°  inclination1 . Its  principal  mission 
was  completed  at  the  end  of  1995.  Rather  than  decommission  a healthy  spacecraft  which  could 
still  collect  valuable  science  data,  EUVE’s  operation  was  contracted  to  the  Center  for  EUV  As- 
trophysics at  the  University  of  California  Berkeley  under  a program  to  demonstrate  low  cost 
spacecraft  operation  and  to  provide  a flight  test  bed  for  spacecraft  design  and  performance  inves- 
tigations. 

EUVE  uses  a body  mounted  payload  to  make  astronomical  observations  in  the  extreme  ultra- 
violet band.  Four  RWAs  provide  fine  attitude  control  and  the  torque  required  to  perform  slews. 
As  shown  in  Figure  2,  three  of  the  RWAs  are  arranged  with  their  spin  axes  along  the  attitude 
control  X,  Y,  and  Z axes  respectively.  The  fourth  is  skewed  such  that  its  spin  axis  is  equi-angle 
from  the  control  axes.  Normally  all  four  RWAs  are  on.  The  net  system  momentum  is  maintained 
near  zero  using  magnetic  torquers  to  counter  environmental  torque.  The  momentum  of  the  skew 
RWA  is  held  at  a prescribed  level  to  act  as  “ballast”.  The  momenta  of  the  other  three  RWAs  are 
thereby  biased  away  from  zero  so  that  they  may  provide  control  torque  without  crossing  through 
zero  wheel  speed  thus  avoiding  the  disturbance  torque  caused  by  zero  crossings2'3. 
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Figure  1 Extreme  Ultra-Violet  Explorer 


Figure  2 Redundancy  allows  RWA  test- 
ing while  performing  the  mission 
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In  a manner  typical  of  many  spacecraft,  EUVE  performs  slews  to  re-position  the  payload  field 
of  view.  To  slew  the  spacecraft,  the  flight  software  generates  RWA  commands  consisting  of  a 
feed  forward  profile  and  a feedback  compensation.  The  scheme  described  in  Figure  3 generates 
the  feed  forward  profile4 . This  simple  scheme  accounts  for  the  spacecraft  inertia  matrix  and  the 
RWA  scale  factors.  A high  performance  slew  scheme  using  RWAs  must  account  for  these  and 
other  factors  summarized  in  Table  1. 

Ideally  the  feed  forward  profile  by  itself  should  result  in  a perfect  slew.  However,  imperfect 
knowledge  in  the  factors  in  Table  1,  or  a total  fading  to  account  for  them,  results  in  slew  errors. 
To  compensate  for  these  errors  feedback  is  employed.  In  doing  so,  the  quality  of  the  attitude  de- 
termination becomes  a factor.  The  two  most  important  aspects  of  the  attitude  determination  af- 
fecting the  slew  performance  is  the  gyroscope  scale  factors  and  feedback  latency.  Each  of  the 
factors  in  Table  1 are  discussed  below. 


Figure  3.  EUVE  Slew  Feed  Forward  Profile4  is  found 
by  first  determining  the  Euler  axis  e and  angle  0 which 
carries  the  initial  attitude  to  the  desired  final  attitude. 

An  acceleration  profile  a)  is  then  generated  which 
conforms  to  several  constraints:  its  second  integral 
equals  the  Euler  angle,  and  the  peak  RWA  torque  and 
momentum  required  to  achieve  the  slew  are  less  than 
specified  maxima.  Then  the  feed  forward  RWA  com- 
mand profile  Cp(t)  is  found  according  to: 

ap(t)=e  cipft) 

*p(t)  = J ap(t) 

Cp(t)  = S_1Tp(t) 

where  ctp  is  the  scalar  acceleration  profile,  e is  the  Euler 
axis,  J is  the  spacecraft  inertia  matrix,  -ip  is  the  torque 
profile,  and  S is  the  diagonal  matrix  of  RWA  torque 
command  scale  factors.  Body  rate  and  attitude  pro- 
files, b)  and  c),  are  generated  consistent  with  the  ac- 
celeration profile  to  act  as  a reference  for  the  attitude 
control  feedback,  which  is  used  to  compensate  for  slew 
errors. 


a)  acceleration  profile 


b)  body  rate  profile 


Table  1 Factors  Affecting  High  Performance  Slews 

Feedforward  Factors: 

• Spacecraft  main  body  and  movable  appendages  inertia  matrices 

• Structural  bending  dynamics 

• Stored  momentum 

• RWA  spin  axis  alignment 

• RWA  torque  command  scale  factor 

• RWA  drag 
Feedback  Factors: 

• Gyroscope  scale  factor 

• Feedback  latency 
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This  paper  focuses  on  slew  errors  due  to  RWA  scale  factor  and  drag  uncertainty  and  how  to 
reduce  these  errors  by  RWA  calibration.  Using  the  innovative  method  described  below,  the 
RWA  scale  factors  and  drag  are  easily  calibrated  in  flight  without  impact  to  the  on-going  mission. 
The  extra  degree  of  control  freedom  afforded  by  the  four  RWAs  is  exploited  to  exercise  a given 
RWA  according  to  a tell  tale  scenario  while  using  the  other  RWAs  to  maintain  three  axis  space- 
craft control.  To  measure  drag  versus  wheel  speed  all  four  RWAs  are  run-up  to  near  their  maxi- 
mum operational  speeds  in  such  a way  that  their  net  momentum  is  held  constant.  Then,  com- 
manding to  one  RWA  is  inhibited  allowing  it  to  coast  down  under  the  sole  influence  of  drag 
while  the  other  three  RWAs  maintain  attitude  control.  The  RWA  tachometer  telemetry  is  re- 
corded and  later  passed  through  a non-causal  filter  to  estimate  the  drag5. 

The  RWA  scale  factors  are  measured  using  torque  pulse  tests.  Simultaneous  torque  command 
pulses  are  sent  to  all  four  RWAs  such  that  the  net  torque  on  the  spacecraft  is  zero,  thereby  allow- 
ing the  mission  to  proceed  unaffected.  By  recording  the  commanded  torque  and  RWA  tachome- 
ter telemetry  as  a function  of  time  it  is  possible  to  extract  the  torque  scale  factor  for  each  RWA. 
The  tachometer  data  is  multiplied  by  the  wheel  inertia  to  find  the  RWA  momentum.  The  deliv- 
ered motor  torque  is  then  derived  from  the  slope  of  the  momentum  versus  time  (reaction  torque) 
and  from  knowledge  of  the  drag  versus  wheel  speed  gained  from  the  coast  down  tests.  A least 
squares  linear  fit  of  the  motor  torque  to  command  voltage  is  performed  to  find  the  scale  factor  for 
a given  RWA. 

It  is  possible  to  calibrate  RWA  scale  factors  using  momentum  and  torque  command  telemetry 
recorded  dining  initial  in-orbit  test  slews,  or  during  nominal  mission  slews.  In  this  way  the  scale 
factors  can  be  calibrated  without  impact  to  the  on-going  mission  and  without  any  special  RWA 
tests.  However,  with  such  an  approach  the  calibration  is  subject  to  happenstance  torque  levels, 
which  may  not  provide  information  rich  enough  to  yield  good  observability  of  the  scale  factors. 
Furthermore,  the  RWA  drag  torque  cannot  be  calibrated  from  slew  data,  and  knowledge  of  the 
drag  torque  is  needed  to  accurately  calibrate  the  scale  factors. 

After  the  initial  calibration  of  die  factors  affecting  slews,  RWA  scale  factor  calibration  offers 
the  greatest  benefit  to  maintaining  good  slew  performance.  The  RWA  scale  factors  are  subject  to 
change  as  electronics  age  in  space  flight.  Depending  on  exposure  and  susceptibility  to  radiation 
and  extreme  thermal  environments,  the  RWA  scale  factors  can  be  expected  to  change  as  much  as 
10%  over  the  life  of  a typical  mission6.  As  discussed  below,  the  other  factors  affecting  slews 
(Table  1)  may  require  in-flight  calibration  at  the  beginning  of  the  mission,  but  thereafter  remain 
constant  over  the  life  of  the  spacecraft. 

RWA  drag  must  be  modeled  as  part  of  a high  precision  slew  scheme  to  account  for  the  de- 
pendence of  drag  on  wheel  speed,  especially  when  the  wheel  speed  reverses  direction3 . It  is  best 
to  base  such  models  on  flight  data  since  drag  tests  conducted  in  the  factory  are  subject  to  influ- 
ences from  the  terrestrial  environment.  Gravity  and  atmospheric  pressure  on  the  RWA  housing 
affect  the  preload  on  the  bearings5'8  which  in  turn  affects  the  drag.  Also,  windage  due  to  the  at- 
mosphere surrounding  the  wheel  can  be  greater  on  the  ground  than  in  flight  where  the  RWA 
housing  is  vented  to  the  hard  vacuum  of  space.  Before  calibrating  the  drag  in-flight,  the  bearings 
must  be  allowed  to  “run-in”.  The  vibration  due  to  launch  will  disturb  the  bearing  lubrication 
causing  an  initially  elevated  level  of  drag.  After  a few  days  to  a few  weeks  of  operation,  de- 
pending on  wheel  speed,  the  drag  will  diminish.  Thereafter  the  drag  as  a function  of  wheel  speed 
will  remain  fairly  constant,  although  some  additional  run-in  may  be  observed  for  several  months 
or  more.3 

The  inertia  matrices  of  the  main  body  and  appendages  (e.g.  solar  arrays)  are  typically  cali- 
brated to  within  2%  during  spacecraft  integration  and  test.  The  calibration  may  be  refined  by  in- 
flight slew  tests7  to  within  a fraction  of  a percent  before  the  primary  mission  commences.  There- 
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after,  these  factors  remains  constant  throughout  the  life  of  the  spacecraft*,  and  hence  there  is  no 
need  to  re-calibrate.  Similarly,  the  dominant  structural  bending  dynamics  and  RWA  spin  axis 
alignments  can  be  calibrated  and  expected  to  remain  constant. 

A high  precision  slew  scheme  must  account  for  store  momentum  by  adding  an  <op  x H term  to 
the  RWA  commands  where  H is  the  stored  momentum  and  top  is  the  spacecraft  slew  rate.  The 
stored  momentum  is  measured  in-flight  by  reading  and  RWA  tachometers  and  multiplying  by  the 
wheel  inertias  and  by  a matrix  of  spin  axis  alignment  vectors.  Assuming  a digital  tachometer  is 
used  (one  which  counts  pulses  from  an  optical  encoder  or  Hall  effect  sensors)  the  stored  momen- 
tum uncertainty  is  due  mainly  to  the  uncertainty  in  the  wheel  inertia  (about  0.5%  per  Ref.  8)  and 
spin  axis  alignments  (about  5x  10“3  radians  per  Refs.  2 and  6).  The  magnitude  of  the  slew  torque 
error  due  to  these  uncertainties  is  gH  |®p  x H|,  where  gH  is  about  0.7%.  The  peak  value  of  this 
term  is  typically  smaller  than  other  slew  torque  error  terms  depending  on  the  magnitude  of  the 
stored  momentum  and  slew  rate.  Even  if  the  slew  profiling  does  not  account  for  the  stored 
momentum  (gH  = 1)  as  is  the  case  for  EUVE,  the  jtop  x Hi  term  ramps  down  to  zero  during  the 
deceleration  phase  of  the  slew.  Thus  by  the  end  of  the  slew  when  pointing  errors  are  of  real  con- 
cern, the  torque  error  due  to  stored  momentum  is  no  longer  present. 

The  feedback  needed  to  compensate  for  the  uncertainties  in  the  feedforward  factors  discussed 
above  introduces  two  more  important  sources  of  slew  errors:  gyroscope  scale  factor  uncertainty 
and  feedback  latency  uncertainty.  Gyroscope  scale  factor  uncertainty  is  typically  less  than  200 
ppm  (0.02%)  resulting  in  an  error  less  than  60  grad  for  a 180  degree  slew.  This  uncertainty, 
while  subject  to  change  over  time,  is  a small  influence  compared  with  the  RWA  scale  factor  un- 
certainty. 

A more  important  aspect  of  the  feedback  is  its  latency,  i.e.  the  delay  X from  when  gyroscope 
data  is  taken  to  when  the  flight  software  determines  the  body  rates  and  attitude  based  on  that  data. 
For  high  precision  slews,  a model  of  this  latency  must  be  applied  to  the  body  rate  and  attitude 
profiles  of  Figure  3 to  make  them  temporally  commensurate  with  the  feedback  . Latency  uncer- 
tainty eX  results  in  a body  rate  disturbance  6u)  and  attitude  disturbance  60  to  the  attitude  control 
loop  given  by 

6co  = ctp  zX 
60  = | 6co  dt 

where  ctp  is  the  slew  acceleration  profile  of  Figure  3.  These  disturbances  return  to  zero  at  the  end 
of  the  slew,  but  the  they  cause  a control  transient  which  increases  the  slew  settling  time.  The  la- 
tency is  measured  by  timing  tests  of  the  flight  software  and  data  system  and  remains  constant 
over  the  life  of  the  spacecraft.  The  uncertainty  is  typically  10%  to  50%  of  an  attitude  determina- 
tion sampling  cycle.  Using  EUVE  values  for  the  acceleration  profile  and  sampling  cycle  the  peak 
attitude  transient  at  the  end  of  the  slew  is  less  than  100  grad. 

RWA  scale  factor  uncertainty  is  the  slew  error  source  most  subject  to  change  after  initial  in- 
flight calibration.  Therefore  only  the  RWA  scale  factor  needs  to  be  calibrated  on  and  on-going 
basis  to  maintain  good  slew  performance.  In  the  next  section  the  RWA  calibration  method  is  ex- 
plained in  detail  and  results  given  for  the  EUVE  RWAs.  Thereafter,  results  of  slew  test  per- 
formed to  validate  the  RWA  calibration  are  discussed. 


* Assuming  the  spacecraft  does  not  use  mass  expulsion  methods  for  attitude  and  orbit  control  the  main 
body  inertia  matrix  will  remain  constant.  If  mass  expulsion  methods  are  used,  propulsion  fuel  usage 
estimates  are  often  accurate  enough  to  maintain  good  knowledge  of  the  spacecraft  inertia  matrix, 
f There  is  also  a delay  between  the  time  the  RWA  command  profile  is  generated  and  when  it  is  executed 
by  the  RWAs.  Since  what  is  at  issue  is  the  total  uncertainty  in  command  and  sensing  delays,  it  is  as- 
sumed without  loss  of  generality  that  the  command  delay  is  zero  and  the  total  uncertainty  is  attributed  to 
the  sensing  delay 
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RWA  CALIBRATION 

Fundamental  to  the  RWA  calibration  technique  presented  here  is  the  ability  to  command  all 
four  RWAs  such  that  the  net  torque  is  zero.  On  EUVE  this  ability  is  provided  by  the  skew  RWA 
momentum  control  shown  in  Figure  4.  In  general  the  spacecraft  design  features  needed  to  per- 
form RWA  calibration  without  impact  to  the  mission  are: 

• At  least  one  redundant  RWA 

• RWAs  with  high  precision  tachometers 

• A software  algorithm  to  issue  torque  commands  to  all  RWAs  such  that  the  net  torque  on 
the  spacecraft  is  zero. 

• The  ability  to  disable  the  motor  for  any  one  of  the  RWAs  while  leaving  its  tachometer 
enabled 


Figure  4 The  Skew  RWA  Momentum  Control  Law  on  EUVE  is  used  to  apply  a torque  pulse  to 
all  four  RWAs  with  a zero  net  torque  applied  to  the  spacecraft.  This  feature  is  essential  to  cali- 
brating the  RWA  scale  factors  without  impacting  the  on-going  mission.  To  generate  the  torque 
pulse,  first  the  desired  torque  pulse  level  -q.  is  chosen.  Then  the  momentum  error  limit  is  set  to 
xl/Kp.  Finally,  the  desired  skew  momentum  is  set  to  a high  value.  The  skew  RWA  momentum 
control  law  issues  torque  commands  to  the  skew  wheel  to  run  it  up  to  the  specified  momentum 
level.  The  commanded  torque  is  limited  to  approximately  -q.  by  virtue  of  the  momentum  error 
limiter.  (The  commanded  torque  will  be  slightly  higher  than  -q.  due  to  the  integral  control  action.) 
Torque  commands  are  issued  to  the  X,  Y,  and  Z wheels  so  that  the  net  torque  on  the  spacecraft 
is  zero. 
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The  calibration  test  consists  of  a sequence  of  run-up,  coast-down,  and  run-down  phases.  To 
calibrate  the  RWA  scale  factor,  the  drag  must  also  be  calibrated  to  isolate  its  effect  on  the  wheel 
momentum.  The  drag  is  estimated  from  coast  down  data,  while  the  run-up  and  run-down  data  are 
used  in  conjunction  with  the  estimated  drag  to  calibrate  the  scale  factor.  Figure  5 shows  a time 
line  for  a run-up/coast-down  test.  This  scenario  is  executed  a total  of  four  times  so  that  data  can 
be  collected  for  a range  of  torque  levels  during  the  run-up  phases  and  to  allow  each  wheel  to  coast 
down  from  a high  momentum  to  zero.  Figure  6 shows  a time  line  for  a run-up/run-down  test. 
During  the  run-down  phase,  the  commanded  torque  is  in  opposition  to  the  wheel  momentum 
causing  the  motor  to  operation  in  “generator”  mode.  The  run-up/run-down  test  is  executed  a total 
of  three  times  to  gather  data  over  a range  of  torque  levels  during  the  run-down. 

To  measure  drag  in  flight,  the  RWAs  are  run-up  near  their  maximum  operational  speed  (about 
half  their  rated  speed  of  6000  RPM  on  EUVE).  Then  a given  RWA  is  allowed  to  coast  down 
while  the  other  RWAs  maintain  control  of  the  spacecraft.  RWA  momentum  telemetry  is  recorded 
versus  time  during  the  coast  down.  The  drag  is  estimated  from  the  coast  down  data  using  a non- 
causal  estimation  filter5 . Figure  7 shows  the  in-flight  drag  for  one  of  the  four  RWAs.  For  com- 
parison, the  drag  measured  during  unit  level  testing  in  the  factory  is  also  shown9 . The  in-flight 
drag  is  significantly  lower  than  the  drag  measured  in  the  factory.  The  lower  drag  is  attributed  to 
the  lack  of  windage  since  the  atmosphere  within  the  RWA  has  been  vented  to  space,  and  to  bear- 
ing run-in5 . The  venting  occurs  during  the  first  few  hours  after  launch,  whereas  the  run-in  proc- 
ess takes  several  weeks  as  seen  in  Figure  8.  Seeing  the  dramatic  reduction  in  drag  during  the  first 
three  weeks,  it  would  be  prudent  to  wait  until  after  this  run-in  is  complete  before  attempting  to 
calibrate  the  RWAs. 

The  RWA  torque  command  scale  factor  is  calibrated  using  data  from  the  run-up  and  run-down 
phases  of  the  tests.  The  reaction  torque  is  derived  at  a number  of  points  from  the  slope  of  the 
momentum  versus  time.  Then  the  delivered  motor  torque  is  found  by  subtracting  an  estimate  of 
the  drag  versus  wheel  speed  gained  from  the  coast  down  tests.  A least  squares  linear  fit  of  the 
motor  torque  to  command  voltage  is  performed  to  find  the  scale  factor.  The  results  for  RWA 
calibration  performed  in  January  1995  and  October  1997  are  summarized  in  Figure  9.  Also  given 
are  the  scale  factors  determined  during  the  final  factory  tests9  conducted  in  the  first  quarter  of 
1990  and  from  spacecraft  slews  performed  to  calibrate  the  gyroscopes  during  the  in-orbit  check- 
out1 shortly  after  launch  (June  1992).  It  should  be  noted  that  the  scale  factor  reported  herein  is 
for  the  attitude  control  electronics  (ACE)  and  RWA  combined.  The  ACE  converts  counts  from 
the  flight  computer  to  a voltage  command  to  the  RWA  at  a nominal  scaling  of  10  Volts  per  512 
counts  = 0.01953125  V/cnt.  The  nominal  scale  factor  for  the  RWA  alone  is  0.3661  Nm  per  10 
Volts  = 0.03661  N-m/V.  The  nominal  combined  scale  factor  is  715.0  jiN-m/cnt. 

The  most  striking  result  seen  in  Figure  9 is  that  the  RWA  calibration  based  on  the  method  pre- 
sented herein  gives  very  different  results  than  the  RWA  calibration  based  on  slew  data  performed 
during  the  in-orbit  check-out.  As  will  be  seen  in  the  next  section,  the  scale  factors  based  on  the 
present  method  also  yield  better  slew  performance.  Thus  one  may  reasonably  conclude  that  the 
present  method  is  superior.  In  all  fairness  it  should  be  noted  that  the  slews  performed  during  in- 
orbit  check-out  were  not  designed  to  calibrate  the  RWA  scale  factors  per  se,  but  rather  were 
meant  to  calibrate  the  gyroscope  scale  factors.  The  RWA  scale  factor  was  deduced  from  gyro- 
scope data  and  RWA  torque  commands  observed  during  the  slew.  Even  when  compared  to  an 
appropriately  designed  slew  test,  one  can  expect  the  present  method  to  be  superior  for  two  rea- 
sons. First  as  mentioned  before,  RWTA  drag  is  not  observable  from  slew'  tests,  and  knowledge  of 
the  drag  is  need  to  accurately  calibrate  the  scale  factors.  Second,  the  calibration  presented  herein 
uses  RWA  tachometer  data,  which  provides  a much  more  direct  observation  of  the  RWA  behav- 
ior than  gyroscope  data  collected  during  slews.  The  gyroscopes  are  subject  to  their  own  residual 
calibration  errors,  and  observe  spacecraft  body  behavior  which  is  influenced  by  factors  other  than 
RWA  scale  factors,  e.g.  mass  property  uncertainties,  structural  bending  dynamics,  and  environ- 
mental torque. 
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Figure  5 RWA  Run-up/Coast-down  Time  Line.  To  observed  RWA  drag  the  wheels  are  al- 
lowed to  coast  down  from  a high  speed  to  zero  under  the  sole  influence  of  drag.  Data  taken  dur- 
ing the  run-up  is  used  to  calibrate  the  RWA  scale  factor  when  the  motor  drive  electronics  are  in 
“motor”  mode.  The  time  line  is  as  follows:  a)  The  attitude  control  system  is  in  four  RWA  mode. 
The  skew  RWA  momentum  control  law  (see  Figure  7)  compensates  the  drag  to  hold  the  mo- 
mentum steady.  The  spacecraft  attitude  is  controlled  by  the  X,  Y,  and  Z RWAs  to  compensate  for 
environmental  and  drag  torque.  Limits  are  set  in  the  skew  momentum  control  law  to  achieve  the 
desired  torque  range  during  the  up-coming  run-up.  b)  The  run-up  is  initiated  by  setting  the  de- 
sired skew  momentum  to  a high  value.  The  skew  torque  command  jumps  to  its  limit  and  the 
wheel  accelerates.  The  skew  momentum  control  law  issues  torque  commands  to  the  X,  Y,  and  Z 
RWAs  to  maintain  zero  net  torque  on  the  spacecraft,  c)  The  skew  momentum  reaches  its  desired 
value  and  the  torque  commands  to  the  four  RWAs  drop  back  to  nominal  levels.  A few  minutes 
elapse  while  the  skew  momentum  control  law  reaches  steady  state,  d)  The  attitude  control  sys- 
tem is  set  to  three  RWA  mode  with  the  X RWA  disabled  to  leT  its  wheel  coast  down  to  zero.  The 
X RWA  remains  powered  on  to  allow  wheel  speed  data  to  be  collected,  e)  The  X RWA  reaches 
zero  wheel  speed  and  stops.  The  desired  skew  momentum  is  reset  to  its  nominal  value,  f)  Four 
RWA  mode  is  re-established  and  the  skew  momentum  control  law  accelerates  the  wheels  as  it 
brings  the  skew  momentum  back  up  to  its  nominal  value. 
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Figure  6 RWA  Run-Up/Run-Down  Time 
Line.  In  order  to  observed  the  RWA  scale 
factor  when  the  motor  drive  electronics  are 
in  “generator”  mode,  the  RWAs  must  be 
commanded  to  run  down.  The  time  line  is 
similar  to  the  run-up/coast-down  time  line 
except  that  the  RWAs  are  commanded  to 
run  down  rather  than  allowed  to  coast 
down  under  the  sole  influence  of  drag, 
a)  The  attitude  control  system  is  in  four 
RWA  mode.  Limits  are  set  in  the  skew 
momentum  control  law  to  achieve  the  de- 
sired torque  range  during  the  up-coming 
run-up.  b)  The  run-up  is  initiated  by  setting 
the  desired  skew  momentum  to  a high 
value.  The  skew  torque  command  jumps 
to  its  limit . Torque  commands  are  issued 
to  the  X,  Y,  and  Z RWAs  to  maintain  zero 
net  torque  on  the  spacecraft,  c)  The  skew 
momentum  reaches  its  desired  value  and 
the  torque  commands  to  the  four  RWAs 
drop  back  to  nominal  levels,  d)  The  run- 
down is  initiated  by  setting  the  desired 
skew  momentum  back  to  its  nominally  low 
value.  T he  skew  torque  command  jumps 
to  its  limit . Torque  commands  are  issued 
to  the  X,  Y,  and  Z RWAs  to  maintain  zero 
net  torque  on  the  spacecraft,  e)  The  RWAs 
reach  their  nominally  low  momenta. 
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Figure  7 EUVE  RWA  Drag  versus  Wheel  Speed  as  measured  during  unit  level  tests  in  the 
factory9  and  by  in-flight  calibration  tests  conducted  more  than  five  years  after  launch.  The  lower 
drag  observed  in  flight  is  attributed  to  lack  of  windage  and  to  bearing  run-in5.  Data  shown  is  for 
the  Y RWA.  The  X,  Z,  and  Skew  RWAs  show  similar  behavior. 


Figure  8 EUVE  RWA  Drag  Trend  over  the  First  Month  of  In-Flight  Operation  exhibits  the 
bearing  run-in.  Data  shown  is  for  the  skew  RWA  which  was  held  at  a constant  speed  of  1 000 
RPM  throughout  the  run-in. 
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Figure  9.  EUVE  RWA  Scale  Factors  determined  by  several  methods  throughout  the  life  of  the 
RWAs.  The  scale  factors  for  the  motor  and  generator  modes  were  trimmed  in  the  factory  at  the 
sub-assembly  level  to  the  value  in  the  specification.  They  were  then  measured  during  factory  test- 
ing in  early  1990  at  the  RWA  level  by  torque  pulse  tests.  For  each  RWA  one  scale  factor 
(diamonds)  was  found  using  a least  squares  fit  to  both  motor  and  generator  mode  data.  During  the 
in-orbit  check-out1  conducted  in  June  1992  a single  scale  factor  (asterisks)  for  all  four  RWAs  was 
deduced  from  slew  data.  In  January  1995  RWA  in-flight  performance  testing  was  conducted5 . For 
each  RWA  one  scale  factor  (squares)  was  found  using  a least  squares  fit  to  both  motor  and  genera- 
tor mode  data.  In  October  of  1997  RWA  in-flight  tests  were  repeated.  Again  using  a least  squares 
fit  scale  factors  were  found,  but  this  time  separate  scale  factors  were  found  for  motor  mode  (circles) 
and  generator  mode  (triangles).  Discounting  the  scale  factors  found  during  the  in-orbit  check-out, 
the  scale  factors  have  remained  remarkably  constant  over  the  life  of  the  RWAs. 
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Another  interesting  result  seen  in  Figure  9 is  that,  discounting  the  scale  factors  found  during 
the  in-orbit  check-out,  the  scale  factors  have  remained  remarkably  constant  over  the  life  of  the 
RWAs.  One  should  not  expect  this  lack  of  change  to  always  be  the  case.  Seldom  do  performance 
parameters  degrade  as  much  as  worst  case  analysis  predicts.  Even  so,  one  must  be  prepared  for 
that  eventuality. 

The  final  result  to  be  noted  is  that  the  scale  factor  for  the  motor  mode  (torque  command  and 
wheel  speed  have  the  same  sign)  and  generator  mode  (torque  command  and  wheel  speed  have  the 
opposite  sign)  are  not  the  same.  Most  of  the  slews  examined  for  the  present  study  exhibited  be- 
havior attributable  to  this  difference.  This  characteristic  of  the  RWA  has  an  important  implica- 
tion for  the  design  of  a high  precision  slew  scheme:  it  should  determine  whether  the  RWA  is  in 
motor  or  generator  mode  and  use  the  appropriate  scale  factor. 

The  EUVE  flight  software  has  only  a single  scale  factor  parameter  used  for  all  RWAs.  Since 
the  scale  factors  have  changed  so  little  from  the  original  values  found  during  testing  in  the  fac- 
tory, it  was  decided  to  use  the  average  of  these  origina]  values  for  the  single  flight  parameter.  On 
28  February  1998  a new  scale  factor  of  728.2  pN-m/cnt  was  uploaded  to  the  flight  software. 

SLEW  TESTS 

Slew  tests  were  performed  on  the  EUVE  spacecraft  to  demonstrate  the  improvement  to  slew 
performance  using  scale  factors  found  by  the  RWA  calibration  method  described  above.  In  De- 
cember 1997  slews  were  performed  using  the  baseline  RWA  scale  factor  of  638.2  pN-m/cnt  de- 
termined in  June  1992  during  the  in-orbit  check-out.  Figure  10  shows  the  results  for  one  of  these 
baseline  slews  performed  about  the  Y axis  using  primarily  the  Y RWA* . The  attitude  error  is  ap- 
proximately -0.020  degrees  during  the  acceleration  phase  and  +0.035  degrees  during  the  decel- 
eration phase.  In  February  1998  a new  RWA  scale  factor  of  728.2  pN-m/cnt  was  uploaded  into 
the  flight  software.  Figure  1 1 shows  results  for  a slew  about  the  Y axis  using  the  new  RWA  scale 
factor.  The  attitude  error  with  the  new  scale  factor  is  approximately  +0.003  degrees  during  the 
acceleration  phase  and  +0.015  degrees  during  the  deceleration  phase.  The  new  scale  factor  has 
resulted  in  improved  slew  performance  in  the  Y axis.  Similar  improvement  has  been  observed  in 
X and  Z axis  slews. 

A large  part  of  the  residual  attitude  error  seen  in  Figures  10  and  1 1 can  be  attributed  to  the  dif- 
ference between  the  scale  factor  used  in  the  flight  software  and  the  scale  factor  found  from  the 
RWA  calibration.  Recall  that  EUVE  has  only  one  RWA  scale  factor  parameter  which  is  used  for 
all  four  RWAs.  So  even  with  calibration  an  average  scale  factor  must  be  used,  and  one  can  ex- 
pect some  residual  error.  The  attitude  error  e dining  slew  acceleration/deceleration  phases  re- 
sulting from  the  difference  between  the  actual  scale  factor  a and  the  scale  factor  <5  used  in  the 
flight  software  is  given  by 

8 = (a/a  -l)xp  /K 

where 

xp  = torque  applied  to  spacecraft  during  slew  acceleration/deceleration,  and 

K = 0.47  N-m/deg  = attitude  control  law  proportional  gain 

Table  2 compares  the  attitude  error  predicted  using  the  equation  above  and  the  attitude  errors 
actually  observed  for  the  slews  of  Figures  10  and  11.  In  using  the  equation,  a is  set  to  the  value 
found  during  the  October  1997  calibration  for  the  Y RWA.  The  generally  good  agreement  be- 
tween the  predicted  and  observed  attitude  errors  validates  the  RWA  calibration  scheme.  A prop- 
erly designed  high  performance  slew  scheme  could  easily  account  for  individual  scale  factors 
among  the  RWAs  and  for  motor  and  generator  mode  operation.  For  such  a scheme  the  slew  er- 
rors due  to  RWA  scale  factor  uncertainty  would  be  reduced  to  negligible  levels. 


* Some  slew  torque  must  be  provided  by  the  X and  Z RWAs  to  account  for  stored  momentum  and  inertia 
matrix  off-diagonal  terms. 
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Figure  10  Y Axis  Slew  Performed  Using  Baseline  RWA  Scale  Factor  of  638.2  pNm/cnt 
found  during  the  in-orbit  check-out  in  June  1992.  Variables  plotted  are  for  the  Y axis. 
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Figure  11  Y Axis  Slew  Performed  Using  New  RWA  Scale  Factor  of  728.2  pNm/cnt  based  on 
results  of  in-flight  calibration  performed  in  January  1995  and  October  1997  using  the  method  pre- 
sented herein.  Variables  plotted  are  for  the  Y axis. 
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Table  2 Attitude  Error  due  to  RWA  Scale 

Factor  Error 

Slew 

Spacecraft 

Scale  Factor  (pN-m/cnt) 

Attitude  Error  (degree) 

Phase 

Torque (N-m)* 

Found  from 
Calibration 

Used  in  Flight 
Software 

Predicted 

Observed 

Acceleration 

-0.105 

710.7 

638.2 

-0.0228 

-0.0200 

Deceleration 

+0.105 

760.1 

638.2 

+0.0359 

+0.0350 

Acceleration 

-0.105 

710.7 

728.2 

+0.0055 

+0.0025 

Deceleration 

+0.105 

760.1 

728.2 

+0.0094 

+0.0150 

* Spacecraft  torque  differs  from  commanded  torque  shown  in  Fig.  10  and  1 1 due  to  the  scale  factor  errors. 


CONCLUSIONS 

Many  parameters  affect  slew  performance.  Of  these  parameters  RWA  scale  factors  are  subject 
to  the  most  change  over  the  life  of  the  spacecraft,  and  hence  their  periodic  calibration  offers  the 
greatest  benefit  to  maintaining  good  slew  performance.  The  innovative  method  presented  herein 
allows  the  RWA  scale  factors  to  be  calibrated  without  impact  to  the  on-going  mission  by  taking 
advantage  of  the  extra  degree  of  control  freedom  afforded  by  a redundant  RWA.  Slews  per- 
formed on  EUVE  have  demonstrated  improved  performance  using  the  calibration  RWA  scale 
factors. 
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SOLAR  TORQUE  COMPENSATION  DETERMINATION  SYSTEM 
FOR  THE  GOES  I-M  SERIES  WEATHER  SATELLITES 


Jonathan  D.  DeGumbia* 

Yo-Kung  J.  Tsuif 

The  Geostationary  Operational  Environmental  Satellite  [GOES]  I-M 
series  geostationary,  three-axis  stabilized,  weather  satellites  utilize  an 
optically  reflective  panel  known  as  a trim  tab  to  minimize  the  solar 
pressure  imbalance  caused  by  optical  and  geometric  differences  between 
the  north  panel  mounted  solar  sail  and  the  south  panel  mounted  solar 
array.  The  trim  tab  is  mounted  on  the  south  end  of  the  solar  array  and  is 
adjustable  rotationally  through  one  degree  of  freedom  via  a stepping 
motor  mounted  at  the  hinge  point.  Daily  trim  tab  adjustments  serve  to 
balance  the  solar  pressure  throughout  the  Sun’s  annual  declination  cycle 
and  compensate  for  changes  in  center  of  mass  location  and  optical 
properties  throughout  the  spacecraft  life.  This  is  necessary  to  minimize 
the  requirements  on  thruster  firings  and  magnetic  torquer  coils  used  to 
relieve  momentum.  Since  the  launch  of  the  first  spacecraft  of  this  series 
on  April  13,  1994,  the  trim  tab  daily  slew  commanding  system  has 
undergone  several  redesigns.  The  current  method  of  determining  the 
daily  slews  is  an  open-loop  system  requiring  recalculation  every  2 to  3 
days.  The  inaccuracy  of  this  system  and  its  reliance  on  frequent 
engineering  interaction  has  spawned  a need  for  a self-contained  method 
of  control  with  improved  performance.  This  new  method  will  utilize  the 
existing  and  proven  performance  analysis  routine  and  will  have  the 
ability  to  be  integrated  into  the  current  ground  system  software  with 
minimal  effort.  This  paper  describes  the  closed-loop  trim  tab  daily  slew 
determination  algorithm  derived  through  these  efforts,  summarizes  a 
proposed  method  of  ground  system  integration,  and  discusses  the  results 
of  initial  on-orbit  tests. 

INTRODUCTION 

The  GOES  I-M  series  spacecraft,  shown  in  Figure  1,  are  three-axis  stabilized  platforms 
capable  of  producing  a continual  stream  of  earth  images  used  primarily  for  weather  forecasting, 
severe  storm  tracking,  and  meteorological  research.  The  first  spacecraft  in  the  series,  GOES-I, 
later  designated  GOES-8,  was  launched  on  April  13,  1994  and  is  stationed  at  75°  west  longitude. 
The  second,  GOES-J,  now  called  GOES-9,  was  launched  on  May  23,  1995  and  is  stationed  at 
135°  west  longitude.  The  two  spacecraft  provide  a continuous  region  of  coverage  from 


’ GOES  Attitude  and  Orbital  Controls  Systems  Engineer  Lockheed  Martin  Space  Mission  Support  and 
Services,  Seabrook,  MD  20706 
+ GOES  Engineer,  NESDIS,  NOAA,  Suitland,  MD  20746 
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approximately  15°  west  to  195°  west  at  the  equator,  encompassing  the  contiguous  United  States, 
Hawaii,  and  the  continent  of  South  America.  GOES-K  (GOES- 10)  was  launched  April  25,  1997 
and  is  to  be  placed  into  an  on-orbit  storage  mode  at  105°  west  until  it  is  called  into  service. 
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Figure  1 GOES  I-M  Series  Spacecraft 

ATTITUDE  CONTROL  SYSTEM 

During  normal  operations,  spacecraft  attitude  is  controlled  primarily  though  the  use  of 
two  momentum  wheels  that  provide  gyroscopic  stiffness  and  pointing  control  about  the  spacecraft 
pitch  and  roll  axis.  The  51  Newton-meter-second  (Nms)  continuously  operating  momentum 
wheels  are  skewed  at  ±1.66°  off  the  -pitch  axis  in  the  pitch/yaw  plane.  A 2.1  Nms  reaction  wheel 
is  mounted  along  the  yaw  axis  and  is  used  to  control  yaw  momentum  in  the  event  of  a momentum 
wheel  failure.  To  help  alleviate  momentum  from  the  wheels,  two  100  Ampere-Tum-meter2 
magnetic  torquer  coils  provide  roll  and  yaw  torque  as  necessary.  A fully  redundant  system  of 
twelve  22-N  bipropellant  thrusters  provide  attitude  control  during  special  operations,  translational 
thrust  during  stationkeeping  maneuvers,  and  momentum  relief  during  normal  operations. 

TRIM  TAB 


Cooling  requirements  of  the  primary  payload  restrict  the  use  of  two  symmetrically  placed 
solar  arrays.  Instead,  a single  solar  array  is  mounted  on  the  south  panel.  To  balance  the  force  of 
solar  radiation,  a solar  sail  is  mounted  on  the  end  of  a 58-foot  boom  on  the  north  panel.  Seasonal 
variations  in  Sun  declination  relative  to  the  spacecraft  cause  a seasonally  varying  solar  radiation 
pressure  torque  on  the  spacecraft.  This  torque  is  counteracted  with  a highly  reflective  aluminized 
panel,  called  the  trim  tab,  mounted  on  the  end  of  the  solar  array.  The  trim  tab,  shown  in  Figure  2, 
may  be  rotated  through  one-degree  of  freedom,  about  its  hinged  point  of  attachment,  via  a 
precision  stepping  motor.  The  trim  tab  rotational  position  is  monitored  by  two  course  position 
potentiometers  and  two  fine  position  potentiometers.  To  make  up  for  deficiencies  in  the  magnetic 
torquers  and  to  reduce  the  need  for  thruster  yaw  momentum  unloading,  the  trim  tab  position  is 
adjusted  once  a day.  This  is  done  in  such  a way  so  as  to  minimize  the  spacecraft  environment 
induced  moment  arm  by  varying  the  effective  surface  area  presented  to  the  Sun. 
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OATS  TRIM  TAB  COMMAND  SYSTEM 

The  daily  calculation  of  the  environmentally  induced  torque  on  the  spacecraft, 
determination  of  necessary  trim  tab  slews,  and  generation  of  uplink  commands  are  the 
responsibility  of  the  ground  based,  Orbit  and  Attitude  Tracking  System  [OATS],  Since 
shortly  after  the  launch  of  GOES-8,  the  trim  tab  slew  determination  system  has 
undergone  several  re-designs  and  major  improvements.  The  currently  used  system 
calculates  a daily  average  roll  torque  created  by  the  momentum  wheels,  by  the  magnetic 
torquers,  and  by  thruster  firings  and  converts  them  to  the  Sun  Pointing  coordinate  System 
[SPS].  The  sum  of  the  three  torques  is  the  total  daily  average,  control  system  induced, 
spacecraft  roll  torque.  The  sign  opposite  of  this  sum  is  known  as  the  roll  residual  torque 
and  represents  the  rotational  force  on  the  spacecraft  caused  by  the  environment. 
Assuming  that  the  majority  of  external  forces  are  due  to  solar  radiation  pressure,  the  roll 
residual  torque  is  an  indication  of  trim  tab  performance.  The  resultant  torque  along  with 
trim  tab  position  data,  and  sun  declination  information  are  logged  into  a scrolling  60-day, 
history  file.  A linear  least  squares  fit  [LSQ]  algorithm  generates  a 3rd  order  polynomial 
curve  fit  to  the  archived  trim  tab  position  data,  over  a user  defined  number  of  days,  while 
providing  compensations  for  the  roll  residual  torque.  This  produces  predicted  trim  tab 
positions  for  the  next  10  days.  The  daily  commanded  slew  is  simply  the  difference 
between  the  two  consecutive  predicted  positions  for  the  days  in  question.  Information  for 
each  day’s  trim  tab  command  is  automatically  sent  at  a user  defined  time  to  the  GOES  I- 
M Telemetry  And  Command  System  [GIMTACS]  to  be  uplinked  to  the  spacecraft.  The 
OATS  commanding  system  also  provides  a method  of  commanding  a manual  slew, 
whereby  the  user  may  specify  the  exact  position  change.  Since  its  inception,  the  OATS 
system  has  been  capable  of  commanding  the  trim  tab  to  maintain  the  residual  torque 
within  the  operational  limits  of  ±1.0x1  O'6  Nm. 
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NEED  FOR  IMPROVEMENT 


Although  the  currently  used  command  system  is  capable  of  controlling  the  trim  tab  to  a 
degree  of  accuracy  within  its  originally  defined  operational  limits,  it  has  several  shortcomings 
that  have  hindered  trim  tab  operations.  The  intention  of  the  LSQ  algorithm  was  to  predict  daily 
trim  tab  slews  for  up  to  10  days  in  to  the  future.  Should  the  residual  torque  grow  to  an 
unacceptable  level,  a manually  entered  slew  would  be  sent  to  override  LSQ  determined  slew.  A 
new  LSQ  curve  would  then  need  to  be  calculated.  In  practice,  the  LSQ  routine  required  re- 
calculation every  2-3  days,  and  it  exhibited  a large  dependence  on  manual  slews.  Off-line 
analysis  tools  were  developed  to  calculate  ideal  trim  tab  commands  to  aid  in  choosing  optimum 
LSQ  fits.  The  efforts  to  qualify  the  accuracy  of  the  fits  were  the  original  drivers  that  lead  to  the 
development  of  the  newly  proposed  command  determination  system. 

During  various  times  through  out  the  yearly  trim  tab  cycle,  the  LSQ  algorithm  is  unable 
to  produce  trim  tab  angles  which  match  the  Sun’s  motion.  This  is  particularly  true  during  Winter 
and  Summer  solstices  when  the  Sun’s  daily  change  in  position  relative  to  the  spacecraft  reverses 
direction.  For  several  weeks  following  the  event,  the  algorithm  under  commands  the  trim  tab 
causing  the  roll  residual  torque  to  deviate  from  zero.  A manual  command  must  be  sent  whenever 
the  torque  approaches  the  operational  limits.  Other,  less  predictable,  times  through  out  a yearly 
cycle,  the  LSQ  is  unable  to  control  the  trim  tab  to  within  its  limits.  Rarely  does  the  LSQ  produce 
an  ideal  curve.  More  often,  it  contains  within  it  some  error.  Because  the  curve  fit  is  based  on 
archived  slew  data,  any  error  in  the  commanded  slew  will  be  re-introduced  into  the  curve  fit 
further  perpetuating  the  problem.  In  this  case,  again,  manual  slews  must  be  used  to  control  trim 
tab  positioning. 

Since,  during  normal  operations,  spacecraft  pointing  is  controlled  using  an  earth  sensor, 
the  spacecraft  is  not  actively  controlled  in  yaw  of  the  spacecraft  body  coordinant  frame.  Roll 
momentum  will  translate  into  yaw  error  every  6 hours  as  the  spacecraft  pitches  15°/hr  to  maintain 
earth  pointing.  Much  of  the  perceived  yaw  pointing  error  can  be  attributed  to  trim  tab 
misalignment.  Improvements  in  Image  Navigation  and  Registration  [INR],  a system  of 
compensations  applied  to  an  image  based  on  past  observations  of  the  pixel  locations  of  stars  and 
earth  landmarks,  have  reduced  the  noise  levels  to  the  point  where  spacecraft  yaw  pointing  error  is 
evident.  Improvements  in  trim  tab  positioning  will  improve  the  quality  of  the  spacecraft  products 
by  reducing  pointing  error  and  increasing  the  consistency  of  INR  performance. 

The  LSQ  routine  relies  on  an  archived  history  file  of  40-60  days  of  consecutively 
commanded  trim  tab  slews  to  function  optimally.  If  this  is  not  available,  cumbersome  off-line 
analysis  tools,  and  manually  entered  spacecraft  commands  must  be  used.  There  are  three 
scenarios  when  this  is  necessary.  First,  the  trim  tab  for  a newly  launched  spacecraft  would  have 
to  be  commanded  in  this  fashion  until  sufficient  data  is  archived.  Also,  whenever  a spacecraft  is 
brought  out  of  on-orbit  storage,  an  off-line  method  must  be  used  until  the  telemetry  history  file  is 
brought  up  to  date.  Lastly,  due  to  an  early  on  orbit  problem  with  GOES- 10,  the  ground  system 
was  modified  to  allow  operation  of  the  GOES  I-M  series  spacecraft  while  turned  180°  about  its 
yaw  axis.  There  are  thermal  advantages  to  flipping  the  spacecraft  seasonally  to  keep  the  primary 
payload  instruments  cooler.  Since  this  ability  now  exists,  routine  yaw  flipping  is  a possibility. 
Whenever  the  spacecraft  is  flipped,  the  history  file  cannot  be  used,  as  the  direction  the  trim  tab 
moves  relative  to  the  Sun  movements  is  changed.  All  of  these  events  represent  a significant 
amount  of  time  that  the  LSQ  algorithm  cannot  be  used. 
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To  make-up  for  the  shortcomings  of  the  LSQ  routine,  off-line  analysis  tools  were 
developed  to  determine  the  ideal  daily  slew  given  a set  of  initial  conditions.  With  the  notion  of 
eventually  replacing  the  least  squares  fit  routine,  they  have  evolved  to  the  point  where  they  now 
improve  upon  the  shortcomings  of  the  current  system.  If  implemented  properly,  they  can  form 
the  basis  of  a closed-loop  command  determination  system,  reducing  the  need  for  frequent 
engineering  interaction. 

FUNDAMENTALS  OF  THE  NEW  DETERMINATION  METHOD 


Many  of  the  inadequacies  of  the  current  trim  tab  slew  determination  routine,  LSQ,  stem 
from  its  reliance  on  a large  amounts  of  past  commands.  In  developing  an  alternative  system,  a 
different  approach  was  used.  The  components  that  comprise  each  day’s  trim  tab  command  were 
separated.  Compensations  using  the  most  reliable  and  accurate  telemetry  points  and  calculations 
were  then  developed  for  each.  The  sum  of  these  compensations  would  then  be  used  as  a daily 
command.  Unlike  the  least  squares  fit  method,  the  basis  of  the  calculations  was  chosen  to  be 
calculated  in  the  change  in  trim  tab  position  rather  than  predicted  positions.  This  is  because,  the 
stepping  motor  can  be  commanded  to  within  0.001  degrees,  and  the  fine  position  potentiometer 
has  an  accuracy  of  only  0.1  degrees.  Calculating  and  expressing  the  values  of  the  compensations 
using  commanded  position  changes  negates  the  need  for  reliance  on  the  less  accurate 
potentiometers.  The  new  slew  determination  algorithm, 


Ay^G^Ay,  +GTQAy, 
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(1) 

calculates  the  change  in  the  daily  trim  tab  position.  Ay,  for  day  i as  the  sum  of  three  components, 
each  compensating  for  a different  effect,  multiplied  by  the  gains,  G$a  and  Gjq,  where  necessary. 
The  components  are  defined  as  the  Sun  declination  change  compensation,  A ysunAngie,  the  roll 
residual  torque  compensation,  AyResTorque,  and  the  previous  day  torque  compensation,  A yprevTorquc- 


The  first  component  of  Eq.  (1)  compensates  for  the  daily  change  in  the  Sun  declination. 
Sun  declination  angle,  SA,  information  is  taken  from  the  spacecraft  ephemeris  at  12:00  satellite 
local  time  [SLT]  for  the  day  of  interest  and  for  the  following  day.  The  difference  in  these  angles 
is  multiplied  by  a partial  derivative  relating  the  angle  change  of  the  trim  tab  to  the  angle  change 
of  the  Sun  declination,  see  Eq.  (2). 

Ay  =(SAi+l-SAi)-^- 

(2) 


The  partial  derivative  used  in  Eq.  (2)  is  estimated  using  GOES-8  & 9 flight  history  data.  The 
curve,  formed  by  plotting  the  trim  tab  position  against  the  solar  declination  angle,  is 
approximated  using, 


r = 
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(3) 

where  the  slope  of  the  line,  the  partial  derivative,  varies  linearly  from  its  value  at  summer  solstice 
[SS]  to  its  value  at  winter  solstice  [WS]  and  the  y-intercept,  yEqmnox,  is  the  average  trim  tab 
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position  at  the  vernal  and  autumnal  equinoxes.  The  slope  at  any  particular  position,  i,  along  the 
curve  may  then  be  found  using, 
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Figures  3 and  4 show  how  identical  curves  scribed  by  Eq.  (3)  match  the  flight  history  data  for 
GOES-8  and  GOES-9.  Scale  factors  have  been  added  to  the  y-intercepts  of  each  for  displaying 
purposes.  Note  how  the  data  changes  only  slightly  over  time  and  between  spacecraft.  For  this 
reason,  older  satellite  data  may  be  used  for  newly  launched  spacecraft  until  sufficient  flight  data 
is  archived. 


-30  -15  0 15  30 

1 Flight  Data Thpnrptirai  I Sun  Declination  [deg] 


Figures  3 Theoretical  Curve  compared  to 
GOES-8  Flight  History  Data 


Flight  Data  Tlieoretical  [ Sun  Declination  [deg] 


Figures  4 Theoretical  Curve  compared  to 
GOES-9  Flight  History  Data 


The  second  component  of  Eq.  (1)  compensates  for  the  roll  residual  torque.  It  is  intended 
to  remove  errors  in  the  trim  tab  position  caused  by  the  inaccuracies  of  the  sun  declination  change 
compensation  and  by  the  changes  in  the  relationship  between  the  spacecraft  and  its  environment. 
The  roll  residual  torque,  T,  calculated  by  the  OATS  trim  tab  system,  is  multiplied  by  a partial 
derivative  relating  trim  tab  positional  error  to  the  torque. 
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This  trim  tab  position  to  torque  derivative,  dy/dT,  found  through  solar  torque  modeling,  is 
approximated  as  a constant  as  it  changes'only  slightly  from  winter  to  summer  solstice. 

The  trim  tab  must  be  slewed  near  the  time  the  roll  residual  torque  is  calculated.  In  effort 
to  increase  the  available  time  for  engineering  interaction,  the  trim  tab  is  adjusted  approximately 
24  hours  after  the  calculation.  This  makes  the  available  daily  average  residual  torque  one  day  old 
at  the  time  of  the  adjustment  and  not  indicative  of  the  present  day  average  torque.  For  this 
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reason,  another  correction  is  needed  to  prevent  from  redundantly  compensating  for  the  residual 
torque.  This  is  accomplished  by  taking  the  part  of  the  previous  day’s  adjustment  that 
compensates  for  the  residual  torque  and  subtracting  it  from  the  current  day’s  torque 
compensation.  To  do  this,  the  sun  declination  change  compensation  for  yesterday  is  subtracted 
from  yesterday’s  slew,  taken  from  archived  data  (not  the  potentiometers.) 

(7) 

Eq.  (7)  results  in  the  part  of  the  previous  day’s  slew  used  to  compensate  for  the  residual  torque. 
By  subtracting  that  value  from  the  current  day’s  residual  torque  compensation,  as  in  Eq.  (1), 
redundant  compensation  is  avoided. 

The  inclusion  of  gains  in  Eqs.  (1)  and  (7),  allow  the  compensations  to  be  fine-tuned  to 
account  for  deficiencies  in  the  individual  compensations,  for  degrading  optical  properties,  and  for 
changing  center  of  gravity.  The  solar  declination  change  compensation  gain,  Gsa,  may  be 
calculated  using  data  for  any  two  consecutive  days  in  which  the  residual  roll  torque  compensation 
was  not  used,  using  the  equation, 


Gsa  = 
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This  calculation  assumes  that  the  derivative  relating  the  trim  tab  positional  error  to  the  torque  is 
exactly  correct. 


The  roll  residual  torque  compensation  gain,  GTq,  may  be  calculated  using  data  from  any 
two  consecutive  days  in  which  only  the  sun  declination  change  compensation  is  used  on  day  z'-l, 
and  the  residual  torque  compensation  along  with  the  Sun  angle  compensation  is  used  on  day  i. 
The  equation, 


Gtq  " A r, 

‘Rc  sTorque 

(9) 

normalizes  any  error  made  by  the  sun  declination  change  compensation  over  the  last  two  days 
and  can  be  used  regardless  of  whether  or  not  Gsa  is  exact.  As  with  Eq.  (8),  Eq.  (9)  requires  that 
the  positional  error  to  torque  partial  be  exact.  Therefore,  it  should  be  calculated  several  times, 
each  time  multiplying  the  resulting  Gtq  by  the  partial,  until  a value  with  an  adequate  number  of 
significant  digits  is  converged  upon.  In  practice  sufficient  accuracy  is  achieved  the  first  time  the 
calculation  is  performed. 
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PROPOSED  NEW  SLEW  DETERMINATION  SYSTEM 


The  new  slew  determination  equations  will  form  the  basis  for  a closed-loop,  trim  tab 
command  system.  It  will  require  minimal  engineering  interaction  and  be  flexible  enough  to 
handle  all  foreseeable  events.  For  ease 
of  integration,  the  new  command 
system  will  utilize  many  of  the  features 
of  the  current  system.  The  routine  that 
calculates  the  roll  residual  torque  has 
proven  to  be  robust  and  accurate.  It  will 
fail  only  if  momentum  wheel  speed  data 
is  missing  from  the  archived  telemetry. 

With  proper  checks  in  the  new  system, 
this  routine  does  not  need  to  be 
modified. 


The  new  slew  determination 
system  will  replace  the  entire  LSQ 
routine.  It  will  be  compatible  with  the 
OATS  timer  function  so  that  it  may  run 
without  engineering  interaction.  The 
slew  command  will  be  used  one  day 
following  its  calculation,  so  time  is 
available  to  check  or  override  it  as 
needed.  The  values  for  the  various 
partial  derivatives,  winter  and  summer 
sun  declination  angles,  gains,  and 
violation  thresholds  will  be  stored  in  the 
OATS  database  and  available  for 
change  as  necessary. 

The  new  routine  always 
computes  the  sun  declination  change 
compensation  in  its  routine 
configuration.  This  compensation 
comprises  the  bulk  of  the  trim  tab 
movements.  Its  calculation  is  based  on 
the  spacecraft  orbit  and  has  no  reliance 
on  spacecraft  telemetry.  It  is  therefore 
not  likely  to  fail  or  give  inaccurate 
results.  The  roll  residual  torque 
compensation  will  be  applied  only  if  the 
residual  torque  exceeds  a threshold 
value  that  will  be  defined  in  the  OATS 
database.  This  will  allow  room  for 
fluctuations  in  the  accuracy  of  the 
torque  calculation  due  to  environmental 

changes  such  as  electromagnetic  storms.  The  previous  day  torque  compensation  may  be  applied 
every  day.  It  is  designed  to  correct  the  residual  torque  compensation  only  on  the  day  after  it  is 
used,  and  will  otherwise  yield  a value  of  exactly  zero. 


Figure  5 Proposed  New  Slew  Determination  System 
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Figure  5 is  the  flowchart  of  the  new  slew  determination  system.  After  reading  the 
spacecraft  ephemeris  information  and  archived  history  file  data,  the  routine  will  encounter  its  first 
user  defined  path  choice,  the  manual  slew  override.  This  option,  with  a default  setting  of  off,  is 
reserved  for  special  operations  when  a normally  calculated  command  is  not  adequate.  If  this 
option  is  chosen,  the  user  will  be  able  to  input  the  exact  angle  he  wishes  the  trim  tab  to  move. 
The  routine  will  check  that  the  slew  is  not  greater  than  ±0.96°,  the  limit  of  the  command 
procedure,  before  it  is  sent  to  GIMTACS. 

If  the  manual  slew  is  not  chosen,  the  user  will  have  a choice  to  include  the  roll  residual 
torque  compensation  in  the  calculation  of  the  slew.  If  this  option  is  not  chosen,  the  routine  will 
by-pass  the  torque  compensation.  If  it  is  chosen,  a series  of  checks  will  determine  if  the  roll 
residual  torque  compensation  is  needed  and  if  it  is  usable.  It’s  usability  will  depend  on  whether 
or  not  the  calculation  had  successfully  completed  that  day,  whether  or  not  there  is  enough 
magnetic  torquer  data  to  make  the  calculation  accurate,  and  whether  or  not  the  torque  threshold 
has  been  exceeded.  If  all  the  checks  are  passed,  the  torque  compensation  is  computed  using  Eq. 
(5).  The  result,  if  any,  along  with  the  sun  declination  change  compensation  as  in  Eq.  (2)  and  the 
previous  day  torque  compensation  as  in  Eq.  (7)  are  multiplied  by  their  appropriate  gains  and 
added  to  yield  the  day’s  commanded  slew. 

Once  the  commanded  slew  is  calculated,  the  routine  will  write  the  results  to  a record  file. 
This  file  will  contain  information  about  each  day’s  calculation  for  later  analysis.  The  daily 
entries  will  include  a time  tag,  the  numeric  value  of  the  three  compensations,  the  determination 
inputs,  and  the  day’s  trim  tab  slew. 

Next,  OATS  will  send  the  calculated  trim  tab  slew  to  the  GIMTACS  where  it  will  be 
stored  until  the  daily  command  is  sent  to  the  spacecraft.  From  this  step  onward,  the  operation 
will  not  differ  from  the  currently  used  method. 


Because  the  Sun  declination 
change  compensation  is  not  perfect, 
the  residual  torque  can  be  expected  to 
change  from  the  previous  day’s  value 
by  approximately  the  same  magnitude 
each  day.  Figure  6 shows  the 
theoretical  results  of  the  above  logic 
for  the  case  where  the  sun 
compensation  is  too  large  during  the 
period  after  summer  solstice  and 
before  winter  solstice.  Each  data 
point  represents  one  day  of  spacecraft 
roll  residual  torque.  It  is  important  to 
note  that  the  torque  for  any  given  day 
is  not  known  until  the  following  day; 
that  is,  on  day  only  the  torque  from 
previous  day  /-I  is  available.  Every 
day,  the  residual  torque  error  increases  by  an  amount  proportional  to  the  sun  declination  change 
compensation  error.  Figure  6 shows  that  on  day  7 the  available  torque  from  day  6 breaks  the 
threshold  set  at  ±4.0  x 10‘7.  The  torque  compensation  is  used  to  reset  the  torque  to  zero.  Since 
the  actual,  and  unknown,  torque  on  day  7 has  worsened,  the  torque  compensation  will  be 
inadequate  by  the  change  in  the  torques  from  day  6 to  7 plus  the  amount  caused  by  the  error  in  the 


Day  of  Year 


Figure  6 Theoretically  expected  results  of  initial  test. 
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sun  declination  change  compensation.  On  day  8,  the  torque  on  day  7 becomes  available.  Here 
the  observed  torque  is  worse  than  the  day  before,  so  the  torque  compensation  is  used.  Now,  the 
previous  day’s  command  compensation  kicks  in  to  subtract  the  torque  compensation  on  day  7 
from  the  day  8 command.  This  should  improve  the  torque,  but  as  always,  we  add  in  the  sun 
declination  change  compensation  error  to  get  virtually  no  change  in  torque.  On  day  9,  the 
observed  torque  is  within  limits  and  only  the  sun  compensation  is  used.  The  cycle  continues. 

The  proposed  slew  determination  algorithm  is  capable  of  controlling  daily  trim  tab 
operations  through  all  foreseeable  events.  There  are  two  instances  when  this  system  will  require 
engineering  interaction.  The  first  is  the  day  following  a stationkeeping  maneuver.  The  residual 
torque  calculation  algorithm  can  not  conclude  an  accurate  number  for  a time  spanning  such  an 
event.  In  this  case,  the  user  would  have  to  turn  off  the  roll  residual  torque  compensation  for  the 
following  day  to  avoid  the  compensation  of  improperly  calculated  errors.  Also,  the  residual 
torque  calculation  is  susceptible  to  error  during  periods  of  high  magnetic  field  variance.  Here  the 
user  would  have  to  determine  the  times  when  such  magnetic  storms  have  effected  the  torque 
calculation,  and  again,  disable  the  torque  compensation. 

TESTS  AND  RESULTS 

Beginning  on  November  1,  1997,  a fourteen-day  test  of  the  proposed  slew  determination  system 
was  performed  on  both  GOES-8  and  GOES-9.  The  goal  of  the  test  was  to  prove  the  feasibility  of 
such  a command  system  by  testing  the  accuracy  of  the  equations,  the  variance  in  the  roll  residual 

Table  1 

SETTINGS  FOR  INITIAL  TEST 

Partials  and  Gains  Logical  Parameters 


Manual  Slew 

off 

Torque  Compensation 

on 

Torque  Threshold  ±4.0  x 

1 07  deg/Nm 

Torquer  Data  Minimum 

390  points 

dy 

1.0 

dSA 

El 

dy 

dSA 

1.2 

si 

SAws  -23.44° 

SAss 

23.44° 

dy 

~dT 

-4.5  x 105  deg/Nm 

Gsa 

1.0 

Gtq 

1.0 

torque  calculation,  and  the  repeatability  of  the  gain  calculations.  Commands  were  calculated 
using  the  above  equations.  The  logic  from  the  flowchart  in  Figure  5 was  followed  to  simulate  the 
proposed  OATS  routine.  Each  day’s  command  was  sent  to  GIMTACS  using  the  OATS  manual 
slew  method.  For  comparison  purposes,  identical  logical  parameters  and  partial  derivatives  were 
used  for  both  spacecraft.  The  gains,  although  calculated,  were  not  re-introduced  into  the 
equations.  Table  l lists  the  values  used  for  the  initial  test.  The  torque  compensation  threshold 
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was  set  to  a higher  value  than  it  would  be  operationally.  This  was  done  to  increase  the  number  of 
days  where  only  the  sun  declination  change  compensation  was  used. 


GOES-8  test  data  is  shown  in  Figure  7.  The  steep  downward  trend  from  days  308  to  3 1 1 
and  from  days  3 13  to  3 18  is  caused  by  moving  the  trim  tab  too  much  each  day.  This  suggests  that 
the  sun  declination  change  partial  was  too  large.  For  days  308  to  31 1,  the  error  was  on  average 
about  39%,  and  from  day  313  to  day  318  it  was  approximately  9%.  The  torque  compensation 
was  used  on  day  311.  Analysis  shows  that  this  compensation  was  approximately  90%  too  large. 


GOES-9  data  is  shown  in  Figure  8.  For  this  spacecraft,  the  sun  declination  change  partial 
was  also  too  high.  From  days  305  to  309,  the  partial  was  on  average  28%  too  large,  and  from 
days  315  to  318,  the  partial  was  an  average  of  16%  too  large.  Torque  compensation  was  used  on 
days  309,  and  313.  It  was  found  to  be  an  average  of  66%  too  large.  The  torques  on  days  312  and 
313,  caused  by  commands  on  day  3 1 1 and  312,  respectively,  could  not  be  explained. 


Figure  8 GOES-9  Test  Results 


Test  results  revealed  a larger  reliance  on  gains  than  anticipated.  The  use  of  the  Gsa  gain 
would  alleviate  the  average  error  in  the  sun  declination  change  compensation.  The  variance  in 
the  average  sun  compensation  error  over  a short  term  of  approximately  four  days  represents  the 
noise  of  the  system.  This  could  be  caused  by  spacecraft  environmental  changes  and  by  trim  tab 
positioning  error  due  to  the  limitations  of  the  stepping  motor.  Over  a period  of  several  weeks,  the 
variance  in  the  sun  compensation  error  represents  the  error  in  the  curve  fit  fitted  to  flight  history 
data  in  Eq.  (3).  This  longer-term  error  is  corrected  by  the  roll  residual  torque  compensation  by 
optimizing  the  trim  tab  position  whenever  it  breaks  the  torque  threshold. 


The  errors  in  the  torque  compensation  could  also  be  relieved  though  the  use  of  gains. 
Since,  however,  it  is  only  necessary  for  this  compensation  to  reset  the  torque  to  its  approximate 
optimum  position,  it  is  not  necessary  to  achieve  an  exact  value  for  this  partial.  More  data  is 
required  to  determine  the  annual  variance  in  the  derivative  relating  the  trim  tab  position  to  the 
residual  torque 

The  two  unexplainable  GOES-9  data  points  on  days  312  and  313  may  be  caused  by  a 
change  in  the  spacecraft  environment,  although  this  has  thus  far  not  been  proven.  Further  tests 
would  be  necessary  to  determine  the  frequency  of  such  events  and  their  impact  on  the  proposed 
commanding  system.  It  is  important  to  note  that  the  self-healing  nature  of  the  system  allowed  it 
to  compensate  for  the  effect  while  maintaining  trim  tab  performance  to  a degree  of  accuracy  well 
within  acceptable  limits. 
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FUTURE  PLANS 


A second  series  of  tests  will  be  performed  on  GOES-8,  GOES-9,  and  the  inverted  GOES- 
10,  if  available.  These  tests  will  be  similar  to  the  first  except  they  will  span  many  more  days  and 
include  the  sun  compensation  gain,  Gsa-  This  will  increase  the  number  of  data  points  between 
torque  compensations  to  get  a better  feel  for  the  potential  accuracy  of  the  system.  The  accuracy 
of  this  system  is  limited  only  by  the  accuracy  of  the  partial  derivatives  and  by  the  ability  to  model 
the  seasonal  trim  tab  position  curves  as  in  Figures  3 and  4.  The  next  test  will  also  determine  if 
the  torque  compensation  threshold  can  be  tightened  in  effort  to  reduce  the  maximum  roll  residual 
torque  allowed. 

Pending  acceptable  results,  the  trim  tab  command  determination  system  will  be  proposed 
for  integration  into  the  OATS  ground  system  where  it  will  determine  the  daily  trim  tab  command 
for  all  current  and  future  GOES  I-M  series  spacecraft. 

CONCLUSION 


Thermal  and  attitude  requirements  of  the  GOES  I-M  series  spacecraft  require  the  use  of  a 
trim  tab  to  balance  the  environmentally  induced  torque  throughout  the  yearly  solar  cycle.  A new 
method  of  determining  the  daily  position  of  the  trim  tab  has  evolved  from  off-line  analysis  tools 
developed  to  aid  the  OATS  ground  system  calculations.  This  system  will  alleviate  many  of  the 
shortcomings  of  the  current  least-squares-fit  system.  For  ease  of  integration,  it  has  been  designed 
to  utilize  many  of  the  proven  features  of  the  currently  used  method.  A test  using  two  operational 
spacecraft  has  shown  the  system  to  be  capable  of  controlling  the  trim  tab  to  well  within 
acceptable  limits.  Another  series  of  tests,  better  mimicking  the  proposed  system,  will  control  the 
trim  tabs  of  several  spacecraft.  If  the  results  of  the  future  tests  yield  adequate  results,  the  system 
will  be  proposed  for  integration  into  the  OATS  ground  system. 
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USE  OF  MICROGRAVITY  SENSORS  FOR 
QUANTIFICATION  OF  SPACE  SHUTTLE  ORBITER 
VERNIER  REACTION  CONTROL  SYSTEM  INDUCED 

ENVIRONMENTS 

Robert  B.  Friend1 

In  the  modeling  of  spacecraft  dynamics  it  is  important  to 
accurately  characterize  the  environment  in  which  the  vehicle 

operates,  including  the  environments  induced  by  the  vehicle 
itself.  On  the  Space  Shuttle  these  induced  environmental 
factors  include  reaction  control  system  plume.  Knowledge  of 
these  environments  is  necessary  for  performance  of  control 
systems  and  loads  analyses,  estimation  of  disturbances  due 
to  thruster  firings,  and  accurate  state  vector  propagation. 

During  the  STS-71  mission,  while  the  Orbiter  was  performing 
attitude  control  for  the  mated  Orbiter/Mir  stack,  it  was  noted 
that  the  autopilot  was  limit  cycling  at  a rate  higher  than 
expected  from  pre-flight  simulations.  Investigations  during 
the  mission  resulted  in  the  conjecture  that  an  unmodelled 
plume  impingement  force  was  acting  upon  the  orbiter 
elevons.  The  in-flight  investigations  were  not  successful  in 
determining  the  actual  magnitude  of  the  impingement, 
resulting  in  several  sequential  post-flight  investigations. 

Efforts  performed  to  better  quantify  the  vernier  reaction 
control  system  induced  plume  impingement  environment  of 
the  Space  Shuttle  orbiter  are  described  in  this  paper,  and 
background  detailing  circumstances  which  required  the  more 
detailed  knowledge  of  the  RCS  self  impingement  forces,  as 
well  as  a description  of  the  resulting  investigations  and  their 
results  is  presented.  The  investigations  described  in  this 
paper  applied  microgravity  acceleration  data  from  two  shuttle 
borne  microgravity  experiments,  SAMS  and  OARE,  to  the 
solution  of  this  particular  problem.  This  solution,  now  used 
by  shuttle  analysts  and  mission  planners,  results  in  more 
accurate  propellant  consumption  and  attitude  limit  cycle 
estimates  in  preflight  analyses,  which  are  critical  for  pending 
International  Space  Station  missions. 
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INTRODUCTION 

Reaction  jet  plume  characterization  is  often  performed  using  computational  fluid 
dynamics  and  associated  techniques.  This  characterization  includes  the  self 
impingement  components  of  the  rocket  plume  which  impact  the  orbiter  surfaces  each 
time  an  attitude  control  engine  is  fired.  The  inclusion  of  these  effects  becomes 
extremely  difficult  when  uncertainties  in  the  position  of  articles  in  the  engine  plume  are 
included.  For  the  orbiter  aft  down  firing  vernier  thrusters,  the  subject  of  this 
investigation,  this  includes  main  engine  bells,  the  body  flap,  and  the  elevons.  The 
Space  Shuttle  has  been  flying  for  17  years,  yet  it  was  discovered  on  the  STS-71  mission 
that  the  induced  vernier  reaction  control  system  environments  and  associated  plume 
self-impingement  had  been  poorly  quantified. 


PROBLEM  DESCRIPTION 

The  Space  Shuttle  orbiter  accomplishes  attitude  control  when  in  orbit  through  the 
use  of  44  reaction  control  system  (RCS* ) thrusters.  The  38  Primary  RCS  thrusters  are 
arranged  in  14  groups  to  provide  both  automatic  rotational  control  and  manual 
translation  control.  The  six  Vernier  thrusters  are  arranged  about  the  vehicle  in 
orientations  that  allow  three  axis  rotational  control.  Each  of  the  14  PRCS  thruster 
groups  and  each  of  the  six  VRCS  thrusters  has  an  associated  acceleration  vector, 
called  an  angular  acceleration  increment,  used  to  determine  which  thruster  to  select  in 
the  presence  of  a given  command  and  to  estimate  the  vehicle  rate  change  in  response 
to  a thruster  firing.  These  acceleration  increments  are  calculated  by  the  Shuttle 
computers  using  pre-flight  determined  models  of  the  vehicle  mass  properties  and  orbiter 
RCS,  including  plume  impingement  components.  The  overall  thruster  arrangement  is 
shown  in  Figure  1 . 


Figure  1 Shuttle  Orbiter  Thruster  Locations  and  Plume  Directions 
A 5 Indicates  Vernier  Thrusters,  All  Others  are  Primary  Thrusters 


* All  acronyms  used  are  defined  in  the  accompanying  notations  section. 
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During  the  STS-71  mission,  while  the  Orbiter  was  performing  attitude  control  for 
the  mated  Orbiter/Mir  stack,  it  was  noted  that  the  Orbiter  Digital  Autopilot  (DAP7)  was 
limit  cycling  at  a rate  higher  than  expected  from  pre-flight  simulation  results.  This 
resulted  in  propellant  expenditures  roughly  twice  pre-flight  predictions  for  some  of  the 
medially  held  attitudes.  Analysis  of  the  DAP  pedormance  showed  that  the  actual  vehicle 
acceleration  experienced  for  a minus  Pitch  command  differed  significantly  from  the  DAP 
expected  values.  The  DAP  expected  acceleration  is  calculated  based  upon  transferring 
the  torque  about  a reference  CG  to  the  predicted  mission  CG  using  the  cross  product  of 
the  jet  forces  and  the  difference  between  the  reference  and  flight  estimated  CG 
positions.  These  predicted  accelerations  are  then  used  in  the  feed-forward  loop  of  the 
autopilot  to  estimate  rate  changes  due  to  a thruster  firing.  When  a difference  between 
the  predicted  rate  change  (calculated)  and  the  actual  rate  change  (derived  from  IMU 
data)  is  seen,  the  DAP  updates  its  estimate  of  undesired  accelerations.  These  are  then 
used  to  update  the  switching  lines  in  the  DAP  phase  plane  controller.  The  STS-71 
mated  vehicle  flight  derived  accelerations  are  compared  to  the  DAP  estimates  and 
shown  in  Table  1 , while  Figures  2 and  3 display  representations  of  the  nonlinear  Orbit 
DAP  Pitch  axis  phase  plane  both  from  pre-flight  expectation,  and  from  in-flight 
experience. 


Table  1 

STS-71  MATED  VEHICLE  PREDICTED  AND  FLIGHT  DERIVED  ACCELERATIONS 

Positive  Negative 


Axis 

Actual  (d/s2) 

Predicted  (d/s2) 

Actual  (d/s2) 

Predicted  (d/s2) 

Roll 

0.0025 

0.0028 

-0.0023 

-0.0024 

Pitch 

0.0030 

0.0029 

-0.0019 

-0.0026 

Yaw 

0.0118 

0.0110 

-0.0130 

-0.0110 

with  Representative  Switching  Lines  with  Biased  S1 1 Switching  Line 


Separate  phase  planes  are  maintained  for  each  of  the  three  rotational  axes,  with 
the  switching  lines  defined  from  desired  rate  and  attitude  deadbands  to  determine  when 
a control  action  is  required.  The  autopilot  maintains  the  vehicle  state  inside  the  bounds 
of  these  rate  and  attitude  limits.  The  switching  lines  are  derived  based  upon  estimates 
of  the  available  control  and  disturbance  accelerations  to  provide  propellant  efficient 
operation,  i.e.  low  rate  one  or  two  sided  limit  cycles.  In  the  absence  of  substantial 
disturbances  a two  sided  limit  cycle  is  commanded,  while  in  the  presence  of 
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disturbances,  a single  sided  limit  cycle  is  commanded.  The  efficiency  of  the  limit  cycles 
is  therefore  dependent  upon  the  accuracy  of  the  disturbance  acceleration  estimation. 


As  a result  of  the  investigations  conducted  during  the  STS-71  mission,  it  was 
concluded  that  the  errors  in  the  DAP  acceleration  estimate  were  most  probably  due  to 
an  unmodelled  force  acting  in  the  +X  (Orbiter  Body  Axis)  direction.  This  force  was 
assumed  to  be  primarily  impingement  forces  from  the  aft  downward  firing  vernier 
thrusters  R5D  and  L5D  acting  upon  the  orbiter  elevon  and  body  flap.  The  VRCS  plume 
model  in  use  prior  to  STS-71  was  derived  from  flight  data  after  testing  on  STS-1 
revealed  that  original  (pre-STS-1)  estimates  for  VRCS  plume  forces  and  moments 
significantly  underestimated  the  effects  of  impingement  on  the  Orbiter  elevon  and 
bodyflap1.  This  model  was  derived  for  orbiter  surfaces  at  trail  (0.0  degrees  deflection) 
and,  unlike  the  PRCS  thrusters,  does  not  have  a modifier  to  correlate  changes  in  orbiter 
self-impingement  with  aerosurface  deflections.  The  STS-71  in-flight  investigation,  its 
progress,  and  its  attendant  conclusions  are  completely  documented  in  various  post-flight 
reports  and  papers2,3,4 


Following  the  STS-71  mission,  analysts  from  the  NASA/JSC  Engineering 
Directorate  Applied  Aeroscience  and  CFD  Branch  used  a plume  analysis  tool  to 
generate  impingement  forces  and  torques  which,  when  used  in  off-line  simulations, 
matched  STS-71  mated  flight  signatures.  None  of  these  models  were  able  to  provide  a 
satisfactory  match  to  flight  signatures  for  the  mated  configuration  without  unacceptably 
affecting  the  orbiter  alone  signatures.  It  was  the  opinion  of  the  analysts  that  a full  CFD 
analysis  be  funded  or  alternately,  a flight  derived  model  be  pursued5.  The  decision  was 
made  to  pursue  derivation  of  a model  based  on  flight  data. 


APPROACH 

To  develop  the  new  model,  it  was  decided  to  capitalize  on  the  sensitivity  of  two 
accelerometer  payloads  (SAMS  and  OARE)  on  the  STS-73  microgravity  mission  to 
measure  translational  accelerations  from  VRCS  thruster  firings.  A DTO  was  designed 
which  required  19.6  second  firings  from  both  a single  aft  down-firing  VRCS  thruster,  and 
2 simultaneous  down-firing  aft  thrusters6.  These  were  done  at  a fixed  (-7.5  degree) 
elevon  position.  The  accelerations  due  to  the  thruster  firings  were  analyzed  post-flight 
to  determine  a flight-derived  plume  model.  This  model  was  compared  against 
signatures  from  several  shuttle  flights.  It  was  also  compared  against  similar  data  from 
STS-78,  a micro-gravity  mission  where  the  DTO  was  performed  twice  in  an  effort  to 
quantify  elevon  position  effects  on  VRCS  plume  impingement.  The  STS-78  results  were 
used  to  verify  the  STS-73  derived  model.  Small  changes  in  the  STS-73  derived  model 
resulted  from  analysis  of  the  STS-78  data.  The  resulting  model  was  compared  against 
data  from  several  missions  and  orbiter  configurations  (mated  to  the  Mir,  and  Orbiter 
alone) 
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DISCUSSION 

STS-73  Shuttle  Accelerometer  Measurement  System  (SAMS)  and  Orbiter 
Accelerometer  Research  Experiment  (OARE)  data  was  downloaded  from  the 
NASA/Lewis  Research  Center  Microgravity  Services  Lab  via  Internet  FTP.  This  data 
was  first  evaluated  using  the  data  viewers  made  available  through  the  FTP  site.  A 
sample  of  the  SAMS  viewer  data  from  STS-73  is  presented  in  Figure  4. 


Time  (sec) 

Figure  4 STS-73  SAMS  Data  from  SAMS  Viewer 
X-axis  Acceleration,  R5D+L5D 


The  desired  thruster  acceleration  data  was  initially  difficult  to  extract  due  to  the 
frequency  of  the  accelerometer  data  and  the  low  level  of  acceleration  from  the  VRCS 
thruster(s).  To  aid  in  data  extraction,  the  accelerometer  data  was  normalized  to  remove 
acceleration  biases  due  to  on-board  activities  and  vehicle  attitude,  then  filtered  using  a 
filter  with  a 0.2  Hz  cutoff  frequency  to  eliminate  the  high  frequency  content  which  made 
the  plots  difficult  to  read.  Figure  5 presents  the  data  from  Figure  4 after  processing 
through  the  MATLAB  tools.  After  determination  of  the  sensed  acceleration,  the 
accelerations  were  transformed  into  the  Orbiter  structural  reference  frame  at  the  orbiter 
CG,  rather  than  in  the  accelerometer  frame  at  the  accelerometer  location.  Preliminary 
force  and  moment  models  were  then  developed  using  the  acceleration  data  derived 
from  the  accelerometer  measurements. 
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Figure  5-  STS-73  SAMS  Data,  Normalized  and  Filtered 
X-axis  Acceleration,  R5D+L5D 

To  perform  a check  on  the  reasonableness  of  the  accelerations  determined  via 
reading  the  plots  from  the  flight  data,  a MATLAB  tool  was  developed  using  the  System 
Identification  Toolbox.  The  tool  attempts  to  simultaneously  solve  for  both  forces  and 
moments  through  repetitive  iterations,  searching  for  a local  minimum  of  a specified 
function  using  a Gauss-Newton  minimization  procedure,  subject  to  some  criteria.  In  this 
case,  the  specified  criteria  was  a minimum  error  between  the  SAMS  acceleration  data 
and  the  tool  results.  Optimal  solutions  for  the  X force  value,  as  determined  by  the 
MATLAB  tool  using  STS-73  and  STS-78  SAMS  data,  ranged  from  3.8lbf  to  5.3lbf.  This 
bracketed  the  value  of  3.9lbf  determined  from  reading  the  plots.  The  large  range  in 
values  is  a result  of  two  problems  encountered  with  the  System  Identification  toolbox. 


The  first  problem  encountered  was  that  the  MATLAB  system  Identification 
toolbox  requires  that  the  equations  of  motion  be  represented  by  a linear  model,  and  this 
is  not  accurate  due  to  Euler  cross-axis  coupling.  Euler  coupling  has  a significant  effect 
on  shuttle  vehicle  dynamics  while  in  orbit  when  using  vernier  thrusters  and  may  not  be 
ignored  in  this  case.  The  second  problem  was  numerical  precision  related. 
Accelerations  measured  were  in  the  1x1  O'5  to  4x1  O'5  range  and  consequently  were  near 
the  precision  limits  of  the  tools.  Because  of  these  problems  the  results  from  this  tool 
were  refined  using  a high  fidelity  six  degree  of  freedom  simulation  with  non-linear 
equations  of  motion. 
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The  various  candidate  force  and  moment  models  were  input  to  the  high  fidelity 
simulation  as  both  environment  and  autopilot  software  values.  Initial  simulation  runs 
were  performed  and  compared  against  flight  data  from  STS-73  and  STS-71.  The 
revised  force  and  moment  models  all  came  closer  to  matching  mated  flight  data  than  the 
original  model  but  the  match  for  orbiter  alone  cases  was  adversely  affected.  When 
using  the  models  which  contained  the  larger  forces  in  the  Orbiter  X axis  (Fx>4  lb),  large 
under-predictions  in  rate  change  (rather  than  over-predictions  seen  with  the  old  model) 
were  seen  for  the  mated  flight  data.  The  models  with  lower  values  of  Fx  all  matched 
flight  data  closely,  but  universally  the  new  models  adversely  affected  results  from  single 
jet  and  two  jet  cases  when  compared  to  the  orbiter  alone  results.  A small  trade  study 
was  performed  which  resulted  in  the  determination  that,  for  orbiter  alone  cases,  the 
moment  values  for  My  and  Mz  had  greater  effect  on  system  response  than  the  forces  Fx 
and  Fy.  The  opposite  was  true  for  orbiter/Mir  mated  cases  due  to  the  large  difference 
between  the  system  reference  and  the  actual  vehicle  center-of-gravity,  where  the 
moment  generated  by  the  revised  plume  forces  is  significantly  large  when  compared  to 
the  generated  control  moment.  This  result  led  to  the  conclusion  that  the  original  model, 
created  after  STS-1 , closely  approximated  the  moments  generated  by  the  vernier 
thrusters,  but  did  not  accurately  represent  the  forces  generated.  In  creation  of  the  final 
model,  a decision  was  made  to  create  a hybrid  model  consisting  of  new  forces  and  the 
old  moments,  since  the  original  model  had  matched  orbiter  alone  cases  well.  The  final 
impingement  model,  and  the  associated  K-load  jet  model  is  shown  in  Tables  2 and  3, 
with  the  old  model  for  comparison. 


Table  2 

IMPINGEMENT  MODELS:  NEW  VS.  OLD  FORCES  AND  MOMENTS 


New  Model  Old  Model 


Thruster 

FS5D 

L5D 

R5D 

L5D 

F|X  (lb) 

3.91 

3.91 

0.403 

0.403 

F|y  (lb) 

-4.35 

4.35 

-4.293 

4.293 

F.Z  (lb) 

10.93 

10.93 

10.906 

10.906 

M|X  (ft-lb) 

92.6 

-92.6 

92.64 

-92.64 

Mly  (ft-lb) 

435.3 

435.3 

435.29 

435.29 

M|Z  (ft-lb) 

170.4 

-170.4 

170.4 

-170.4 

Table  3 

ONBOARD  SOFTWARE  MODEL-  NEW  VS.  OLD  FORCES  AND  MOMENTS 


New  Model  Old  Model 


Thruster 

R5D 

L5D 

R5D 

L5D 

F,x  (lb) 

3.91 

3.91 

0.403 

0.403 

Fly  (lb) 

-4.35 

4.35 

-4.293 

4.293 

F.z  (lb) 

-13.07 

-13.07 

-13.09 

-13.09 

Mlx  (ft-lb) 

-143.3 

143.3 

-143.32 

143.32 

Miy  (ft-lb) 

-541.4 

-541.4 

-541 .39 

-541.39 

M,z  (ft-lb) 

170.4 

-170.4 

170.4 

-170.4 
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RESULTS 

The  new  model  was  evaluated  against  flight  data  from  twelve  cases  spanning 
five  shuttle  missions.  The  evaluations  included  both  orbiter  alone  and  Orbiter/Mir 
configurations,  and  four  different  elevon  positions.  The  new  models  were  first  used  in 
an  open  loop  jet  selection  program  to  determine  raw  vehicle  rotational  acceleration 
differences  for  cases  where  L5D,  R5D,  or  both  L5D  and  R5D  were  selected.  The 
percentage  differences  in  rotational  accelerations  between  the  old  and  the  new  models 
and  flight  data  for  the  twelve  cases  are  presented  in  Table  4. 

Table  4 

ROTATIONAL  ACCELERATION  DIFFERENCES:  FLIGHT  VS.  OLD  AND  NEW  MODELS 

Elevon  Absolute  Difference-  Flight  vs.  Open  Loop  (%) 


Mission 

Condition 

Position  (deal  Thruster 

Fliaht  to  Old  Model 

Fliaht  to  New  Model 

Roll 

Pitch 

Yaw 

Roll 

Pitch 

Yaw 

STS-71 

Docked 

0.0 

L5D  + R5D 

96.83 

21.84 

103.5 

97.37 

0.073 

102.7 

STS-71 

Docked 

+21.6 

L5D + R5D 

97.16 

31.22 

93.43 

97.64 

7.61 

94.88 

STS-71 

Docked 

-7.5 

L5D  + R5D 

31.61 

18.07 

124.7 

42.28 

1.46 

119.6 

STS-71 

Orbiter 

-7.5 

L5D + R5D 

75.47 

5.44 

66.20 

74.67 

2.56 

113.3 

STS-73 

Orbiter 

-7.5 

L5D 

0.098 

7.89 

14.10 

4.06 

0.91 

12.15 

STS-73 

Orbiter 

-7.5 

L5D + R5D 

88.94 

12.31 

101.4 

87.74 

3.94 

101.7 

STS-74 

Docked 

-7.5 

L5D + R5D 

6.91 

22.16 

19.27 

14.79 

3.10 

16.14 

STS-78 

Orbiter 

-7.5 

L5D  + R5D 

116.91 

15.19 

99.91 

119.7 

7.18 

102.4 

STS-78 

Orbiter 

-7.5 

R5D 

0.13 

18.50 

30.08 

4.04 

10.80 

31.73 

STS-78 

Orbiter 

-25.3 

L5D  + R5D 

115.74 

16.17 

99.82 

127.0 

8.34 

48.97 

STS-78 

Orbiter 

-25.3 

R5D 

4.69 

16.11 

19.15 

0.73 

7.96 

18.21 

STS-79 

Orbiter 

-7.5 

L5D  + R5D 

41.65 

42.4 

99.98 

66.67 

2.16 

99.89 

From  examination  of  the  tabular  data,  it  is  apparent  that  the  new  model 
produces,  on  the  whole,  smaller  differences  between  simulation  and  flight  measured 
accelerations  in  the  axis  of  interest.  All  the  percentage  errors  in  the  table  greater  than 
10%  are  due  to  small  differences  between  very  small  numbers.  For  example,  the  Yaw 
axis  101%  error  for  the  STS-73  2 jet  case  results  from  the  difference  between  an  open 
loop  predicted  rotational  acceleration  of  -2.6E-06  deg/sec2  and  an  actual  acceleration  of 
1 .4E-04  deg/sec2.  Figures  6 and  7 show  the  filtered  STS-73  SAMS  flight  measured 
accelerations  (in  Orbiter  Body  Axis)  cross  plotted  with  the  output  of  a closed  loop 
simulation  for  the  L5D+R5D  -Pitch  case.  Evaluation  of  the  open  loop  acceleration 
comparisons  also  showed  that  the  plume  force  and  moments  vary  with  elevon  position, 
as  might  be  expected.  Due  to  the  sparseness  of  data  points  an  accurate  correlation 
between  elevon  position  and  plume  force  variation  was  not  possible.  Since  the 
variations  in  rotational  acceleration  were  within  the  autopilot  feed-forward  loop  angular 
acceleration  increment  (angular  acceleration  over  autopilot  step  time)  design  criteria  of 
10%  it  was  determined  that  the  VRCS  plume  model  need  not  be  elevon  position 
dependent  as  the  PRCS  models  are. 
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Figure  6 Old  Model  X Axis  Accelerations  v.  Flight  Figure  7 New  Model  X Axis  Accelerations  v.  Flight 

L5D+R5D  -Pitch  Firing,  5e=  -7.5  deg  L5D+R5D  -Pitch  Firing,  5e=  -7.5  deg 

Following  the  open  loop  comparisons,  closed  loop  cases  were  run  using  both  the 
old  and  new  models  for  comparison  against  flight  data  from  five  missions:  STS-71 , STS- 
73,  STS-74,  STS-78,  and  STS-79.  Simulation  results  were  plotted  against  orbiter 
downlisted  flight  data  obtained  from  the  shuttle  downlist.  Figure  6 shows  the  system 
comparison  to  STS-73  flight  data  using  the  old  models,  while  Figure  7 shows  the  results 
using  the  new  models.  Both  figures  represent  an  L5D  thruster  firing  for  19.6  seconds. 
Figures  10  and  1 1 display  the  results  of  a 19.6  second  firing  of  L5D  and  R5D  in 
response  to  a -Pitch  command.  As  can  be  seen,  there  is  little  difference  between  the 
new  and  old  models  for  an  Orbiter  alone  case.  Very  small  improvements  in  comparison 
to  the  STS-73  flight  data  for  the  single  jet  case  were  noted.  No  change  was  visible  in 
the  2 jet  cases  shown  in  Figures  8 and  9.  As  an  item  of  interest,  it  was  noted  that,  in  the 
orbiter  alone  cases  examined  for  STS-71  and  -73,  both  the  new  and  the  old  models 
slightly  overpredicted  the  vehicle  rate  change  due  to  a thruster  firing,  while  in  the  STS- 
78  cases  the  rate  change  was  slightly  underpredicted  compared  to  flight.  These 
differences  were  attributed  to  mass  property  variations  between  the  missions. 


Figure  8 STS-73-  Flight  vs.  Simulation,  Old  Plume  Model.  Figure  9 STS-73  Flight  vs.  Simulation,  New  Plume  Model, 
Roll,  Pitch  & Yaw  Rate  from  L5D  Firing,  5e=  -7.5  deg  Roll,  Pitch  & Yaw  Rate  from  L5D  Firing,  &,=  -7.5  deg 
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Figure  1 0 STS-73-  Right  vs.  Simulation,  Old  Plume  Model,  Rgure  1 1 STS-73  Flight  vs.  Simulation,  New  Plume  Model, 
Vehicle  Rates  from  -Pitch  Firing  (L5D+R5D),  5e=  -7.5  deg  Vehicle  Rates  from  -Pitch  Rring  (L5D+R5D),  5e=  -7.5  deg 

Although  the  differences  between  the  orbiter  alone  configurations  examined 
were  minimal,  in  the  orbiter/Mir  mated  cases,  differences  were  much  more  evident. 
Simulations  were  run  for  STS-71,  STS-74  and  STS-79.  Since  STS-71  flight  data  was 
available  for  several  elevon  positions  (0.0  degrees,  +21 .6  degrees,  and  -7.5  degrees) 
each  was  individually  examined.  A single  case  was  performed  for  STS-74  since  the 
elevons  were  fixed  at  -7.5  degrees,  and  two  cases  were  examined  for  STS-79  since 
data  was  available  for  both  L5D  and  R5D  together,  and  R5D  alone. 


The  STS-71  simulations  were  performed  using  the  flight  initialization  load  (l-load) 
software  parameters  with  the  DAP  acceleration  filter  enabled.  The  STS-74  and  STS-79 
cases  used  the  defined  flight  l-loads  with  the  acceleration  filter  disabled  during  thruster 
firings.  The  acceleration  filter  was  disabled  for  these  missions  to  mask  the  plume 
impingement  effects  of  each  thruster  firing  from  the  orbiter  autopilot,  since  the  onboard 
software  models  had  not  been  updated  to  account  for  the  plume  forces.  Figures  12  and 
13  illustrate  the  system  response  for  the  STS-71  mated  case  with  the  elevons  at  their 
full  down  position  of  +21.6  degrees.  Discontinuities  visible  on  the  plots  are  due  to  data 
dropouts  in  the  flight  data.  Figures  14  and  15  are  comparisons  between  old  and  new 
plume  models  and  STS-79  flight  data,  while  Figure  16  compares  the  single  jet  system 
response  using  the  new  model  to  STS-79  flight  data.  As  is  apparent  from  examining 
Figures  12  through  16,  the  new  model  compares  much  more  closely  to  flight  results  than 
the  previous  model. 
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Figure  12  STS-71-  Flight  vs.  Simulation,  Old  Plume  Model,  Figure  13  STS-71  Flight  vs.  Simulation,  New  Plume  Model, 
Vehicle  Rates  from  -Pitch  Firing  (&>  = +21 .6deg)  Vehicle  Rates  from  -Pitch  Firing  (8e  = +21 .6  deg) 


Figure  14  STS-79-  Flight  vs.  Simulation,  Old  Plume  Model,  Figure  15  STS-79  Flight  vs.  Simulation,  New  Plume  Model, 
Vehicle  Rates  from  -Pitch  Firing  (L5D+R5D),  5e=  -7.5  deg  Vehicle  Rates  from  -Pitch  Firing  (L5D+R5D),  5e=  -7.5  deg 
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Figure  16  STS-79-  Flight  vs.  Simulation,  New  Plume  Model, 

Vehicle  Rates  from  firing  R5D,  with  some  pulsing  from  L5D,  Se=  -7.5  deg 


CONCLUSIONS 

It  was  apparent,  from  STS-71  flight  data,  that  the  vernier  RCS  plume  model 
created  after  STS-1  did  not  represent  the  actual  vehicle  self-impingement  forces 
accurately.  An  investigation  to  more  accurately  define  plume  impingement  effects  of  the 
aft  down-firing  vernier  thrusters  was  completed,  resulting  in  a new  model  of  VRCS  self 
impingement  forces.  The  new  model  has  been  verified  against  multiple  Shuttle  missions 
and  on-orbit  configurations.  From  comparison  of  the  flight  data  with  simulation  results 
using  the  new  plume  model,  it  is  evident  that  much  closer  matches  between  simulation 
and  flight  signatures  may  be  obtained  for  both  orbiter  alone  scenarios  and  scenarios 
with  the  Orbiter  mated  to  a large  structure.  The  new  model  is  in  use  by  analysts  and 
mission  planners  on  the  shuttle  program.  Its  incorporation  into  flight  design  and  stability 
and  control  analyses  results  in  more  accurate  estimation  of  propellant  consumption  and 
vehicle  performance,  both  extremely  important  parameters  in  the  pending  Space  Station 
assembly  missions  requiring  Orbiter  control  of  the  mated  Orbiter/ISS  configuration. 
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NOTATIONS 

PRCS-  Primary  Reaction  Control  System,  each  thruster  develops  870  lbf  thrust 

VRCS-  Vernier  Reaction  Control  System,  each  thruster  develops  25  lbf  thrust 

DAP-  Shuttle  Digital  Autopilot 

OARE-  Orbital  Acceleration  Research  Experiment 

SAMS-  Shuttle  Acceleration  Measurement  System 

CG-  Center-of-Gravity 

DTO-  Developmental  Test  Objective 

DOF-  Degree-of-Freedom 

1-Load-  Initialization  Load,  a shuttle  software  parameter  that  may  change  each  flight 
K-load-  Constant  Load,  a shuttle  parameter  that  is  hard  coded  into  the  software 
Fx-  Force  acting  in  the  Orbiter  X axis 
Mx-  Moment  about  the  Orbiter  X axis 
CFD-  Computational  Fluid  Dynamics 

8e-  Delta  Elevon  position,  with  - sign  denoting  upward  deflection,  and  + denoting  downward 
a*,-  Attitude  rate  error,  the  differenced  between  desired  and  sensed  vehicle  rate 
9e-  Attitude  error,  the  difference  between  desired  and  actual  position 
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ATTITUDE  COMMANDS  AVOIDING  BRIGHT  OBJECTS  AND 
MAINTAINING  COMMUNICATION  WITH  GROUND  STATION 

Hari  B.  Hablanf 

Boeing  North  American,  Downey,  CA 

The  objective  of  the  paper  is  to  develop  attitude  commands  for  slewing  a vehicle  such 
that  the  angle  of  its  boresight  with  the  centroid  of  a bright  object  is  not  less  than  a 
minimum  angle  and  its  antennae  do  not  lose  communication  with  ground.  These 
commands  involve  three  angles:  required  pitch/yaw  slew  angle,  bright  object 
exclusion  angle  normal  to  the  slew  angle,  and  a roll  angle  for  maintaining 
communication.  The  location  of  a bright  object’s  centroid  is  formulated  in  terms  of 
the  first  two  angles.  If  the  minimum-angle  slew  path  enters  the  forbidden  perimeter 
around  a bright  object,  two  alternative  exclusion  angles  are  determined,  minimum  and 
nonminum,  to  pass  the  object  tangentially  from  either  of  the  two  sides.  Of  the  two 
angles,  that  exclusion  angle  is  selected  which  steers  the  ground  station  trace  toward 
the  communication  beam  axis  and  not  to  the  boundary  and  out  of  the  beam.  To 
develop  time-varying  command  profiles,  the  pitch/yaw  slew  angle  is  varied  as  a 
time/fuel  optimal  profile  and  the  exclusion  angle  is  varied  as  a versine  function  of  the 
slew  angle  joining  the  centroidal  exclusion  angle(s)  with  the  initial  and  final  directions 
of  the  boresight.  If  the  versine  profile  enters  the  forbidden  perimeter  around  a bright 
object,  the  intrusive  segment  of  the  profile  is  replaced  with  the  perimeter. 
Communication  link  of  the  antennae  along  the  three  body  axes  is  maintained  by 
rolling  the  vehicle  before,  during  or  after  slewing.  The  area  forbidden  to  the  ground 
station  trace  within  the  conical  beam  of  -x  antenna,  for  a 90  deg  pitch/yaw  motion,  is 
identified.  Finally,  the  three-axis  attitude  commands  and  rate  commands  are  illustrated 
for  a stressing  scenario  in  which  two  bright  objects  are  closeby  and  hence  pose  special 
circumstances  for  the  algorithm  to  tackle. 

I.  INTRODUCTION 

Spacecraft,  whether  earth-pointing,  inertially-stabilized  or  interplanetary,  are  sometimes  required  to  slew 
from  one  direction  in  space  to  other  in  such  a way  that,  en  route,  the  sensitive  payloads  not  see  bright  objects  such 
as  Sun,  Moon  and  Earth,  and  that  antennae  not  lose  communication  with  ground.  This  paper  is  concerned  with 
devising  attitude  commands  for  these  purposes.  The  subject  of  attitude  maneuvers  avoiding  certain  directions  in 
space  has  been  considered  in  the  past  and  Ref.  1,  an  early  version  of  this  paper,  cites  these  contributions. 
References  2-4  are  pertinent  here.  Singh  et  al.2  developed  a constraint  monitor  algorithm  to  protect  sensors  of 
Cassini  spacecraft  from  viewing  the  Sun.  McCullough  et.  al3  devised  a velocity  avoidance  algorithm  to  protect 
Heavy  Ion  Large  Telescope  instrument  boresight  from  hazardous  debris  in  the  neighborhood  of  spacecraft  orbit. 
The  algorithm  maintains  a minimum  90  degrees  ram  angle  of  the  boresight  with  the  spacecraft  velocity  vector. 
Rivera4  conceived  of  a fixed  axis  of  rotation  located  somewhere  in  a plane  bisecting  the  ideal,  minimum  slew 
angle,  the  exact  location  dictated  by  the  requirement  that  the  boresight’s  new  path  (circular  arc)  avoid  a bright  disc 
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if  the  disc  intersects  the  minimum-angle  ideal  path.  Though  well-thought-of,  a shortcoming  of  this  approach  is  that 
it  results  in  maximum  deviation  of  the  boresight  at  half-slew  angle  regardless  of  the  disc’s  location.  In  contrast,  the 
approach  devised  in  this  paper  has  many  general  features  that  will  be  apparent  subsequently. 

Whereas  the  exclusion/communication  algorithm  developed  here  generates  reference,  time-varying  attitude 
and  angular  rate  commands,  one  may  instead  use  step  commands,  for  simplicity.  For  example,  Figure  la  illustrates 
a minimum-angle  slew  path  AB  of  a sensor  starting  from  its  initial  orientation  A to  its  final  orientation  B.  En  route, 
the  sensor  crosses  Sun.  To  avoid  this  crossing,  the  sensor  is  step-commanded  first  to  turn  to  the  point  C or  to  the 
opposite  point  D on  the  disc  (the  selection  contingent  upon  the  communication  requirements).  After  arriving  there, 
the  sensor  is  step-commanded  to  the  final  orientation  B.  This  approach  is  simple  in  that  the  attitude  controller 
receives  two  sequential  step  commands  and  therefore  the  associated  flight  software  is  brief.  However,  the 
disadvantage  of  this  approach  is  that,  if  the  time/fuel  optimal  path  ADB  or  ACB  taken  by  the  sensor  enters  the 
disc,  depending  on  the  location  (a’,  e‘)  of  the  disc’s  centroid  relative  to  the  initial  and  final  orientation  of  the 
sensor,  this  incursion  will  be  neither  detected  nor  averted  by  the  flight  controller.  To  redress  this,  the  step 
commands  may  be  devised  more  judiciously  as  shown  in  Figure  lb  (the  disc’s  centroid  in  Figure  lb  lies  on  the 
ideal  slew  path  AB,  e’  = 0).  Now,  the  forbidden  radius  around  the  bright  disc  is  enlarged  so  that,  ignoring 
transients,  the  sensor  will  traverse  the  path  ADB  where  AD  and  DB  are  tangential  to  the  earlier  forbidden  area. 
The  sensor  is  thus  step-commanded  to  the  orientation  D and,  after  arriving  there  and  stopping,  it  is  step- 
commanded  next  to  its  final  orientation  B.  The  intermediate  orientation  D may  be  determined  analytically  or 
numerically.  The  actual  path  of  the  sensor  in  these  two  illustrations  might  differ  significantly  from  the  expected 
path  ADB,  depending  on  the  flight  controller  and  actuators  (wheels,  thrusters).  For  one  thing,  because  of  the  step 
commands,  the  controller  must  stop  and  restart  the  sensor  at  D,  which  is  wasteful.  More  importantly,  since  the  slew 
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Figure  la  Step  Commands  Producing  Exclusion  Paths  That  Cross  Sun 


Figure  lb  Ideal  Tangential  Exclusion  Path  Avoiding  Sun,  Using  Step  Commands 
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angle  a and  the  exclusion  angle  s are  about  arbitrary  axes  in  the  pitch/yaw  plane  of  the  vehicle,  this  causes  a 
coupled  multi-axis  motion.  As  a result,  the  actual  path  of  the  sensor  may  not  be  as  well-behaved  as  what  it  will  be 
if  the  flight  controller  receives  reference  a and  e command  profiles  from  A to  B and  three-axis  body  rate 
commands  involving  a and  e . For  this  reason,  the  paper  develops  such  reference  commands. 

This,  then,  brings  us  to  the  contents  of  the  present  paper.  Section  II  formulates  various  aspects  of  attitude 
motion  for  a bright  object  avoidance.  The  parameters  of  a minimum-angle  slew,  namely,  slew  angle,  slew  axis, 
and  its  orientation  relative  to  the  initial  vehicle  frame  and  the  final  boresight  direction  are  determined  first  The 
coordinates  a*,  s*  of  the  centroid  of  a bright  object  relative  to  the  ideal  slew  plane  are  determined  next  Then 
follows  the  determination  of  the  two  opposite  exclusion  angles  (Figure  la)  about  an  axis  in  the  pitch/yaw  plane, 
each  enabling  the  telescope  to  pass  the  forbidden  disc  around  a bright  object  tangentially  at  a = a*.  While  the 
slew  angle  a is  varied  as  a time/fuel  optimal  profile,  the  exclusion  angle  s varies  as  a versine  function  of  a, 
reaching  the  desired  avoidance  angle  at  the  slew  angle  a = a*.  Should  this  s (a)  profile  intersect  the  disc  for  a 
certain  range  of  a,  this  versine  segment  is  replaced  by  the  corresponding  arc  of  the  forbidden  circle  around  the 
bright  object  The  formulation  for  this  replacement  is  developed  in  this  section.  Sections  HI  and  IV  deal  with  the 
roll  motions  required  for  communication  maintenance  of  antennae  with  a ground  station.  For  the  antennae  with 
their  communication  cones  along  pitch  and  yaw  axes,  a roll  motion  restores  the  communication  if  the  geometry  of 
the  vehicle  and  ground  station  locations  and  the  communication  cone  size  permit  it  at  all.  For  -x  antenna,  a roll 
motion  prior  to  the  slew  is  formulated  so  as  to  keep  the  ground  station  within  the  cone  of  the  antenna  for  a com- 
plete slew  maneuver.  This  pre-roll  motion,  however,  does  not  always  maintain  the  communication,  and  the 
corresponding  forbidden  region  of  the  ground  station  projection  within  the  communication  cone  is  identified. 
Regarding  the  two  opposite  exclusion  angles  determined  in  Sec.  n,  one  turns  the  antenna  away  from  the  ground 
station  while  the  other  aligns  it  more  with  it.  Thus,  while  one  exclusion  angle  is  desirable,  the  other  is  not,  and  the 
conditions  to  identify  them  are  devised  in  Sec.  V.  The  time- varying  angular  rate  commands  associated  with  slew, 
exclusion,  and  roll  motion  for  communication  maintenance  are  furnished  in  Sec.  VI.  Finally,  in  the  context  of  an 
exoatmospheric  vehicle,  these  attitude  and  rate  commands  are  illustrated  in  Sec.  VH  and  the  paper  is  concluded  in 


Sec.  vm. 


H.  BRIGHT  OBJECT  AVOIDANCE:  FORMULATION 


Ideal  Slew 


Figure  2 portrays  the  unit  vector  £ 0 along  the  initial  direction  of  the  boresight,  and  £ f along  its  final 


Final  L.O.S. 
unit  vector 


tQ  initial  L.O.S. 


unit  vector 
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Figure  2 Location  of  a Celestial  Object  Relative  to  the  Ideal  Slew  Plane  of  The  Boresight 
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desired  direction.  It  further  depicts  a bright  object  s to  be  avoided  by  the  telescope.  Clearly,  the  most  natural  axis  of 
rotation  to  slew  the  telescope  from  £ 0 to  £ f 's  normal  to  the  plane  containing  these  two  noncollinear  unit  vectors. 
Denote  the  unit  vector  along  this  axis  of  rotation  as  b (Figure  1)  and  the  angle  between  £ o and  £ f as  <(>.  Then 

sin<j>=  I £ox  if  I . Oojxrt  (1) 


b = (^ox  if)/sin<|> 


(2) 


To  complete  the  right-handed  triad  associated  with  the  unit  vectors  £ o and  b,  define  a unit  vector  a in  the 
plane  £0-£t  such  that  a = b x £0.  The  coordinate  frame  associated  with  the  triad  £ 0 a b (in  this 
sequence)  is  denoted  x’bo  y’bo  z’bo  where  the  subscript  b denotes  the  spacecraft  body,  0 denotes  the  initial 
orientation  of  the  spacecraft,  and  the  prime  distinguishes  it  from  the  initial  spacecraft  frame  Xbo  yM  z^:  xw  = 
x’bo,  and  the  axes  ybo.  Zbo  are  related  to  y’bo,  z’bo  through  a roll  angle  y (Figure  3).  Since  the  initial  line-of- 
sight  unit  vector  £q  is  along  the  boresight  axis  x^,  the  components  of  £q  in  the  initial  frame  j w:  x^  yw  Zto 
are  |o  = [1  0 0]T.  Moreover,  the  unit  vectors  a ( yb0 ) and  b ( zb0 ),  both  being  normal  to  £q,  are  in  the  pitch- 
yaw  (yz)  plane,  inclined  at  a roll  angle  y with  ybo  and  Zbo,  respectively.  Therefore, 


tany  = £f  •b^/^f’k-o  (3) 

where  the  unit  vector  b2o  is  along  ybo-axis  and  t>3o  along  Zbo-  Since  the  components  if'bx)  and  £ f • are  known, 
the  angle  y can  be  calculated. 

Exclusion  Angles 

As  shown  earlier  in  Figure  la,  the  center  of  a bright  object  s is  specified  by  an  angle  (called  azimuth  here) 
a*  in  the  slew  plane  £q-  £_  t (or  x’bo  y’bo)  about  the  axis  b and  an  elevation  angle  s*  about  the  once-displaced  axis 
y’bo  (the  unit  vector  c in  Figure  2).  The  unit  vector  s pointing  to  the  center  of  the  celestial  object  s (s  from  the  sun) 
can  be  expressed  in  the  frame  £ 0 a b thus 


Inertial  frame  (J2000) 


*fco  Ybo  ^bo 


Initial  body  frame  with  one  antenna 
in  comm,  link  with  ground 


Boresight 
slew  and 
exclusion 


Angle  roll  y 

yw  ^ U0ab> 


(Not  a motion;  locates  the  ideal 
slew  plane  and  axis) 


Ideal  slew: 


a | 

^ycZc 


Exclusion:  e(a)  y yc 

► Yd  zd 


Reverse  roll:  -y  ^ x<* 

Xb  Yb  i 
p=Z5p  | K 

Xb  Yb  z^ 

Instantaneous  body  frame 


Roll  motion  for 
comm,  link  of 
±z  and  -y  antennae 


Figure  3 Coordinate  Frames  and  Angular  Motions  for  Boresight  Slew  (a),  Bright  Object  Avoidance  (s), 
and  Roll  (p)  for  Communication  Maintenance  of  -y  and  ±z  Antennae 
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§=S'^olo  + s-aa  + sbb  (4) 

these  three  components  being  known  because  the  unit  vectors  s,  £_  o,  £_  f and  therefore  a and  b are  all  known 
in  an  inertial  frame,  J2000  for  example.  Furthermore,  using  the  angles  a*,  £*,  s_is  expressed  in  the  frame 
as  (Figure  3) 

s = cs*  ca*  £ o + cs*  sa*  a - se*  b (5) 

where  s(*)  = sin  (•)  and  c (•)  = cos  (*).  Comparing  the  three  components  in  Eqs.  (4)  and  (5)  the  angles  a*  and  e* 
are  found  to  be 

a*  = tan'1  [ ( s • a ),  (s  • £ 0)  ],  - 7t  < a*  < 7t  (6) 

s*=  - sin  '*  (s  • b)  - nJ2  < s*  < nJ2  (7) 

provided  - nil  < s*  < nil  so  that  ce*  > 0. 

A bright  object  is  considered  for  avoidance  when,  loosely  speaking,  0 < a*  < (j).  This  condition  is  not  exact 
for  the  following  reason.  An  infrared  celestial  object  is  to  be  avoided  by  a minimum  specified  angle  denoted  e, 
(Figure  lb),  that  is,  there  is  a disc  of  radius  around  the  celestial  object  centered  at  (a*,  e*)  which  the  boresight 
must  not  enter.  For  £*  = 0,  the  extreme  azimuth  angles  of  the  disc  boundary  will  then  be  a*  ± and  for  the  disc 
to  be  considered  for  avoidance  the  azimuth  angle  a*  must  satisfy  the  exact  condition:  - Espec  < a*  < <)>  + e^-.  But, 
usually,  mission  planning  will  ensure  that  the  initial  and  final  orientations  of  the  sensor  boresight  are  not  within  the 
Espcc  radius  of  a bright  object.  In  any  event,  for  simplicity,  we  will  continue  to  use  the  loose  condition  stated  earlier. 
For  a bright  object  within  0 < a*  < 4>,  the  minimum  deviation  angle  required  for  avoiding  this  object  is 
determined  as  follows.  Figure  4 illustrates  two  celestial  objects,  one  with  £*  > 0 and  the  other  with  e*  < 0.  It  is 

apparent  from  the  illustration  that  the  ideal  slew  path  of  the  boresight  (the  azimuth,  a,  axis)  about  the  axis  b will 

intersect  the  £spo;  disc  if  | £*  I < and  then,  for  boresight  to  avoid  entering  the  disc,  e^,  at  a = a*  must  be 

_ f-sign(espec-le*U*)  ifle*l<espec  (8a) 

£n,i"  | 0 if  l£*l>espec  <8b) 

In  subsequent  sections  we  will  see  that  sometimes  the  sign  of  is  such  that  the  avoidance  motion  e causes  the 
antenna  to  turn  away  from  the  ground  station  and  possibly  break  the  communication  link  altogether.  In  that  event, 
Emin  must  be  replaced  by  its  maximum  value 

emax  =sign(espec+le*l,e*)  if  le*l<espec  (9) 


a 
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Figure  4 Minimum  Deviation  Angle  for  Avoiding  a Celestial  Object  Exclusion  Angle:  Versine  Profile 
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to  pass  the  disc  tangentially  from  the  opposite  side.  This  will  align  the  antenna  more  with  the  ground  station. 
Furthermore,  when  two  or  more  bright  objects  are  close  together  or  overlap  (sunrise,  sunset,  moonrise,  moonset. 
Sun  and  Moon  in  the  neighborhood,  etc.),  the  minimum  or  maximum  deviation  angles  prescribed  by  Eqs.  (8)-(9) 
may  not  be  able  to  prevent  the  Foresight  from  entering  the  disc  of  a neighboring  celestial  object.  Ad  hoc  solutions 
for  such  special  circumstances  are  presented  in  Ref.  1. 


The  discrete  angles  (a*,  or  could  be  used  to  construct  step  commands  discussed  in  Introduction. 
But,  if  one  desires  to  input  a reference  command  profile  to  the  attitude  controller,  the  slew  angle  a must  be 
expressed  as  a function  of  time  and  s as  a function  of  a.  For  this  purpose,  an  s(a)  profile  is  composed,  piecing 
together  discrete  exclusion  angles  for  the  centroids  of  different  bright  objects  that  cross  the  ideal  slew  path,  and  the 
initial  and  final  exclusion  angles  at  zero  and  final  slew  angles.  Note  that  the  initial  and  final  exclusion  angles  are 
zero  unless  a bright  object  covers  the  initial  or  final  direction  of  the  sensor.  Since  a versine  (1  - cos  9 type)  profile 
has  zero  slope  at  the  beginning  and  at  the  end  and  can  be  shaped  to  be  tangential  to  a disc  at  its  centroidal  angle 
a*,  this  profile  is  used  here  as  an  s (a).  One  such  profile  and  its  slope,  satisfying  the  boundary  conditions  s = s*  @ 
a = c ii,  and  e = Em  @ a = ctj+i  is  (oq  and  are  the  centroidal  slew  angles  of  the  discs  i and  i + 1,  respectively) 


E=  — 
2 

(£i  + Ej+i)  — — ( 

ds 

n £i+l  ~ £i 

da 

2 ai+1  -aj 

B = 

«-«i  _ 

K 

sin  T| 


(10) 

(ID 

(12) 


These  relations  can  be  specialized  for  Sj  = 0 at  a,  = 0,  or  si+1  = 0 at  ai+1  = the  final  slew  angle  <j>,  or  for  any 
other  special  circumstance.  Also  the  rate  e is  calculated  from  e = (de/da)  a where  a = the  instantaneous 
slew  rate  determined  from  a time/fuel  optimal  slew  profile  of  a. 


Forbidden  Disc  Entry 

Depending  on  the  location  and  size  of  the  disc  relative  to  the  slew  path,  the  e-profile  (10)  may  cause  the 
sensor  to  enter  a bright  disc.  In  that  instance,  this  e(a)  is  replaced  by  an  e (a)  that  commands  the  sensor  to  slide 
along  the  disc  perimeter.  Reference  1 shows  that  the  disc  boundary  is  governed  by: 

ce  ce*  c(a  - a*)  + se  ss*  = cs^  (13) 

At  the  intersection  slew  angles  cq  and  ct2  (Figure  4)  the  avoidance  angles  s are  zero,  by  definition.  Hence, 
substituting  s = 0 in  Eq.  (13),  we  arrive  at 

e = 0:  c (ai  2 - a*)  = C£spec / c£*  O4) 

which  furnishes  the  angles  cq  < a*  and  <*2  > a*.  The  boresight’s  entry  of  the  forbidden  area  is  checked 
within  the  range  04  < a < 012  as  follows. 

For  a given  a,  whether  the  boresight  at  an  angle  s,  Eq.  (10),  will  enter  a disc  or  not  is  determined  from  Eq. 
(13).  Specifically,  if  a point  (a,  e)  of  the  versine  profile  is  within  a disc,  the  angle  between  (a,  e)  direction  and  (a*, 
s*)  direction  will  be  less  than  and  therefore 

boresight  entered  the  disc  o ce  ce*  c (a  - a*)  + se  se*  > ce^  (15) 
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If  this  condition  is  not  satisfied,  the  boresight  is  outside  the  disc.  Thus,  if  the  commanded  orientation  (a,  e) 
of  the  next  sample  satisfies  the  above  inequality,  the  boresight  will  be  commanded  to  enter  the  disc  unless 
this  s is  replaced  by  a perimeter  s for  the  same  slew  angle.  The  perimeter  s may  be  obtained  by  solving  the 
transcendental  Eq.  (13)  for  a given  (a  - a*)  angle  using  Newton-Raphson  technique,  by  substituting  e = e* 
+ 5s  and  expanding  se  and  cs  up  to  the  second-order  of  5s.  Alternatively,  define  a frame  xj  y j z*d 
analogous  to  the  frame  x^  yd  Zj  (Figure  3)  arrived  at  after  the  rotation  a = a*  and  s = s *.  Then,  the  disc 
perimeter  may  be  expressed  parametrically  in  terms  of  an  angle  0 (-7t  < 0 < 7t)  measured  from  y ^ -axis.  The 
boresight  Xt,  can  be  oriented  in  a direction  (a,  s)  on  the  disc  boundary  by  an  angle  of  rotation  Aa  about  z j - 
axis  and  As  about  Aa-displaced  y j -axis.  Expressing  then  the  boresight  unit  vector  in  the  frame  x *d  y ^ z *d  , 
Ref.  1 shows  that 

tan  Aa  = c0  tan  s^  (16) 

SAS  = -SSspec  s0  (17) 

To  determine  the  boundary  angle  s corresponding  to  a slew  angle  a (aj  < a < we  first  note  that,  for  ls*l  « 1 
rad,  Aa  » a - a*,  As  « s - s*.  For  a given  Aa,  then,  Eq.  (16)  yields 


c0  = tan  Aa  / tan 


(18) 


which  presents  two  values  of  0,  and  therefore  two  values  of  the  boundary  angle  s for  a given  a:  As  > 0 and 
As  < 0.  Deducing  sin0  from  Eq.  (18),  Eq.  (17)  furnishes 


sAs  — ±sespec 


tan2  Aa 

^spec 


1/2 


(19) 


Between  the  two  As’s,  that  value  is  selected  whose  sign  matches  with  the  sign  of  the  original  As  that  will  have 
brought  the  boresight  inside  the  disc.  The  new  s is  finally  calculated  from  s = s*  + As  and  the  boresight  is 
commanded  to  slide  along  the  disc  until  the  s of  the  versine  profile  does  not  bring  the  boresight  inside  the  disc 
anymore.  While  sliding  along  the  disc  perimeter,  the  slope  ds/da  is  governed  by 

de  cos  s * cos  e sin  (a  - a*) 

da  sin  e * cos  £ - cose  * sin  £ cos  (a -a*) 

in.  COMMUNICATION  MAINTENANCE  OF  PITCH  (Y)  AND  YAW  (Z)  ANTENNAE 


Figure  5 illustrates  communication  cones  of  -y  (pitch)  and  ±z  (yaw)  antennae.  If  the  vector  from  an  antenna 
to  the  ground  station  is  enveloped  by  the  antenna’s  cone,  the  communication  link  is  maintained,  otherwise  not.  The 
axes  of  the  antennae  cones  are  along  the  pitch  and  yaw  axes,  so  if  the  communication  link  is  broken  for  any 
antenna,  it  is  restored  by  a roll  rotation  (3  of  the  vehicle  about  the  x-axis  (Figure  3).  The  magnitude  of  this  rotation 
must  be  such  that  while  the  communication  link  is  regained  for  one  antenna,  it  is  not  lost  for  the  other  since  the  y 
and  z antennae  are  mounted  on  orthogonal  axes  and  signal  strength  for  one  antenna  is  made  stronger  at  the  expense 
of  the  other.  It  therefore  seems  logical  to  incrementally  roll  the  vehicle,  as  shown  in  Figure  3,  about  x-axis  so  as  to 
maintain  equal  signal  strengths  for  one  of  the  z antennae  and  -y  antenna  while  the  boresight  (x-axis)  is  commanded 
to  slew.  This  roll  motion  is  formulated  below. 


A time- varying  vehicle  body  frame  xb  y ^ Zb  , shown  in  Figure  3,  is  arrived  at  after  a rotation  of  (a,  s) 
formulated  in  Sec.  II.  The  antennae  in  this  orientation  of  the  vehicle  may  or  may  not  have  a communication  link 
with  the  ground.  Our  objective  now  is  to  determine  that  roll  angle  p which  not  only  links  -y  antenna  and  either  +z 
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Fig  5 Communication  Cones  of  Pitch  and  Yaw  Antenna 


or  -z  antenna  with  the  ground,  but  equalizes  as  well  the  signal  strengths  of  the  two.  Let  p be  a unit  vector  from  the 
vehicle  to  the  ground  station  (Figure  5),  with  the  components  in  the  frame  ?b  : x b yb  z b as  p ?b=[xb  ybzb] 
where  the  superscript  T means  transpose.  When  the  vehicle  is  rolled  by  an  angle  (3  about  the  axis  xb=  x^ 
equalizing  the  signal  strengths,  the  body  frame  7b:  Xb  yb  Zb  is  arrived  at.  The  components  of  p in  this  frame  are  [Xb 
yb  Zbf.  Let  <f>+2,  or  <j>2  for  short,  be  the  angle  between  +z  antenna  cone  axis  and  p ; likewise,  let  <j>_2  be  the  angle 
between  -z  antenna  cone  axis  and  p , and  <J>+y,  between  -y  axis  and  p . Ref.  1 then  shows  that,  for  equal  signal 
strengths  for  +z  and  -y  antennae  (4>z  = <j)_y)  the  required  roll  rotation  P in  terms  of  the  components  of  p prior  to  P 
rotation  is 


yb  + zb 

+ zantenna  :tanP== =— 

Yb  "zb 


and  after  rotation 


lj)  — y — (|)2  — cos 


V2 


(l-x2b)’Q 


(21) 


(22) 


One  infers  from  Eq.  (22)  that  for  a given  p vector  and  therefore  a given  x b which  does  not  change  by 
rotation,  the  angle  <(>_y  (=4>±z)  achieved  after  the  roll  is  predetermined  by  xb  = xb  whether  this  establishes 
the  communication  link  of  the  two  antennae  or  not,  that  is,  whether  <j>_y  = <|>2  < the  semicone  angle  0cone  or 
not.  Consider  now  the  antenna  along  -y  axis  and  the  antenna  along  -z  axis.  For  (j>_y  = 4>-z=  the  required  roll 
angle  P is  (Ref.  1) 


and,  after  the  rotation  p,  yb  = Zb- 


-zantenna:  tan 


P = 


-yb  +_zb 

yb  +zb 


(23) 


920 


In  actual  implementation  of  the  above  algorithm,  the  angle  p is  not  calculated  for  each  sample  relative  to  the 
frame  xb  y b zb  . Instead,  one  calculates  8p  rotation  with  respect  to  the  frame  Xb  yb  Zt,  of  the  previous  sample  and 
then  increment  the  previous  roll  by  8P  as  the  azimuth  and  elevation  angles  a and  e evolve.  This  will  maintain, 
throughout  the  slew,  the  same  yaw  antenna  (either  +z  or  -z)  in  link  with  the  ground  which  was  in  link  before  the 
slew  initiated. 

IV.  COMMUNICATION  MAINTENANCE  OF  -X  ANTENNA 

While  the  roll  rotation  P following  the  slew  angle  a and  exclusion  motion  e maintains  communication  for  y 
and  z antennae,  such  rotations  do  not  help  in  the  case  of  an  x-antenna  because,  now,  a post-roll  rotation  (about  x) 
cannot  change  the  angle  of  the  ground  station  vector  p with  the  cone  axis-x.  However,  because  of  the 

noncommutativity  of  large  angles,  a roll  rotation  p before  the  rotations  a and  s will  aid  in  maintaining 
communication  of  -x  antenna.  In  actual  flights,  though,  the  rotations  (a,  s)  do  not  need  to  take  place  after  the 
completion  of  the  roll  (p)  rotation;  indeed,  the  three  rotations  (P,  a,  e)  can  take  place  simultaneously  as  one 
equivalent  rotation.  But  a separate  consideration  of  the  pre-roll  P and  the  slew/exclusion  motion  (a,  e)  facilitates 
the  analysis  and  understanding.  We  will  now  determine  the  conditions  under  which  a pre-roll  rotation  is  required 
and  its  sense  and  magnitude. 

Let  <j)_x  be  the  angle  between  p and  the  antenna  beam  axis  -xt,.  The  requirement  for  communication,  then,  is: 
<t>.x<  ©cone  where  0^  is  the  semicone  angle  of  the  -x  antenna  beam.  Since  p • (-bt)  = cos  (bi  is  the  unit  vector 
along  the  Xb  axis)  the  just-stated  requirement  is  equivalent  to 

cos  <h-x  S cos  0^  (24) 

In  terms  of  the  components  of  p = [xb  yb  Zb]T  the  requirement  (24)  is  the  same  as  the  following  two 
requirements 

-Xb  > cos  (25) 

yb  + z\<  sin2  0^  (26) 

Satisfaction  of  these  constraints  will  now  be  examined  in  the  context  of  a large  angle  maneuver. 

Pitch  or  Yaw  Rotation  of  ± rc/2 

Suppose  the  mission  planning  requires  any  of  the  four  possible  ±90  deg  rotations  about  pitch  and  yaw  axis 
of  the  vehicle.  Of  the  four,  that  rotation  is  to  be  selected  for  which  the  ground  station  remains  within  the 
beamwidth  of  -x  antenna  throughout  the  rotation.  Consider  a pitch  rotation  of  <j>  about  yb-axis.  Let  [xbo  ybo  Zw]T  be 
the  unit  vector  to  the  ground  station  before  rotation  and  [Xbf  y^r  Zbf]T  after  rotation.  For  <|>  = 7t/2,  [x^f  y^f  z^f]  = [- 
Zbo  YbO  xboJ-  Applying  the  requirement  (25)  to  the  initial  and  final  x-components  we  obtain 

id2  pitchi-xjjo  > cos  0cone  (27a) 

zb0  — cos  ®cone  (27b) 

If  the  initial  ground  vector  satisfies  these  conditions,  it  will  remain  in  communication  before,  during,  and 
after  a 90  deg  pitch  rotation.  For  <j)  = -7t/2  rotation  the  requirement  (25)  leads  to 

-td2  pitch:  z^  < -cos  0^  (28) 


921 


From  (27)  and  (28)  we  conclude  that,  if  the  ground  is  in  link  with  the  vehicle  before  rotation,  a 7t/2  y- 
rotation  is  to  be  chosen  if  Zbo  satisfies  the  condition  (27b),  and  a -7t/2  y-rotation  if  Zbo  satisfies  the  condition 
(28).  If  neither  condition  is  satisfied,  a rotation  about  zb  axis,  considered  next,  is  then  resorted  to.  Imposing 
the  requirement  (25)  on  Xb  for  <j>  = 0 and  ± 7t/2  angle  of  rotation  about  Zb-axis,  the  following  conditions 
emerge  for  maintaining  communication  before  and  after  rotation 


initially: 

-XbO  St  COS  Gconc 

(29) 

tc/2  yaw: 

-ybO  S COS  Gcone 

(30) 

-7t/2  yaw: 

ybo  St  COS  Gcone 

(31) 

We  infer  from  (30)  that  if  ybo  component  of  the  initial  ground  unit  vector  meets  this  condition,  then  a 7t/2 
rotation  about  zb-axis  is  to  be  commanded  whereas  if  it  satisfies  the  condition  (31),  a -nil  rotation  about  zb- 
axis  is  to  be  commanded. 


Figure  6 illustrates  the  four  constraints  (27b),  (28),  (30)  and  (31)  on  the  initial  location  of  the  ground  station 
projection  in  the  communication  cone  of  -x  antenna.  If  the  ground  station  is  located  such  that  either  I ybo  I ^ cG^,* 
or  I Zbo  I S cGcone,  the  communication  will  be  preserved  after  a suitably  chosen,  as  determined  above,  ±90  deg 
rotation  about  yb  or  Zb-axis  of  the  vehicle.  This  is  shown  in  Figure  6 by  the  four  directions  of  travel  of  the  ground 
station  from  its  initial  to  final  location  within  the  cone.  Also,  these  four  constraints  imply  that  if  the  initial  ground 
unit  vector  is  located  such  that  I ybo  • < cGcone  and  I I < cG^  - the  unshaded  square  concentric  with  the  cone 

View  of  -x  antenna 
communication  cone 


y» 

T ♦ 


I 650511 

Figure  6 Regions  of  Ground  Station  Projection  for  Maintaining  Communication  With 
-x  Antenna  in  a ±90  Deg  Pitch  or  Yaw  Maneuver 
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circle,  the  communication  might  be  broken  after  a pitch  or  yaw  90  deg  maneuver.  The  word  might  is  sharpened 
below. 

Forbidden  Region  of  Ground  Station  Projection  in  the  Communication  Cone  of  -x  Antenna 

If  the  ground  station  is  initially  within  the  cone  and  if  I yto  I < cO^  and  I z^  I < cOcone  (Figure  6),  a 90  deg 
maneuver  about  pitch  or  yaw  will  drive  it  outside  the  cone.  Communication  may  still  be  restorable  by  a roll  motion 
before  the  pitch  or  yaw  maneuver  if  the  components  y^,  Zbo  are  such  that  this  preroll  motion  brings  the  ground 
station  within  any  of  the  four  segments  I ybo  I > c0COIK  and  I z^j  I > 00^,  that  is,  if  (ybo,  Zw)  point  lies  on  a concentric 
circle  of  radius  greater  than  cOco,*.  Figure  7 identifies  these  regions  in  shade.  To  formulate  them,  note  that  the 
square  region  I ybo  I — c0cone  and  I z^o  I = 000,*  in  Figures  6 and  7 circumscribe  a circle  of  radius  governed  by 
yb  +z£  = cos  0^,  equivalent  to  Xt,  = -sin  0conc  (jq,  < 0 so  that  the  ground  station  is  within  -x  antenna).  If  the 
ground  station  is  initially  within  this  circle 

ybO  + zbO  < °2 econe  or  -xb0 >sin0cone  (forbidden region)  (32) 

a roll  motion  can  never  bring  the  ground  station  to  the  region  I yb  I > C0cone  or  I zb  I > c0cone  and  hence  the 
communication  will  not  be  restorable.  The  ground  station,  therefore,  must  not  be  initially  in  this  forbidden 
region.  In  terms  of  the  angle  <{>.x,  the  forbidden  circle  (32)  can  be  rewritten  as 

cos  4>-x  > sin  0^  (forbidden  region)  (33) 


Region  of  initial  location 
of  Ground  Station 
Projection  where  pre-roll 
motion  is  required  to 
maintain  comm,  after 
± 90  deg  pitch  or  yaw 
rotation 


> 45  deg 


Ground  Station  6505i 

Figure  7 Forbidden  Region  of  Ground  Station  and  the  Regions  Where  a Pre-Roll  Motion 
Aids  in  Communication  of  -x  Antenna  After  a ±90  Deg  Pitch  or  Yaw  Rotation 
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For  example,  for  0^  = 60  deg,  the  ground  station  at  <j).x  < 30  deg  will  be  in  the  forbidden  region  for  an  imminent 
90  deg  maneuver.  This  result  appears  obviously  correct  since  if  <j>.x  < 30  deg,  a 90  deg  maneuver  in  the  opposite 
direction  of  the  initial  4>.x  will  lead  to  a final  <j).x  > (90  - 30)  = 60  deg,  outside  the  cone.  We  are  thus  led  to  the 
conclusion  that  if  the  ground  station  is  initially  within  the  shaded  region  of  the  cone  shown  in  Figure  7,  a pre-roll 
motion  will  maintain  communication  even  after  the  pitch/yaw  maneuver. 

Regarding  the  magnitude  and  direction  of  this  pre-roll  angle,  denoted  p,  we  first  require  that  its  magnitude 
be  minimum.  To  achieve  this,  intuition  suggests  that  if  I yw  I < I Zbo  I,  then  p rotation  should  decrease  I yw  I to  zero. 
Likewise,  if  I z^  I < I yw  I,  then  P rotation  should  render  I z^o  I to  zero.  This  rule  keeps  1 P I < 45  deg.  Following  this 
rule,  we  arrive  at 


tf  I yuo  I < I zw  I:  P = tan'1  (-yw/ z^)  =>  yb  = 0 

iflZbol<lyboI:  P = tan'' (Zbo/ybo)=>Zb  = 0 (34) 

Thus,  the  vehicle  is  rolled  by  the  angle  (34)  first  and  then  it  performs  the  multi-axis  slew  motion  (a,  s).  One  may, 
of  course,  use  an  equivalent  single  rotation  instead  just  as  well. 

V.  COMPATIBILITY  OF  EXCLUSION  MOTION  WITH  COMMUNICATION  CONSTRAINT 

Figure  8 illustrates  a large  rotation  a of  the  vehicle  about  zb  axis  inclined  at  an  angle  y (Figure  3)  from 
Zb-axis.  Because  of  positive  rotation,  the  ground  station,  which  is  on  -Xb  side  so  as  to  communicate  with  the  -x 
antenna,  moves  relatively  in  a direction  parallel  to  +yb  -axis.  On  the  other  hand,  the  sensor  axis  Xb  moves  such  that 

a bright  object  disc  appears  to  move  in  the  -y  b direction.  Then,  if  the  disc  parameters  are  such  that  > 1 s*  I (as 
in  Figure  8),  the  sensor  axis  Xb  crosses  the  disc  while  turning  about  zb  axis.  To  avoid  this  crossing,  the  vehicle  is 

rotated  by  s about  the  a-displaced  yb  -axis.  Since  the  sensor  can  pass  the  bright  object  tangentially  from  either 
side  of  the  disc  (points  A and  B in  Figure  8 and  as  illustrated  in  Figures  la-b),  our  objective  now  is  to  determine 
which  of  the  two  choices  is  consistent  with  the  requirement  of  keeping  the  ground  station  within  the  comm,  cone, 
because  we  observe  in  Figure  8 that  the  s-rotation  moves  the  ground  station  either  closer  to  the  cone  axis  or  away 
from  it  and  possibly  out  of  the  cone,  depending  on  the  sign  (e). 

From  the  sequence  of  transformations  in  Figure  3 (not  considering  the  roll  angle  p for  ±z  and  y antenna)  we 

obtain 


Xb  = Xbo  cs  ca  + ybo  (cs  sa  cy  + ss  sy)  + Zbo  (ce  sa  sy  - ss  cy)  = -cos  4>.x 


(35) 


where,  as  before,  Xbo,  ybo>  zbo  are  the  components  of  the  initial  ground  unit  vector.  To  determine  e that 
decreases  cj>.x  (9<j>.x  < 0),  so  that  the  ground  station  moves  towards  the  cone  axis,  differentiate  Eq.  (37)  with 
respect  to  e and  evaluate  the  derivative  at  e = 0.  We  then  arrive  at 


zb0 

sin  <j>  _x 


(36) 


where  zb0  is  the  component  of  the  ground  station  unit  vector  along  the  axis  of  rotation  zb0  before  the 
rotation.  The  slope  is  evaluated  at  s = 0 because  we  intend  to  decrease  4>.x  relative  to  its  ideal  value 
corresponding  to  s = 0 for  complete  range  of  e including  its  zero  initial  value.  Initially,  since  0 < <j>.x  < 0cone 

< n/2,  sin  <j>.x  > 0 and  therefore  the  requirement  5<|>.x  < 0 leads  to  the  condition  Zb0  9e  > 0,  which  gives  the 
following  rule  for  selecting  the  sign  of  exclusion  motion 
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sign  (zw)  = sign  (e) 


(37) 


Also  note  that  if  the  exclusion  motion  is  not  required  at  all  (that  is,  e = 0 for  complete  range  of  maneuver 
a),  zb0  will  not  be  changed  by  a because  a is  the  angle  of  rotation  about  zbg  • Finally,  we  note  that  the 
condition  (37)  is  invoked  just  once  to  determine  the  sign  of  s for  a given  bright  object  provided  I zbQ  I is 
greater  than  some  small  number,  say,  0.1,  below  which  the  ground  station  is  assumed  to  be  already  so  close 
to  the  cone  axis  that  s motion  of  either  sign  would  not  push  it  outside  the  cone. 

As  an  illustration,  apply  the  condition  (37)  to  a situation  depicted  in  Figure  8 where  zb0  > 0,  implying  that  s 
> 0.  Notice  that  according  to  the  sign  convention  of  counterclockwise  positive,  s*  is  positive  in  Figure  8 and 
therefore  the  avoidance  angle  s for  this  bright  disc  must  be  s = s’  + sspK  > 0.  If  the  comm,  constraint  were  absent, 
the  minimum  avoidance  angle  = -ssp(K  + s’  < 0 would  have  sufficed.  The  influence  of  comm,  constraint  on  the 
exclusion  motion  is  thus  apparent 


yi 


Final  location 
of  centroid 
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Figure  8 Motion  of  Ground  Station  in  the  Communication  Cone  of  -x  Antenna  and  the 
Motion  of  a Bright  Object  Relative  to  the  Sensor  Along  +x  Side  of  the  Vehicle 
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VI.  ANGULAR  RATE  COMMANDS  FOR  LARGE  ANGLE  MANEUVERS 


When  the  vehicle  is  commanded  to  perform  at  once  the  ideal  slew  a,  the  exclusion  motion  s,  and  the  roll 
motion  p for  maintaining  communication  with  ±z  and  -y  antennae,  according  to  the  transformations  shown  in 
Figure  3,  the  associated  rate  commands  in  the  instantaneous,  commanded  body  frame  are  found  to  be: 

cocl  = - a sin  + (3  (38a) 

©c2  = a cos  e sin  (P  - y)  + e cos  (P  - y)  (38n) 

coc3  = a cos  e cos  (P  - y)  - e sin  (P  - y)  (38c) 

If  the  vehicle  is  commanded  to  pre-roll  to  maintain  communication  of  -x  antenna  (without  a and  e 
rotations),  the  commanded  rate  of  rotations  will  then  be:  cocl  = p and  coc2  = 0 = coc3. 

VII.  ILLUSTRATIONS 

While  developing  the  preceding  exclusion-communication  algorithm,  it  was  applied  to  innumerable 
scenarios,  from  simplest  to  most  complex,  including  a Monte  Carlo  simulation  in  which  the  sun  was  located 
randomly  in  a celestial  sphere,  equivalent  to  specifying  an  arbitrary  initial  attitude  of  the  vehicle.  In  the  following, 

we  present  one  of  the  worst-case  stressing  scenarios  simulated.  Consider  a vehicle  in  a near-Earth  ballistic 

trajectory  (Figure  9).  En  route  it  performs  five  different  large-angle  maneuvers,  avoiding  Sun,  Moon,  and  Earth 
and  maintaining  communication  with  the  ground  station.  Figures  lOa-h  illustrate  these  maneuvers,  the  associated 
commands,  avoidance  of  bright  objects,  and  maintenance  of  communication.  Sun  and  Moon  locations  are 
hypothetical.  The  moon’s  phases  are  ignored  and  it  is  considered  to  be  full  bright  regardless  of  its  location  relative 
to  the  Sun.  This  assumption  is  not  tenable  but  it  allows  us  to  illustrate  the  versatility  of  the  algorithm.  The  centroids 
of  Sun  and  Moon  are  placed  at  a*  = 20  deg,  s*  = 5 deg,  and  a*  = 30  deg,  e*  = -10  deg,  respectively,  relative  to 
each  slew  plane.  Forbidden  angular  radius  sSpec  around  each  bright  object  is  taken  to  be  15  deg  and  therefore  the 
minimum  exclusion  angle  is  -10  deg  for  Sun  and  5 deg  for  Moon.  Each  large-angle  maneuver  is  followed  by  a 
tracking  or  attitude  hold  phase  for  a short  duration.  The  maneuvers  are:  (1)  a 180  deg  pitch,  after  separation  from 
the  launch  vehicle,  to  point  the  sensor  in  the  expected  direction  of  a target;  (2)  a 90  deg  yaw  to  align  a particular 
thruster  in  the  line-of-sight  direction;  (3)  a 90  deg  pitch/yaw  to  align  the  sensor  with  a star,  Star-1,  for  gyro 
calibration;  (4)  a perpendicular  75  deg  pitch/yaw  to  view  another  star,  Star-2;  and,  finally,  (5)  a 45  deg  pitch/yaw 
to  point  the  boresight  in  a desired  direction.  Figure  10  illustrates  the  avoidance  of  Sun  and  Moon  in  a-e  plane. 
Two  special  features  of  this  example  are:  (1)  the  two  bright  discs  overlap  so  much  that  they  cover  each  other’s 
Ejjjjn  tangent  point  at  respective  a*;  and  (2)  the  first  object  is  so  close  to  the  initial  orientation  of  the  sensor  (a*  = 
20  deg  whereas  sSpec  = 15  deg)  that  the  versine  s profile  enters  this  disc.  As  such,  and  also  because  of  the 
communication  requirements,  the  modified  centroidal  exclusion  angles  s in  Figure  10  for  both  a*  = 20  and  30  deg, 
for  every  maneuver,  are  not  equal  to  their  minimum  values.  Furthermore,  because  the  versine  e profile  for  the 
maneuvers  2 and  5 enter  the  first  bright  disc  for  some  range  of  a < a*,  the  versine  profile  is  replaced  by  the  bright 
disc  perimeter  where  necessary,  so  the  sensor  glides  around  the  disc.  The  time-fuel  optimal  profiles  of  a,  and 
corresponding  e(a)  profiles  partly  versine  and  partly  along  the  disc  perimeter,  versus  time  are  illustrated  in 
Figure  11.  The  unnumbered  90  deg  maneuver  is  a roll  motion  to  select  a particular  thruster.  The  angle  <j>  in  this 
figure  is  single-axis  equivalent  of  (a,  s).  The  slew  rates  a and  e are  displayed  in  Figure  12,  a as  a time/fuel 
optimal  profile  and  e = a de/da.  The  point  where  a versine  profile  enters  the  disc  and  the  motion  around  the 
disc  perimeter  introduce  rapid  variation  in  de/da  and  hence  in  £ . Figure  13  portrays  communication  maintenance 
of  -x  antenna.  It  shows  a 60  deg  circular  boundary  of  the  conical  beam  and  a 30  deg  boundary  of  the  forbidden 
region  of  the  ground  station,  as  earlier  in  Figure  6.  Prior  to  180  deg  pitch  rotation,  -z  antenna  is  in  link  with  the 
ground  station  and  -x  antenna  is  not.  After  the  rotation,  the  communication  of  -x  antenna  is  established  and  that  of 
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-z  antenna  is  relinquished.  This  is  evident  in  Figure  13  by  the  ground  station  unit  vector’s  entry  of  the  -x  antenna 
cone.  From  then  on,  the  ground  station  trace  remains  within  the  conical  beam  during  all  maneuvers. 

In  the  absence  of  exclusion  motion,  a pitch/yaw  rotation  causes  the  ground  station  trace  in  the  yz  plane  of 
the  vehicle  to  move  in  a straight  line,  and  a roll  motion  produces  a circular  arc  trace.  With  the  perpendicular 
exclusion  motion,  the  ground  station  trace  becomes  sinuous.  This  was  implied  in  Figures  6 and  8 and  now 
illustrated  in  Figure  13.  The  requirement  of  communication  maintenance  imposes  s < 0 for  acquiring  the  stars  and 
s > 0 to  point  the  boresight  in  the  final  desired  direction.  As  a result,  the  corresponding  straight  traces  have 
wriggled  toward  the  beam  center  in  Figure  13.  On  the  other  hand,  the  signs  of  £ for  a 180  deg  pitch  and  a 90  deg 
yaw  (the  maneuvers  1 and  2)  are  not  influenced  by  this  requirement  because  the  corresponding  traces  start  from 
yb  = 0 and  z^  = 0,  respectively. 

The  commanded  motions  just  illustrated  are  multi-axis,  formulated  in  terms  of  three  large  angles:  slew 
angle,  exclusion  angle,  and  roll  angle  for  communication,  giving  rise  to  a time-varying  commanded  transformation 
matrix  for  the  flight  controller  to  follow.  For  this  purpose,  singularity-free  quaternion  commands  are  derived  from 
the  transformation  matrix.  These  commands,  relative  to  J2000  frame,  not  the  vehicle  frame  immediately  before  a 
maneuver  which  would  have  enabled  us  to  identify  roll,  pitch  and  yaw  motions,  are  shown  in  Figure  14.  The 
corresponding  three  angular  rate  commands  in  the  commanded  body  frame  are  shown  in  Figure  15.  To  maneuver 
the  vehicle,  the  quaternion  and  rate  commands  are  inputted  to  a three-axis  attitude  controller  such  as  one  for 
Hubble  Space  Telescope5  or  interplanetary  spacecraft  Viking6  using  thrusters  and  phase  plane  control  logic. 

VIII.  CONCLUDING  REMARKS 

The  exclusion-communication  algorithm  developed  in  the  preceding  is  accompanied  with  the  sun  and  moon 
ephemerides,  time-varying  inertial  location  of  the  ground  station,  trajectory  of  the  vehicle  and  the  desired  direction 
of  its  boresight  in  J2000  frame,  initial  inertial  attitude  of  the  vehicle,  etc.  The  resulting  time-varying  attitude 
commands  are  multi-axis,  effecting  a desired  slew  of  a vehicle  sensor  from  one  direction  to  other,  swerving  the 
sensor  away  from  a hot  source  if  it  is  in  the  way,  and  rolling  the  vehicle  to  maintain  communication  of  the  antennae 
with  the  ground.  Because  of  versatility  of  the  algorithm,  the  flight  software  to  generate  the  attitude  and  rate 
commands  for  all  phases  of  flight  is  likely  to  be  long.  It  can  be  shortened  somewhat,  though,  by  combining  the  pre- 
roll motion  for  communication  maintenance  of  -x  antenna  with  the  ensuing  slew  and  exclusion  motion,  effecting  an 
equivalent  rotation;  by  considering  only  one  bright  object  (Sun)  instead  of  Sun,  Moon,  and  Earth;  and  by  enlarging 
the  forbidden  perimeter  of  the  bright  disc  and  not  insisting  on  sliding  along  the  perimeter  in  case  the  boresight 
enters  the  outer  annular  region  of  the  enlarged  disc.  Whereas  this  abridged  version  of  the  algorithm  may  be 
accommodated  on  a flight  computer,  the  original  version  may  be  used  for  mission  planning  on  ground. 
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Figure  9 A Vehicle  to  Be  Maneuvered ',  Avoiding  Sun,  Moon  and  Earth,  Maintaining 
Communication  With  Ground  Station 


Figure  10  Avoidance  of  Overlapping  Sun  and  Moon  in  a Multislew  Scenario:  Diverted  Slew  Paths 
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Figure  11  Ideal  Slew  Angle  a,  Exclusion  Angle  e,  and  Equivalent  Single- Axis 
Rotation  Angle  (f>vs.  Time 


time  (sec) 

Figure  12  Ideal  Slew  Rate  OC  and  Exclusion  Rate  £ vs.  Time 
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Ground  station  projection:  y-compo. 


-1.0  -0.8  -0.6  -0.4  -0.2  0.0  0.2  0.4  0.6  0.8  1.0 


Ground  station  projection:  z-compo. 

Figure  13  Motion  of  Ground  Station  Projection  in  the  Communication  Cone  of 
-x  Antenna  During  Large  Angle  Maneuvers  and  Small  Angle  Tracking:  y-Compo.  vs.  z-Compo. 
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Commanded  angular  body  rates  o>c  (rad/s)  Commanded  quaternion  relative  to  J2000  frame 


Figure  14  Commanded  Quaternion  Relative  to  J2000  Frame  vs.  Time 
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Figure  15  Commanded  Angular  Body  Rate  vs.  Time 
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MAGNETIC  TORQUE  ATTITUDE  CONTROL  OF  AN 
EXPERIMENTAL  MICROSATELLITE  IN  EQUATORIAL  ORBIT 


D.  Vera1,  V.  Alexandrov2,  A.  Rangel3, 

A.  Pedroza4,  D.  Mocencahua5,  R.  Fournier6 


In  this  work  a stabilization  algorithm  is  presented  for  the  mexican  microsatellite 
SATEX-1  which  will  be  placed  in  equatorial  orbit.  Passive  control  will  be  by 
means  of  a gravitational  gradient  boom;  while  active  control  will  be  accomplished 
with  five  magnetic  torques  of  4 Am2.  Euler  equations  for  small  deviations  with 
respect  to  the  principal  axes  were  used.  Related  to  each  of  these  axes,  the  magnetic 
torque  produced  by  the  interaction  of  the  magnetic  torques  with  the  earth's 
magnetic  field  was  computed.  Whithin  the  framework  of  State  Space  Theory,  a 
theorem  is  set  forth,  which  allows  a transformation  of  the  sensor  equations  to 
analytical  expressions  that  are  not  time-dependent,  although  it  is  required  to  expand 
the  dynamical  systems  dimensions  from  6 to  12  state  variables.  Under  these 
conditions  observability  is  verified,  and  controllers  for  microsatellite  stabilization 
are  proposed. 


INTRODUCTION 

The  SATEX-1  microsatellite  has  the  followings  general  charecteristics:  dimensions  of 
45x45x45  cmJ,  a 6.3m  boom  with  a mass-top  of  2.7  Kg,  and  a weight  of  45  Kg.  Its 
moments  of  inertia  with  an  undeployed  boom  are:  Ixx=  1.22Kgm2,  Ixy=0.204Kgm4, 
Ixz=0.224Kgm2,  Iyy=1.22Kgm2,  Iyz=2.20Kgm2  and  1^=1. 3 5 Kgm2.  The  moments  of  inertia 
with  a deployed  boom  are:  Ij=62.296Kgm2,  I2=62.736  Kgm2,  and  13=1.318  Kgm2.  The 
boom  deployment  conditions  require  that  the  angular  velocities  for  the  pitch  and  yaw 
axes  be  less  than  0.2  rpm. 

In  this  study  we  considerer  the  microsatellite  to  be  placed  in  an  equatorial  orbit  at  an 
altitude  of  800km.  When  the  boom  is  correctly  deployed,  the  optical  payload  points 
towards  earth,  and  boom  oscillations  have  an  amplitude  of  approximately  12°.  The 
problem  presented  here  is  to  reduce  the  angular  oscillations  to  3°,  by  means  of  active 
control  by  magnetic  torques  with  an  air  core  and  a magnetic  moment  of  approximately  2- 
4 Am2. 


1 Departamento  de  Microelectronica,  Posgrado  de  Matematicas  de  la  Facultad  de  Ciencias  Fisico 
Matematicas,  ICUAP,  BUAP.  4 sur  104,  centro  72000  Puebla,  Pue.  Tel  44-39-39,  Fax  44-34-66. 

2'5  Posgrado  de  Matematicas  de  la  Facultad  de  Ciencias  Fisico  Matematicas,  BUAP. 

3 Posgrado  de  la  Facultad  de  Ciencias  de  la  Computacion,  BUAP. 

4,6  Departamento  de  Microelectronica,  ICUAP,  BUAP. 
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EULER  ATTITUDE  EQUATIONS 

Starting  with  Euler  attitude  equations  that  describe  the  attitude  in  a circular  orbit 
considering  the  gravitational  gradient 1 


• • • 

/,  tfl + (/3  + /,  - 1 2 K ■ + (/2  - /3  K2«.  = 

• • 

' 12<*2=g2m 

• • • 

I 2 «3 - (/3  +I{  - I2)o)ca\+(l2  - /3 >y>3  = 

where  ai,  012,  cc3  are  the  angular  deviations  respect  to  the  principal  axes  Pi,  P2,  P3  and 

o 

coc=0.001  /seg,  is  the  orbital  frequency  of  the  microsatellite. 

The  magnetic  torques  which  are  generated  by  the  interaction  of  the  magnetic  moment  of 
the  torques  with  earth's  magnetic  field  is  given  by  the  following  expressions:  gim=-(l/V2) 
Pp,X+YBzG+(l/^2)Pzm+BG+,  g2m=-(l/^2)PPiY-xBzG-(l/^2)Pzm+BG-,  and  g3m=(l/2)Pp,Y-X 
Bg++(1/2)PPjx+yBg-,  where  Pp,x+y  and  Pp,y-x  are  functions  of  the  magnetic  moments  Pzm+, 
PYm+j  PYm-,Pxm+,  Pxm-,  generated  by  the  five  coils  whose  normal  is  in  the  Z+,  Y+,  Y.,  X+, 
X.  directions  respect  to  the  center  of  mass  reference  frame.  These  magnetic  moments 
have  the  following  expressions:  Pp>x+y=  PYm+-  PYm-+Pxm+-  Pxm-,  Pp.y-x=  Pvm+-  PYm--Pxm++ 
Pxrn-»  with  | Pxm+  I = I Pxm-  I = I PYm+  I = I Pvm-  I =2Am2  and  | PZm+  I =4 Am2.  Also, 
Bg+,  Bg-  are  functions  of  the  geomagnetic  field  components  Bxg,  Byg,  Bzg  corresponding 
to  the  IGRF2  geomagnetic  field  model.  Its  expressions  are:  Bg+=  Byg-  BxG=(-T-4067sinX- 
4.00007cosl+21.1 1468)xlO‘6T,  Bg  =BYg-BXg=(-  1 .4067sinX-4.00007cosX-2 1.11468  )xl0‘ 
6T,  and  BzG=('^-00014sinX-2.81351cosA.)xl0‘6T,  where  A.=coct  is  the  phase  of  the  orbital 
motion.  The  torque  produced  by  the  magnetic  moment  of  the  coils  is  many  times  stronger 
than  the  environmental  torque  to  which  the  satellite  is  subjetedT 

MAGNETIC  SENSORS 

The  magnetic  sensor  equations  were  obtained  from  the  magnetic  field  component 
expressions  referenced  to  the  principal  axes,  to  which  are  applied  an  infinitesimal 
oscillation  [aj,  a2,  a3]  T’4.  The  expressions  for  the  deviations  of  the  magnetic  sensors  are: 
AZi(A.)=(0.99473sinA.+2.82848cosA.)a3xl0'6T-(8.00014sinA.+2.81351cosX.)a2xl0'6T, 
AZ2(7.)=-(0.99473sinA.+2.82848cosA,)a3xl0'6T+(8.00014sinA.+2.81351cosA.)aixl0"6T, 
AZ3(A.)=(0.99473sin7.+2.82848cos7.)a2xl0‘6T-(0.99473sinA.+2.82848cosA,)aixl0'6T. 

STABILIZATION 

The  dynamical  system  representing  the  microsatellite  is  given  by  the  following  set  of 
differential  equations 

X = G0X  + g 

•X,(0)=Z!(0)=Zj(0)  = 120 
Y2(o)  = x4(0)  = Y6(o)=  0.00461°  I seg 
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where 
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0 

1 

0 

-666.16085 

0 

0 

-0.33384 

0 , 

X=[Xi,  X2,  X3,  X4,  X5,  X6]T,  g=[0,  Timuh  0,  T2m  u2,  0,  T3m  u3]T  and  the  magnetic  torques 
for  the  case  when  coils  are  actived  in  the  Xm+,  Ym+,  Zm+  axes  are:  Tim  = 
0.331299sinA.+0.0369362cos7.+0.4793306,  T2m=0.03171sinZ+0.0901699cosX+0.475973, 
T3m=-2.13469sin7.-6. 0699  lcosA.-32. 04048.  Control  functions  ui,  u2,  u3  will  be  proposed 
later.  To  elliminate  the  time-dependence  in  the  sensor  equations,  we  use  the  following 
theorem:  So  that  the  dynamical  system  (dy/dt=Ay+B(t)u,  Az=H(t)y),  may  be  transformed 
to  the  dynamical  system  (dz/dt=Gz+B2(t)u,  Az=Ty),  where  G and  F are  matrices  that  are 
not  time-dependent,  it  is  necessary  and  sufficient  that  the  H(t)  matrix  be  expressed  as  a 
linear  combination:  H(t)=EHjOj,  j=l,...,r.,  of  constant  matrices  Hj  and  of  continuous 
functions  cq  differentiable  and  linearly  independent,  which  also  are  solutions  of  an 
ordinary  differential  equation  with  constant  coefficients  5. 

Applying  this  last  theorem,  we  obtain  a dynamical  system  with  expanded  dimensions: 

Z = GZ  + g0,  AZ  = TZ 

with 

(G  -I  \ 

q _ ^ 0 1 66 

^ 66  GQ  j 

G0=[0,  cosXTimUi,  0,  cosA.T2mu2,  0,  cosX.T3mu3,  0,  sinXTimui,  0,  sinlT2mu2,  0,  sinXT3mu3] 
Z=[cosAXi,  cosA.X2,  cosZX3,  COSA.X4,  cosZXs,  cosXX6,  sinZXi,  sinZX2,  sin  ZX3,  sin  A.X4, 
sin  XX5,  sin  A.X6] 

r=[r1,r2,r3]T 

r,=[0, 0,-2.81351,0, 2.82284, 0,0, 0,-8.00014, 0,0.99473,0] 
r2=[2.8 135 1,0,0, 0,-2.82848, 0,8.00014,0, 0,0, -0.99473,0] 
r3=[-2.82848, 0,2.82848, 0,0,0, -0.99473, 0,0.99473,0,0,0] 
and  166  is  the  unitary  matrix. 

By  using  known  theorems6  we  may  verify  the  observability  of  the  dynamical  system 
calculating  the  rank  of  the  (r,FG,rG2,rGJ)  matrix;  with  the  aid  of  MATLABR  we 
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obtained  a rank  of  12.  This  allows  us  to  construct  a set  of  unbiased  and  consistent 
estimators  for  the  dynamical  system,  and  which  have  the  following  form: 

E = {G-KT)E  + KAZ  + u. 

The  matrix  (G-KT)  has  proper  values  with  negative  real  part;  this  last  is  accomplished 
with  an  adequate  selection  of  K using  MATL AB  . An  adequate  control  for  stabilization  is 
proposed  as  follows:  ui=-sign(E2CosA.Tim),  U2=-sign(E4Cos?iT2m),  U3— sign(Ei2CosA.T3m). 
With  these  estimators  we  may  establish  feedback  and  obtain  asymptotic  stabilization. 
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MAP  Stability,  Design  and  Analysis 


A.  J.  Ericsson-Jackson,  S.  F.  Andrews,  J.  R.  O’Donnell,  Jr.,  F.  L.  Markley 
NASA  Goddard  Space  Flight  Center,  Code  570,  Greenbelt,  MD,  20771 

Abstract 

The  Microwave  Anisotropy  Probe  (MAP)  is  a follow-on  to  the 
Differential  Microwave  Radiometer  (DMR)  instrument  on  the  Cosmic 
Background  Explorer  (COBE)  spacecraft.  The  design  and  analysis  of 
the  MAP  attitude  control  system  (ACS)  have  been  refined  since  work 
previously  reported.  The  full  spacecraft  and  instrument  flexible  model 
was  developed  in  NASTRAN',  and  the  resulting  flexible  modes  were 
plotted  and  reduced  with  the  Modal  Significance  Analysis  Package 
(MSAP).2  The  reduced-order  model  was  used  to  perform  the  linear 
stability  analysis  for  each  control  mode,  the  results  of  which  are 
presented  in  this  paper.  Although  MAP  is  going  to  a relatively 
disturbance-free  Lissajous  orbit  around  the  Earth-Sun  L2  Lagrange 
point,  a detailed  disturbance-torque  analysis  is  required  because  there 
are  only  a small  number  of  opportunities  for  momentum  unloading 
each  year.  Environmental  torques,  including  solar  pressure  at  L2, 
aerodynamic  and  gravity  gradient  during  phasing-loop  orbits,  were 
calculated  and  simulated.  Thruster  plume  impingement  torques  that 
could  affect  the  performance  of  the  thruster  modes  were  estimated  and 
simulated,  and  a simple  model  of  fuel  slosh  was  derived  to  model  its 
effect  on  the  motion  of  the  spacecraft.  In  addition,  a thruster  mode 
linear  impulse  controller  was  developed  to  meet  the  accuracy 
requirements  of  the  phasing  loop  bums.  A dynamic  attitude  error 
limiter  was  added  to  improve  the  performance  of  the  ACS  during  large 
attitude  slews.  The  result  of  this  analysis  is  a stable  ACS  subsystem  that 
meets  all  of  the  mission’s  requirements. 

INTRODUCTION 

The  Microwave  Anisotropy  Probe  (MAP),  one  of  the  first  two  Medium-Class  Explorer 
(MIDEX)  missions,  will  measure  the  anisotropy  of  the  Cosmic  Microwave  Background  (CMB), 
which  is  believed  to  be  a remnant  of  the  Big  Bang,  or  Primordial  Fireball,  marking  the  birth  of 
the  universe.^  This  anisotropy  was  first  measured  by  the  Differential  Microwave  Radiometer 
(DMR)  instrument  on  the  Cosmic  Background  Explorer  (COBE)  satellite.4'6  MAP  has  been 
designed  to  measure  the  spectrum  and  spatial  distribution  of  the  CMB  with  sensitivity  50  times 
that  of  the  DMR  and  angular  resolution  20  times  finer,  specifically  0.3°  or  18  arc-minutes.  These 
increases  in  sensitivity  and  resolution  should  enable  MAP  to  determine  the  values  of  key 
cosmological  parameters  and  to  answer  questions  about  the  formation  of  structure  in  the  early 
universe. 

MAP  is  scheduled  to  launch  in  the  Fall  of  2000  on  a Delta  launch  vehicle,  and  will  be 
placed  in  a Lissajous  orbit  around  the  Sun-Earth  L2  point  using  a lunar  assist  with  phasing  loops, 
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reaching  its  final  orbit  approximately  1 00  days  after  launch.  The  MAP  radiometers  cover  two 
fields  of  view  (FOVs)  135°  apart  on  the  celestial  sphere.  To  obtain  a highly  interconnected  set  of 
measurements  over  a large  area  of  the  celestial  sphere,  the  MAP  observatory  will  execute  a fast 
spin  (0.464  rpm)  and  a slower  precession  (0.1°/sec)  of  its  spin  axis  about  the  Sun  line.  The  entire 
celestial  sphere  will  be  observed  once  every  six  months,  or  four  times  in  the  planned  on-station 
mission  life  of  two  years. 

There  are  six  ACS  operational  modes:  Inertial,  Observing,  Delta  V,  Delta  H,  Sun 
Acquisition,  and  Safehold.  Inertial  mode  acts  as  a staging  mode  between  the  other  operations  of 
the  spacecraft;  it  can  either  hold  the  spacecraft  in  an  inertially-fixed  orientation  or  slew  the 
spacecraft  between  two  different  orientations.  Observing  mode  is  used  for  science  operations. 
Delta  V mode  uses  the  REMs  to  adjust  the  orbit.  Delta  H mode  uses  the  REMs  to  unload  excess 
angular  momentum.  Sun  Acquisition  mode  acquires  and  maintains  a thermally-safe  power- 
positive orientation  of  the  spacecraft.  Safehold  mode  puts  the  spacecraft  in  a -power  and  thermal- 
safe  attitude. 

The  remainder  of  the  paper  will  present  various  analyses  of  the  MAP  ACS.  The  effect  of 
flexible  modes,  reaction  wheel  jitter,  and  fuel  slosh  on  pointing  stability  a performance  will  be 
discussed.  Estimates  of  thruster  plume  impingement  torques  and  environmental  torques  in  the 
phasing  loops,  lunar  swingby,  and  final  L2  orbit  will  be  presented,  along  with  contingency 
procedures  for  managing  these  torques.  A linear  impulse  controller  designed  to  improve  the 
accuracy  of  MAP’s  thruster  firings  will  also  be  discussed.  Lastly,  a dynamic  attitude  error  limiter 
was  added  to  improve  the  performance  of  the  ACS  during  large  attitude  slews;  this  will  be 
presented  as  well. 

STRUCTURAL  MODEL 

Reduced  Order  Flexible  Modes 

Initially,  NASTRAN'  modeled  large  bodies  like  the  antenna  and  thermal  reflector  as 
point  masses.  The  newer  NASTRAN  model  incorporated  the  physical  dimensions  of  these  large 
appendages  and  instruments.  With  these  new  inclusions  the  dominant  flexible  mode  frequencies 
increased  from  1 .9  Hz  to  5.7  Hz.  From  this  model  a reduced  order  flexible  model  has  been 
created  which  reduced  the  system  to  include  only  3-4  dominant  modes  for  each  Spacecraft 
Mode.  By  using  the  MSAP^  software,  the  associated  energy  for  each  mode  was  compared 
through  the  formulation  of  various  summary  methods:  Frequency,  Modal  Gain,  Peak  Amplitude 
and  Gregory’s  Method  which  are  listed  below  in  Table  1.  In  addition,  each  mode’s  singular  value 
plots  for  the  rigid  body,  the  flexible  modes  and  a combination  of  the  two  were  analyzed.  The 
dominant  mode  frequencies  are  5.744,  5.787,  27.73,  33.26,  36.2  and  44.93  Hz. 

The  structural  system  is  fairly  rigid;  therefore,  the  flexible  modes  have  less  effect  on  the 
spacecraft  system’s  stability.  As  a result,  the  majority  of  analysis  was  done  for  a plant  derived  as 
a combination  of  the  rigid  body  modes  and  the  chosen  dominant  flexible  modes.  The  various 
structural  plants  analyzed  were:  1)  the  rigid  body  modes,  2)  the  rigid  body  modes  plus  flexible 
body  modes,  and;  3)  the  rigid  body  plus  the  reduced  flexible  body  modes  (respectively,  line  1,  2 
and  3 in  Figure  1).  The  system  plant  was  modeled  as  the  Plant  = l/(Is2)  + Flexible  modes,  where, 
I is  the  spacecraft  inertia.  Since  the  inertia  values  change  by  less  than  1%  (0.1  dB)  from 
“Beginning  of  Life”  to  “End  of  Life”  stability  analysis  will  hold  for  all  phases  of  the  mission. 
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Magnitude  (dB) 


Table  1 

DOMINANT  FLEXIBLE  MODES 


Modes 

Frea.  Hz 

Modal  Gain 

Peak  Amol. 

Greaorv 

Actuators 

Sensors 

Inertial/Observinq 

11 

5.744 

6.537 

98.33 

100 

Rotation  Theta  x,v,z 

Rotation  Theta  x.v.z 

12 

5.787 

6.749 

100 

100 

Wheelsl.2,3 

IRU 

27 

33.26 

20.85 

9.35 

11.38 

34 

44.93 

100 

24.58 

20.08 

Delta  V/H 

7 

5.272 

14.48 

100 

100 

T ranslation 

Rotation  Theta  x.v.z 

11 

5.744 

37.95 

45.29 

46.62 

Thrusters 

IRU 

27 

33.26 

41.59 

3.27 

2.764 

1.2.3.4.5.6.7.8 

40 

46.16 

100 

4.08 

7.5 

Safehold 

11 

5.744 

14.75 

97.49 

100 

Rotation  Theta  x.v.z 

Rotation  Theta  x.v.z 

22 

27.73 

50.29 

14.26 

8.35 

Wheelsl.2.3 

CSS  1.3.5 

34 

36.82 

100 

16.08 

15.12 

Sun  Acauistion 

11 

5.744 

14.75 

97.49 

100 

Rotation  Theta  x.v.z 

Rotation  Theta  x.v.z 

(not  used  in  analysis)  12 

5.787 

15.36 

100 

91.31 

Wheelsl.2,3 

CSS  1,3,5 

22 

27.73 

50.29 

14.26 

8.34 

IRU 

34 

36.82 

100 

16.08 

15.101 

Frequency  (Hz) 

Figure  1.  Singular  Value  Plot  of  Flexible  modes  for  MAP 
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Stability 

Nichols  stability  charts  were  created  for  each  spacecraft  system  mode  in  INCA7,8.  The 
dynamic  plant  prescribed  as  a structural  plant  multiplied  by  the  gyro  dynamics  (a  simple  second 
order  system)  was  included  in  a closed  loop  feedback  system  with  a proportional  derivative  (PD) 
controller.  By  implementing  the  Nichols  and  Bode  techniques,  the  proportional  and  rate 
controller  gains  were  used  to  calculate  the  stability  margins  for  all  the  modes.  All  of  the  modes 
except  one  satisfied  the  Guidance  Navigation  and  Control  Center  design  criteria  of  at  least  12  dB 
phase  margin  and  30°  gain  margin.  Typically,  the  gain  margin  fell  between  14-22  dB  and  the 
phase  margin  was  between  36°-81°.  Since  the  Safehold  Mode  Y-axis  was  unable  to  meet  the 
required  bounds,  it  was  necessary  to  add  a low  pass  structural  filter  in  that  axis.  The  addition  of  a 
structural  filter  to  the  dynamic  plant  produced  the  Nichols  plot  shown  in  Figure  2. 


Figure  2.  Nichols  Stability  Chart  for  Safehold  Mode  Y-axis 
WHEEL  JITTER  RESONANCE 

Since  Observing  mode  requirements  are  so  stringent  it  was  necessary  to  examine  wheel 
jitter  resonance.  This  wheel  jitter  resonance  is  due  to  the  dominant  flexible  modes  resonating 
with  the  wheel  imbalance  torques.  The  forces  and  torques  due  to  structural  resonance  are 
described  as: 

F = A *C02;T  = A *(02  * L +A.  *co2 

F,  = A„  •a;J>  = A„  * o>;  * L„  + *or  < 

FI=0.0;r!=A„*<U,!NA  + A 
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where,  cor  is  the  wheel’s  angular  velocity,  L is  the  length  to  the  wheel  from  the  gyroscope,  and 
Asr  and  A(jr  are  the  static  and  dynamic  imbalance  of  the  wheels,  respectively. 

MAP’s  wheels  have  associated  imbalance  values  of  Asr  =2.5E-5  kg-m  and  A<jr=2.5E-5 
kg-m^.  Two  angular  velocities  were  considered:  the  first  wheel  frequency  was  near  the  flexible 
mode  of  44.94  Hz  and  the  second  one  is  when  the  3 wheels  are  running  simultaneously  at  25  Hz, 
near  the  (28.95  Hz  flexible  mode.  The  body  rotation  torques  seen  at  the  gyroscope  due  to  wheel 
resonance  were  calculated  to  be  between  22.7-36.1  arc-sec  at  44.94  Hz  and  between  1.04-1.65 
arc-sec  at  25  Hz.  This  analysis  showed  that  the  wheel  jitter  in  resonance  with  the  flexible  mode 
frequencies  does  not  cause  problems  with  MAP’s  Observing  Mode  pointing  requirements. 

ENVIRONMENTAL  TORQUES 

The  environmental  disturbance  torques  that  may  act  upon  the  spacecraft  while  it  is 
orbiting  the  Earth  are  as  follows:  aerodynamic,  gravity  gradient,  solar  radiation  and  magnetic.^ 
Since  most  of  MAP’s  orbit  is  very  high,  torques  due  to  the  Earth’s  magnetic  field  are  not 
significant. 

Orbit  Phasing  Loops 

After  MAP’s  injection  into  orbit  about  the  Earth  there  are  multiple  three  phasing  loops. 
During  these  loops  the  thrusters  will  bum  to  increase  the  eccentricity  and  semimajor  axis  of  the 
orbit,  placing  the  vehicle  in  position  for  a lunar  swingby.  In  this  orbit,  drag  is  the  most  important 
external  torque  at  perigee  because  the  density  of  the  planet’s  atmosphere  increases  exponentially 
as  the  altitude  decreases.  Therefore,  at  the  perigee  altitude,  a maximum  aerodynamic  force  and 
torque  were  calculated.  In  addition,  the  gravity  gradient  torque  and  resultant  momentum  buildup 
were  computed  for  both  the  Earth  and  the  Moon. 

Aerodynamic  Torques.  The  drag  torque  and  momentum  build  up  is  calculated  for  the  portion  of 
the  Earth’s  orbit  below  1000  km  altitude.  Initially,  the  sun-side  surface  areas  are  utilized  to 
calculate  the  aerodynamic  forces.  These  areas  are  primarily  made  up  of  the  Solar  panels,  the 
Teflon  webbing,  and  the  middle  spacecraft  body  hexagon.  A three-dimensional  model  of  MAP 
was  created  in  SPAD 1 0.  All  momentum  values  were  calculated  by  multiplying  the  torque  by  the 
total  elapsed  time  of  1 day.  At  the  perigee  altitude,  the  maximum  aerodynamic  force  and  torque 
are  0.0471  N and  7. 68*  10'4  N-m  respectively.  The  orbital  altitude  is  less  than  from  1000  km  for 
approximately  7 minutes,  which  produces  a momentum  of  0.32  N-m-s.  The  sun-side  SPAD 
results  that  were  averaged  during  one  rotation  verified  that  the  average  torque  is  only  3.367x  10'^ 
N-m  and  the  momentum  is  0.14  N-m-s.  The  density,  velocity  and  aerodynamic  torque  were 
plotted  as  a function  of  altitude.  The  SPAD  results  for  the  x and  y face  exposure  were  put  into 
SystemBuildl  1 and  simulated  during  the  portion  of  the  orbit  when  the  altitude  was  2250  km  to 
300  km  to  2250  km.  The  simulation  produced  data  very  similar  to  the  previous  SPAD  results. 
The  maximum  x and  y face  aerodynamic  torque  is  0.012  N-m  and  the  momentum  has  a peak  of 
0.47  N-m-s  and  an  average  of  0.28  N-m-s. 
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Gravity  Gradient  for  Earth.  The  calculation  of  the  Earth  gravity  gradient  torque  on  the 
spacecraft  and  the  momentum  buildup  are  calculated  and  simulated  for  the  portion  of  the  Earth 
orbit  below  the  altitude  of  1000  km.  The  Earth’s  gravity  gradient  momentum  and  an  average 
torque  were  calculated  to  be  0.1744  N-m-s  and  2.0x10-4  N-m  in  the  x-direction,  and  0.221  N-m-s 
and  4.1x1 0-5  N-m  in  the  z-direction.  Gravity  gradient  simulation  results  further  verified  values 
for  torque  and  momentum  buildup.  The  Earth  gravity  gradient  simulations  displayed  a maximum 
torque  of  1.7x10-4  N-m  in  the  x and  y-axes  and  1.0x10-5  N-m  in  the  z-axis  and  a maximum 
momentum  of  0.15  N-m-s  in  the  x and  y axes,  0.07  N-m-s  in  the  z-axis,  and  a maximum  system 
momentum  of  0. 1 5 N-m-s. 

Lunar  Swingby 

As  previously  mentioned  the  phasing  orbits  insert  the  spacecraft  into  the  proper 
trajectory  for  a lunar  swingby.  As  a result,  the  gravity  gradient  torque  and  momentum  associated 
with  the  Moon’s  environment  were  calculated.  These  values  were  computed  for  a 20  minute 
portion  of  the  orbit  during  the  closest  approach  to  the  Moon,  which  is  approximately  1000  km. 

Gravity  Gradient  for  Moon.  The  torque  and  momentum  values  for  the  Lunar  gravity  gradient 
torque  on  the  spacecraft  are  0.0736  N-m-s  and  3.6x10-5  N-m  in  the  x-direction,  and  0.064  N-m-s 
and  5.0x  10"6  N-m  in  the  z-direction.  Gravity  gradient  simulation  results  further  verified  values 
for  torque  and  momentum  buildup.  Lunar  gravity  gradient  simulations  displayed  a maximum 
torque  of  3.5 x 10-5  N-m  in  the  x and  y axes  and  2.5xl0"6  N-m  in  the  z-axis  and  a maximum 
momentum  of  0.04  N-m-s  in  the  x and  y axes,  0.026  N-m-s  in  the  z-axis,  and  a maximum  system 
momentum  of  0.047  N-m-s. 

Libration  Point 

After  MAP’s  lunar  swingby,  the  spacecraft  will  be  in  orbit  about  the  Earth-Sun  L2  point. 
The  solar  radiation  pressure  and  a solar  pinwheel  torque  associated  with  a solar  array 
deployment  misalignment  have  been  calculated.  For  these  computations,  the  primary  surface 
areas  exposed  to  the  Sun  are  the  solar  array  panels,  the  silver  Teflon  webbing,  and  a black  and 
white  painted  hexagon.  For  the  solar  pinwheel  torque,  the  hexagon  area  in  the  middle  of  the  z- 
face  was  excluded  because  it  will  not  experience  an  angular  deflection  due  to  deployment. 

Solar  Radiation  Pressure.  The  calculated  values  of  solar  radiation  result  in  an  instantaneous 
Solar  pressure  torque  (Tsd^)  and  average  momentum  buildup  (AHsoiar)  of  1.85xl0"6  N-m  and 
0.16  N-m-s  per  day.  Under  ideal  conditions  the  Tso]ar  and  AHS0]ar  about  spin  and  precession 
axes  average  out  to  zero.  With  a misalignment  tolerance  of  ±0.25°  about  the  spin  axes  the 
Tsolar=  1-07x10-8  N-m  and  AH^i^  9.3xl0'4  N-m-s  for  a period  of  1 day.  For  further 
verification  these  calculated  values  were  compared  to  SPAD  generated  data.  Results  from  SPAD 
produced  an  average  solar  torque  and  momentum  buildup  per  day  of  1 .88x  1 0‘8  N-m  and 
0.00162  N-m-s.  It  was  realized  that  calculations  could  be  off  by  an  order  of  magnitude  because 
of  different  assumptions  and  the  greater  precision  of  the  SPAD  method. 

Pinwheel  Torque.  The  solar  arrays  may  deploy  improperly  resulting  in  a canted  surface  area.  A 
combination  of  their  tilted  surface  and  the  solar  pressure  torque  could  cause  a pinwheel  torque, 
which  is  a torque  about  the  spacecraft  spin  (z)  axis  This  disturbance  effect  has  been  calculated 
for  a solar  array  canted  angle  of  1°  and  a spin  axis  misalignment  of  ±0.5°. 
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The  maximum  instantaneous  pinwheel  torque  and  the  accumulated  momentum  in  the  z- 
axis  are  1.46x10-6  N-m  and  0.126  N-m-s/°-day.  The  average  momentum  buildup  per  day  in  the  x 
and  y-axes  (with  a misalignment  angle  of  0.5°  in  the  spin  axis)  are  0.0736  N-m-s  and  0.0645  N- 
m-s,  respectively.  The  SPAD  pinwheel  torque  and  momentum  results  have  been  produced  for 
two  cases.  For  the  maximum  case  of  the  sun  vector  parallel  to  the  normal  vector  they  are 
5.82x10-7  N-m  and  0.0503  N-m-s,  respectively.  For  a pitch  sunline  angle  of  22.5°  the  torque  and 
momentum  are  5.3 1 x 10“^  N-m  and  0.0459  N-m-s,  respectively. 

The  SPAD  data  was  curve-fit  to  produce  the  torque  and  momentum  equations.  After 
integrating  the  torque  to  get  the  momentum  and  using  zero  initial  conditions  for  the  momentum; 
a maximum  system  momentum  magnitude  of  1 Nms  leads  to  a buildup  time  of  23.36  days. 
However,  it  was  found  that  the  SPAD  model  has  errors  due  to: 

1)  Solar  array  and  webbing  areas  are  too  small  by  35%;  these  areas  are  2/3  of  the  total 
bottom  area.  This  leads  to  an  error  of  23%,  and 

2)  The  moment  arms  are  off  by  11 .7%  due  to  smaller  solar  array  length  than  originally 
thought. 

The  total  system  momentum  buildup  for  one  day  becomes  0.059  N-m-s  and  the  total  time  for  the 
momentum  to  buildup  to  1.5  N-m-s  is  25.5  days.  The  data  presented  could  mean  that  a 
momentum  dump  has  to  be  performed  every  3-4  weeks.  For  each  simulation  that  will  run  later 
the  momentum  vector  in  the  body  frame  will  be  initialized  to  [0,  ±1.5,  ±1.5 ]/-j2  . The  system’s 
momentum  tolerance  is  1 .5  N-m-s  and  the  total  time  between  unloading  bums  is  90  days;  the 
maximum  solar  array  deployment  misalignment  angle  is  0.228°.  See  Table  2 for  summary  of 
environmental  torques  and  momentum. 


Table  2 


Summary  of  Environmental  Disturbances 


Calculated  Disturbances 

Torque  (N-m) 

Momentum  (N-m-s) 

Aerodynamic  Phasing  Burn 

7.68E-4  (@300km) 

0.32  @t=7min  (1000  km) 

Gravity  Gradient  Phasing  Bum 

Tx=2E-4,  Tz=4. 1 E-5 

Hx=.  174,  Hz=0.221  @1  orbit 

Gravity  Gradient  Lunar  Swingby 

Tx=3.6E-5,  Tz=5E-6 

Hx=. 073,  Hz=0.064  @1  orbit 

Solar  Pressure  (instantaneous) 

Tx=1.85E-6 

Hx=0.16  @t=1  day 

Solar  Pressure  (average) 

Tx=1.07E-8 

Hx=9.3E-4  @ t=1  day 

Solar  Pinwheel  (instantaneous) 

Tx,y,z=1 .23E-4, 1 . 32E-4, 1 46E-6 

Hx=10.6,Hy=10.06,Hz=.126  @1day 

Solar  Pinwheel  (average) 

Hx=0.073  & Hy=0.064  @1day 

Simulated  Disturbances 

Torque  (N-m) 

Momentum  (N-m-s) 

Aerodynamic  Phasing  Bum  SPAD  z-face 

3.147E-4  (@300km) 

0.131  @ t =7min  (1000  km) 

Aerodynamic  Phasing  Burn  SPAD  x&y-face 

0.012  (2250km=>300krn=>2250krri) 

0.47  (peak),  0.28  (avg) 

Gravity  Gradient  Phasing  Bum  SB 

Tx=1.7E-4,  Tz=1.0E-5 

Hx=0.15,  Hz=0.07  @1  orbit 

Gravity  Gradient  Lunar  Swingby  SB 

Tx=3.5E-5,  Tz=2.5E-6 

Hx=0.04,  Hz=0.026  @1  orbit 

Solar  Pressure  (average)  SPAD 

Tx=1.88E-8 

Hx=1.62E-3  @ t=1  day 

Solar  Pinwheel  (average)  SPAD 

Tx=5.31E-7 

Hx=0.0459  @ t=1  day 

SPAD-  Solar  Pressure  & Aerodynamic  Drag!  SB-  System  Build 

Solution  for  Handling  Environmental  Torques 

As  a response  to  the  concern  about  the  pinwheel  torque,  a method  was  developed  to 
unload  excess  system  momentum  while  in  Observing  Mode,  using  a series  of  three  “one  shot” 
thruster  firings.  This  algorithm  is  not  currently  baselined  to  be  flown  on  MAP,  but  was 
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developed  as  a contingency  procedure  in  the  event  that  system  momentum  build-up  on  station  is 
greater  than  expected.  The  algorithm  was  designed  to  meet  the  following  constraints  and  design 
goals: 

1 . Unload  momentum  to  less  than  0.3  Nms  while  in  Observing  Mode. 

2.  Always  keep  the  solar  arrays  normal  within  25°  of  the  sunline  (violations  of  the 
22.5±0.25°  Observing  Mode  sunline  angle  constraint  are  permissible). 

3.  Perform  the  entire  operation  during  one  ground  pass  (37  minutes) 

Using  the  MAP  thruster  pair  1 and  2 as  an  example,  the  steps  in  this  process  are  as  follows,: 

A.  Wait  until  the  momentum  transverse  to  the  z-axis  is  all  in  the  +x  axis.  Fire  thruster  2 to 
remove  as  much  of  this  momentum  as  possible. 

B.  After  thruster  firing  A,  wait  until  the  sun  is  in  the  (-x,z)  quadrant  of  the  x-z  plane.  Fire 
thruster  1 or  2 (depending  on  the  sign  of  the  z-axis  momentum)  to  add  x momentum  equal  to 
the  amount  of  momentum  in  the  z-axis.  By  doing  this,  the  system  momentum  vector  is 
positioned  such  that  half  a precession  cycle  later  it  will  be  almost  entirely  in  the  +x-axis. 

This  results  in  an  intermediate  system  momentum  state  as  much  as  -Jl  higher  than  the  initial 
value,  but  simulations  show  that  this  system  momentum  value  does  not  pose  an  attitude 
control  problem. 

C.  After  thruster  firing  B,  wait  approximately  half  of  a precession  cycle  (30  minutes),  and  then 
wait  until  all  of  the  system  momentum  is  in  the  +x  axis.  Fire  thruster  2 to  remove  as  much  of 
this  momentum  as  possible. 

The  total  procedure  requires  a maximum  of  35.5  minutes  and  reduces  system  momentum  is  to 
near  zero.  The  algorithm  could  be  adjusted  to  use  only  one  of  the  two  thrusters,  or  to  use  one  of 
the  other  two  thruster  sets. 


THRUSTER  PLUME  IMPINGEMENT  TORQUES 


Fuel  Slosh 

Propellant  slosh  is  a mechanical  effect  of  liquid  propellants.  At  the  moment  the 
propellant  mass  impacts  the  wall  of  the  fuel  tank,  it  will  transfer  momentum  to  the  spacecraft.  If 
the  tank  is  not  at  the  center  of  mass  of  the  vehicle,  this  will  create  an  impulse  moment  that  will 
affect  the  vehicle  attitude.  This  disturbance  can  be  significant  and  unacceptable,  and  must  be 
limited  through  tank  design.  Fortunately,  the  MAP  tank  is  close  to  the  center  of  mass  and  the 
moment  arm  is  small.  In  addition,  a flexible  membrane  (diaphragm)  has  been  placed  in  the  tank 
to  assure  that  the  propellant  remains  in  contact  with  the  propellant  port  and  to  help  damp  out  the 
sloshing  effects. 


The  original  analysis  for  the  ACS  Critical  Design  Review  used  a model  for  fuel  slosh 
that  was  found  in  two  reports. *2,  13  The  TDRS  slosh  model  from  NASA  CR  166745  report^  is 
presented  in  Figure  3.  According  to  that  model,  the  slosh  natural  frequency,  con  depends  on  the 
torsional  spring  constant,  K,  and  the  overall  acceleration,  a,  of  the  tank: 


HK  a 

G>„  = 7 + — • 

” \ M,L2  L 

Figure  4 is  the  model  used  in  a study  for  the  CRAF/Cassini  spherical  tanks. 


(2) 
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Figure  3.  TDRS  Fuel  Slosh  Model  Figure  4.  Cassini  Fuel  Slosh  Model 


The  angular  position,  0 , of  the  model  pendulum  is  a representation  of  the  position  of  the 
liquid  bulk  and  the  lateral  offset,  ZCg,  of  the  liquid  center  with  respect  to  the  direction  of  the 
settling  acceleration  can  be  calculated  as  (see  Figure  4): 


MpLp  cos  0 
'cg=  Mp  + M0  ' 


(3) 


71 

Assume  6 = — sin  cont , where  the  natural  frequency  of  the  slosh  material  is  defined  as  in  the 
TDRS  report  already  presented.  Then  the  equations  of  motion  for  the  system  are  defined  as: 

7T2(D2 

linear  torque,  Tlinear  = r x F = rcm  x Ma>2r  = rcmLM]  ^~cos2  cont , 

lo 

7CG)\ 


angular  torque,  Tmgular  = J0  = -J  —^-s\nco„t , and 


71(0, 


(4) 

(5) 

(6) 


angular  momentum,  Hm?Mlar  = J6  = — J ■ " cos  cont . 

From  the  initial  analysis,  the  calculated  fuel  slosh  inertia,  J is  0.007  % of  the  total  system 
inertia  and  the  derived  natural  frequency,  <nn  is  several  times  larger  than  the  system’s  bandwidth 
frequency,  0.02  Hz. 


The  previous  reports  had  several  questionable  aspects.  However,  one  of  the  models  did 
not  include  a stiffness  factor  and  the  equation  for  the  natural  frequency  was  incorrect  for  the 
corresponding  dynamic  equation.  Therefore,  it  was  necessary  to  derive  our  own  scenario  for  each 
aspect  of  the  fuel  slosh’s  movement.  The  five  worst  cases  considered  were: 

(1)  Radial  Thrust  with  a full  tank  of  fuel; 

(2)  Slew  Maneuver  with  a full  tank  and  a half  full  tank; 

(3)  Linear  Station  Keeping  Effects  at  L2  (half  tank); 

(4)  Angular  Station  Keeping  Effects  at  L2  (half  tank);  and 

(5)  Observing  Mode  Fast  Spin,  accelerating  and  constant  rate  (all  ranges  of  fuel). 

Simple  models  were  drawn  for  each  case  to  obtain  dynamic  equations  describing  the  motion  of 
the  fluid.  Further  research  was  done  to  find  a better  value  for  the  stiffness  coefficient,  K and  the 
damping  coefficient,  C.  Values  for  K and  C could  be  associated  with  MAP’s  diaphragm 
thickness  (0.12  in)  and  were  extrapolated  from  References  14-15.  The  results  are  shown  below  in 
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Figure  5.  Calculation  of  the  torques  and  momentum  buildup  due  to  the  fuel  slosh  were  done  for 
each  case.  In  addition,  an  angular  response  due  to  the  fuel  slosh  torque  was  calculated, 

e 1 . . 

— = — j . The  basic  block  diagram  for  the  analytical  system  is  shown  in  Figure  6. 

Tfs  Is 


Figure  5.  Extrapolation  of  MAP’s  K and  C with 
Diaphragm  Thickness 

All  the  results  for  the  various  cases  are  presented  below. 

Case  1-  Radial  Thrust  with  a full  tank  of  fuel: 

The  angular  frequency  was  1.05  to  1.5  Hz,  the  linear  torque  was  3. 65x10*5  to  7.52x10*5 
N-m,  the  angular  torque  was  0.055  to  0.025  N-m,  and  the  angular  momentum  was  0.004 
to  0.001  N-m-s. 

Case  2-  Slew  Maneuver  with  both  a full  and  half  full  tank  a fuel: 

The  angular  frequency  was  1 .04  to  1 .5  Hz,  the  linear  torque  ranged  from  0.752-0.69  N- 
m,  the  angular  torque  ranged  from  4.13-6.36  N-m  and  the  angular  momentum  ranged 
from  0.55-1 .24  N-m-s. 

Case  3-  Linear  Station  Keeping  Effects  at  L2  (half  a tank): 

Radial  Thrusting  produces  an  angular  frequency  of  1 .64  to  2.05  Hz,  a linear  torque  of 
8.54x10*5  to  1.13x10*4  N-m,  an  angular  torque  of  0.011  to  0.02  N-m  and  an  angular 
momentum  ranging  from  0.0007  to  0.001  N-m-s. 

Perpendicular  Thrusting  produces  an  angular  frequency  of  6.23  to  8.25  Hz,  a linear 
torque  of  1 1 N-m,  an  angular  torque  of  61  N-m  and  an  angular  momentum  ranging  from 
1.5  to  2 N-m-s. 

Case  4-  Angular  Station  Keeping  Effects  at  L2  (half  a tank): 

The  angular  frequency  was  1.62  to  2.04  Hz,  the  linear  torque  was  0.69  N-m,  the  angular 
torque  was  between  3.76-4.19  N-m  and  the  angular  momentum  ranged  from  0.37-0.52 
N-m-s. 

Case  5-  Observing  Mode  Fast  Spin,  accelerating  and  constant  rate  (for  all  ranges  of  fuel). 

A constant  angular  rate  applied  to  the  spacecraft  produced  an  angular  frequency  of  0.39 
to  0.503  Hz,  a linear  torque  between  4.6x10*6-1.3x10*5  N-m,  the  angular  torque  was 
between  0.0014-0.002  N-m  and  the  angular  momentum  ranged  from  1.33x10*5-1.7x10*5 
N-m-s. 

An  angular  acceleration  applied  to  the  spacecraft  produced  an  angular  frequency  of  0.39 
to  0.503  Hz,  a linear  torque  between  0.01-0.017  N-m,  the  angular  torque  was  between 
0.00013-0.00017  N-m  and  the  angular  momentum  ranged  from  6.4xl0*5-8.9xl0*5N-m-s. 
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After  this  analysis,  it  was  found  that  fuel  slosh  would  not  have  a large  affect  on  the 
spacecraft’s  attitude.  Although  some  of  the  instantaneous  torque  and  momentum  values  are 
large,  their  overall  effect  was  small.  The  natural  frequency  of  the  slosh  system  is  several  orders 
of  magnitude  larger  than  the  bandwidth  of  the  control  system.  The  angular  displacement  due  to 
either  the  linear  or  angular  torque  is  from  10' 9 to  10' 5 radians.  This  analysis  determined  that  fuel 
slosh  should  not  be  a concern  to  the  MAP  mission. 

CONTROLLERS 

Thruster  Mode  Linear  Impulse  Controller 

The  Thruster  Mode  linear  impulse  controller  was  designed  to  improve  the  accuracy  of 
MAP’s  z-axis  Delta  V’s.  There  are  some  tradeoffs  involved  in  usage  of  this  impulse  controller; 
with  the  impulse  controller  the  spacecraft  uses  about  12%  more  fuel,  without  it,  errors  during 
Delta  V are  about  12%  larger.  Current  implementation  allows  for  bum  accuracy  of  less  than  1 
sec  but  this  could  be  improved  to  0.04  sec  if  necessary.  This  excludes  subsequent  firings  in  the 
Delta  H mode. 

The  operational  plan  is  to  enable  the  impulse  controller  right  after  MAP’s  lunar  swingby 
during  the  mid-course  correction  (MCC)  so  it  is  available  L2.  At  L2,  the  absolute  duration  of  the 
bums  is  smaller  so  the  percentage  errors  tend  to  be  higher.  Without  the  impulse  controller  the 
bum  is  corrected  with  a one-sided  impulse  controller  in  both  x and  z.  Regardless  of  whether  or 
not  the  impulse  controller  is  enabled,  the  current  design  will  ensure  that  the  bum  duration  will  be 
at  least  the  desired  amount  of  time.  Figures  7 and  8 shows  a sample  L2  bum  with  and  without  the 
impulse  controller,  respectively;  the  commanded  thruster  time  for  each  ran  was  60  seconds  in  the 
x-axis  and  30  seconds  in  the  z-axis.  Notice  the  error  caused  without  the  impulse  controller  and 
the  extra  thruster  firings  to  correct  the  error  with  it. 

Dynamic  Attitude  Error  Limiter 

The  dynamic  rate  limiter  enables  the  spacecraft  to  meet  the  sunline  requirement  during  a 
slew  in  Inertial  Mode.  When  the  limiter  is  not  utilized.  Inertial  Mode  slews  that  include  high  spin 
errors  in  the  z-axis  can  cause  the  spacecraft  to  violate  the  25°  sun  constraint,  as  shown  in  Figure 
9.  The  dynamic  rate  limiter  calculates  an  attitude  error  limit  for  each  axis  proportional  to  the 
error  in  that  axis.  This  preserves  the  direction  of  the  resulting  Inertial  Mode  slew  and  prevents 
the  spacecraft  from  violating  the  sun  constraint  as  in  Figure  10.  Both  Figures  9 and  10  show  a 
series  of  45°  Inertial  Mode  slews  across  the  sunline  with  spin  angles  from  0°  to  180°;  with  the 
dynamic  attitude  error  limiter,  the  spacecraft  on  these  slews  does  not  violate  the  sun  constraint. 
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CONCLUSIONS 


The  structural  system  is  fairly  rigid;  therefore,  the  majority  of  analysis  was  done  for  a 
plant  derived  as  a combination  of  the  rigid  body  modes  and  the  chosen  dominant  flexible  modes. 
Analysis  determined  that  the  wheel  jitter  in  resonance  with  the  flexible  mode  frequencies  does 
not  cause  problems  with  MAP’s  Observing  Mode  pointing  requirements. 

All  of  MAP’s  operational  modes  except  one  satisfied  the  Guidance  Navigation  and 
Control  Center  design  criteria.  Since  the  Safehold  Mode  Y-axis  was  unable  to  meet  the  required 
bounds,  it  was  necessary  to  add  a low  pass  structural  filter. 

The  maximum  x and  y face  aerodynamic  torque  is  0.012  N-m  and  the  momentum  has  a 
peak  of  0.47  N-m-s  and  an  average  of  0.28  N-m-s.  The  Earth’s  gravity  gradient  an  average 
torque  and  momentum  were  calculated  to  be  2.0*  10'4  N-m  and  0.1744  N-m-s  in  the  x-direction, 
and  4.1x10-5  N-m  and  0.221  N-m-s  in  the  z-direction.  Gravity  gradient  simulation  results  further 
verified  values  for  torque  and  momentum  buildup.  The  Earth  gravity  gradient  simulations 
displayed  a maximum  torque  of  1.7x1 0"^  N-m  in  the  x and  y-axes  and  1 .0X 1 0-^  N-m  in  the  z- 
axis  and  a maximum  momentum  of  0.15  N-m-s  in  the  x and  y axes,  0.07  N-m-s  in  the  z-axis,  and 
a maximum  system  momentum  of  0.15  N-m-s. 

Under  ideal  conditions,  the  solar  radiation  torque  about  the  spin  and  precession  axes 
average  out  to  zero.  However,  misalignment  of  the  solar  panels  can  give  rise  to  a pinwheel 
torque  that  cause  momentum  buildup.  This  situation  calls  for  a maximum  allowable  solar  array 
deployment  misalignment  angle  is  0.228°.  Simulations  show  that  a proposed  solution  of  a three- 
shot  momentum  unloading  in  Observing  Mode  can  be  used  if  the  misalignments  exceed  this 
limit. 


The  natural  frequency  of  the  slosh  system  is  several  orders  of  magnitude  larger  than  the 

bandwidth  of  the  system.  Therefore,  the  angular  displacement  due  to  either  the  fuel  slosh’s  linear 

or  angular  torque  is  small  and  fuel  slosh  should  not  be  a concern  to  the  MAP  mission. 

The  end  result  of  the  analysis  is  a MAP  controller  that  meets  attitude  control 

requirements  with  margin. 
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TOPEX/POSEIDON  ORBIT  MAINTENANCE 
FOR  THE  FIRST  FIVE  YEARS* 
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The  TOPEX/Poseidon  orbit  maintenance  strategy  was  changed  following  launch 
to  include  the  effects  of  observed  unmodeled,  and  hence  anomalous,  along-track 
accelerations.  The  anomalous  force  causes  the  semi-major  axis,  a,  to  either 
increase  (called  “boost”)  or  decrease  (“deboost”  or  “decay”)  depending  on  the 
satellite  attitude  and  solar  array  pitch  angle  offset.  Although  this  force  is  the 
most  uncertain  parameter  in  ground  track  prediction,  it  has  been  used  as  a passive 
technique  for  orbit  maintenance,  thereby  reducing  the  number  of  propulsive 
maneuvers,  enhancing  maneuver  spacing,  and  to  place  maneuvers  at 
convenient  times.  This  passive  technique  was  first  demonstrated  in  May  1993. 

The  TOPEX/Poseidon  orbit  has  been  uniquely  maintained  using  both  passive 
(non-propulsive)  and  active  (propulsive)  maneuvers.  Furthermore,  the  orbit  has 
been  maintained  using  only  the  passive  technique  since  the  ninth  orbit 
maintenance  maneuver  on  January  15, 1996. 

Only  nine  orbit  maintenance  maneuvers  have  been  required  to  maintain  the 
ground  track,  including  verification  site  over  flights,  since  achieving  the 
operational  orbit  on  September  21,  1992  (mission  requirement:  95%  within  ±1 
km).  During  this  period,  a has  varied  within  7714,429±7  m,  while  the 
inclination  i periodically  fluctuated  in  the  range  66.0408”  ± 0.0040”.  The  frozen 
orbit  (required  e < 0.001  and  co  =90”)  has  been  maintained  without  any  dedicated 
eccentricity  maneuvers.  The  frozen  eccentricity  vector  has  completed  two  periodic 
cycles  and  it  is  currently  tracing  its  third  cycle  (period  =26.7  months). 

INTRODUCTION 

Since  its  launch  on  August  10,  1992,  TOPEX/Poseidonn  has  precisely  mapped  the  topography  of 
over  95%  of  the  earth’s  ice-free  seas.  The  wealth  of  scientific  information  provided  by  its  very  high  quality 
ocean-altimetry  data  prompted  NASA  and  CNES  to  further  extend  the  TOPEX/Poseidon  mission  through 
2001  to  overlap  with  the  successor  Jason-1  mission.  To  facilitate  high  quality  altimetry  data  acquisition, 
the  satellite  is  maintained  in  a nearly-circular,  frozen  orbit  (e=0. 000095,  u>=90”)  at  an  altitude  of  =1336 
km  and  an  inclination  of  i = 66.04“  (Ref.  1).  This  orbit  provides  an  exact  repeat  ground  track  every  127 
orbits  (=10  days)  and  over  flies  two  verification  sites:  a NASA  site  off  the  coast  of  Point  Conception  and  a 
CNES  site  near  the  islands  of  Lampione  and  Lampedusa  in  the  Mediterranean  Sea. 

After  launch,  six  orbit  maintenance  maneuvers  (OMMs)  were  implemented  to  acquire  the 
operational  orbit  from  the  injected  orbit.2  These  maneuvers  achieved  the  frozen  orbit,  removed  inclination 
errors  induced  by  the  launch  vehicle,  and  synchronized  the  ground  track  with  the  reference  grid  and  two 

The  research  described  in  this  paper  was  carried  out  by  the  Jet  Propulsion  Laboratory  , California  Institute  of  Technology,  under 
contract  with  the  National  Aeronautics  and  Space  Administration.  Address  all  correspondance  to:  R.  S.  Bhat,  M/S  264/355,  4800 
Oak  Grove  Dr.,  Pasadena,  Ca,  91109.  Electronic  mail:  ramachandj.bhat@jpl.nasa.gov. 
r Jet  Propulsion  Laboratory,  California  Institute  of  Technology,  Pasadena,  California. 

Sterling  Software,  Pasadena,  California 

n TOPEX/Poseidon  is  a joint  mission  of  the  US  National  Aeronautics  and  Space  Administration  (NASA)  and  the  French  Centre 
National  d'Etudes  Spatiales  (CNES).  The  primary  mission  lifetime  was  3 years  and  the  extended  mission  an  additional  2 years. 
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verification  sites.  The  operational  orbit  was  achieved  on  September  21,  1992  and  altimeter  data  acquisition 
started  on  September  23,  1992. 

The  Jet  Propulsion  Laboratory  (JPL)  of  the  California  Institute  of  Technology  is  responsible  for 
conducting  all  mission  operations  including  operational  navigation.  Operational  orbit  determination  (OD) 
using  radiometric  data  acquired  via  the  NASA  Tracking  Data  Relay  Satellite  System  (TDRSS)  is  provided 
by  the  Right  Dynamics  Facility  (FDF)  of  NASA’s  Goddard  Space  Right  Center(GSFC). 

Prior  to  launch,  orbit  maintenance  maneuver  (OMM)  design1  was  expected  to  depend  primarily  on 
atmospheric  drag  and  the  uncertainty  of  its  prediction.  The  consequent  maneuver  targeting  strategy  had  to 
be  changed  following  launch  due  to  the  observation  of  unexpected  along-track  accelerations3  called 
“anomalous  forces”.  These  forces  did  not  influence  operational  orbit  acquisition;  however,  it  became 
necessary  to  accurately  model  and  predict  the  anomalous  force  for  effective  ground  track  control.  OMM1 
was  delayed  for  one  ground  track  repeat  cycle  to  collect  additional  OD  data  so  that  a reasonable  empirical 
model  could  be  constructed,  thereby  causing  the  ground  track  to  leave  the  control  band  for  a few  days.  Thus 
OMM1  was  implemented  outside  the  eastern  edge  of  control  band. 

An  empirical  model4  based  on  observed  MOE  (Medium-accuracy  Orbit  Ephemeris)  accelerations  is 
used  for  the  anomalous  force  prediction.  The  MOE  is  based  on  a combination  of  laser  ranging  and  GPS 
(Global  Positioning  System)  data.  The  anomalous  force  model  is  validated  using  thrust  parameters  provided 
by  the  FDF.  The  magnitude  of  the  anomalous  forces  is  equivalent  to  or  greater  than  the  effects  of  the 
atmospheric  drag  and  either  raises  (“boosts”)  or  lowers  (“decays”)  the  orbit  depending  on  the  satellite  attitude 
and  solar  array  orientation.  Its  uncertainty  significantly  influences  ground  track  prediction  accuracy, 
especially  during  low  drag  conditions  (70  <F107<120)\  when  it  is  the  largest  uncertainty  in  orbit 
determination.  The  potential  of  using  the  anomalous  force  as  a tool  for  ground  track  control  was  soon 
recognized  and  this  passive  technique4-5  was  demonstrated  for  the  first  time  in  May  1993  to  avoid  a 
propulsive  maneuver  near  the  western  boundary  of  the  control  band,  and  later,  in  October  1995  to  postpone 
OMM9  until  Jan.  15,  1996.  Since  OMM9,  the  orbit  has  been  maintained  using  only  the  passive 
technique,  thereby  greatly  simplifying  mission  operations. 

The  TOPEX/Poseidon  mission  has  been  uniquely  maintained  utilizing  a combination  of  both 
active  (e.g.,  propulsive)  and  passive  (e.g.,  non-propulsive)  maneuvers.  This  paper  describes  the  maneuver 
design  and  implementation  strategies  used  for  orbit  maintenance  in  the  presence  of  the  anomalous  force 
during  the  first  five  years  of  satellite  operations.  Maneuver  performance  characteristics  and  ground  track 
maintenance  statistics  are  provided.  Use  of  the  passive  techniques  in  reducing  the  number  of  maneuvers 
and  complexity  of  the  mission  operations  are  summarized. 

MISSION  REQUIREMENTS  AND  OPERATIONAL  CONSTRAINTS4 

Science  objectives  require  that  95%  of  all  equatorial  crossings  be  contained  within  a ±1  km  control 
band  centered  on  a pre-defined  earth-fixed  reference  ground  track  grid,  and  that  95%  of  all  verification  site 
over  flights  have  a miss  distance  at  closest  approach  of  <1  km.  The  OMMs  are  constrained  to  occur  over 
land  at  or  near  the  boundary  of  the  =10  day  ground  track  repeat  cycles  (±1  orbit).  Maneuver  spacing  must 
be  as  large  as  practical,  with  a minimum  spacing  of  30  days.  Eccentricity  must  be  maintained  less  than 
0.001  throughout  the  mission;  this  requirement  has  been  met  by  utilizing  a frozen-orbit  for  the  eccentricity 
vector  (e,  to).  Furthermore,  maneuvers  may  not  compromise  satellite  health  and  welfare;  such  requirements 
prevail  over  other  mission  requirements  when  conflicts  arise.  This  leads  to  additional  restrictions  on  the 
timing  of  maneuvers  and  the  command  sequence  for  maneuver  implementation.  The  primary  restrictions  are 
due  to  satellite  power,  thermal,  and  star-tracker  field-of-view  constraints. 

REFERENCE  ORBIT 

Mean  orbital  parameters7  of  the  TOPEX/Poseidon  operational  orbit  are  shown  in  Table  1 . This 
operational  orbit  provides  an  exact  repeat  ground  track  every  127  orbits  in  10  sidereal  days  and  over  flies 
both  the  NASA  and  CNES  verification  sites  once  per  repeat  cycle.  The  first  orbit  of  the  127-orbit  ground 


* Fm , is  the  10.7  cm  solar  flux  reported  by  the  Penticton  Dominion  Radio  Observatory.  Units  are  10  “ walts/(m:-Hz). 


954 


track  repeat  cycle  has  an  ascending  node  at  99.92°  E.  longitude.  The  operational  orbit  is  referred  to  as  the 
reference  orbit  and  the  mean  elements  describing  this  orbit  are  called  the  reference  elements.  The  ascending 
nodal  crossing  longitudes  of  the  reference  orbit  define  the  sub-satellite  earth  fixed  reference  grid.  The 
reference  orbit  was  initially  designed8  using  a 17  x 17  truncation  of  the  GEMT2  earth  gravity  field  and  was 
later  refined  using  a 20  x 20  truncation  of  GEMT3.  This  orbit  was  again  refined  using  a 20  x 20  truncated 
JGM2  (Joint  Gravity  Model-2)9  during  July  93.  The  JGM2  was  derived  by  refining  GEMT3  using 
TOPEX/Poseidon  precision  orbit  determination  (POD)  results. 

Table  1.  TOPEX/POSEIDON  REFERENCE  ELEMENTS  (EPOCH:  JULY  1,  1993  00:00  UTC). 


Semi-Major  Axis  (a) 

7714.42942  km 

Eccentricity  ( e ) 

0.000095 

Inclination  (0 

66.040° 

Right  Ascension  of  Ascending  Node  (12) 

139.552° 

Argument  of  Perigee  (oS) 

270.000° 

Mean  Anomaly(Af) 

0.000° 

SATELLITE  CHARACTERISTICS 

TOPEX/Poseidon  is  a three-axis  stabilized  satellite  (Fig.l)  and  utilizes  nearly  continuous  yaw 
steering  and  solar  array  pitching  for  optimal  solar  array  sun  pointing.  A pitch  bias  \r  is  applied  to  the  solar 
array  to  control  battery  charging,  and  is  changed  based  on  solar-array  degradation  and  observed  battery 
performance.  It  has  changed  three  times  during  the  first  five  years  of  operation;  currently  t/=50.5°.  There 
is  a plan  to  set  t/r  =48.5°  in  April  1998.  The  satellite  nominally  flies  with  the  solar  panel  in  a “Lead” 
position  (y> 0).  The  solar  panel  is  said  to  be  in  a “Lag”  position  when  \f/< 0. 

To  avoid  excessive  yaw  rates,  the  satellite  yaw  angle  is  held  fixed  when  -15°</T<15°,  where  /J'  is 
the  angle  between  the  orbital  plane  and  earth-sun  line.  Two  different  fixed  yaw  angles  Y are  used:  y=0° 
when  0</T<15°  (flying  forward)-,  and  y=180°  when  /T<0  (flying  backward ).  The  satellite  is  “flipped” 
(Ay=180°)  near  /)  =0.  This  ensures  that  the  sun  is  kept  on  the  correct  side  of  the  solar  array,  avoids 
shadowing  of  the  solar  array  by  the  high  gain  antenna,  and  prevents  overheating  of  satellite  subsystems. 
The  satellite  is  continuously  yaw  steered  for  all  other  values  of  fi'.  When  /JM5°  this  is  referred  to  as 
positive  yaw  steering , and  when  /T<-15°  it  is  referred  to  as  negative  yaw  steering. 

The  propulsion  module  is  a mono-propellant  hydrazine  blow-down  system  consisting  of  twelve  1 
N (0.2  lbf)  and  four  22  N (5  lbf)  thrusters.  The  22  N thrusters  and  four  of  the  IN  thrusters  are  used  for 
orbit  adjustment;  the  remaining  1 N thrusters  are  used  for  attitude  control  when  required  to  dump  excess 

momentum.  Nominal  attitude 
control  is  maintained  via  reaction 
wheels  which  are  unloaded  with 
magnetic  torquers.  The  22  N 
thrusters  were  used  for  large 
maneuvers  (>  400  mm/s)  during 
orbit  acquisition.1  The  smaller 
maneuvers  (<400  mm/s)  of  the 
orbit  acquisition  sequence  and  all 
orbit  maintenance  maneuvers, 
which  are  <10  mm/s,  are 
performed  using  two  1 N thrusters. 
The  same  pair  of  thrusters  has  been 
used  for  all  nine  OMMs.  The 
center  of  mass  (CM)  of  the 
satellite  does  not  coincide  with  the 
center  of  body  coordinates  due  to 
one  sided  large  solar  panel.  Each 


Figure  1.  TOPEX/Poseidon  satellite. 
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of  the  orbit  adjust  thrusters  is  oriented  axially  along  the  body  roll-axis  and  individually  canted  to  be  aligned 
through  the  CM  prior  to  the  launch  when  the  propellant  tanks  are  full.  The  propellant  tank  was  fully 
loaded  prior  to  the  launch  to  provide  a total  AV  of  =172  m/s.  The  orbit  acquisition  process  used  only 
=11.55  m/s  and  the  nine  OMMs  have  used  =40  mm/s.  Thus  the  satellite  is  still  flying  with  nearly  full 
propellant  tanks  after  five  years  of  operations. 

To  correctly  orient  the  thrusters  along  with  the  velocity  vector  for  propulsive  maneuvers,  yaw 
steering  is  temporarily  suspended  and  the  satellite  is  slewed  to  a fixed  angle.1  The  yaw  turn  is  accomplished 
using  only  reaction  wheels.  Attitude  errors  caused  by  the  bum  are  removed  with  attitude  thrusters.  The 
turn  or  unwind  duration  varies  depending  on  the  yaw  rate  and  angle.  The  total  duration  of  a 'iurn-burn-tum” 
sequence  varies  from  20  to  90  min. 

ORBIT  DETERMINATION 

Operational  orbit  determination  is  routinely  performed  by  the  FDF,  primarily  using  one-way 
TDRS  Doppler  data;  a small  amount  of  two-way  Doppler  data  is  also  used.10  The  orbit  determination 
accuracy  required  for  the  orbit  maintenance  and  maneuver  evaluation  was  established  jointly  by  JPL  and 
FDF."  Modeling  consistency  between  the  FDF  orbit  determination  program  GTDS  (Goddard  Trajectory 
Determination  System)12  and  the  JPL  trajectory  program  DPTRAJ13  (double  precision  trajectory  program) 
was  established  prior  to  the  launch.14  The  critical  requirement  on  orbit  determination  is  to  determine  semi- 
major axis  better  than  1 m (3<r)  throughout  the  mission. 

The  FDF  supplies  orbit  determination  results  three  times  weekly  (Monday,  Wednesday,  and  Friday) 
and  daily  near  maneuver  and  fixed  yaw  periods.  The  anomalous  forces  are  estimated  as  an  effective  thrust 
T=\+t  jiN  as  part  of  routine  orbit  determination.  Onboard  oscillator  frequency  bias  and  drift  rate  are  also 
estimated  during  orbit  determination. 

Timing  and  polar  motion  data  tables  (UT1-UTC  and  polar  coordinates)  are  provided  by  FDF 
approximately  monthly.  Variable  Mean  Area  (VMA)2  models  used  for  atmospheric  drag  and  solar  radiation 
pressure  are  supplied  by  JPL  to  FDF.  The  VMA  model  is  a function  of  the  solar  array  pitch  bias  and  is 
updated  whenever  the  solar  array  pitch  bias  is  changed.  Furthermore,  JPL  supplies  a fixed  yaw  plan  to  the 
FDF  prior  to  any  mode  changes  so  that  the  appropriate  models  are  used  for  OD.  Current  solar  and 
geomagnetic  activity  data  are  obtained  electronically  from  the  National  Oceanic  and  Atmospheric 
Administration  (NOAA)  Space  Environment  Center  by  both  JPL  and  FDF.  NOAA  supplies  observed  and 
predicted  data  including  a long-term  outlook.  Changes  in  other  models  (e.g.,  gravity,  sun-moon 
ephemerides,  etc.)  are  performed  mutually  as  required. 

OD  results15-21  have  been  consistently  better  than  pre-launch  requirements.  The  semi-major  axis  a 
has  been  determined  to  3<ra=45  cm  (required:  3<ra=l  m).  Knowledge  of  a is  a function  of  both  OD  accuracy 
and  conversion  errors  in  the  osculating  to  mean  value  conversion  process.  The  osculating  to  mean  value 
conversion  error  for  a consistently  satisfies  3<ra  < 40  cm.  Thus  the  total  <Ja  < 20  cm  for  the  mean  semi- 
major axis.  Knowledge  of  other  orbital  parameters  is  also  much  better  than  the  specified  pre-launch 
requirements.  These  improved  OD  results  have  contributed  to  a reduction  in  maneuver  frequency  and  more 
precise  ground  track  determination  and  control. 

ERROR  MODEL  USED  FOR  MANEUVER  DESIGN 

All  major  error  sources  are  included  in  the  maneuver  design  process  to  ensure  that  95%  of  all 
equatorial  crossings  are  contained  in  the  control  band.  These  include  uncertainties  of  the  anomalous  force 
and  drag  predictions,  orbit  determination  errors,  and  maneuver  execution  errors.  Drag  modeling  error  is 
dominated  by  uncertainties  in  predicted  solar  activity.  Maneuver  execution  errors  are  categorized  into  fixed, 
proportional,  and  pointing  errors.  Orbit  determination  error  is  reflected  primarily  as  an  error  in  semi-major 
axis. 


Solar  activity  data  of  previous  cycles  was  used  to  construct  error  models  for  solar  flux  and 
geomagnetic  index  data  prediction.22  High-  and  low-density  trajectories  are  constructed  based  on  the  observed 
statistical  variations  over  the  previous  3 months  and  the  resulting  differences  in  the  ground  track  with  the 
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error-free  trajectory  are  used  to  calculate  the  drag  error.  The  uncertainty  in  the  anomalous  force  prediction  is 
modeled  from  the  observed  statistical  variations  about  the  empirical  model.  Different  uncertainty  models  are 
constructed  for  different  yaw  modes  of  the  satellite.  The  ground  track  prediction  error  allocated  to  orbit 
determination  is  225  m (3o)  of  equatorial  longitude  after  30  days,  equivalent  to  an  initial  semi-major  axis 
error  of  =1  m.  Maneuver  execution  error  budgets23  are  summarized  in  Table  2.  These  error  budgets  were 
used  for  all  OMMs.  The  errors  due  to  drag  and  anomalous  force  predictions,  orbit  determination,  and 
maneuver  execution  are  propagated,  converted  into  ground  track  units,  and  then  combined  to  predict  a total 
root  sum  square  (RSS)  error  envelope  in  the  ground  track.24 


Table  3.  OMM  EVALUATION  REQUIREMENTS  . ’ 


Table  2.  MANEUVER  ERROR  MODEL. 

< 1 m 
< 5 X 10  4 

AV  (Proportional) 

10%  for  CAL 

a 

e 

5%  for  OMM  1 

0.0001” 
< 20  cm 

3%  for  Subsequent  OMMs 

i 

Aa 

AV  (Fixed) 

0.013  mm/s- 

< 0.2  mm/s 

AV  Tangential 

Pointing  Error  (Pitch) 

2.0” 

Radial 

< 10  mm/sec 

Pointing  Error  (Yaw) 

2.0” 

Out  of  plane 

< 10  mm/sec 

♦All  values  are  3 a.  CAL:  Calibration  maneuver.  OMM=Orbit 
Maintenance  Maneuver. 

•All  values  are  3 a.  Elements 

are  osculating. 

MANEUVER  EVALUATION  REQUIREMENT 

Precise  maneuver  evaluation  is  required  to  calibrate  the  thrusters  so  as  to  reduce  the  effect  of  A V 
errors  on  ground  track  predictions  and  to  enhance  maneuver  spacing.  The  maneuver  evaluation  accuracy 
requirements  were  jointly  determined  by  JPL  and  FDF,  as  summarized  in  Table  3. 25  To  achieve  the 
required  accuracy  in  maneuver  evaluation  the  FDF  performs  special  ODs  before  and  after  a maneuver  using  a 
26  x 26  gravity  field  and  a four  day  fracking  arc. 

MANEUVER  DESIGN  AND  IMPLEMENTATION 

The  NAVT*  continually  monitors  the  ground  track  and  provides  a 30-day  advance  notice  of  all 
maneuvers  to  other  mission  operations  teams,  including  geographic  maneuver  location  and  centroid  time. 
The  maneuver  centroid  time  is  chosen  to  allow  time  for  a backup  one  repeat  cycle  (=10  days)  later  without 
violating  the  km  control  band.  Furthermore,  maneuvers  are  not  scheduled  near  a fixed  yaw  period  so  that 
there  is  sufficient  pre-  and  post-maneuver  fracking  data  (at  least  7 days)  for  orbit  determination.  This 
shortens  maneuver  spacing  by  one  to  two  repeat  cycles  from  the  optimal  value.  The  preliminary  maneuver 
design  is  done  using  GTARG  (which  uses  an  analytical  propagator)  to  determine  maneuver  magnitude  (AV) 
and  its  direction.24  Two  maneuver  design  strategies  were  developed  prior  to  launch:1  (a )longitude  targeting, 
which  practically  maximizes  maneuver  spacing,  and  (b)  time  targeting,  which  fixes  the  maneuver  spacing. 
All  maneuvers  implemented  so  far  were  designed  using  the  longitude  targeting  strategy.  To  ensure 
maneuver  spacing  as  large  as  practical  in  the  presence  of  various  error  sources,  every  maneuver  was  designed 
using  a 95-percentile  confidence  envelope  about  the  ground  track. 

Undo-  low  drag  conditions  (F107  < 120)”  the  ground  track  prediction  is  very  sensitive  to  small 
variations  in  AV.  The  uncertainty  of  the  anomalous  force  causes  significant  variations  in  the  predicted 
ground  track  (and  hence  the  maneuver  spacing)  under  these  conditions.  To  ensure  verification  site  over 
flight  requirements,  as  well  as  enhance  maneuver  spacing,  a “shoot-short”  strategy26  is  applied  in  maneuver 
design.  In  this  strategy  the  targeted  maneuver  magnitude  is  updated  based  on  a detailed  sensitivity  analysis 
conducted  using  both  GTARG  and  DPTRAJ. 


The  TOPEX/Poseidon  Navigation  Team. 
See  the  footnote  on  page  2. 
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The  preliminary  maneuver  design  is  verified  and  updated  (if  needed)  with  DPTRAJ  before 
generating  and  delivering  the  ideal  maneuver  parameters,  consisting  of  maneuver  centroid  time  and  A V,  to 
SPAT/  SPAT  generates  the  maneuver  commands,  which  may  result  in  a slightly  different  maneuver 
magnitude  or  centroid  time  due  to  thruster  pulse  quantization  and  on-board  computer  (OBC)  constraints. 
These  updated  values  are  verified  again  using  DPTRAJ  before  they  are  loaded  into  the  satellite  OBC.  The 
maneuver  is  normally  designed  seven  to  ten  days  in  advance  to  provide  sufficient  time  for  command 
preparation  and  TDRS  scheduling.  The  maneuver  magnitude  is  then  “tweaked,”  whenever  needed,  8-24 
hours  before  execution  using  the  latest  OD.26 

Only  nine  maneuvers  have  been  required  during  the  first  five  years  of  operations.  These  OMMs  all 
occurred  within  one  orbit  of  the  transition  between  the  =10  day  ground  track  repeat  cycles,  and  were 
implemented  using  a complex  “tum-bum-tum”  sequence.  The  geographic  location  of  the  maneuver  has 
been  selected  to  accommodate  satellite  star-tracker  field-of-view  constraints,  thermal  constraints,  and 
available  TDRS  view  periods.  (Fig.  2).  Two  maneuvers  (OMM6  and  OMM9)  were  performed  over  water 
because  of  these  constraints,  in  conflict  with  scientific  requirements. 

MANEUVER  PERFORMANCE 

The  frequency  of  maneuvers  has  been  significantly  lower  than  expected  because  of  the  use  of  the 
passive  technique,  the  prevailing  low  drag,  improved  OD  (compared  to  requirements)  from  FDF,  better  then 
predicted  satellite  performance,  and  precise  maneuver  evaluation.  The  maneuver  magnitude  for  all 
maneuvers  was  in  the  range  of  2-5  mm/s,  except  OMM1.  The  OMM1  AV  was  somewhat  higher  as  it 
absorbed  some  of  the  residual  ground  track  drift  following  operational  orbit  acquisition. 


150°  W 100°  W 50°  W 0°  50  °E  100°  E 150°  E 


Figure  2.  Geographic  locations  of  orbit  maintenance  maneuvers. 

Maneuver  evaluation  is  based  upon  a comparison  of  pre-  and  post-maneuver  OD.  JPL  and  FDF 
each  independently  evaluate  the  magnitude  of  each  maneuver  using  different  techniques.2  Both  results  have 
agreed  to  within  0.03  mm/s  for  all  maneuvers27  (Table  4).  The  close  agreement  between  the  JPL  and  FDF 
results  provide  greater  confidence  in  maneuver  evaluation.  The  accuracy  of  maneuver  magnitude 
determination  has  been  better  than  0.05  mm/s  for  all  maneuvers  based  on  the  analyses  of  post  maneuver 
orbit  determination  and  the  resulting  ground  track  behavior.  The  performance  of  all  maneuvers  except 
OMM9  was  significantly  better  than  the  pre-launch  expected  performances.  The  performance  of  OMM1 
was  =3.6%  and  the  thrusters  were  calibrated  using  this  maneuver.  Subsequent  maneuvers  (except  for 


f The  TOPEX/Poseidon  Satellite  Performance  and  Analysis  Team. 
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OMM9)  showed  better  than  3%  performance.  The  resultant  AV  of  OMM9  was  46%  higher  due  to 
unexpected  attitude  thruster  firings  during  the  “unwind”  turn  (turn  after  burn)  of  the  satellite. 

The  presence  of  the  anomalous  force  significantly  altered  the  orbit  determination  strategy  for 
maneuver  evaluation.  Pre-  and  post-maneuver  ODs  utilize  4-day  tracking  arcs.  Initially  (through  OMM5) 
the  thrust  parameter  representing  the  anomalous  force  was  estimated  along  with  state  parameters.  Experience 
(corroborated  by  both  the  JPL  and  PDF  techniques)  indicated  that  a minimum  duration  6-day  tracking  arc  is 
needed  to  obtain  sufficiently  accurate  estimates  of  the  anomalous  force;  shorter  arcs  corrupt  estimates  of  a. 
To  obtain  a more  reliable  AV  value,  the  anomalous  force  parameter  is  not  estimated  using  short  arcs  (<  6- 
day),  but  instead  use  an  apriori  value  based  on  the  latest  prediction  model.  This  strategy  has  been  used  for 
subsequent  pre-  and  post-maneuver  orbit  determinations,  and  a similar  strategy  is  used  for  OD  near  fixed 
yaw  periods.  The  maneuver  evaluation  accuracy  improved  further  with  this  strategy.  Pointing  errors  were 
all  <1”  in  both  pitch  and  yaw.27 


Table  4.  MANEUVER  PERFORMANCE. 


OMM 

# 

Date 

AV,  mm/sec 
Ideal 

AV  achieved 
JPL 

1,  mm/sec 
FDF 

Difference,  % 
Achieved-Ideal 

1 

Oct  12,  92 

9.100 

9.431 

9.425 

+3.64 

2 

Dec  21,  92 

3.200 

3.153 

3.151 

-1.47 

3 

Mar  30,  93 

4.640 

4.692 

4.688 

+1.12 

4 

Aug  6,  93 

4.620 

4.611 

4.611 

-0.20 

5 

Jan  31,  94 

4.000 

4.089 

4.065 

+2.25 

6 

May  20,  94 

3.150 

3.123 

3.128 

-0.78 

7 

Oct  6,  94 

3.150 

3.146 

3.162 

-0.13 

8 

May  22,  95 

3.860 

3.832 

3.832 

-0.73 

9 

Jan  15,  96 

2.500 

3.652 

Not  Requested 

+46.08 

ANOMALOUS  FORCE 

Analysis  of  the  OD  results  subsequent  to  launch  indicated  the  existence  of  an  unmodeled 
anomalous  force.3  The  magnitude  of  this  anomalous  force  is  equivalent  to  that  of  a continuous  thrust  of  a 
few  micro-Newtons  (|iN).  This  force  is  believed  to  arise  from  a combination  of  radiative  forces  (including 
reflected  radiation),  solar  array  curling,  thermal  imbalances,  and  outgassing.  The  direction  and  magnitude 
are  a function  of  the  satellite  attitude,  solar  array  pitch  angle  offset,  and  f}'.  An  empirical  model  (Fig.  3) 
was  developed  based  on  observations  of  unmodeled  along-track  accelerations. 


Figure  3.  Change  of  a due  to  Anomalous  Force.  Solid  line:  da/dt,  cm/day  (left  scale);  Dotted  Line:  P'  (right  scale). 

The  anomalous  force  causes  a decay  during  positive  yaw  steering  and  when  flying  backward  at  fixed 
180°  yaw  mode,  and  causes  a boost  during  negative  yaw  steering  and  when  flying  forward  at  fixed  0°  yaw 
mode  (Fig.  3).  The  anomalous  force  results  in  daldt~1-Yl  cm/day  during  yaw  steering  and  =18-30  cm/day 
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during  fixed  yaw.  The  magnitude  of  the  acceleration  varies  with  y,  /?',  the  earth  to  sun  distance,  and 
thermal  variations  of  the  solar  panel  and  some  parts  of  the  satellite  bus.  The  uncertainty  in  anomalous 
force  prediction  has  been  <7=1  to  3 cm/day  during  yaw  steering  and  <7=1  to  4 cm/day  during  fixed  yaw.4-5 
The  relative  prediction  uncertainty  \o/(daJdt)\  is  consistently  smaller  in  fixed  yaw  than  in  yaw  steering. 

PASSIVE  TECHNIQUES  FOR  ORBIT  MAINTENANCE 

Two  passive  techniques  were  developed  utilizing  the  anomalous  force  during  fixed  yaw  for  orbit 
maintenance. 

Fixed  Yaw  Variation  Strategy 

Nominally,  the  length  of flying  forward  or  flying  backward  is  around  five  days.  The  orbit  may  be 
raised  or  lowered  by  varying  the  nominal  duration  of  fixed  yaw  periods.  The  fixed  7=0°  period  is  increased 
and  the  fixed  T=180°  yaw  period  is  shortened  to  apply  orbital  boost  and  the  opposite  is  done  to  apply  decay. 
The  maximum  variation  that  is  allowed  is  limited  by  satellite  health  and  safety  considerations  to  require  a 
switch  between  fixed  yaw  and  yaw  steering  (or  vice  versa).  The  current  guideline  (at  \|/=50.5°)  is  that  fixed 
yaw  period  can  be  as  short  as  -13°<  /9'<13°  or  as  long  as  -26°</?"<27°.  The  upper  limit  of  a fixed  yaw  period 
varies  with  time  of  year  and  solar  array  degradation.  The  yaw  flip  (Ay- 180°)  must  be  performed  near  /?'  =0 
during  all  fixed  yaw  periods.  Even  with  this  constraint  the  orbit  may  be  raised  or  lowered  up  to  =1.5  m 
during  a typical  fixed  yaw  period.  This  strategy  was  been  used  to  selectively  adjust  the  ground  track  from 
OMM3  (March  1993)  through  October  1995.  This  strategy  was  also  used  to  avoid  a “micro-maneuver"’ 
(around  June  17, 1993)  near  the  west  boundary  of  the  control  band.4 

Solar  Array  Lead/Lag  Strategy 

The  second  passive  method  makes  use  of  the  fact  that  there  is  a large  decay  while  flying  backward 
and  a large  boost  flying  forward.  The  satellite  normally  flies  with  solar  array  in  Lead  position  (pitch  bias  is 
positive).  A positive  pitch  bias  (“Lead  Angle,”  vp>0)  indicates  that  the  solar  array  normal  is  ahead  of  the 
sun  direction.  Utilization  of  negative  pitch  bias  (“Lag,”  y<0)  reverses  the  direction  of  the  force  and  the 
anomalous  force  causes  boost  when  the  satellite  is  flying  backward  and  decay  when  flying  forward.  A 
continuous  boost  can  be  obtained  by  using  a “Lag”  when  flying  backward  and  “Lead”  when  flying  forward 
(Fig.  4);  or  a continuous  decay  can  be  obtained  by  using  a Lag  angle  when  flying  forward  and  a Lead  angle 
when  flying  backward  . This  technique  is  summarized  in  Table  5.  In  addition,  fixed  yaw  f}'  limits  are 
varied  to  apply  extra  boost  or  decay.  The  orbit  may  be  raised  or  lowered  up  to  =4  m,  equivalent  to 
propulsive  maneuvers  of  up  to  =2  mm/s,  with  this  technique.  This  “Lead/Lag”  strategy5  was  used  for  the 
first  time  during  the  October  1995  fixed  yaw  period  to  increase  the  semi-major  axis  and  postpone  OMM9 
to  January  15, 1996.  Reversing  the  solar  array  orientation  (Lead  to  Lag)  for  a smaller  portion  of  180°  or 
0°  yaw  part  of  a fixed  yaw  period  is  called  a “partial  Lead/Lag  strategy.”  The  partial  Lead/Lag  strategy  has 
been  used  to  apply  a desired  amount  of  either  orbital  boost  or  decay.  A partial  Lead/Lag  strategy  was  first 
applied  during  the  March/ April  1996  fixed  yaw  period  to  increase  the  inter-maneuver  spacing. 


Table  5.  TERMINOLOGY  AND  ORIENTATION  OF  ALONG-TRACK  FORCE  IN  FIXED  YAW. 


Fixed  Yaw  Angle 

Solar  Array  “Lead”  (y>0) 

“Lag”  (y<0) 

0°  “Flying  Forwards” 

daldt  > 0 (“boost”) 

daldt  <0  (“decay”) 

180°  “Flying  Backwards” 

daldi  < 0 (“decay”! 

daldt  > 0 (“boost”) 

The  very  first  experience  during  October  1995  demonstrated  the  power  of  the  Lead/Lag  strategy  to 
effectively  control  ground  track.  In  a fixed  yaw  variation  strategy,  the  limits  of  fixed  180°  and  0°  yaw 
periods  are  varied  within  the  maximum  allowable  /?'  limits  to  apply  the  desired  additional  orbital  boost  or 
decay.  These  limits  need  can  not  be  finalized  a few  days  before  the  beginning  of  a fixed  yaw  period  because 
of  uncertainties  in  the  anomalous  force,  violating  normal  mission  planning  constraints  which  require  30 
days  advance  notice.  However,  with  the  development  of  the  partial  Lead/Lag  strategy  this  problem  was 
eliminated,  as  the  fixed  yaw  limits  can  be  determined  several  months  in  advance.  Ground  track  uncertainty 
is  absorbed  by  changing  the  times  of  Lead  to  Lag  and/or  Lag  to  Lead  switch,  which  can  be  accomplished  by 
real  time  commands. 


960 


APPLICATION  OF  PASSIVE  MANEUVERS  FOR  ORBIT  MAINTENANCE 


The  solar  array  Lead/Lag  strategy3  was  used  during  the  October  1995  fixed  yaw  period  to 
postpone  OMM9  until  the  middle  of  January  1996.  The  observed  boost  level  during  the  Lag  period  (fixed 
180°  yaw)  was  only  75%  of  the  expected  boost.  This  unexplained  discrepancy  was  used  to  recalibrate  the 
model. 


The  satellite  entered  safehold’  on  November  26,  1995,  two  days  before  a fixed  yaw  period  was 
scheduled  to  begin.  The  recovery  process  took  several  days  and  the  satellite  remained  in  safehold  mode 
throughout  the  period  during  which  the  fixed  yaw  angle  is  normally  0°  and  10  hours  into  the  period  when 
the  fixed  yaw  is  180°.  The  postponement  of  OMM9  to  January  15, 1996  was  accomplished  by  (1)  reducing 
the  solar  array  pitch  bias1  from  54°  to  50.5°,  (2)  applying  Lead/Lag  strategy  while  flying  backward  during 
fixed  180°  yaw  period,  and  (3)  extending  the  fixed  180°  yaw  period  duration  to  the  maximum  allowable 
value. 


Figure  4.  Variation  of  orbital  lead/lag  strategy  to  obtain  optimal  semi-major  axis  control.  Abscissas  give  date  in 
1996;  ordinates  give  da/dt  due  to  the  anomalous  force  in  cm/day.  Filled  Circles:  MOE  Data;  Hollow  circles:  FDF 
Data;  Left:  Orbit  lowering  when  /15>0.  Right:  Orbit  raising  when  /?'<0.  Solid  lines:  predicted  da/dt  ±95%. 

The  resultant  AV  of  OMM9  was  46%  higher  (3.623  mm/s)  due  to  unexpected  attitude  thruster 
firing  during  the  “unwind.”  This  resulted  in  a predicted  ground  trace6  that  would  cross  the  western  boundary 
of  the  control  band  during  the  last  week  of  February  1996.  This  situation  meant  that  a retrograde  OMM 
would  need  to  be  implemented  near  the  western  boundary.  This  retrograde  maneuver  was  avoided  by 
lowering  the  orbit  using  lag  during  the  January/February  1996  fixed  yaw  period. 

As  a demonstration  for  future  missions,  an  autonomous  maneuver  experiment  (TAME)  was 
planned  for  the  summer  of  1996  using  TOPEX/Poseidon.  The  NAVT  was  responsible  for  targeting  the  pre- 
maneuver  orbit,  including  the  ground  track,  so  that  TAME  could  occur  on  a specific  date  with  a specified 
minimum  AV>1 .34  mm/sec,  yet  still  meet  all  established  ground  track  requirements  and  operational 
constraints.  It  was  decided  to  achieve  the  required  pre-TAME  conditions  utilizing  Lead/Lag  strategies  only. 
The  objective  was  to  avoid,  if  possible,  the  use  of  any  propulsive  maneuvers  prior  to  TAME.6  The 
maneuver  was  designed  using  the  minimum  AV  because  of  the  prevailing  low  drag  conditions.  The 
TAME,  originally  scheduled  for  April  6,  1997,  was  postponed  three  times  due  to  unexpected  technical 
problems  before  finally  being  scheduled  for  December  19,  1997.  However,  during  last  week  November 
1997,  the  Project  elected  to  postpone  TAME  indefinitely  to  avoid  the  possible  loss  of  valuable  altimeter 
data  related  to  studying  the  El  Nino  conditions. 

Currendy,  the  satellite  orbit/ground  track  is  maintained  using  only  passive  techniques.  The  81-day 
mean  solar  flux  has  been  steadily  increasing  since  November  1997  and  currendy  the  average  flux  varies 


* An  autonomous  on-board  safing  mode  controlled  by  analog  electronics  and  triggered  by  anomaly  detection  software  in  the  OBC. 
t This  was  done  for  power  reasons;  however,  the  magnitude  of  the  boost  in  fixed  yaw  increases  with  decreasing  yaw  angle. 
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between  90  and  145.’  It  is  expected  that  uncertainties  in  solar  flux  prediction  will  become  a significantly 
larger  factor  in  the  ground  track  prediction  accuracy  as  the  solar  maximum  is  approached.  Until  then  it  is 
intended  to  maintain  orbit  control  using  only  passive  techniques  as  long  as  practically  feasible.  No 
propulsive  maneuver  is  expected  until  mid-1999. 


Figure  5.  Ground  track  maintenance  statistics.  Left  ordinates:  absolute  number  of  crossings  or  over  flights  (bars). 

Right  Ordinate:  percentages  (lines).  Abscissas:  ground  track  in  kilometers. 

GROUND  TRACK  MAINTENANCE  STATISTICS 

As  of  February  28,  1998  TOPEX/Poseidon  had  completed  200  ground  track  repeat  cycles  in  the 
operational  orbit.  A total  of  99.63%  of  all  equatorial  crossings  (25,422  crossings)  were  within  the  control 
band  of  ±1  km,  comfortably  meeting  mission  requirements  (95%  within  the  control  band),  even  in 
presence  of  the  anomalous  force.  Only  95  nodal  crossings  were  outside  the  control  band,  and  these  all 
occurred  at  the  very  beginning  of  the  operational  mission.  Cycle  1 was  defined  to  begin  at  the  end  of  the 
orbit  acquisition  process,  three  days  before  the  ground  track  entered  the  control  band,  and  the  ground  track 
was  allowed  to  move  outside  the  control  band  before  implementing  OMM1  to  allow  more  time  to  develop 


* See  the  footnote  on  page  2. 
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an  empirical  model  for  the  anomalous  force.  Nearly  70%  of  the  nodal  crossings  were  west  of  the  reference 
track  (Fig.  5). 

Fig.  6 shows  the  ground  track  history  of  the  satellite.  Distinct  and  important  features  in  the 
ground  track  behavior  are  the  periodic  variations  near  the  western  boundary  of  the  control  band.  These 
periodic  variations  are  due  to  lunar  and  solar  gravity  and  its  influence  on  the  ground  track  is  distinguishable 
when  the  semi-major  axis  is  within  ±2m  of  the  reference  value.  However,  the  precise  nature  of  the 
variation  depends  on  a complex  combination  of  lunar  and  solar  gravity,  anomalous  forces,  and  atmospheric 
drag.  The  solar  activity  has  been  relatively  low  (70  <F107<120)  during  last  five  years.  As  a result,  the 
influence  of  lunar  and  solar  gravity  has  become  more  prominent. 

VERIFICATION  SITE  OVER  FLIGHTS 

The  original  mission  requirement  was  to  maintain  the  NASA  and  CNES  verification  site  over 
flights  within  ±1  km  during  the  first  six  months  of  operations  only  (the  “Initial  Verification  Phase”),  but 
not  later.  However,  this  requirement  was  extended  to  continue  throughout  the  mission.  The  closeness  of 
the  ground  track  to  the  verification  site  depends  on  the  nodal  crossing  longitude  and  the  mean  inclination, 
which  varies  (±3.5  mdeg)  due  to  lunar  and  solar  gravity.  A 1 mdeg  variation  in  mean  inclination  causes  a 
70  m ground  track  offset  at  either  verification  site.  The  verification  site  over  flight  control  requirement  has 
been  taken  into  account  in  the  design  of  all  orbit  maintenance  maneuvers.  Histograms  of  verification  site 
over  flights  are  shown  in  the  bottom  two  plots  of  Fig.  5.  The  CNES  site  was  closed  on  February  1,  1997 
and  its  over  flight  requirement  was  discontinued  at  that  time;  the  NASA  site  remains  in  use  and  its  over 
flight  requirement  continues  to  be  met. 

The  control  requirements  were  met  for  all  verification  site  over  flights  except  five  NASA  and  two 
CNES  site  over  flights.  One  NASA  over  flight  miss  was  voluntary,  at  the  beginning  of  first  ground  track 
repeat  cycle.  Three  involuntary  over  flight  misses  occurred  during  March/ April  1996  and  one  during  May 
1996.  These  violations  were  due  to  unfavorable  inclination  variations  when  the  ground  track  was  near  the 
western  boundary  (within  150  m).  Two  CNES  site  over  flights  were  outside  the  control  band:  one  in 
September  1996  and  the  other  in  January  1997.  During  this  time  the  effect  of  lunar  and  solar  gravity  was 
unfavorable  on  the  inclination  and  the  ground  track  was  near  the  eastern  boundary  (Fig.  6).  However,  the 
mission  requirement  to  keep  95%  of  all  verification  site  over  flights  within  the  control  band  has  beat 
comfortably  met  for  both  the  NASA  and  CNES  sites. 

ORBITAL  PARAMETERS 

The  ground  track  is  maintained  by  controlling  mean  semi-major  axis  about  the  reference  value 
(7714.429  km)  through  periodic  maneuvers  or  controlling  its  variations  by  passive  techniques.  While 
maintaining  the  ground  track  and  verification  site  over  flights  within  the  ±1  km  control  band,  the  mean 
semi-major  axis  has  been  controlled  within  ±7  m of  the  reference  value  through  five  years  of  operation15 
(Fig.  7).  The  mean  semi-major  axis  variations  are  due  to  a combination  of  atmospheric  drag  and  the 
anomalous  force. 

The  semi-major  axis  is  raised  above  the  reference  after  each  maneuver  and  slowly  decreases  due  to 
drag.  The  semi-major  axis  decreases  rapidly  during  positive  yaw  steering  as  both  the  anomalous  force  and 
drag  contribute  to  decay,  whereas  the  semi-major  axis  variation  during  negative  yaw  steering  period  is  much 
slower  and  near  zero  at  times  as  the  anomalous  force  and  drag  oppose  each  other.  The  semi-major  axis 
varies  by  a larger  amount  during  fixed  yaw  than  yaw  steering,  and  is  four  to  seven  times  the  effect  of 
atmospheric  drag.  The  semi-major  axis  variation  has  been  controlled  utilizing  the  solar  array  Lead/Lag 
strategy  since  OMM9  (January  15, 1996)  and  has  stayed  within  ±3  m of  the  reference  since  then  (Fig.  7). 

The  mission  requirement  to  keep  the  eccentricity  within  0.001  has  been  easily  met  without 
implementing  dedicated  eccentricity  maneuvers  since  achieving  the  operational  orbit.  The  selection  of  a 
frozen  orbit  assured  that  the  mean  eccentricity  remained  an  order  of  magnitude  smaller  than  the  mission 
requirement.  The  eccentricity  has  varied  within  the  range  95±50  PPM*  (Fig.  8)  throughout  the  mission. 
The  eccentricity  vector  subject  to  only  gravitational  perturbations  would  follow  a closed  loop  with  a period 


* Parts  Per  Million. 
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Figure  6.  TOPEX/Poseidon  ground  track.  A positive  abscissa  indicates  an  offset  to  the  east;  a negative  abscissa  an 
offset  to  the  west.  The  dashed  segment  is  the  predicted  continuation  of  the  ground  track  at  the  time  of  publication. 

of  =26.74  months;  it  has  completed  two  such  loops  during  the  mission  and  is  currently  tracing  the  third 
loop.  The  observed  eccentricity  vector  varies  from  the  loop  because  of  (a)  solar  radiation  pressure,  drag,  and 
anomalous  forces;  (b)  discontinuous  jumps  due  to  propulsive  maneuvers;  and  (c)  the  inherent  uncertainty  in 
the  osculating  to  mean  element  conversion  process  and  determination  of  the  perigee  for  a nearly  circular 
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orbit.  The  variation  of  argument  of  perigee  (co)  has  been  relatively  large,  as  expected,  varying  between  48 
and  120°.  The  variation  of  co  within  a single  ground  track  repeat  cycle  (=10  days)  is  as  large  as  15°. 

The  inclination  remained  within  a ±4  mdeg  band  (Fig.  9).  No  inclination  maneuvers  have  been 
required.  There  are  several  periodic  perturbations  in  i,  mostly  due  to  lunar  and  solar  gravity,  including  one 
=9.5  year  component.  Inclination  variations  are  strongly  correlated  with  [}'.  The  peak  amplitude  of  the 
inclination  variation  synchronizes  with  the  peak  values  of  /?'  during  periods  of  full  sun.  The  ground  track 
variation  near  the  western  boundary  is  also  strongly  correlated  with  the  inclination  variation. 

9.91 -day  Ground  Track  Repeat  Cycles 

0 50  100  150  200 


Figure  7.  Mean  semi-major  axis,  a.  Vertical  lines  indicate  maneuvers  (see  tab.  4).  The  horizontal  line  indicates 

the  reference  semi-major  axis  of  7714.42938  km. 
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Figure  8.  Observed  eccentricity  vector  ( e , co)  (thin  line)  and  gravity-only  frozen  orbit  (heavy  line). 
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Fig.  9.  Observed  mean  inclination.  The  indicated  reference  (horizontal  line)  is  at  1=66.0408”. 

CONCLUSION 

TOPEX/Poseidon  orbit  maintenance  maneuver  design,  originally  expected  to  depend  primarily  on 
effective  predictions  of  atmospheric  drag,  also  depends  on  reliable  predictions  of  the  anomalous  force  during 
the  current  period  of  low  solar  activity.  These  forces  constitute  the  largest  uncertainty  to  ground  track 
prediction  and  maneuver  design.  Although  the  force  is  continuous,  it  causes  significantly  larger  orbital 
boost  or  decay  levels  (18-30  cm/day)  during  fixed  yaw  periods.  This  property  of  the  anomalous  force  has 
been  used  to  develop  a so-called  “passive”  maneuver  technique  (the  “Lead/Lag”  strategy)  to  effectively 
control  the  TOPEX/Poseidon  orbit  and  ground  track.  This  technique  can  be  used  to  perform  “passive” 
micro-maneuvers  that  raise  or  lower  the  orbit  by  up  to  4 meters,  equivalent  to  propulsive  maneuvers  of  1-2 
mm/s.  In  fact,  it  was  possible  to  avoid  a retrograde  maneuver  near  the  western  boundary  of  the  control  band 
during  February  1996  using  this  strategy.  It  has  also  been  demonstrated  that  the  orbit  can  be  maintained 
using  only  the  passive  techniques  for  a long  time  (>  2 years)  under  low  drag  conditions.  Thus  these  passive 
techniques  have  eliminated  the  need  for  several  propulsive  maneuvers  for  the  TOPEX/Poseidon  mission. 

When  propulsive  maneuvers  were  required,  their  performances  surpassed  requirements  in  all  areas, 
and  all  aspects  of  satellite  performance  during  maneuvers  was  excellent.  Only  nine  propulsive  maneuvers 
(in  the  range  of  2-5  mm/sec,  except  for  OMM1)  have  been  required  during  five  years  of  mission  operations 
because  of  our  use  of  the  passive  technique,  prevailing  low  drag,  improvements  in  OD,  and  precise 
maneuver  evaluation.  The  total  fuel  used  by  all  OMMs  is  equivalent  to  40  mm/s.  The  satellite  is  using 
significantly  less  fuel  compared  to  that  expected  prior  to  the  launch  (40-60  mm/s/year)  and  fuel  tanks 
remain  nearly  full. 

The  TOPEX/Poseidon  orbit  has  been  maintained  using  both  passive  and  active  maneuver 
techniques.  All  mission  requirements  have  been  comfortably  met.  The  semi-major  axis  exhibits  unique 
variations  because  of  the  anomalous  force.  It  increases  or  decreases  depending  on  satellite  attitude. 
Inclination  variations  are  highly  correlated  with  /}'.  Selection  of  a frozen  orbit  has  eliminated  the  need  for 
dedicated  eccentricity  maneuvers  to  keep  the  eccentricity  within  0.001.  It  is  planned  to  use  the  passive 
techniques  described  above  throughout  the  operational  life  of  the  satellite  to  minimuze  the  number  of 
propulsive  maneuvers. 
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BeppoSAX  GROUND  ATTITUDE  DETERMINATION 
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This  paper  describes  the  Attitude  Determination  techniques  implemented  in  the 
BeppoSAX  Attitude  and  Orbit  Control  Ground  Support  System  (AOCGSS) 
developed  by  TELESPAZIO  to  support  the  Attitude  and  Orbit  Control 
Subsystem  (AOCS)  operations.  Two  different  attitude  determination  software’s 
have  been  developed.  The  first  based  on  a Star  Matching  Algorithm  using 
collected  Star  Tracker’s  (STRs)  mapping  data.  The  second  adopting  a Kalman 
Filter  method  to  produce  the  best  satellite  attitude  estimation.  The  latter  is  used 
as  a post  facto  attitude  solution  and  used  in  the  analysis  of  each  scientific 
observation  results. 


INTRODUCTION 

The  BeppoSAX  (Beppo  Occhialini  X-ray  Astronomy  Satellite)  project  has  been  conceived,  by  the 
Italian  Space  Agency  (ASI),  to  carry  out  systematic  and  comprehensive  observations  of  celestial  X-ray 
sources  over  the  0.1  to  300  keV  energy  range.  To  this  end  six  instruments  payload  containing  Narrow  Field 
Instruments  (NFI)  and  Wide  Field  Cameras  (WFC)  are  used.  The  spacecraft  is  three-axis  stabilised  by  using 
Reaction  Wheels  System  (RWS)  as  actuators  and  Gyros  (GYRs)  and  Star  Trackers  (STRs)  as  main  sensors. 
Its  objectives  are  to  perform  systematic  and  comprehensive  observation  of  celestial  X-ray  sources  over  the 
0.1  to  300  keV  energy  range.  Aims  of  the  SAX  mission  include  spectral,  spectroscopic  and  timing 
measurements  of  celestial  X-ray  sources,  together  with  all-sky  monitoring  over  the  2 to  30  keV  energy 
range  for  investigation  of  long-time  source  variability  and  for  localisation  and  study  of  transient  sources.  In 
order  to  meet  the  above  mentioned  objectives  the  following  payload  instruments  are  mounted  on-board: 

• Low  Energy  Concentrator  Spectrometer  (LECS)  covering  the  0.1  - 10  keV  range  with  a field  of  view 
(FOV)  of  40  arcmin; 

• Medium  Energy  Concentrator  Spectrometer  (MECS)  covering  the  1.3  - 10  keV  range  having  a FOV  of 
30  arcmin; 

• High  Pressure  Concentrator  Proportional  Counter  (HP-GSPC)  covering  the  3.5  - 120  keV  range  having 
a FOV  of  1 . 1 degrees; 

• Phoswich  Detector  System  (PDS)  covering  the  15  - 300  keV  range  having  a FOV  of  1.5  degrees; 

• Two  Wide  Field  Cameras  (WFC)  covering  the  2 - 30  keV  range  having  a FOV  of  20x20  degrees. 

The  LECS,  MECS,  HP-GSPC  and  PDS  are  briefly  called  Narrow  Field  Instruments  (NFI),  each  of  them 
having  the  boresight  directed  as  the  satellite  Z axis.  The  WFCs  are  mounted  along  the  +Y  and  -Y  satellite 
axis. 
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In  addition  to  the  scientific  observations  plan  execution  the  major  event  of  the  BeppoSAX  mission  is  the 
detection  of  the  Gamma  Ray  Bursts  (GRB).  The  AOCGSS  provides  the  operational  flexibility  required  to 
perform  fast  follow  up  pointing  which  bring  the  NFI  instrument  in  the  direction  from  which  the  GRB  has 
been  detected. 

The  BeppoSAX  program  is  the  result  of  a scientific  cooperation  between  the  Italian  Space  Agency  and  the 
Dutch  Government.  The  satellite  main  contractor  is  the  Italian  company  ALENLA  Aerospazio  (Turin)  and 
the  Netherlands  was  involved  in  the  project  with  regard  to  the  AOCS,  provided  by  the  FOKKER  Space  and 
Systems  as  ALENLA  subcontractor,  and  the  GFE  (Government  Furnished  Equipments)  LECS,  MECS  and 
WFC.  In  the  framework  of  the  Ground  Support  System  (GSS),  whose  development  was  under 
TELESPAZIO  responsibility,  the  following  subsystems  have  been  manufactured:  TT&C  Ground  Station, 
STation  Computer  (STC),  Data  Relay  System  (DRS),  Operations  Control  Centre  (OCC),  Scientific  Data 
Centre  (SDC),  SAX  SIMulator  (SAXSIM). 

BeppoSAX  (weight  1400  Kg)  was  launched  the  April  30th  1996  with  an  Atlas  Centaur  vehicle  into  a near 
circular  equatorial  orbit  at  600  Km  altitude  and  it  is  currently  successfully  operated  by  the  TELESPAZIO 
Operations  Team.  The  latter  performs  also  the  Mission  Planning  and  Timelining  activities  together  with  the 
Scientific  Data  Quick  Look  Analysis  and  Archiving. 

The  BeppoSAX  Ground  Station  is  placed  to  Malindi  and  connected  via  Intelsat  Business  Service  (IBS)  to 
OCC  and  SDC  located  in  Rome.  Ground/BeppoSAX  contact  covers  a minimum  of  10  each  103  minutes. 
The  data  collected  during  the  non  visibility  period  are  stored  on  the  on-board  tape  recorder  and  sent  to  the 
ground  station  during  the  generic  passage  at  HBR  (High  Bit  Rate)  of  1.2  Mbit/s  together  with  the  real  time 
telemetry. 

The  paper  describes  the  attitude  dynamics  system  developed  to  support  the  AOCS  operations  and  in 
particular  the  two  different  attitude  determination  software’s,  one  performing  an  accurate  attitude 
calibration  necessary  before  starting  nominal  scientific  operations  and  the  other  producing  an  high 
precision  post  facto  attitude  reconstruction  useful  for  X-ray  sky  positioning  and  image  deblurring.  For  these 
some  results  are  presented  and  discussed. 


BEPPOSAX  ATTITUDE  AND  ORBIT  CONTROL  SUBSYSTEM  (AOCS) 

The  AOCS  is  a modular  subsystem  consisting  of  a number  of  units  which  communicate  with  the 
Attitude  Control  Computer  (ACC)  via  a redundant  digital  serial  MACS-bus.  The  BeppoSAX  attitude  is 
constrained  always  to  remain  inside  the  Pointing  Domains  defined  by  the  fact  that  the  sun-vector  shall  be 
no  more  30°  away  from  the  +X  satellite  axis,  assuring  the  required  power  generation  from  the  Solar  Array 
Subsystem  (SAS)  for  battery  recharging  during  sunlight  and  to  avoid  sun  impingement  of  the  NFIs  FOV. 
The  AOCS  is  designed  in  order  to  autonomously  obtain  and  keep  a safe  attitude  and  to  support  scientific 
observations.  It  contains  safeguards,  as  that  regarding  the  pointing  domain,  to  ensure  the  detection  of  errors 
and  its  proper  reconfiguration.  It  will  be  capable  of  pointing  the  Z-axis  of  SAX  within  an  Absolute  Pointing 
Error  (APE)  of  1.5  arcmin  and  the  Y-axis  within  an  APE  of  16.5  arcmin  with  a rate  limit  of  40  arcsec/sec. 
With  regard  to  the  accuracy  required  for  the  post  facto  attitude  solution,  obtained  on  ground  using  data 
coming  from  GYR  and  STRs,  it  is  defined  by  an  Absolute  Measurements  Accuracy  (AMA)  of  0.5  arcmin. 


AOCS  UNITS1 

The  AOCS  consists  of  the  following  units: 

• ACC,  containing  two  identical  computers  (ACC  A and  ACC  B)  each  one  connected  to  a dedicated 
MACS-bus  (no  cross-strapping); 

• Power  Distribution  Unit  (PDU)  (internal  redundancy); 
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• Two  Sun  Acquisition  Sensors  (SAS1  and  SAS2  each  one  composed  of:  8 Sun  Presence  Indicators 
(SPIs)  redunded  along  both  the  +X  and  -X  axis  direction;  one  Quadrant  Sun  Sensor  (QSS)  only  present 
on  +X  side  i.e.  QSS+XA  for  SAS 1 and  QSS+XB  for  SAS2).  This  sensors  are  used  as  reference  of  the 
sun  direction  and  to  drive  the  satellite  from  a target  attitude  to  an  other  one  without  the  sun  leaves  the 
active  pointing  domain; 

• Monitor  and  Reconfiguration  Unit  (MRU)  containing  the  subsystem  watchdog  and  two  set  of 
electronics  to  process  the  signals  coming  from  the  two  SASs; 

• Four  Gyroscopes  CGYRs)  in  an  all-skewed  configuration  for  three  out  of  four  hot  redundancy;  each  one 
consists  of  rate  integrating  gyroscope  for  sensing  the  satellite  rotation  about  its  input  axis;  it  can  operate 
in  two  internal  modes,  coarse  and  fme,  measuring  angular  change  during  the  AOCS  cycle  (0.5  sec) 
respectively  inside  the  ranges  ±1.257sec  and 

±0.36°/sec  for  the  two  modes  with  scale  factors  of  0.4"  and  0.1"  and  drift  bias  of  0.044°/hr.  Two 
additional  gyros  were  integrated  on  the  satellite  before  launch  taking  into  account  the  single  unit  life 
time.  The  lathers  are  located  in  the  Z/±Y  planes,  30°  from  the  Z axis. 

• Three  STRs  (-X,  +Y,  +Z);  two  out  of  three  STRs  provide  accurate  pointing  capability.  Availability  of 
the  STRs  depends  on  their  health  and  on  the  attitude  relative  to  the  Earth,  Moon  and  some  Bright 
Objects).  The  detector  of  the  STR  sensor  is  a CCD  with  384x288  pixels,  each  of  them  having  39.5 
arcsec  of  dimension  providing  a total  FOV  of  4°x3°.  The  STR  is  able  to  detect  each  star  having  visual 
magnitude,  my,  in  the  range  [2,8]  and  to  track  five  stars  simultaneously.  The  Elementary  Search 
Window  (ESW),  the  maximum  window  that  the  STR  can  use  for  star  search,  has  62x46  pixels 
dimension.  The  STR  reachable  accuracy  are  5.7  arcsec  in  position  (by  means  of  the  interpolation 
algorithm)  and  from  0.2  to  0.62  my  in  magnitude  depending  on  the  star  class.  The  STR  electronics  are 
microprocessor-based  and  contain  the  software  responsible  for  sensor  data  processing,  drive  the  STR 
operating  modes  executing  the  relevant  tasks.  The  AOCS  EAC-ASW  uses  the  STR  to  track  one  star  at  a 
time.  Moreover  it  uses  the  following  STR  modes:  stand-by,  search/track,  mapping. 

• Four  Reaction  Wheels  (RWLs)  in  an  all-skewed  configuration  for  three  out  of  four  cold  redundancy 
with  two  Reaction  Wheels  Electronic  (RWEs)  boxes  each  containing  two  channels  to  control  the  RWLs. 
Each  RWL  stores  up  to  20Nms  of  angular  momentum  and  provides  a torque  up  to  0.2  Nm  in  63  torque 
steps; 

• Three  Magnetic  Torquers  fMTR)  along  the  X,  Y and  Z axes  each  one  containing  two  coils  differently 
powered  by  the  PDU.  They  will  be  used  for  momentum  unloading  and  provide  a magnetic  moment  of 
100  ± 10  Am2. 

• Two  Magnetometers  (MGM)  used  either  in  attitude  acquisition  after  SAX-launcher  separation  or  in 
order  to  provide  the  MTR  with  correct  current  polarity  during  the  RWL  unloading;  it  provides  the 
measurement  of  the  Earth  Magnetic  Field  (EMF)  vector  along  the  spacecraft  axis  in  the  range  of  ±50  u.T 
with  a resolution  of  0.5  pT. 

After  launch  four  out  of  the  six  gyros  failed:  May  ‘96,  December  ‘96,  January  ‘97,  May  ‘97.  With  the  third 
failure  it  was  decided  to  uplink  a new  safe  mode  developed  by  Alenia,  Gyroless  Safe  Mode  (GSM),  and  in 
the  same  period  the  implementation  of  the  Extended  Science  Modes  (ESM)  using  only  one  gyro,  started 
and  it  was  successfully  commissioned  in  August  ‘97  with  the  satellite  maintained  in  GSM  from  June  to 
August  ‘97. 

The  operational  scenario  was  contemporary  modified  by  the  implementation  of  the  new  AOCS  Control 
Logic  and  the  AOCGSS  was  required  to  be  upgraded  to  fulfil  the  different  constraints  related  to  the  slew 
strategy. 


AOCGSS  ENVIRONMENT8 

Although  the  BeppoSAX  AOCS  is  designed  to  guarantee  the  on  board  autonomous  control,  an  attitude 
dynamics  system,  AOCGSS,  was  properly  developed  in  order  to  support  its  operation,  e.g.  for  attitude 
manoeuvre  computation,  AOCS  sensors  and  attitude  calibration,  STR  sensors  availability  prediction,  X-ray 
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source  observation  feasibility  tacking  into  account  the  attitude  and  sensor  constrains.  This  system  was 
integrated  in  the  OCC  and  interfacing  with  the  Spacecraft  Control  System  (SCS),  the  Orbit  Determination 
and  Dynamics  System  (ODDS)  and  Scientific  Operation  Centre  (SOC)  it  forms  an  unique  working 
environment  permitting  Mission  Planning  and  Monitor  and  Control  operations. 

A typical  operational  sequence  involving  the  OLAV,  VERIFY_ESM  and  AOPSPS  tools  for  pointing 
feasibility  analysis,  long/short  term  planning,  attitude  manoeuvres  preparation  and  target  acquisition  can  be 
summarised  as  follow: 

1.  OLAV  (Off-  Line  Attitude  Validation)  represents  an  off  line  tool  included  at  Mission  Plan  level 
performing  a sort  of  feasibility  analysis  on  the  achievement  of  a scientific  target.  The  observation  feasibility 
period  is  an  output  of  this  tool.  The  inertial  pointing  direction  defining  the  position  of  the  X-ray  source  is 
given  in  input  to  the  OLAV  tool  together  with  the  specification  of  the  prime  direction  (NFI  or  WFC),  the 
year  in  which  the  analysis  has  to  be  performed,  the  minimum  duration  for  the  scientific  target  observation, 
the  Euler  manoeuvres  sequence,  the  angular  distance  Q from  the  two  nodes  determined  by  the  intersection 
between  the  two  great  circle  of  pole  Polaris  and  the  Target  (in  the  following  these  will  be  called  ‘Polar  and 
Target  plane’  respectively).  The  latter  defines  other  two  points  on  the  Polar  plane  defining  the  possible 
starting  attitudes  of  the  slews  sequence  for  the  final  scientific  target  acquisition.  Two  final  attitudes  can  be 
computed  starting  from  the  two  starting  one.  From  these  data  OLAV  analyses  the  feasibility  of  the  target 
acquisition  for  both  the  possible  solutions  using  the  selected  Euler  manoeuvre  sequence.  The  output  will  be 
a set  of  information,  including  the  time  range  in  which  the  observation  can  be  started  and  the  guide  stars 
used  for  each  of  the  elementary  manoeuvre  computed.  The  more  suitable  of  the  two  proposed  solutions  will 
be  selected  by  the  mission  planner  and  next  used  to  edit  the  Long  Term  Interface  File  (LTIF).  If  a different 
scientific  target  has  to  be  analysed  an  other  execution  of  the  OLAV  tool  shall  be  initiated. 

3.  LTIF  together  with  Mission  Plan  File  (MPF)  represent  the  inputs  for  the  Long  Term  Plan  (LTP)  sw  for 
the  preparation  of  the  LTP  file.  The  LTP  sw  includes  the  VERIFY_ESM  library  working  with  the  ‘Long’ 
option.  In  this  context  this  module,  repeats  the  same  computation  performed  in  OLAV,  relevant  to  the  slew 
path  computation  together  with  all  other  information  for  the  Euler  sequence  selected  by  the  mission  planner 
after  the  OLAV  execution.  The  Observation  time  interval  will  be  fixed  in  the  time  range  coming  from 
OLAV  taking  into  account  the  coherence  with  respect  to  other  pointings  fixed  yet.  In  addition  the 
percentage  of  full  performance  observability  has  to  be  taken  into  account  to  properly  dimension  the 
observation  duration. 

4.  After  the  LTP  file  is  ready  the  Short  Term  Plan  (STP)  sw  can  start  using  the  VERIFY_ESM  library 
working  with  the  ‘Short’  option.  At  this  level  the  computation  relevant  to  one  target  acquisition  performed 
by  OLAV  and  LTP  are  repeated  using  the  satellite  ephemeris  data.  The  latter  permits  to  correctly  plan  the 
attitude  manoeuvres  with  respect  the  STR  availability  and  avoid  to  start  the  manoeuvre  during  the  visibility 
period. 

Three  files  are  produced  by  the  STP:  NPF  (Nominal  Pointing  File),  PTF  (Polling  Table  File),  NPP 
(Nominal  Payload  Plan).  The  first  represents  the  attitude  manoeuvre  planning  relevant  to  the  next  week  of 
operations. 

5.  The  Attitude  Operations  Plan  Preparation  tool  (AOPSPS)  uses  the  NPF  and  prepares  for  each 
elementary  request  linked  to  a scientific  observation  the  set  of  AOPs  in  order  to  both  reach  the  final  target 
and  come  back  from  it  before  starting  the  next  observation.  Seven  is  the  maximum  number  of  the  (Science 
Pointing  Mode  Attitude  Operations  Plan)  SPM  AOPs  associated  to  each  scientific  target.  The  first  one  is 
relevant  to  the  start  attitude  acquisition  and  corresponds  to  a simple  rotation  about  the  Z axis  pointing 
Polaris.  The  AOP  n.2  to  n.4  are  those  relevant  to  the  three  Euler  manoeuvres,  the  AOP  n.5  to  7 are  the 
reverse  of  the  manoeuvre  2 to  4.  The  latter  will  be  enabled  at  the  end  of  the  scientific  observation  before 
starting  the  next  one. 

6.  The  prepared  AOP  macrocommands  will  be  collected  in  a dedicated  file  for  next  telecommand 
preparation  by  the  AOP  Load  SCS  tool. 
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In  addition  to  the  above  indicated  tasks  an  other  one  has  been  foreseen,  whose  involvement  will  be  essential 
for  the  sudden  (target  of  opportunity)  TOO  handling  and  for  pointing  execution  outside  of  the  automatic 
channel.  This  tool,  called  TOO_HANDLING,  includes  VERIFY_ESM  working  with  the  ‘Short’  option. 

To  reach  a sudden  GRB  direction  occurred  in  the  WFC  the  following  alternatives  can  be  analysed  from  an 
operational  point  of  view: 

• try  to  reach  the  TOO  with  the  NFI  starting  from  the  current  target  directly  using  the  TOO_HANDLING 
tool  and  next  the  AOPSPS  tool  (starting  attitude  = current  attitude;  final  attitude  = too  target  with  slave  axis 
corresponding  to  minimum  Sun  Aspect  Angle). 

• using  the  TOO_HANDLING  anticipate  the  end  of  the  current  observation  by  updating  the  enable  time 
for  the  reverse  manoeuvres,  try  to  plan  the  TOO  starting  the  OLAV  tool  from  the  AOCGSS  environment, 
activate  the  TOO_HANDLING  for  the  elementary  slew  computation  and  next  the  AOPSPS  for  the  AOP 
preparation. 

• command  the  DPM  fallback,  perform  the  fine  attitude  calibration,  try  to  plan  the  TOO  starting  OLAV 
tool  from  the  AOCGSS  environment,  activate  the  TOO_HANDLING  for  the  elementary  slew  computation 
and  next  the  AOPSPS  for  the  AOP  preparation. 

This  task  can  be  also  used  to  re-enter  in  the  nominal  observation  plan  at  the  end  of  the  TOO.  Figure  1 
provides  a schematic  of  the  aforementioned  logic. 


Figure  1 SAX  ESM  Rel  1.  Operational  Scenario 

BEPPOSAX  ATTITUDE  AND  ORBIT  CONTROL  GROUND  SUPPORT  SYSTEM 

The  AOCGSS  is  broken  down  by  means  of  a menu  whose  structure  is  sketched  in  Figure  2. 
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Figure  2 AOCS  Support  SW  Overall  Overview 


• Attitude  Calibration  Software  Contains  SW  Tasks  for  the  AOCS  Operations  Procedure  support  in 
case  of  loss  of  Science  Pointing  Mode  (SPM)  control  logic. 

• Manoeuvre  Support  Software  Contains  SW  Tasks  for  X-ray  Source  Pointing  Feasibility  in  terms  of 
Slew  Path  Existence  and  Pointing  Maintainability. 

Attitude  Manoeuvre  Computation  and  Attitude  Operations  Plan  (AOP)  Preparation  relevant  to  a manual  or 
an  automatic  weekly  basis  schedule. 

Target  of  Opportunities  Handling  - useful  in  case  of  GRB  for  a fast  computation  and  planning  of  the 
required  attitude  manoeuvres  to  reach  the  correct  position  for  the  Follow-Up  execution. 

• Attitude  Determination  Software  Contains  Two  SW  Tasks  implementing  different  methods  for 
Attitude  Determination:  Stochastic  Approach  using  Kalman  Filtering  Technique  (First  Year  of  Operations). 
Data  coming  from  this  task  have  been  used  for  Final  Observation  Tape  (FOT)  preparation  and  high 
precision  X-ray  source  positioning.  The  latter  permitted  to  perform  a more  accurate  follow-up  observation 
execution. 

Deterministic  approach  based  on  STR  Mapping  Data.  The  latter  are  used  to  perform  first  a Star 
Constellation  identification  (three  starts  as  minimum)  and  then  Attitude  Determination  using  two  Star 
Vectors. 

• Sensor  Processing  Software  Contains  SW  Tasks  devoted  to  Gyro  Drift,  Scale  Factor  & Misalignment 
Estimation  and  calibration  command  preparation. 

STR  Misalignment  Estimation  computing  the  guide  star  position  correction  to  be  applied  before 
commanding  the  STR  inside  the  AOP  context. 

• Auxiliary  Software  The  main  tasks  are:  TX/RX  in  coverage  & Antenna  switching  time  prediction  for 
link  acquisition  and  antenna  switching  procedure  execution  respectively  taking  into  account  the  satellite 
attitude  foreseen  for  each  passage. 

Star  Catalogue  Handling  containing  a set  of  tool  for  star  catalogue  operations  performed  at  level  of  AOP 
preparation,  Star  Constellation  identification.  Master  & Guide  Star  Catalogue  checking-out  tools. 

Satellite  and  AOCGSS  performances  permitted  to  reach  the  GRB  position  last  09-05-97  in  5 hour  and  40 
minutes  from  the  event.  Position  refinement  was  possible  on  the  first  Follow-Up  thanks  to  the  Attitude  Data 
provided  on  FOT  that  for  the  baseline  attitude  control  logic  was  output  of  the  on  ground  Post  Facto  Attitude 
Determination  software. 
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The  operations  consisted  of  attitude  manoeuvre  computation  and  implementation.  No  payload  operation 
plan  modification  was  required.  At  epoch  the  Baseline  Attitude  Control  Logic  was  running  on-board  using 
three  gyroscopes  for  control. 

The  current  ESM  1 AOCS  performances  based  on  one  gyro  only  guarantees  the  same  level  of  accuracy  in 
pointing  execution.  The  expected  required  time  for  an  operations  similar  to  that  executed  the  May  9th  1997 
remains  less  than  the  15  hours  baseline  figure,  taking  also  into  account  the  additional  constraints  coming 
from  the  new  attitude  control  modes.  This  expectation  has  been  confirmed  in  occasion  of  the  first  GRB 
follow  up  handled  with  the  ESM  1 logic  running.  The  GRB  direction  was  reached  the  December  15th  1997 
in  6h  37m  17s  from  the  event.  The  activity  breakdown  is  described  in  Figure  3. 


GRB  Dct«cte<l  by  WFC 
<&  target  coordinates 
for  Follow-up  setting 


NFI  Pointing 
Feasibility 


Slew  Path  Decomposition 
•Sc  Tim  in" 


Figure  3 GRB  Follow-Up  Attitude  Operations 


GROUND  ATTITUDE  DETERMINATION 

As  anticipated  in  the  previous  sections  two  different  attitude  determination  software’s  have  been 
developed,  the  first  to  give  the  proper  support  to  the  satellite  operations  and  the  second  to  provide  a post 
facto  attitude  solution  necessary  for  the  correlation  of  the  scientific  result  for  each  observation  to  the  actual 
spacecraft  attitude.  The  former  is  that  specified  in  the  Attitude  Calibration  software  when  performing  the 
Fine  Attitude  Calibration,  the  latter  is  the  Post  Facto  Attitude  Determination. 

The  star  data  are  extracted  by  a Master  Star  Catalogue  at  epoch  2000.0  containing  star  with  visual 
magnitude  contained  in  the  Mv  range  [2,9]  in  combination  with  a Guide  Star  Catalogue  being  a subset  of 
the  previous  one  with  stars  in  the  magnitude  range  [2,8],  Both  the  catalogue  has  been  provided  by  ASI  and 
produced  taking  into  account  the  BeppoSAX  STR  characteristics  and  performances. 
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Fine  Attitude  Calibration 


5.6,7 

A fine  attitude  calibration  is  performed  each  time  the  AOCS  has  to  reach  the  science  pointing  mode 
starting  from  a lower  level  control  state.  This  permits  the  accurate  definition  of  the  spacecraft  attitude  in 
inertial  coordinates  necessary  to  guarantee  the  acquisition  of  each  X-ray  source  in  the  sky.  An  other 
operational  scenario  in  which  the  attitude  calibration  is  necessary  is  the  case  in  which  at  the  end  of  an 
attitude  manoeuvre  one  of  the  commanded  STR  locks  on  an  unknown  star. 

To  produce  its  output,  the  calibration  attitude  quaternion,  the  Fine  Attitude  Calibration  task  needs  mapping 
data  coming  from  a STR  properly  commanded  in  a period  in  which  they  are  not  obscured  by  the  Earth. 
From  the  STR  mapping  data  a star  pattern  recognition  is  performed  by  means  of  a star  constellation 
matching  algorithm.  Next  from  the  measured  star  vectors  and  their  inertial  position  the  QUAtemion 
ESTimation  (QUEST)  algorithm  produces  an  accurate  attitude  solution.  The  computed  quaternion  defines 
the  attitude  calibration  command  which  resets  the  current  attitude  quaternion  to  the  right  satellite  attitude 
representation. 

The  computer  application  of  the  star  constellation  matching  algorithm  uses  a subset  of  the  Master  Star 
Catalogue  containing  a circle  of  3°/4°  degrees  around  of  the  boresight  direction  of  the  STR  commanded  in 
mapping.  A few  seconds  processing  are  necessary  to  provide  the  required  attitude  estimation.  The  same 
program  can  also  be  used  in  case  no  rough  attitude  knowledge  is  available  with  an  increased  processing 
time. 

This  task  had  been  successfully  working  during  the  flight  operations  conducted  up  to  now  in  the  recovery 
activity  after  autonomous  fallbacks  toward  lower  level  attitude  control  mode. 


Post  Facto  Attitude  Determination2,3,4 

This  task  is  the  software  module  which  computes  the  attitude  for  a time  interval  in  which  a scientific 
observation  has  been  performed  (AOCS  in  SPM)  making  use,  for  requirements  on  accuracy,  of  a Kalman 
filtering  technique.  The  attitude  solution  calculated  by  this  task  has  been  be  used  during  the  first  year  of 
operations,  either  to  correctly  place  the  observed  sources  in  a well  defined  inertial  reference  or  in  general  to 
correlate  the  scientific  observation  results  with  the  accurate  attitude  data.  As  for  the  Kalman  filter,  it 
generally  consists  of  a state  dynamic  model  described  by  a set  of  non-linear  differential  equations  and  a set 
of  non-linear  measurement  equations.  Since  for  SAX  the  gyro  measurements  are  available  and  provide 
information  about  the  angular  velocity  present  on-board  the  satellite,  a model  replacement  approach  is 
used;  the  measurements  include  alignment  errors,  drift  biases  and  noise.  The  kinematic  equations  are 
represented  in  quaternion  notation  and  the  on-board  computed  attitude  quaternion  is  used  to  initialise  the 
algorithm.  So  the  starting  point  of  the  generic  algorithm  is  the  integration  of  the  kinematic  equations  which 
computes  the  predicted  attitude  quaternion  q(k+l/k).  The  quaternion  error  is  expressed  not  as  the  difference 
between  the  true  and  the  estimated  quaternions,  but  as  the  quaternion  composed  by  means  of  quaternion 
algebra  with  the  estimated  one  in  order  to  obtain  the  true  one.  From  that  an  approximate  representation  of 
the  state  vector  and  covariance  matrix  is  used.  Being  this  incremental  quaternion  a small  rotation,  the  fourth 
component  is  close  to  unity  and  the  attitude  information  is  contained  in  the  three  vector  components. 
Therefore  the  state  vector  defined  as  a six  component  vector  given  by  the  three  components  of  the  error 
quaternion  and  the  gyros  drift  biases  provide  a non  redundant  representation  of  the  state  error.  Moreover 
the  STR  measurements  are  modelled  to  perform  the  correction  of  the  predicted  estimate.  The  algorithm  can 
be  summarised  as  follow: 

Using  quaternion  notation: 

qx  = ersin(&  / 2) 

where  e and  9 are  respectively  the 
as: 


q2  = e2.sin(&  / 2)  q3  = e3.sin( 3/2)  = cos(.9/2)  (1) 

rotation  axis  and  angle,  the  kinematic  equations  can  be  written 
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where: 


Given  the  initial  conditions: 
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^k  / k)  = [^k),^k)]T 
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(2) 


(3) 


(4) 


and  taking  into  account  that  the  spacecraft  angular  velocity  co  is  related  to  the  gyro  output  4 
component  vector  u according  to: 

u = (1  + k)Ba)  + b + n] 

4- b = n2  (5) 

at 

where  k is  the  scale  factor  error,  B is  the  4x3  gyro  input  axis  alignment  matrix,  b is  the  gyro  drift 
rate  bias,  n\  and  n2  are  noise  components,  typically  represented  by  means  of  a Gaussian  white 
noise  processes  mutually  uncorrelated: 

£[«,(*)]  = 0 E[nXtX{t')]  = QXt)8{t-n  %(O]  = 0 

£[«2(/K(r')]  = a(0^-^)  £[wi(0«2r(0]  = o 
(6) 

we  integrate  the  system: 


dqU  dt  = 

(7) 

d&/  dt  = 0 

from  which  we  obtain 

gk  + 1 / it)  = [&k  + 1 / k)&k  + 1 / >t)]r 

(8) 

we  would  like  to  compute 

q^k  + 1 / k + 1)  = 8q{k  + 1 / k + 1) ® q(k  + 1 Ik) 

(9) 

where  the  fourth  component  can  be  considered  equal  to  1 . Defining  as  the  state  vector 

X={Sq,b ) 

(10) 
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the  differential  equation  describing  the  time  variation  of  the  error  state  vector  can  be  written  as  follows: 


dAX  / dt  = F{t)  AX  + Gv(t ) with  F = 


W -1  / 2M 
0 0 


G = 


-1  / 2M  0 
0 I 


i dt 


M = {B  B)  B 


(11) 


W = 


0 co,  —co  2 


- CO , 


0 ty, 


co2  —co  j 0 


v = (77,,^2)r 


with  t]2  is  a Gaussian  white  noise  process  relevant  to  the  drift  bias  time  dependence.  The  integration  of  the 
previous  equation  can  be  written  as 

AX(t)  — <3>(t,t0)AX(to)  + Jo®(f,f')G(/')v(7')£fr'  where  is  then  state  transition 

matrix  and  satisfies 

-©  vj/- 

c®(t,t0)/ a = F(t)®(t,t0)  O(70, /„)  = /.  Writing  O(t,t0)=Q  j AA  is 

solution  of  the  equation  above  if  © and  'V  fulfil  the  following  FF>  / dt  = W&  and 

dP  / dt  = W'P  — 1 / 2M  with  the  initial  conditions  ®(t0,t0)  = I xP(t0,t0)  = 0 . 

Performing  the  integration  of  these  equations  we  have: 

0(f  ,t0)  = cos(A 6)1  + sin(AO)W / co  + [l  - cos(A6,)|fT  / co2  + /j 

(12) 

¥(/  ,f0)  = -1  / (2co){sin(A6)I  + [l  - cos(A0)](F  / ca  + \^A6 - sin(AO)^(W / co)2  +/J|m 

Considering  the  state  errors  covariance  matrix  P(t)  = E\^AX(t)tXXT (f)j  we  have: 

P(t)  = O(t,t0)P(t0)OT(t,t0)  + £o(r,f')G(r,)0(f')Gr(f')Or(f,/')t/r'  (13) 

where 

£[v(0vr(f)]-2(0  E[AX(t)vT(n]  = 0 in  this  way  we  are  in  position  to  compute  P(k+l/k). 

The  next  is  to  perform  the  filtering  part  of  the  algorithm,  using  the  measurement  coming  from  the  STRs 
comparing  them  with  those  predicted  on  the  basis  of  the  predicted  state.  The  comparing  is  performed 
applying  the  Kalman  Filter  gain  Matrix  K(k+1)  given  by  the  following  expression: 

K(k  + \)=P(k  + \/  k)MP\k  + \)[MP(k  + 1)P(/:  + 1 / k)MPr  (k  + 1)  + R(k  + 1)]“'  (14) 
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being  MP(k+l)  is  defined  as  the  partial  derivative  of  the  measurement  with  respect  to  the  state  vector 
component  computed  at  q(k+l/k)  . The  matrix  R defines  the  measurement  noise.  The  state  updating 
equation  is: 


&frk  + 1 / k + 1)  = K(k  + 1 )[z(k  + \)-z{k  + \!  it)] 


(15) 


with  z(k+l)  are  the  measurements  coming  from  the  STRs  and  z(k+l/k)  are  the  predicted  ones.  After  that  the 
q(k+l/k+l)  representing  the  best  state  estimation  can  be  computed  as  indicated  in  eq.(9).  The  propagation 
of  the  STRs  measurement  taking  into  account  the  predicted  estimate  is  also  performed  using  the  actual 
STRs  alignment  computed  during  the  commissioning  phase  by  means  of  a dedicated  procedure  described  in 
the  following,  combined  with  the  seasonal  aberration  effect.  The  covariance  matrix  relevant  to  the  state 
estimation  after  the  filtering  activity  is: 

P(k  + \/k)  = B(k  + \)P(k  + 1 / k)BT  (k  + 1)  + K(k  + 1 )R(k  + 1 )KT  (k  + 1)  (16) 

with  B(k+  l)=I-K(k+  l)MP(k+ 1) 

Figure  4 reports  the  post  facto  attitude  reconstruction  relevant  to  the  GRB  occurred  the  May  9th  1997. 

All  FII«  Nam.:  OLE_ATT_97O51301 

Start  Time:  13/  5/1997  1:23:2.0  End  Time:  13/  5/1997  5:28:59.0 


Figure  4 BeppoSAX  Post  Facto  Attitude  Reconstruction 
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Star  Tracker’s  Alignment  Estimation  Procedure 

The  scope  of  the  flight  operational  procedure  was  to  command  an  SPM  AOP  without  STRs  for  a short 
time  span  in  a part  of  the  orbit  in  which  the  three  STRs  are  not  obscured  by  the  Earth.  At  this  point  each 
STR  was  directly  commanded  in  Search/Tracking  mode  on  two  guide  stars  via  the  MACS  interface  for  the 
period  in  which  it  is  not  used  by  the  AOP  logic. 

The  command  parameters  useful  for  the  STRs  commanding  came  out  from  the  utilities  of  the  Attitude 
Dynamics  System.  The  latter  selected  the  stars  for  each  STR  on  the  basis  of  the  input  attitude  quaternion, 
computed  their  position  on  the  STR  CCD  and  dimensions  of  the  search  windows  to  avoid  overlap. 

Data  coming  from  the  execution  of  the  operational  procedure  above  was  cleaned  of  the  aberration  error  and 
used  as  input  in  the  STR  Misalignment  Estimation  task  whose  output  was  for  each  STR  the  misalignment 
quaternion  that  composed  with  the  ideal  one  produce  the  actual  alignment  quaternion. 

The  algorithm  consists  of  the  correlation  of  the  observation  of  the  known  stars  commanded  on  CCD  of  two 
STRs  simultaneously.  From  this  the  concept  is  to  estimate  the  systematic  mutual  misalignments  of  ZSTR  to 
YSTR,  YSTR  to  -XSTR  and  ZSTR  to  -XSTR.  This  corresponds  to  the  determination  of  a set  of  six  angles. 
From  the  definition  of  the  satellite  control  axes  with  respect  to  the  STRs  orientation  one  angle  defines  the 
rotational  error  of  the  ZSTR,  two  angles  define  the  two  rotational  errors  relevant  to  the  YSTR  and  three 
angles  completely  represent  the  orientation  errors  of  -XSTR. 

An  accurate  solution  is  guaranteed  by  the  QUEST  algorithm  application  for  the  estimation  of  each  STR 
orientation  with  respect  to  the  inertial  reference  frame.  Considering  each  pair  of  STRs  the  solution  is 
independent  from  the  current  attitude  quaternion. 

A fine  attitude  calibration  is  performed  each  time  the  AOCS  has  to  reach  the  science  pointing  mode  starting 
from  a lower  level  control  state.  This  permits  the  accurate  definition  of  the  spacecraft  attitude  in  inertial 
coordinates  necessary  to  guarantee  the  acquisition  of  each  X-ray  source  in  the  sky.  An  other  operational 
scenario  in  which  the  attitude  calibration  is  necessary  is  the  case  in  which  at  the  end  of  an  attitude 
manoeuvre  one  of  the  commanded  STR  locks  on  an  unknown  star. 

To  produce  its  output  the  Fine  Attitude  Calibration  task  needs  either  one  or  two  STR  mapping  data  properly 
commanded  in  a period  in  which  they  are  not  obscured  by  the  Earth.  From  the  STR  mapping  data  a star 
pattern  recognition  is  performed  by  means  of  a star  constellation  matching  algorithm.  Next  from  the 
measured  star  vectors  and  they  inertial  position  the  QUAtemion  ESTimation  (QUEST)  algorithm  produces 
an  accurate  attitude  solution.  The  computed  quaternion  defines  the  attitude  calibration  command  which 
resets  the  current  attitude  quaternion  to  the  right  satellite  attitude  representation. 

The  computer  application  of  the  star  constellation  matching  algorithm  uses  a subset  of  the  Master  Star 
Catalogue  containing  a circle  of  3°/4°  degrees  around  of  the  boresight  direction  of  the  STR  commanded  in 
mapping.  A few  seconds  processing  are  necessary  to  provide  the  required  attitude  estimation.  The  same 
program  can  also  be  used  in  case  no  rough  attitude  knowledge  is  available  with  an  increased  processing 
time. 

This  task  had  been  successfully  working  during  the  flight  operations  conducted  up  to  now  in  the  recovery 
activity  after  autonomous  control  mode  fallbacks. 


CONCLUSION 

The  AOCGSS  SW  represents  one  of  the  most  important  element  in  the  satellite  operations  and  scientific 
observation  execution.  Due  to  scientific  nature  of  the  mission  the  accuracy  required  by  the  Attitude 
Dynamics  Software  is  high  and  in  particular  for  the  attitude  determination  task  this  is  required  to  0.5 
arcminutes.  The  attitude  determination  tasks  fulfil  this  requirement  and  the  high  performance  in  the  AOCS 
and  in  the  ground  provided  software  and  operations  are  responsible  for  the  success  of  the  mission 
worldwide  acknowledged  as  formalised  by  the  AAS  Rossi  Prize  assigned  to  the  SAX  team. 
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AAS  98-381 


ATTITUDE  DETERMINATION  AND  CONTROL 
IN  INTERBALL  PROJECT 

Nathan  A.  Eismont1,  Vladimir  V.  Khrapchenkov1, 

Pavel  Triska2,  Vladimir  Truhlik2,  Jaroslav  Chum2 

After  two  years  of  operations  in  framework  of  INTERBALL  project  the 
large  volume  of  data  has  been  received  and  some  new  expertise  in 
attitude  control  of  the  spacecraft  (s/c)  has  been  developed.  Three  s/c 
are  in  flight  now  on  high  elliptic  orbit;  each  one  is  spin  stabilized  with 
spin  axis  following  the  Sun.  To  control  the  attitude  motion  of  the  s/c 
cold  gas  jets  are  used.  For  one  of  the  s/c  solar  radiation  pressure  is 
used  to  keep  the  s/c  axis  directed  to  the  Sun. 

The  paper  describes  the  method  of  attitude  determination  based  on  the 
simplest  approximation  of  the  motion  law  and  presents  the  estimation 
of  the  accuracy  of  this  method  based  on  real  telemetry  data  of  attitude 
sensors  received  during  the  mission.  Also  theory  of  prediction  of 
attitude  parameters  evolution  under  influence  of  solar  radiation 
pressure  and  gravity  gradient  torques  is  compared  with  the 
measurements. 

New  approaches  for  attitude  parameters  determination  based  on  the 
only  Sun  sensors  measurements  are  described.  Methods  of  attitude 
control  using  solar  radiation  pressure  are  presented. 

Algorithm  of  optimal  attitude  control  without  use  of  direct  spin  rate 
measurements  is  demonstrated.  As  optimisation  criteria  the  propellant 
consumption  is  supposed. 

The  principal  idea  of  this  algorithm  is  applying  of  the  control  torques  in 
such  a way  which  allows  to  damp  nutation  simultaneously  with  angular 
momentum  vector  demanded  rotation. 

1.  MISSION  DESIGN  AND  ATTITUDE  MOTION  PROBLEM. 

The  goal  of  the  INTERBALL  project  is  to  explore  phenomena  in  the  Earth 
magnetosphere  and  in  the  solar  wind.  It  was  planned  to  measure  parameters  of  plasma 
simultaneously  onboard  four  s/c;  two  of  them  were  due  to  fulfil  these  studies  in  distant 
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parts  of  the  magnetospheric  tail  (Tail  Probe),  the  other  two  ones  were  planned  to 
investigate  the  phenomena  in  Auroral  Region  (Auroral  Probe)  (Ref.  1).  Unfortunately  one 
s/c  from  the  last  pair  survived  only  one  day  because  of  operation  error  Inspite  the 
different  mass  and  sizes  of  the  s/c  in  each  pair  (main  satellites  with  the  mass  1250  kg  for 
Tail  Probe  and  1370  kg  for  Auroral  Probe;  subsatellite  about  60  kg)  the  common 
approach  has  been  applied  during  development  of  the  s/c. 

All  s/c  are  spin  stabilized  with  spin  axis  to  be  directed  toward  the  Sun  inside  some 
tolerable  limits.  Nominal  value  for  the  spin  period  was  planned  to  be  120  sec.,  but  the 
possibilities  to  alter  the  spin  period  have  been  provided  in  wide  margins:  the  main  satellite 
could  be  spin  up  to  the  40  sec.  period  during  the  procedure  of  the  subsatellite  separation, 
subsatellite  spin  rate  is  planned  to  be  slow  down  for  reaching  of  solar  radiation 
stabilization  conditions. 

Spin  stabilization  has  been  chosen  for  two  reasons:  to  diminish  the  cost  of  attitude  control 
systems  and  operations,  and  to  satisfy  the  demands  of  experiments  onboard  s/c  which 
included  the  necessity  to  monitor  the  plasma  environment  in  different  directions  by  the 
same  instrument  in  the  close  enough  instants. 

Following  the  demand  to  decrease  the  cost  of  mission  the  minimum  set  of  attitude  sensors 
have  been  installed  onboard  mam  s/c:  solar  sensor  and  three  component  spin  rate  sensors, 
which  allows  to  target  the  spin  axis  into  Sun  direction,  but  generally  does  not  permit  to 
target  it  into  any  desirable  point  in  the  sky  sphere  and  to  determine  the  full  set  of  attitude 
parameters.  So  to  bypass  this  difficulty  the  scientific  instruments  such  as  magnetometer 
was  planned  to  be  used.  Still  the  problem  could  be  solved  by  use  of  the  magnetometer  data 
only  for  low  enough  altitudes  (less  then  30  000  km)  where  magnetic  field  model  is 
applicable.  For  the  Tail  Probe  the  initial  apogee  height  is  about  190  000  km  and  it  means 
that  other  approaches  for  attitude  determination  are  necessary. 

It  should  be  also  mentioned  that  scientific  instruments  installed  onboard  main  satellites  are 
to  be  controlled  by  the  signal  generated  by  onboard  attitude  determination  system.  This 
signal  is  to  be  sent  to  the  instruments  at  the  beginning  of  each  spin  of  s/c  (when  one  of  the 
s/c  axis,  orthogonal  to  the  spin  axis,  goes  through  the  ecliptic  plane).  It  led  to  the 
necessity  of  development  simple  enough  algorithm  including  of  attitude  motion  model 
which  could  be  applied  to  all  INTERBALL  project  s/c  in  spite  of  differences  in  their  orbits 
and  characteristics  influencing  their  dynamics.  This  model  was  applied  also  for  the 
purposes  of  attitude  control  of  subsatellite  (MAGION-4)  (Ref.  2)  which  was  not  equipped 
by  spin  rate  sensors. 

2.  MODEL  OF  ATTITUDE  MOTION. 

It  is  obvious  that  the  simplest  model  for  attitude  determination  is  local  model  because  it 
does  not  demand  neither  kinematic  nor  dynamic  approach  for  orientation  calculations.  For 
our  case  it  would  be  applied  if  magnetometer  and  solar  sensor  measurements  are  fulfilled 
for  the  same  moment  and  height  of  s/c  orbit  allows  to  use  magnetic  field  model.  So  the 
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Auroral  Probe  could  be  included  in  that  case  but  the  obstacle  here  are  oscillations  of  the 
magnetic  field  and  its  time  dependent  deviation  from  the  model.  For  the  other 
INTERBALL  s/c  the  difficulties  have  been  described  above. 


To  balance  between  complexity  and  accuracy  some  approximation  of  motion  law  has  been 
chosen  (Ref.  3)  for  short  term  parts  of  flight.  This  model  is  based  on  Euler  - Poinsot  solid 
body  free  motion  (Ref.  4). 

Let  us  introduce  the  system  of  coordinates  connected  with  the  satellite.  The  X axis  is 
directed  along  the  satellite  structural  axis  which  nominally  coincides  with  the  spin  axis  and 
is  close  to  the  principal  axis  of  the  maximum  moment  of  inertia  /*.  The  Y axis  is  the 
structural  axis  close  to  the  intermediate  moment  of  inertia  Iy ; the  Z axis  corresponds  to  the 
minimum  inertia  moment.  Balancing  of  the  satellite  is  performed  to  reach  the  maximum 
coincidence  of  structural  and  principal  inertia  axes. 

INTERBALL  s/c  have  been  manufactured  as  modification  of  the  earlier  launched 
PROGNOZ  senes  s/c.  For  these  s/c  the  deviation  of  the  inertia  axes  from  structural  axes 
usually  lied  in  1.5°  limits. 

In  the  same  limits  were  the  deviations  of  angular  momentum  vector  from  the  pnncipal  axis 
XP , i.e.  the  motion  is  very  close  to  rotation  around  constant  axis.  It  allows  to  simplify 
expressions  for  description  of  Euler-Poinsot  case  and  to  use  instead  elliptical  functions 
more  convenient  for  calculations  trigonometnc  functions. 

Supposing  that  for  taken  time  interval  the  Sun  vector  S does  not  move  in  inertial  space 
and  its  position  is  determined  by  a and  / 3 angles  between  X axis  and  projection  of  S onto 
AT  and  XZ  planes,  the  following  expressions  are  valid  (Ref.  2,  5): 


Here  A/,  Bi  are  the  angles  between  X axis  and  the  projection  of  the  principal  axis  XP  onto 
XY  and  XZ  planes,  A2=B2  is  the  angle  between  Sun  vector  and  angular  momentum  vector 
Z,  A 3,  Bs  are  nutation  amplitude  in  XY  and  XZ  planes.  Geometrically  it  means  that  the 
Sun  vector  moves  along  cone  surface  with  the  semiangle  A2=B2  and  its  axis  moves  along 
elliptical  cone  with  maximum  and  minimum  semiangles  A3t  B3.  The  relation  between  these 
values  is  the  following: 


The  phase  velocities  a>i,,  co2  of  Sun  and  angular  momentum  vectors  are  connected  by 
expression: 


a = A,  + Al  sin(<y,  / + ^)+  Ai  sin(oi2/  + 77, ) , 
J3  = + 52sin(ty,/  + + i^sin(a;2/  + rQ . 


(I  x •Z'XZr  /z) 

Vjt 
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It  should  be  mentioned  that  for  determination  of  the  constants  of  motion  model  one  needs 
only  solar  sensors  measurements  presented  as  a,  /. 3 angles  Using  method  of  least  squares  it 
is  possible  to  reduce  the  problem  to  the  linear  equations  system  solution  for  calculation  of 
A„  B„  T],  constants. 

So  the  iteration  procedure  includes  the  calculation  a>i,  and  a>2  only  After  first  more 
precise  definition  of  relation  between  them  in  further  calculations  only  one  parameter  is 
used  in  iterations  minimizing  standard  deviation 

The  interval  duration  of  data  processing  for  this  model  was  determined  by  comparing  of 
the  accuracy  of  model  and  sensor  accuracy.  For  the  main  s/c  their  errors  is  about  3 
angular  minutes  (3d)  and  for  MAGI  ON  it  is  two  times  higher.  For  the  Tail  Probe  s/c  the 
interval  duration  is  limited  by  the  Sun  direction  rotation  due  to  orbital  motion  of  the 
Earth.  So  ~1.5  hours  was  accepted  as  tolerable  limits  for  this  interval.  In  case  of  Auroral 
Probe  the  angular  momentum  vector  changes  its  direction  with  a rate  up  to  1 degree  per 
20  minutes  in  perigee  region,  so  the  interval  was  restricted  by  15  minutes.  For  long  term 
intervals  the  external  torques  are  to  be  taken  into  account  in  motion  model  which  is 
usually  considered  as  evolution  of  parameters. 

3.  ATTITUDE  PARAMETERS  EVOLUTION  MODELS. 

To  develop  of  algorithm  for  the  description  of  motion  evolution  standard  approach  has 
been  applied:  fast  parameters  have  been  averaged  and  differential  equations  of  motion  for 
the  slow  changing  parameters  have  been  used. 

MAGION-4  s/c  has  been  designed  supposing  the  solar  radiation  pressure  use  to  control  its 
spin  axis  keeping  it  in  acceptable  limits  of  angles  with  Sun  direction.  So  the  solar  panels 
and  the  booms  were  mounted  in  such  a way  which  provided  some  shift  of  centre  of  solar 
radiation  pressure  from  centre  of  mass.  To  estimate  the  expected  torques,  the  model  of 
forces  generated  by  light  pressure  influence  on  s/c  surfaces  has  been  developed.  The  s/c 
(Figure  1)  has  been  presented  for  this  purpose  as  a set  of  flat  surfaces  with  different 
coefficients  of  specular  reflection,  diffuse  reflection  and  absorption. 

For  example  for  solar  panels  it  was  supposed  10%  of  incoming  radiation  to  be  specularly 
reflected  and  90%  to  be  absorbed.  It  was  supposed  that  the  secondary  s/c  radiation  does 
not  produce  torques  as  a whole.  For  the  supposed  centre  of  mass  the  data  base  of  torque 
in  reference  coordinates  system  of  s/c  Ki(cp,  A)  as  function  of  Sun  direction  S has  been 
built  (example  of  torque  dependence  from  angle  between  X axis  and  Sun  direction  for 
fixed  “longitude”  is  presented  by  Figure  2a).  Then  the  averaged  through  spin  (“longitude” 
A=0°— >360°)  torque  A 4(q>)  has  been  calculated  (Figure  2b). 

As  it  could  been  seen  from  this  figure  the  function  is  rather  close  to  the  sine,  what  means 
that  the  integrated  influence  of  light  pressure  on  s/c  is  very  similar  to  the  case  when  s/c 
has  sphere  form  fully  absorbing  radiation  and  having  some  bias  between  centre  of  mass 
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and  centre  of  radiation  pressure.  Supposing  that  angular  momentum  unit  vector  L goes 
along  construction  axis  A'  the  vector  equation  could  be  written  (Ref.  6): 

dL 

— = k(<p)[L,S\, 

where 


k(<p ) = 


M{cp) 

sin<p 


L 


A 


Figure  1.  View  of  MAGION-4  s/c  and  its  presentation  as  a set  of  surfaces. 


U.  H-m 


For  the  case  when  M(cp)  is  approximated  by  sin<p  function  k(cp)=k  is  constant  and  the 
equation  for  L can  be  integrated,  so  the  solution  given  in  projections  of  L vector  onto 
ecliptic  coordinate  system  ( X , Y axes  lie  in  ecliptic  plane)  Lx,  Ly,  Lz  is  the  next  (Ref.  6): 
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c a 1 1 

Lx  = Af — cos(<y/)  - — [— sin(Q  - co)i  - — sin(Q  + a>)/]  + 

co  2 Li  — co  Li  + co 

b 1 1 

+ -[7^ cos(Q  + ry)/  + -cos(<y-Q)/]] ; 

2 Li  + co  co  - Li 

c a 1 1 

Ly  = k[ — sin(tyr)  - — [— cos(G  + ro)/  - — cos(Q-ty)/]  + 

co  2 Li-co  Li-co 

b 1 i 

+ -[— sin(Q-<y)f  + — sm(Q  + co)t\\ ; 

z i 1 — co 

L^-  c + a-  sin(Q/)  + b ■ cos(Q/) . 


Here  co  is  angular  velocity  of  the  Earth  orbital  motion;  a,  b , c are  the  constants  determined 
by  the  initial  parameters  of  motion.  The  value  of  /2is  determined  by  the  expression: 

Q2  = k2  +co2 . 

Parameter  Q is  the  phase  velocity  of  angular  momentum  vector  moving  along  cone 
surface. 


The  axis  projection  of  this  cone  onto  ecliptic  plane  XY  constantly  coincides  with  the  Sun 
direction  vector  and  has  the  constant  angle  y with  ecliptic  y/  = arccos(c)  . 

This  angle  corresponds  equilibrium  (or  stationary)  case  of  angular  momentum  evolution, 
i.e.  if  initial  direction  of  angular  momentum  coincides  with  this  axis  then  in  further  motion 
this  coincidence  is  kept. 


It  is  easy  to  receive: 

co 

tan  u/  = — . 
k 


If  Ix=  5.9  kg-mf,  spin  penod  equal  415  sec.  (one  of  the  MAGION-4  flight  regime)  and 
given  above  (Figure  2)  solar  radiation  torque  (approximating  it  as  M-  /c,  sin<p  with 
£/=3-10'7  N-m)  then  according  to  this  formula  y^3. 4°.  For  the  same  parameters  Q=  0.291 
day'1  what  corresponds  to  period  Pl  of  angular  momentum  rotation  equal  21.57  days. 
Figure  3 gives  the  dependence  of  the  angle  between  angular  momentum  vector  and  Sun 
direction  for  MAGION-4  during  experiment  with  solar  radiation  pressure  stabilization 
dunng  flight  49  days  interval  beginning  February  11,  1997.  The  spin  penod  during  this 
interval  was  changed  from  390  to  455  seconds.  As  it  could  been  seen  from  this  Figure  y/ 
angle  (half  of  amplitude  of  function  oscillations  here)  is  about  2.1  degrees,  and  mean 
period  Pl~\5  days.  According  to  the  expression  given  above  this  period  corresponds 
y^2.36°,  instead  2.1°  observed  and  k/=4.24  N-m  instead  estimated  from  Figure  2 
ki= 3 N-m.  In  addition  Figure  3 is  demonstration  of  the  influence  of  the  Earth  reflected 
light  on  attitude.  These  parts  of  the  plot  with  strong  Earth  light  influence  are  marked  by 
arrows  and  correspond  to  the  perigee  regions  of  the  orbit. 
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Resulting  impact  is  slow  raise  of  mean  deviation  of  angular  momentum  from  the  Sun 
direction. 


Evolution  of  attitude  parameters  under  influence  of  gravity  gradient  torques  was 
calculated  according  to  Ref.  7.  For  the  axially  symmetric  s/c  with  null  nutation 
gravitational  torque  is: 

- Iy)[r°  ,1?) , 


or 


where 

Kf  = 


[r\L°] 

|[r °, Z?]|  ’ 


M=|(/x-/y)p-sin(2(F0"L0))M°  = MM° , 


//  - Earth  gravitational  parameter, 
r - distance  of  s/c  from  the  Earth  centre, 
r 0 - unit  vector  of  direction  from  the  Earth  centre  towards  s/c, 
M - unit  vector  of  gravitational  torque, 

L - unit  vector  of  angular  momentum. 
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Presenting  angular  momentum  vector  L as 

L = LL°  = IxcoxL\ 
where  a>i  is  spin  rate  of  s/c,  we  receive 

^ ~ 0 - i)4si»(2(r° " 

dt  2 zu,  I x r3 

This  equation  was  integrated  together  with  the  integration  of  equations  for  the  s/c  centre 
of  mass  motion. 

4.  ATTITUDE  DETERMINATION  AND  CONTROL 
IN  SITUATION  OF  SENSORS  DATA  DEFICIT. 

For  each  s/c  of  INTERBALL  project  there  were  some  specific  difficulties  connected  with 
attitude  determination  and  control.  Auroral  probe  during  initial  phase  of  its  flight 
demonstrated  unexpected  rise  of  the  nutation  - up  to  the  critical  limits  (40°). 

The  nature  of  this  phenomenon  was  supposed  to  be  the  energy  pumping  to  the  s/c  body 
through  the  flexible  booms  in  the  conditions  of  gravity  gradient  torque.  Its  influence  has 
been  simulated  for  the  solid  body  model  according  to  the  equations  given  in  the  previous 
paragraph. 

Example  of  the  mentioned  simulation  is  presented  by  Figure  4 for  the  one  day  of  flight 
April  the  4th  1997  as  the  dependence  of  q>  angle  between  angular  momentum  vector  and 
Sun  direction.  It  was  supposed  that  in  initial  instant  angular  momentum  was  directed 
towards  the  Sun.  Bold  line  gives  the  modelling  results,  stars  present  the  values  received  by 
solar  sensor  processing.  Thin  line  is  for  geocentric  distance  of  s/c.  The  discrepancy  of  the 
presented  functions  is  explained  by  the  fact  that  in  initial  instant  the  angular  momentum 
was  not  exactly  directed  towards  the  Sun  (error  is  -0.25°).  Further  one  can  see  slightly 
more  fast  rise  of  the  simulated  angle  as  compared  with  the  measured  one.  It  is  due  to  fact 
that  for  the  simulation  it  was  taken  the  nominal  ratio  of  inertia  moments  (r=lyllx=0.566), 
at  the  same  time  from  the  ratio  of  spin  rates  of  s/c  and  its  angular  momentum  it  follows 
that  r=0.5737.  Displacement  marked  by  arrow  is  caused  by  operations  of  nutation 
damping,  executed  each  12  hours  (Figure  5).  During  this  operations  the  angular 
momentum  is  not  changed  nominally  in  inertial  space,  still  some  minor  deviations  are 
possible 

As  it  could  be  seen  on  Figure  5 nutation  is  raising  for  some  of  subintervals  from  0.15°  to 
0.80°  during  10  hours.  This  phenomena  look  quite  opposite  to  what  could  be  expected  for 
solid  body  nutation  with  some  internal  dissipative  torques  and  the  external  torques  of  the 
level  observed  in  Auroral  Probe  case.  And  it  is  opposite  to  what  observed  for  the  other 
INTERBALL  s/c:  Tail  Probe  and  MAGION-4.  The  examples  of  nutation  amplitude 
decreasing  for  these  s/c  are  given  by  Figure  6 (Tail  Probe)  and  Figure  7 (MAGION-4). 
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Figure  4. 


0^ 

19  20  21  22  23 

Day  (January,  1998) 

Figure  6. 


Figure  7. 


So  as  it  was  mentioned  above  to  prevent  uncontrolled  raise  of  nutation  the  additional 
operations  have  been  introduced  in  procedure  of  attitude  control:  damping  of  nutation 
each  12  hours.  It  caused  excessive  consumption  of  propellant  and  consecutive  reduction  of 
expected  lifetime  of  s/c. 


The  task  of  attitude  control  system  for  INTERBALL  s/c  is  to  keep  spin  axis  directed 
towards  Sun  in  some  limits.  It  means  that  during  the  year  this  system  should  rotate  angular 
momentum  by  360°  if  it  is  not  necessary  to  compensate  the  influence  of  external  torques. 
For  the  Tail  Probe  these  torques  are  low  enough  to  cause  visible  rise  of  propellant 
consumption.  For  Auroral  Probe  with  its  perigee  height  870  km  and  apogee  20  000  km 
the  influence  of  gravity  torques  and  necessity  to  prevent  the  nutation  increasing  the 
consumption  of  the  propellant  was  almost  4 times  higher.  So  to  cut  the  propellant 
consumption  the  next  procedure  has  been  developed.  It  was  decided  to  allow  more  broad 
limits  for  the  spin  axis  deviation  from  the  Sun:  up  to  30°. 
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Because  the  main  reason  of  the  additional  propellant  expenditure  is  compensation  of 
angular  momentum  Z rotation  due  to  gravity  torque,  it  was  proposed  to  put  L in 
direction  either  orthogonal  to  the  orbit  plane  either  in  orbit  plane.  In  this  case  mean 
evolution  of  the  Z is  equal  zero.  When  the  angle  of  Zwith  Sun  reaches  30°  then  Z is 
rotated  in  intermediate  direction,  so  that  under  natural  evolution  this  angle  would  not  rise. 
The  idea  of  this  approach  is  illustrated  by  Figure  8 

Initially  Sun  direction  S0  and  1^  almost  coincide,  then  after  Sun  comes  into  position  5, 
vector  Z is  moving  into  Z,  position  in  order  to  keep  angle  between  them  in  tolerable 
limits  after  this  manoeuvre  till  reaching  them  the  position  S2  and  L,  (according  Ref  7 Z 
moves  along  cone  with  the  axis  perpendicular  to  the  orbit  plane).  After  that  Z is  rotated 
into  orbit  plane.  In  described  approach  the  sum  of  Z rotations  angles  is  close  to  the  angle 
of  Sun  rotation  what  allows  to  cut  significantly  the  propellant  expenditure. 

Attitude  control  system  was  not  planned  to  be  used  for  targeting  s/c  spin  axis  into  any 
prescribed  point  besides  Sun.  So  for  this  purpose  before  such  operation  angular 
momentum  vector  was  determined  with  the  use  of  magnetometer  and  solar  sensors 
measurements  and  then  its  direction  was  forecasted  in  inertial  space  to  the  instant  when 
attitude  control  manoeuvre  planned  to  be  done.  It  allowed  to  know  full  set  of  attitude 
parameters  for  solving  the  task  of  attitude  control. 

The  principal  peculiarity  of  MA.GION  s/c  attitude  control  was  the  open  loop  off  line 
procedure  applicable  without  any  direct  measurements  of  spin  components.  The 
operations  have  been  separated  on  four  phases.  During  the  first  phase  (lasted  about  20-30 
minutes)  the  telemetry  data  of  solar  sensor  and  infrared  Earth  sensors  are  collected  and 
processed.  The  result  of  this  phase  was  full  set  of  attitude  parameters  including  angular 
momentum  vector  in  the  inertial  space  and  what  is  more  important  - in  s/c  reference 
system.  Then  the  forecast  for  ~30  minute  of  attitude  parameters  has  been  done  using 
simple  attitude  motion  model  described  in  paragraph  1 in  order  to  calculate  the  instants 
when  the  control  torque  vector  (fixed  in  s/c  coordinate  system)  goes  in  direction  of 
necessary  angular  momentum  alteration.  Normally  it  is  principal  axis  vector  (coinciding 
at  the  moment  with  angular  momentum  Z ) to  Sun  vector  direction. 

The  main  idea  of  this  approach  was  to  rotate  Z by  half  of  the  needed  angle  (Ref.  3)  at  the 
second  phase  of  procedure.  After  applying  the  needed  impulse  the  resulted  attitude 
parameters  are  determined  again  (third  phase)  and  the  instants  for  the  final  control  impulse 
are  calculated.  These  instants  are  to  satisfy  two  conditions:  Sun  vector  S goes  along 

principal  axis  and  direction  from  Z to  S coincides  with  control  torque  vector.  At  the 
fourth  phase  of  operations  this  impulse  is  applied.  With  this  approach  no  additional 
propellant  consumption  is  needed  for  the  nutation  damping. 

For  the  Tail  Probe  only  solar  sensor  measurements  are  used  for  determination  of  full  set  of 
attitude  parameters.  The  next  procedure  has  been  applied. 
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Let  us  introduce  the  coordinate  system  with  ecliptic  longitude  A along  abscissa  axis  and 
ecliptic  latitude  8 along  ordinate  axis.  Zero  longitude  corresponds  initial  longitude  of 
angular  momentum  vector  L . Initial  ecliptic  latitude  of  L is  8,  initial  longitude  of  Sun  is 
A,  angular  velocity  of  Sun  direction  rotation  is  co,  angle  between  Sun  and  L is  cp  and  time 
is  t,  then 

cp2  = S2  +(x  + cy02  ■ 

Defining: 


yt 


<p!  $ n a 

A = —r,  B = — 


CO  CO~  CO 

and  supposing  that  B is  constant  (what  is  Tail  Probe  case)  it  is  possible  to  calculate  A,  B 
by  minimizing  the  sum  of  square  of  residuals: 

S=T(zi  + (2?+x;)2-j,.)2. 


It  should  be  mentioned  that  for  the  case  when  assumption  about  constant  direction  of  B 
is  not  valid,  the  same  approach  could  be  used,  but  instead  constant  A,  B their  initial  values 
are  to  be  taken.  But  for  constant  A,  B the  solution  in  closed  form  is  easy  to  receive: 


B = — 


n~ 


-7 1'.ZO 


-^=7 


where  n is  number  of  measurements. 


Thus  using  these  expressions  it  is  possible  to  calculate  angular  momentum  direction  but 
without  knowledge  of  it  s latitude  8 sign.  As  additional  information  to  determine  sign  of  8 
the  spin  rate  function  of  time  a>j(t)  of  Sun  vector  with  respect  to  s/c  could  be  used. 
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Figure  9 presents  the  example  of  this  function  from  the  time  interval  beginning  at 
November  the  20th  1996,  immediately  after  session  of  reorientation  of  the  spin  axis 
(construction  axis  X)  towards  the  Sun  Usually  for  the  Tail  Probe  the  error  of  angular 
momentum  targeting  to  the  Sun  was  in  0.6°  limit  With  the  preceding  notation  the 
additional  spin  rate  of  Sun  vector  with  respect  to  the  s/c  due  to  Earth  orbital  motion  is: 

. 

Aoj,  = - — 7 (0  . 

r 

Supposing  that  the  error  in  L targeting  goes  fully  along  ecliptic  latitude  5,  i.e.  <p=S=  0.6° 
we  receive 

Acy  = -1.9-  10“5sec.~' . 

As  it  could  be  seen  from  figure  9 Acy>0,  so  for  this  case  5<0.  Also  from  this  Figure  9 one 

can  observe  the  decreasing  of  spin  rate  with  the  rate  = -5.4-  10"ssec.~' . This  value  is 

almost  constant  during  the  flight  and  is  explained  by  propeller  effect  of  solar  radiation 
pressure  due  to  asymmetric  mounting  of  solar  panels  and  booms.  Interesting  peculiarity  of 
a>i(t)  function  is  sine  oscillations  with  a period  equal  one  day. 

Actually  there  is  no  these  actual  oscillations  and  what  one  observes  is  the  result  of  onboard 
clock  rate  nearly  sinusoid  variations  caused  by  diurnal  variations  of  temperature  inside  s/c. 
The  thermal  regime  in  pressurized  s/c  body  is  kept  by  heaters  turned  on  and  switched  off 
once  per  day  so  that  temperature  changes  inside  ±5°C  limits  around  mean  value  about 
25°C.  At  the  part  of  this  curve  marked  by  arrow  the  big  rise  of  spin  rate  is  seen,  but  really 
this  visible  increasing  is  caused  by  deep  decreasing  of  temperature  due  to  durable  (about  5 
hours)  eclipse  of  s/c  when  it  crossed  the  Earth  shadow.  According  to  thermal  sensors 
measurements  the  temperature  dropped  during  this  event  by  more  then  15°C  with  respect 
to  its  mean  value. 

As  it  could  be  seen  from  Figure  9 the  amplitude  of  spin  rate  oscillation  is  about 
1.5- 1 O'6 sec.-1,  i.e.  2.810'5u;y.  It  means  that  onboard  clock  lags  behind  maximum  0.29  sec. 
during  0.5  day  and  then  advances  beyond  next  0.5  day.  For  the  correct  clock  it  leads  to 
the  error  in  spin  phase  (nominal  spin  rate  is  3 degree/sec.)  up  to  0.87  degrees  But  if  clock 
rate  for  the  scientific  instruments  using  attitude  is  the  same  as  the  one  used  for  spin  rate 
determination  the  error  will  be  compensated  (besides  the  small  enough  part  connected 
with  the  error  in  position  of  centre  of  mass  knowledge  and  relevant  error  in  modelled 
magnetic  field  calculation). 

Described  above  method  of  angular  momentum  vector  determination  in  inertial  space  can 
be  applied  without  significant  loss  of  accuracy  only  for  the  data  in  vicinity  of  reorientation 
(1-1.5  days).  If  these  data  are  not  available  the  other  approach  works.  It  is  obvious  that 
~5  days  since  reorientation  the  error  in  spin  phase  does  not  exceed  6°  if  for  calculation  it  is 
supposed  that  angular  momentum  lies  in  ecliptic  plane 
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So  extrapolating  the  spin  rate  of  s/c  back  to  the  instant  of  reorientation  and  using  the  spin 
phase  taken  for  the  instant  several  days  after  reorientation  one  can  calculate  the  spin  phase 
for  any  instant.  This  extrapolation  of  spin  rate  is  shown  on  Figure  9 by  bold  straight  line. 

CONCLUSIONS 

More  then  two  years  experience  of  attitude  determination  and  control  of  INTERBALL 
Project  s/c  has  confirmed  the  approach  based  on  simple  trigonometric  approximation  of 
attitude  law  is  effective  enough  to  fulfil  all  necessary  flight  dynamics  operations.  The 
regimes  of  solar  radiation  pressure  stabilization  have  been  successfully  executed,  and 
attitude  manoeuvre  have  been  done  without  use  of  spin  rate  components  measurements. 
Also  it  has  been  proven  that  full  set  of  attitude  parameters  can  be  determined  with  the  use 
only  solar  sensor  measurements. 
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FLIGHT  DYNAMICS  LEOP  AND  ROUTINE  OPERATIONS  FOR 
SCD2,  THE  INPE’S  SECOND  ENVIRONMENTAL  DATA 
COLLECTING  SATELLITE 

Valcir  Orlando* 

Helio  Koiti  Kuga 
Ulisses  Thadeu  Vieira  Guedes 

The  launch  of  the  second  INPE’s  environmental  data  collecting  satellite,  SCD2, 
is  preliminary  scheduled  for  May  1998,  by  the  American  Pegasus  launcher.  This 
satellite  is  similar  to  the  SCD2-A,  whose  launch,  in  November  2,  1997,  by  the 
Brazilian  VLS  launcher  unfortunately,  failed.  When  compared  with  the  SCD1, 
the  SCD2  presents  important  differences  related  mainly  to  attitude  stabilization 
and  control.  This  paper  presents  an  analysis  of  the  main  differences  between 
both  satellites  and  discusses  their  impacts  on  the  flight  dynamics  system  and 
related  operations.  For  instance,  the  restriction  on  spin-axis  attitude  is,  for  the 
SCD2,  more  stringent  than  the  ones  imposed  on  the  SCD1,  requiring  the 
application  of  a Quarter-Orbit  Magnetic  Attitude  Control  procedure  (QOMAC). 

The  spin-axis  attitude  control  of  SCD2  is  detailed  and  its  performance  is 
analyzed  with  the  help  of  available  simulation  results.  Finally,  the  planning  of 
the  flight  dynamics  operations  for  the  LEOP  and  routine  phase  of  the  SCD2  is 
described. 


INTRODUCTION 

The  SCD1,  the  first  environmental  INPE’s  data  relay  satellite1,  completed  five  years 
in  orbit  on  February  9th,  1998,  still  presenting  an  overwhelming  overall  performance. 
During  the  SCD1  mission  exploitation,  the  Data  Collecting  Platform  (DCP)  network, 
spread  over  the  Brazilian  territory,  presented  a significant  boost,  not  only  in  quantity,  but 
also  in  application  diversity.  During  the  first  year  after  the  SCD1  launch,  the  network 
consisted  of  about  20  platforms2.  Nowadays  there  are  204  DCPs  operating,  other  167 
ones  in  acceptance  phase,  and  more  106  in  acquisition  process.  As  these  figures  show,  the 
number  of  operating  DCPs,  which  currently  surpasses  ten  times  the  initial  ones,  will  soon 
be  doubled.  The  existing  DCPs  comprise  a wide  number  of  applications,  mainly  in  the 
fields  of  Meteorology,  Hydrology,  Agricultural  Planning,  Geomagnetism,  Atmospheric 
Chemistry,  Tide  Monitoring  and  Tropical  Forest  Regeneration  studies. 
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997 


In  order  to  assure  the  continuity  of  the  environmental  data-collecting  mission,  the 
second  data  collecting  satellite,  the  SCD2,  has  been  scheduled  by  INPE  to  be  lofted  in 
orbit  around  May  1998,  by  the  North-American  Pegasus  launcher,  which  had  successfully 
launched  the  SCD13-4  in  February  1993.  In  spite  of  the  existing  similarities  between  SCD2 
and  SCD1,  there  are  some  fundamental  differences  that  impose  important  changes  on  the 
ground  attitude  control  system.  The  main  differences  and  the  consequences  on  the  flight 
dynamics  operations  activities  are  exposed  and  discussed  in  next  sections.  A further 
section  is  dedicated  to  the  presentation  of  the  modified  version5  of  a QOMAC6  (Quarter 
Orbit  Magnetic  Attitude  Control)  algorithm  for  the  spin-axis  attitude  control  which  will  be 
used  for  the  SCD2.  The  expected  algorithm  performance  is  discussed  based  upon 
simulation  results.  Finally,  the  main  aspects  of  the  flight  dynamics  operations  for  LEOP 
and  routine  phase  planned  for  the  SCD2  are  presented.  To  close  the  paper  a last  section  is 
dedicated  to  the  presentation  of  the  concluding  remarks. 

THE  SCD2  SATELLITE 

The  SCD2  satellite  has  been  developed  in  order  to  assure  continuity  of  Brazilian 
Environmental  Data  Collecting  Mission,  which  is  currently  being  performed  using  solely 
the  SCD1  satellite.  Likewise  the  SCD1,  it  will  be  spin  stabilized  and  will  be  injected  into  a 
low  altitude  (=750  km)  orbit  with  25°  inclination.  It  will  not  have  any  orbit  control.  In 
order  to  minimize  the  possibility  of  having  simultaneous  passes  of  both  satellites  over  a 
ground  station  visibility  region,  the  right  ascension  of  ascending  node  of  SCD1  and  SCD2 
shall  be  separated  by  about  180  degrees.  The  attitude  control  subsystem  is  composed  of  a 
partially  fluid  filled  nutation  damper,  a three-axis  flux-gate  type  magnetometer,  two 
redundant  180°  field  of  view  digital  sun  sensors,  two  redundant  spin  plane  coil  with 
magnetic  moment  of  4 Am2  each,  and  one  axis  torque  coil  of  12  Am2.  The  spin  plane  coil 
is  automatically  activated  by  an  autonomous  control  system  whenever  the  spin  rate 
reaches  the  lower  limit  of  its  allowable  variation  range:  34  ± 2 rpm.  The  attitude  sensors 
outputs  will  be  sampled  at  a rate  of  2 samples  per  second.  Regarding  the  axis  coil,  it  will 
be  activated  by  real-time  or  time-tagged  telecommands  in  order  to  perform  spin-axis 
attitude  maneuvers.  Time-tagged  telecommands  will  be  needed  due  to  the  use  of  the 
before  mentioned  QOMAC  algorithm  for  spin-axis  attitude  control. 

The  SCD2  launch  will  be  the  INPE’  second  trial  to  put  a new  in-house  manufactured 
environmental  data  collecting  satellite  into  orbit  since  the  launch  of  SCD1.  The  first  try 
was  the  launch  of  SCD2-A  in  the  beginning  of  November  1997,  from  the  Alcantara 
launching  facility,  in  the  northeast  of  Brazil.  It  has  been  the  first  shot  of  the  Brazilian 
launcher  VLS,  which  unfortunately  failed  due  to  a problem  occurred  in  one  of  the  first 
stage  four  boosters. 

When  compared  to  SCD1,  the  SCD2  presents  some  improvements,  mainly  related  to 
attitude  stabilization  and  control.  The  main  differences  between  the  satellites  and  their 
impacts  on  the  flight  dynamics  ground  operations  are  discussed  in  further  sections  of  the 
paper. 
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SPIN-AXIS  ATTITUDE 


The  SCD2  has  the  same  shape  as  SCD1:  octagonal  prism  with  0.7m  height  whose  base 
fits  within  a circle  of  lm  diameter.  The  SCD1,  however,  has  the  whole  lateral  faces  and 
the  upper  one  covered  by  solar  cells.  The  remaining  bottom  face  is  used  as  a heat  sink  by 
the  passive  thermal  control  subsystem.  In  this  way,  sunlight  incidence  on  this  face  shall  not 
occur,  in  order  to  avoid  thermal  problems  with  on-board  equipment.  As  the  spin-axis  is  the 
satellite  longitudinal  one,  this  restriction  is  equivalent  to  having  6 < 90°  where  6 is  the 
sun  aspect  angle.  In  the  case  of  the  SCD2,  only  the  lateral  panels  are  covered  by  solar 
cells.  However,  the  passive  thermal  subsystem  of  this  satellite  has  been  designed  so  as  to 
allow  direct  sunlight  incidence  on  the  top  and  bottom  panels,  with  maximum  angle 
incidence  of  up  to  10°.  In  other  words,  for  the  SCD2,  the  sun  aspect  angle  excursion  is 
limited  to  the  range:  80°  <0<1OO°.  Besides,  in  order  to  increase  the  time  interval 
(decrease  periodicity)  between  the  execution  of  successive  spin-axis  maneuvers,  it  has 
been  decided  to  maintain  the  angle  0 , between  the  axis  normal  to  the  ecliptic  plan  and  the 
spin-axis,  to  less  than  10°.  It  shall  be  noted  that  this  condition  necessarily  implies  in  having 
80°  <6  < 100° . If  spin-axis  is  aligned  with  the  normal  to  ecliptic  plan  then  the  translation 
motion  of  the  Earth  around  the  Sun  does  not  contribute  for  the  sun  aspect  angle  variation, 
resulting  in  a overall  lower  precession  rate.  As  a consequence,  the  time  needed  by  the 
angle  0 to  reach  the  limit  value  (10°)  becomes  longer,  reducing  the  need  of  frequent  spin 
axis  attitude  maneuvers.  In  this  way,  the  target  of  the  spin-axis  attitude  control  for  the 
SCD2  will  be  to  maintain  0 < 10° . Whenever  the  angle  0 attains  tern  degrees  a maneuver 
shall  be  executed  in  order  to  decrease  this  angle  to  a value  less  than  one  degree. 

The  operational  range  for  spin-axis  attitude  excursion  is  narrower  for  the  SCD2  than 
the  one  corresponding  to  SCD1.  As  a consequence,  higher  rate  of  maneuver  executions 
will  be  required  for  the  spin-axis  attitude  control  of  SCD2.  Besides  this,  a more  complex 
attitude  control  procedure  will  be  needed,  in  order  to  comply  with  the  SCD2  spin-axis 
pointing  requirement  to  be  fitted  after  maneuver  execution  (0  < 1°).  As  mentioned  earlier, 
a modified  version  of  the  QOMAC  algorithm  has  been  implemented  for  this  purpose. 

SPIN-AXIS  ATTITUDE  CONTROL 

Nominally,  the  ideal  attitude  for  the  SCD2  spin-axis  is  the  direction  orthogonal  to  the 
ecliptic  plan.  In  the  real  case,  however,  it  is  allowed  a variation  of  up  to  10°  of  the 
alignment  error  angle,  0,  between  the  satellite  spin-axis  and  the  ecliptic  plan  normal 
direction.  In  order  to  comply  with  this  requirement,  the  strategy  to  be  adopted  will  consist 
of  monitoring  the  time  evolution  of  0 with  help  of  the  attitude  determination  and 
prediction  processes.  When  the  attitude  prediction  indicates  that  0 , in  about  two  days, 
will  surpass  its  maximum  allowable  limit,  then  a decision  to  compute  a spin-axis  maneuver 
shall  be  taken.  The  goal  of  the  attitude  control  procedure  is  to  reduce  the  angular 
alignment  error  0 to  near-zero  neighborhood.  Actually,  the  final  results  of  a spin-axis 
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maneuver  will  be  acceptable  when  the  angular  error  is  decreased  to  a value  less  than  one 
degree. 

In  what  follows  boldfaced  characters  will  represent  vector  variables  and  the  non- 
boldfaced characters  will  represent  scalar  magnitudes.  The  x,  y and  z axes  unit  vectors  of 
the  satellite  body-fixed  coordinate  system  will  be  denoted,  respectively,  by  i,j  and  k. 

It  is  assumed  that  the  satellite  nutation  motion  is  maintained  close  to  zero  by  the  action 
of  the  satellite  partially  fluid-filled  nutation  damper  (cone  angle  less  than  0.25°).  As  a 
consequence  one  can  assume  that  the  spin-axis  is  in  the  same  direction  of  the  satellite 
angular  momentum,  L,  that  is:  s =k  = L/L , where  s is  the  spin-axis  unit  vector.  Calling 
n the  unit  vector  of  the  direction  orthogonal  to  the  ecliptic  plan,  the  vector  misalignment 
error  between  the  spin-axis  and  n can  be  written  as: 


e=n-UL  (1) 

Hence, 

e2  = (n  - L / L)  ■ (n  - L / L)  = 2(\— n • LI L).  (2) 

In  order  to  analyze  the  variation  of  the  quadratic  error  as  a function  of  the  control  torque, 
the  derivative  of  Equation  2 has  been,  at  first,  computed: 

de2  / dt  = L)dLI dt-LI l})dLI dt\  (3) 

The  total  torque  which  arises  from  the  interaction  between  the  geomagnetic  field, 
B = Bxi  + Byj  + B,k  , with  the  magnetic  moment  generated  by  the  axis-coil,  Mac,  plus  the 

z-axis  component  of  the  residual  magnetic  moment  of  the  satellite,  Mre,  is  given  by: 

T = uMkxB  (4) 

with  M - M ac  + M re , and  u is  the  discrete  control  variable  defined  as: 

u = -1  if  the  axis-coil  has  been  activated  inversely  (Mac  in  the  -k  direction), 
u = 1 if  the  axis-coil  has  been  activated  directly  (Mac  in  the  k direction)  and, 
u = 0 if  the  axis-coil  is  off  ( Mac  = 0). 

Because  M re  « M ^ when  the  axis-coil  is  activated,  M will  have  the  same  direction  of 

Mac.  From  Equation  3 one  can  see  that  the  torque  T is  always  in  the  xy  plane  of  the 
satellite  reference  frame  and  hence,  orthogonal  to  the  spin-axis  direction.  For  this  reason  it 
will  cause  changes  only  in  the  spin-axis  direction,  having  no  effect  on  the  spin-axis 
magnitude.  As  the  magnitude  variation  of  the  satellite  angular  moment  due  to  the  effect  of 
only  environmental  disturbing  torque  (mainly  caused  by  eddy  currents)  is  very  slow  then, 
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during  execution  of  spin-axis  maneuver,  one  can  assume  that  dL/dt  = 0 . Considering  this 
assumption  and  recalling  that  T =dL/dt , Equation  3 can  be  put  in  the  following  form: 

de2  Idt  =-(2/ L)n-dL/dt  = -(2/ L)n-T.  (5) 

Applying  the  Equation  4 in  the  equation  above  one  finally  arrives  to: 

de2 1 dt  = -u  (2M  / L)v.  (6) 

where  v = n ■ kxB . Analyzing  Equation  6,  one  can  conclude  that  the  scalar  v can  be 
treated  as  a switching  function.  If  v = 0 then,  in  order  to  generate  a control  torque 
uMk  xB  which  causes  a reduction  of  the  alignment  error  (de/ dt  < 0),  one  shall  impose 
u = 1 . As  seen  above  this  means  that  the  axis-coil  polarity  shall  be  commuted  to  the 
positive  one  (direct).  In  the  same  way.  Equation  6,  indicates  that  one  shall  impose  the 
negative  polarity  to  coil  (u  = -1)  if  v = -1 , and  deactivate  the  coil  in  the  case  of  having 
v = 0 . This  kind  of  spin-axis  attitude  control  algorithm  takes  advantage  of  the  fact  that  the 
local  geomagnetic  field  acting  on  a satellite  into  an  inclined  orbit  oscillates  with  a 
frequency  of  about  double  of  the  orbital  one.  Hence,  in  order  to  generate  the  control 
torque  in  only  one  sense  during  the  entire  orbital  period,  the  torque  coil  polarity  shall  be 
switched  four  times  per  orbit.  Due  to  this  characteristic,  this  kind  of  algorithm  is  called 
QOMAC.  The  switching  function,  v,  defines  the  adequate  torque  coil  polarities  and 
switching  times  needed  to  reduce  the  alignment  error  to  the  zero  neighborhood. 

In  the  routine  phase  of  the  SCD2  lifetime,  the  need  of  spin-axis  maneuvers  will  be 
predicted  by  monitoring  the  alignment  error  angle  with  help  of  the  attitude  determination 
and  prediction  processes.  If  in  a time  span  of  two  days  the  error  angle  exceeds  the 
maximum  allowable  limit  of  operation  (10°),  then  a new  spin-axis  maneuver  shall  be 
scheduled.  The  output  of  the  maneuver  calculation  procedure  consists  of  the  control 
sequence  [(r^u,), (t2,u2), um)]  to  be  applied  to  the  satellite  in  order  to  decrease  the 

error  near  to  zero  (0<1°,  as  stated  before).  The  computed  control  sequence  will  be 
transmitted  to  the  satellite  in  the  form  of  time-tagged  telecommands,  which  are 
automatically  handled  by  the  on-board  computer  in  order  to  be  executed  in  the  proper 
time  instants,  t,. 

Some  results,  which  have  been  obtained  from  realistic  computer  simulations  of  spin- 
axis  maneuver  executions  for  SCD2,  covering  a sixty-day  time  span,  are  presented  in 
Figures  1 and  2.  Nominal  parameter  values  were  considered.  The  numerical  attitude 
integration  step  has  been  set  to  5 minutes.  The  Figure  1 shows  the  curve,  which  has  been 
obtained  for  the  alignment  angle  error,  0 , as  a function  of  time.  One  can  observe  from  this 
figure  that  three  spin-axis  maneuvers  has  been  needed,  during  the  whole  simulation  period, 
in  order  to  maintain  the  alignment  error  inside  the  allowed  variation  range.  Also  observed 
is  that  about  one  maneuver  every  thirteen  days  was  necessary,  showing  that,  in  nominal 
situation,  no  maneuver  execution  will  be  needed  during  LEOP. 
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The  Figure  2 shows  the  time  evolution  curve  of  the  discrete  control  variable,  u,  during 
the  first  maneuver  execution  time. 


SPIN  RATE  CONTROL 

The  flying  SCD1  satellite  has  no  spin  rate  control.  It  was  launched  with  spin  rate  of 
120  rpm,  which  decayed  to  current  values  of  about  50  rpm.  In  order  to  reduce  the  time 
required  for  execution  of  spin-axis  maneuver,  the  spin  rate  has  been  reduced  for  SCD2  to 
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the  range  between  32  to  36  rpm.  Every  time  the  spin  rate  decreases  to  the  lower  limit  an 
autonomous  control  system  driven  by  magnetometer  outputs  automatically  activates  the 
spin  plane  torque  coils,  in  order  to  increase  again  the  spin  rate  up  to  the  maximum  value 
(36  rpm).  If,  on  one  hand,  having  a lower  spin  rate  will  reduce  the  time  needed  to  perform 
spin-axis  attitude  maneuvers,  on  the  other  hand  it  will  increase  the  periodicity  between 
two  successive  maneuvers,  since  the  spin  axis  precession  motion  will  also  be  faster  due  to 
decreased  gyroscopic  stiffness. 

Calling  Bxy  the  orthogonal  projection  of  the  geomagnetic  field  in  the  satellite  frame  xy- 
plane  and  Mpc  the  magnetic  moment  of  a magnetic  coil  fixed  along  the  x-direction,  the 
torque  generated  by  the  interaction  between  Mpc  and  the  geomagnetic  field,  TPC,  is  then 
given  by: 

Tpc=upcMpcxBxy=upcMpcBxysmpk.  (7) 

In  this  equation:  upc  is  the  discrete  spin  rate  control  variable  which  defines  the  plane  coil 
state:  deactivated  ( upc  =0),  activated  in  the  direct  sense  (upc  = 1)  or  in  the  inverse  sense 

( upc  =— 1)  and  (3  is  the  phase  angle  between  the  plane  coil  axis  and  Bxy . As  the  coil  is 
aligned  with  the  x-axis  of  the  satellite  frame  one  can  write: 

Bxysmp=By  (8) 

Hence,  the  Equation  7 becomes: 

T pc  =upM  pcByk  (9) 

This  equation  shows  that  the  control  variable  up  shall  have  the  same  or  opposite  sign  of  By 
in  order  to,  respectively,  increase  or  decrease  the  satellite  spin.  In  this  way,  as  By  has  a 
sinusoidal  time  variation  owing  to  the  satellite  rotational  frequency,  the  plane  coil  polarity 
shall  be  commuted  every  half  rotation,  in  order  to  control  the  spin  rate.  In  the  case  of 
SCD2  this  is  accomplished  automatically  with  help  of  the  y-axis  output  signal  of  the 
satellite  three-axis  magnetometer.  During  actuating  periods  of  the  spin  rate  control  system, 
the  plane  coil  polarity  is  automatically  commuted  every  time  the  magnetometer  output 
voltage  changes  its  signal.  As  mentioned  above,  the  control  system  will  be  automatically 
activated  every  time  the  satellite  rotation  decreases  to  32  rpm.  When,  under  its  action  the 
spin  rate  is  increased  to  36  rpm  the  system  actuation  stops.  The  spin  rate,  then,  begins  to 
decrease  again  under  the  main  influence  of  the  z-axis  component  of  the  eddy  current 
disturbing  torque.  Calling  co  the  satellite  angular  velocity  magnitude  and  p to  the  eddy- 
current  parameter,  which  depends  on  the  satellite  geometry  and  material  conductivity,  this 
torque  is  given  by: 

Ted  = -pco(B;  + B;)k  (10) 
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Is  important  to  mention  that,  as  a redundant  safeguard,  the  spin-axis  control  system 
can  also  be  activated  from  ground  telecommands. 

The  SCD2  will  be  inserted  into  orbit  with  a spin  rate  of  about  50rpm.  Although  this 
rate  is  higher  than  the  nominal  upper  limit  value  (36  rpm),  the  activation  from  the  ground 
of  the  spin  rate  control  system,  in  order  to  reduce  the  rotation,  is  not  intended  to  be 
performed.  The  spin  rate  control  shall  act  automatically  the  first  time  only  when  the  spin 
rotation  naturally  reaches  its  lower  limit  of  the  operation  range  (32  rpm).  During  the 
satellite  in-orbit  acceptance  tests,  however,  the  system  performance  will  be  analyzed. 

DIFFERENT  ANTENNA  POLARIZATION  AND  CONSEQUENCES 

The  former  SCD1  satellite  has  TM/TC  and  payload  antennas  on  both  top  and  bottom 
panels.  All  satellite  antennas  work  in  LHC  (Left-Hand  Circular)  polarization.  The  SCD2 
has  also  TM/TC  antennas  on  both  panels  but  it  has  only  one  payload  antenna  located  on 
the  lower  panel.  Another  important  difference  between  the  satellites  concerning  the 
antennas  is  related  to  the  antenna  polarization.  In  the  SCD2  satellite  the  antennas  of  the 
top  and  bottom  panel  work  with  opposite  polarization. 

It  has  been  observed  in  the  SCD1  that  the  use  of  equal  polarization  for  both  the  upper 
and  bottom  panel  antennas  caused  a small  satellite  to  ground  communications  silent 
periods,  when  the  angle  between  the  ground  station  to  satellite  and  spin-axis  directions 
(aspect  angle)  is  near  90°.  Actually,  these  silent  periods  (communication  gaps)  were  of 
very  weak  magnitude  being  not  enough  to  cause  the  loss  of  the  down  and  uplink  signals. 
During  such  occurrences  the  down  link  signal  becomes  a little  noisy,  returning  however  to 
the  normal  state  after  few  seconds.  The  silent  periods  are  predicted  with  help  of  the 
attitude  determination  and  prediction  processes  and  inserted  in  the  pass  prediction  reports, 
which  are  periodically  sent  to  the  ground  stations.  The  actions  of  sending  telecommands 
or  performing  ranging  sections  are  avoided  near  and  within  the  time  intervals  when  silent 
zones  are  predicted  to  happen.  In  the  case  of  SCD2,  the  occurrence  of  satellite  to  ground 
silent  periods  are  expected  to  be  eliminated  with  the  use  of  opposite  polarization  between 
the  top  and  bottom  panel  antennas.  The  existence  of  such  periods  will,  however,  be 
replaced  by  the  need  of  commutation  of  the  ground  station  antenna  polarization  each  time 
the  aspect  angle  crosses  90°.  With  this  purpose  the  ground  stations  antenna  control 
software  has  been  modified  in  order  to  read  from  the  pass  prediction  file,  the  information 
about  the  instant  when  the  aspect  angle  crosses  90°  during  a given  pass,  and  automatically 
to  commute,  in  real  time,  the  antenna  polarization.  This  feature  makes  invisible  to  ground 
station  operators  the  occurrence  of  ground  antenna  polarization  commutations,  as 
regarding  the  downlink  signal.  The  TM  reception  is  not  interrupted  when  such 
commutations  occur.  Unfortunately,  that  is  not  the  case  with  the  uplink  signal.  The  uplink 
is  always  lost  when  the  satellite  antenna  which  is  receiving  the  ground  station  signal,  is 
replaced  by  the  other  one  located  at  the  opposite  panel,  due  to  the  evolution  of  the 
satellite  to  ground  station  relative  attitude.  One  estimates  that  about  30  seconds  is  needed 
to  reestablish  the  uplink,  each  time  it  is  lost.  This  is  a major  drawback  of  adopting 
different  polarization  between  the  top  and  bottom  panel  antennas. 
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LEOP  AND  ROUTINE  PLANNING  OF  FLIGHT  DYNAMICS  OPERATIONS 


The  Figure  3 shows  the  first  nominal  orbit  ground  tracks  of  the  SCD2,  and  the 
visibility  regions  of  the  Alcantara  and  Cuiab£  Brazilian  ground  station  antennas.  It  is  to  be 
noted  that  the  two  initial  orbits  are  visible  only  from  Alcantara.  Follows  a sequence  of 
eight  consecutive  orbits,  which  are  visible  from  Cuiab£,  beginning  from  the  third  one  after 
orbit  injection. 


Figure  3.  First  Orbit  Ground  Tracks 

The  needed  information  about  the  injection  time  and  related  orbit  and  attitude  state, 
are  expected  to  be  handed  over  to  INPE’s  control  center  by  the  Launcher  Control  Center 
within  10  minutes  after  in-orbit  injection.  The  received  data  set  will  be  analyzed  and 
compared  with  the  nominal  one.  At  first  it  will  be  validated,  in  order  to  verify  if  it  does  not 
present  inconsistently  large  errors,  which  could  be  caused  by  problems  occurred  in  any 
phase  of  the  data  acquisition  and  transmission  process.  In  case  the  validation  shows  there 
have  been  a problem  with  the  data,  and  if  a new  set  of  valid  data  can  not  be  made  available 
before  the  next  pass  over  Alcantara  then,  the  next  pass  will  be  predicted  from  the  nominal 
orbit  and  attitude  state  at  injection  point.  In  the  reverse  case,  the  ground  station  pass 
prediction  data  will  be  computed  using  the  just  received  information  as  initial  conditions. 
Redundant  pass  prediction  sets,  computed  from  nominal  parameters,  will  be  employed  as 
backup,  if  the  use  of  the  previous  set  does  not  yield  a prompt  satellite  signal  acquisition 
from  the  ground  station  antenna. 

From  here  it  will  be  described  the  planned  flight  dynamics  operations  during  the 
considered  nominal  situation.  Independently  of  which  initial  information  set  has  been  used 
in  the  generation  of  the  first  pass  prediction  data,  it  is  assumed  that,  in  the  future  passes, 
the  satellite  signal  is  acquired  with  no  problem  by  both  ground  stations. 
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After  the  second  satellite  pass  over  Alcantara  the  first  orbit  determination  is  planned  to 
be  performed.  The  obtained  results  will  be  used  in  the  generation  of  the  pass  prediction 
data  set  for  tracking  the  third  orbit.  Redundant  set  of  pass  prediction  will  also  be 
computed  from  the  initial  conditions  used  to  track  the  previous  pass. 

In  the  third  orbit,  as  seen  before,  the  satellite  begins  a sequence  of  eight  consecutive 
passes  over  Cuiabd.  One  quick  look  orbit  determination  after  each  pass  is  planned  to  be 
performed  until  the  end  of  the  first  cycle  of  visible  passes  over  Cuiabd.  Each  orbit 
determination  will  be  generated  from  the  entire  set  of  ranging  data  available  until  the 
corresponding  current  time.  At  the  end  of  the  first  cycle  of  consecutive  passes  over 
Cuiabd,  the  (hopely)  convergent  orbit  determination  results  should,  nominally,  be  accurate 
enough  in  order  to  allow  the  generation  of  one-day  pass  prediction  data  set.  Therefore, 
after  the  eighth  orbit  only  one  orbit  determination  will  be  performed  daily.  After  the  first 
week  since  orbit  injection,  a weekly  routine  will  be  adopted.  At  this  time,  in  the  nominal 
situation,  the  accuracy  of  the  pass  predictions  should  be  good  enough  to  allow  the  satellite 
tracking  during  the  next  three  weeks,  with  no  satellite  signal  acquisition  problem.  From 
this  time  on  a weekly  routine  will  then  be  adopted  for  orbit  determination  operations. 

The  SCD2  attitude  determination  process  is  similar  to  the  SCD1  one7.  It  is  needed  not 
only  to  monitor  and  control  the  spin-axis  attitude.  For  this  satellite  also  needed  is  to 
compute,  and  include  in  the  pass  predictions,  the  information  concerning  the  instant  when 
the  aspect  angle  will  cross  90°,  during  each  predicted  pass.  When  this  occurs,  as  explained 
in  a previous  section,  the  ground  station  antenna  polarization  shall  be  automatically 
commuted.  In  the  initial  orbits,  one  preliminary  attitude  determination  is  expected  to 
be  performed  after  each  satellite  pass  over  the  ground  stations.  The  preliminary  attitude 
determination  process,  consists  of  the  estimation  of  the  satellite  angular  velocity  vector,  co, 
from  the  entire  amount  of  the  telemetry  data  which  has  been  collected  during  one  single 
satellite  pass.  In  other  words,  after  each  pass  the  attitude  TM  data,  which  has  been  just 
gathered  in  the  finished  pass,  is  used  to  compute  an  updated  estimation  of  co  through  the 
execution  of  the  preliminary  attitude  determination  process.  This  estimate  will  be  used, 
together  with  the  orbit  determination  results,  in  the  computation  of  the  next  pass 
prediction  set  to  be  sent  to  the  ground  stations.  The  first  fine  attitude  determination  will 
be  performed  only  one  week  after  the  injection.  This  process  consists  of  the  computation 
of  an  improved  estimate  of  co  and  the  estimates  of  the  dynamical  parameters  Mre  (residual 
magnetic  moment)  and  p (eddy  current  parameter)  by  using  as  observations  the  pre- 
estimates of  the  satellite  angular  velocity  computed  by  the  previous  preliminary  attitude 
determination.  The  estimates  of  Mn  and  p are  used  in  the  attitude  propagation  process  in 
order  to  improve  the  long  term  prediction  accuracy.  After  the  execution  of  the  first  fine 
attitude  determination,  this  process  and  the  preliminary  one  will  follow  a weekly  execution 
routine. 

Once  the  Pegasus  launcher  has  maneuver  capability,  which  allows  the  insertion  of  the 
satellite  in  the  required  attitude  then,  in  the  nominal  case,  no  spin-axis  maneuver  execution 
will  be  needed  during  LEOP.  The  first  spin-axis  attitude  maneuver  is,  as  mentioned  before. 
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to  be  executed  only  when  the  error  limit  of  the  alignment  angle,  (p , is  attained  the  first 
time,  during  the  routine  phase. 

CONCLUSIONS 

The  SCD2  satellite  shows  some  important  differences  when  compared  with  SCD1 
satellite.  These  differences  imposed  more  stringent  restrictions  to  the  satellite  attitude 
control.  With  the  aim  of  satisfying  the  new  spin-axis  attitude  alignment  accuracy,  a new 
software  was  developed,  which  implements  a rather  sophisticated  attitude  control 
algorithm.  Besides,  the  significant  reduction  of  the  spin-axis  attitude  variation  range 
imposed  the  need  of  having  a higher  rate  of  maneuver  executions  for  the  SCD2.  In  order 
to  reduce  the  gyroscopic  stiffness  of  the  spin-axis  to  attitude  changes,  therefore  reducing 
the  maneuver  duration,  a lower  nominal  spin-rate  value  of  about  34  ± 2 rpm  has  been 
adopted.  In  addition,  to  avoid  that  the  spin  rate  decreases  to  excessively  small  values, 
which  can  imply  losing  the  satellite  attitude  stabilization,  an  autonomous  spin-rate  control 
system  has  been  added  to  the  satellite  hardware. 

Hence,  it  is  foreseen  that  the  SCD2  operation  will  add  to  INPE’s  flight  dynamics 
crew  an  extra  gain  of  skillness  towards  an  economical  and  functional  magnetic  attitude 
control  of  spin  stabilized  satellites. 
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ABSTRACT 


Teleoperator  control  mode  (Russian  acronym  is  TORU)  was  developed  to 
enhance  reliability  of  docking  operations  of  the  Progress  transport  cargo  and 
the  Mir  orbital  complex.  In  the  cases  of  automatic  mode  failure  while  docking 
an  operator  can  take  up  the  motion  control  function  and  finish  the  docking 
manually.  This  operator  may  be  either  a member  of  the  orbital  station  crew  or 
a ground  controller.  Pros  and  cons  of  TORU  mode  are  considered  in  this 
paper.  Its  advantages  over  other  methods  of  docking  reliability  increasing  are 
discussed. 

The  final  result  of  TORU  mode  usage  mostly  depends  on  correct  planning  of 
the  docking  operation.  To  take  into  account  all  the  specific  conditions, 
limitations  and  requirements  is  very  important.  This  paper  presents  the  basic 
principles  of  consideration  TORU  features  during  mission  planning,  which  can 
be  recommended  for  transport  operations  in  the  International  Space  Station 
(ISS)  program. 

For  the  first  time  TORU  mode  was  tested  in  1993  while  Progress  M-15  and 
Progress  M-16  missions.  Since  then  this  method  was  repeatedly  checked  in 
flight  and  was  adopted  as  alternate  nominal  mode.  The  experience  of  docking 
operations  of  the  Progress  vehicles  in  the  Mir  station  program  is  analyzed  in 
this  paper.  The  real  facts  from  the  Progress  vehicles  planning  practice  are 
given. 

TORU  mode  has  attracted  considerable  attention  on  the  25th  of  June  1997 
when  the  collision  between  Progress  vehicle  and  the  Mir  orbital  complex 
occurred.  This  paper  presents  short  analysis  of  that  off-nominal  situation 
together  with  the  demonstration  of  computer  animation  of  mutual  vehicle  and 
station  motion. 
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The  Mars  Global  Surveyor  (MGS)  spacecraft  was  successfully  inserted  into  an 
elliptical  orbit  around  Mars  on  9/12/97,  01:53:49  UTC.  This  orbit  was  near 
polar  (inclination=93.26  deg)  with  an  orbital  period  of  44.993  hours  and 
apoapsis  and  periapsis  altitudes  of  54,025.9  km  and  262.9  km  respectively.  After 
a short  aerobraking  (AB)  initiation  interval  (9/12/97  to  10/2/97),  the  main  phase 
of  AB  or  orbit  period  reduction  was  established.  However  shortly  thereafter,  a 
significant  problem  with  the  minus-Y  axis  solar  array  developed  which 
necessitated  a temporary  suspension  of  AB.  Ultimately,  this  forced  the  Project  to 
abandon  the  original  plan  to  complete  AB  on  1/18/98  and  establish  the  mapping 
orbit  on  3/15/98. 

The  revised  plan  called  for  a reduced  level  of  AB,  thus  subjecting  the  solar  array 
and  yoke  assembly  to  less  aerodynamic  stress.  After  201  orbits  and  196  days 
after  MOI,  the  first  phase  of  AB  has  ended;  the  orbital  period  was  11.64  hours 
with  apoapsis  and  periapsis  altitudes  of  17,870.3  and  170.7  km  respectively.  At 
present,  MGS  is  in  a science  phasing  orbit  (SPO)  and  shall  acquire  science  data 
from  3/28/98  to  9/1 1/98.  Thereafter  the  second  phase  of  AB  shall  begin  and  is 
expected  to  end  during  Feb  1999  when  the  orbital  period  shall  be  1.9  hours  and 
the  orbit’s  descending  node  shall  be  at  the  2:00  am  (local  mean  solar  time) 
orientation. 

MARS  ORBIT  INSERTION  AND  CAPTURE  ORBIT  ACCURACY 

The  Mars  Global  Surveyor  (MGS)  spacecraft  was  successfully  inserted  into  an 
elliptical  orbit  around  Mars  on  9/12/97,  01:53:49  UTC.  This  was  accomplished  by  accurate 
orbit  determination  establishing  the  Mars  approach  trajectory  and  precise  control  of  the 
spacecraft  during  the  main-engine,  Mars  orbit  insertion  (MOI)  bum.  The  velocity-change 
specified  by  the  Navigation  Team  was  accomplished  as  a “pitch-over”  maneuver.  Thus,  the 
thrust  vector  was  directed  along  the  spacecraft’s  anti-velocity  vector  throughout  the  bum.  A 
pitch-rate  of  1.21  deg/min  was  specified  for  the  bum  duration  resulting  in  a 27.5  deg  bum, 
angular  arc  centered  on  periapsis.  This  procedure  was  adopted  in  order  to  improve  the 
efficiency  of  this  maneuver.  It  saved  the  equivalent  of  20  m/s  in  propellant  as  compared  to 
an  inertially-fixed  attitude.  The  implementation  of  the  MOI  bum  involved  a 20  sec  ullage 
bum  using  a series  of  eight  small  thrusters,  with  an  effective  thrust  of  31.1  N,  followed  by 
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a 1339.7  sec  firing  of  the  main  engine,  with  an  effective  thrust  of  655.3  N.  The  braking 
velocity-change  was  973.0  m/sec.  Both  targeted  and  achieved  capture  orbital  elements  are 
specified  in  Table  1 . This  paper  provides  a continuation  of  the  state  of  navigation  activities; 
interplanetary  phase  results  were  presented  in  Ref.  1. 

Table  1 

MGS  MARS  ORBIT  INSERTION  RESULTS 

Orbit  Element  Target  Value  Achieved  Value 

Period,  hours  45.0  44.993 

Periapsis  altitude,  km  250.0  262.9 

Inclination,  deg  93.3  93.258 


AEROBRAKING  INITIALIZATION 

With  the  capture  orbit  established,  we  now  initialized  aerobraking  by  gently 
stepping  into  the  atmosphere,  by  lowering  the  periapsis  altitude,  by  a series  of  small 
propulsive  maneuvers  executed  at  apoapsis.  Our  orbit  numbering  procedure  identified  the 
first  periapsis  which  occurred  during  the  MOI  maneuver  as  PI.  Thus,  orbit  one  started  at 
PI,  goes  through  the  first  apoapsis,  Al,  and  ends  at  the  second  periapsis,  P2.  A series  of 
six  AB  initialization  maneuvers  occurred  as  shown  in  Table  2.  Given  are  the  velocity- 
change  magnitude  for  each  maneuver,  the  resulting  periapsis  altitude  and  an  estimate  of  the 
atmospheric  density  and  dynamic  pressure  at  the  altitude  shown.  The  densities  were 
derived  from  an  analysis  of  approximately  one  orbit  of  two-way,  coherent  doppler  data. 
This  completed  the  initialization  or  walk-in  phase;  the  next  AB  phase,  called  the  main 
phase,  was  defined  by  a dynamic  pressure  corridor  with  upper  and  lower  limits  being  0.68 
N/m2  and  0.58  N/m2  respectively.  The  upper  limit  provided  for  adequate  orbit  period 
reduction  and  safety  against  aerodynamic  heating  of  critical  spacecraft  components.  The 
lower  limit  insured  a minimum  level  of  orbit  period  reduction.  Ref.  2 provides  the  basis  for 
the  AB  design  and  planning  implemented  during  flight  operations. 

Two  basic  requirements  were  levied  on  navigation  to  insure  that  MGS  was  in  the 
correct  attitude  throughout  the  drag  pass  and  to  guard  against  unexpected,  intrinsic  density 
variation  from  periapsis  to  periapsis.  These  were  a)  predict  the  time  of  periapsis-passage 
(Tp)  to  within  225  seconds  and  b)  predict  the  altitude  at  periapsis-passage  (hp)  to  within 
1.5  km. 


Table  2 

INITIALIZATION  OF  AEROBRAKING:  THE  WALK-IN  PHASE 


Apoapsis 

Velocity- 

Resultant 

Atmospheric 

and 

Change 

Periapsis 

Density  and  Dynamic 

Walk-in 

Magnitude 

Altitude 

Pressure  at  Periapsis 

Maneuver 

('m/sec') 

(km) 

( kg/km3:  N/m2 ) 

3 AB-1 

4.4 

149.3 

0.36;  0.00  at  P4 

4 AB-2 

0.8 

128.4 

5.61;  0.06  at  P5 

5 AB-3 

0.3 

121.4 

10.7;  0.12  at  P6 

7 AB-4 

0.2 

116.1 

20.1;  0.23  at  P8 

10  AB-5 

0.2 

111.2 

42.2;  0.49  atPll 

11  AB-6 

0.05 

110.5 

45.7;  0.53  at  P12 
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MAIN  PHASE  AEROBRAKING  AND  TEMPORARY  SUSPENSION 


The  main  phase  of  AB  began  with  P12  on  10/2/97.  During  P12  through  PI 5,  the 
orbital  period  decreased  on  average  by  75. 1 min  per  pass  or  from  40.4  hours  to  36.4  hours 
due  to  AB.  However,  during  these  periapses,  a problem  was  detected  with  one  of  the  solar 
arrays;  the  minus- Y axis,  solar  array  was  deflecting  more  than  was  expected  as  MGS  was 
going  through  periapsis-passage.  During  this  time,  the  plus-Y  axis,  solar  array  behaved 
normally.  In  order  to  proceed  prudently,  the  Project  decided  to  reduce  the  AB  induced 
pressure  on  the  solar  array  and  thus  the  periapsis  altitude  was  increased  by  1 1.0'  km  with  a 
maneuver  at  A15.  During  PI 6 through  PI 8,  the  solar  array  problem  persisted  and  a 
decision  was  made  to  raise  the  periapsis  altitude  out  of  the  atmosphere.  On  A 18,  this 
maneuver  was  performed  which  increased  the  altitude  to  171.7  km  at  the  following 
periapsis.  MGS  remained  in  this  “hiatus  orbit”  for  seventeen  orbits  (PI 9 through  P36). 
Mean  atmospheric  densities  were  determined  for  each  of  these  using  doppler  data  and 
analysis  to  be  described  in  the  next  section.  After  considerable  analysis  and  review  of 
engineering  and  science  data  and  solar  panel  ground  tests  (Ref.  3),  AB  was  resumed  with 
maneuver  ABM-3  on  1 1/7/97.  However,  the  intensity  of  AB  was  reduced  to  a safer  level; 
the  new  dynamic  pressure  corridor  was  0. 15  to  0.25  N/m2. 

Table  3 

ABMs  EXECUTED  TO  ESTABLISH  THE  “HIATUS  ORBIT” 


Apoapsis 

Velocity- 

Resultant 

Atmospheric 

and  ABM 

Change 

Periapsis 

Density  and  Dynamic 

Magnitude 

Altitude 

Pressure  at  Periapsis 

(m/sec) 

nan) 

fks/km3:  N/m2 ) 

15  ABM-1 

0.5 

121.0 

17.8;  0.20  at  P16 

18  ABM-2 

2.3 

171.7 

0.04;  0.00  at  P19 

WALK-IN  AND  RE-ESTABLISH  THE  MAIN  PHASE  OF  AEROBRAKING 

A second  walk-in  strategy  was  executed  similarly  to  the  first  walk-in  procedure;  that 
is,  by  slowly  reducing  the  altitude  at  periapsis  by  ABMs  and  assessing  the  atmospheric 
density.  Once  the  safety  of  the  spacecraft  was  assured,  another  ABM  was  executed 
decreasing  the  periapsis  altitude.  This  continued  until  a steady  level  of  period  reduction  (or 
the  dynamic  pressure  was  within  the  new  corridor ) was  achieved  while  maintaining  safety 
margins  for  any  stress  exerted  on  the  solar  array  and  yoke  assembly. 

Orbit  Analysis  Strategy 

From  MOI  until  the  end  of  phase  1 AB,  orbit  determination  was  performed  every 
orbit  by  analysis  primarily  of  two-way,  coherent  doppler  and  on  occasion  using  one-way 
doppler  ( spacecraft  to  station  doppler-shift  using  the  ultra-stable  oscillator  on  the  spacecraft 
as  the  frequency  reference).  This  was  done  to  a)  determine  the  atmospheric  density  at 
periapsis,  b)  establish  a density  database  for  trending  and  prediction,  c)  provide  the 
spacecraft  team  with  orbital  predictions  within  the  previously  stated  requirements,  d) 
provide  the  science  teams  reconstructed  and  predicted  orbital  information  for  planning  and 
analysis  and  e)  provide  the  DSN  with  tracking  station  angular  and  doppler-shift 
predictions.  The  data  acquisition  strategy  was  to  acquire  a little  over  one  orbit  of  doppler 
measurements  extending  2-5  hours  past  periapsis-passage.  Because  of  the  spacecraft’s 
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attitude  during  the  drag  pass  and  the  geocentric  occultation,  no  tracking  data  were  acquired 
within  approximately  one  hour  centered  on  periapsis-passage.  Range  data  were  acquired 
occasionally  but  for  Mars  ephemeris  refinement  rather  than  for  orbit  determination. 

A fiftieth  order  and  degree  Mars  gravity  field  model  was  used  as  the  baseline  model 
in  this  analysis  and  is  described  in  Ref.  4.  Initial  estimates  of  Mars  atmospheric  density 
were  determined  from  the  Mars-GRAM  (MG)  program  (Ref.  5).  This  density  information 
was  converted  to  a static,  exponential  density  model  with  three  input  parameters:  the  base 
density  at  the  base  altitude  and  the  density  scale  height.  Note  that  other  perturbations 
occurred  throughout  periapsis-passage,  notably  spacecraft  thrusting  in  order  to  maintain 
spacecraft  attitude.  Thrusting  usually  started  5-7  minutes  after  periapsis  and  lasted 
intermittently  for  about  5 minutes.  This  effect  was  modeled  initially  in  our  software  from 
telemetry  information  provided  by  the  spacecraft  team.  The  effective  velocity  perturbation 
due  to  thrusting,  usually  1-10  mm/sec,  was  small  compared  to  that  due  to  the  integrated 
drag  effect,  approximately  1 m/sec  (excluding  the  hiatus  orbits). 

In  a representative  analysis,  doppler  data  were  sampled  at  sixty  second  intervals. 
Post-fit  doppler  residuals  generally  have  a standard  deviation  of  2.9  mHz  (X-band)  or 
0.051  mm/sec  in  range-rate. 

Atmospheric  Density  Determination  and  Orbit  Period  Reduction 

The  acceleration  due  to  atmospheric  drag  was  modeled  in  the  navigation  software  as 


r 


vr 

m 


with  an  exponential  density  model 


P = 


Poe 


-( h-h0)!H 


(1) 


(2) 


In  these  equations,  Cd  is  the  drag  coefficient  (=  1.89  initially  and  1.99  after  PI 3),  A the 
effective,  cross-sectional  area  of  the  spacecraft  (=  17.02  m2),  m the  mass  (=  767.8  kg  after 

MOI  to  760.4  kg  after  A201),  p(h)  is  the  density  at  altitude  h and  vr  is  the  spacecraft’s 
velocity  relative  to  the  atmosphere  (with  the  circumflex  denoting  a unit  vector).  The  base 
density  and  base  altitude  are  given  by  p0  and  h0  with  H being  the  density  scale  height.  Note 

that  the  dynamic  pressure  is  defined  as  pvr2/2  as  in  Eq.  1 . An  estimate  of  the  orbit  period 
change  per  periapsis  passage  is  given  by  (Ref.  6) 


AP  = -6/r(^— — 

2 m H 

where  pp  is  the  density  at  periapsis,  a and  e are  the  orbit’s  semi-major  axis  and  eccentricity 

and  |l  is  Mars’  gravitational  constant  (=  42,828.3  km3/sec2).  It  is  clear  from  Eq.  3 that  the 
periapsis  density  and  scale  height  will  be  highly  correlated  if  one  attempts  to  solve  for  both 
parameters  from  a single  orbit  of  data  under  the  data  acquisition  condition  mentioned 
previously.  Also  note  that  for  the  same  density,  significantly  larger  period  reduction  shall 
occur  early  in  AB  because  of  the  dependence  on  the  square  of  the  semi-major  axis. 


q + e)3 

|_e(l  - e)\ 


(3) 
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For  every  orbit,  the  base  density  was  estimated,  holding  the  scale  height  constant, 
along  with  other  relevant  parameters.  Based  upon  the  Viking  mission  results  (Ref.  7)  and  a 
cooperative  collaboration  with  the  MGS  accelerometer  experiment  team  (Ref.  8),  we  used 
an  average  scale  height  of  6. 0-7.0  km  throughout  much  of  our  analysis.  This  was  the  basis 
for  the  determination  of  the  densities  and  dynamic  pressures  given  in  Tables  2-5  and 
Figures  1 and  2.  The  single  density  near  150  km  was  evaluated  during  the  initial  walk-in 
and  the  smaller  densities  were  determined  during  the  hiatus  orbits  and  several  orbits  in  the 
SPO  phase.  A mean  scale  height  of  9.0  km  was  deduced  over  the  altitude  range  given  in 
Figure  2. 

The  orbit  period  reduction  due  to  AB  is  summarized  in  Figure  3.  Clearly  shown  is 
the  initial  steep  rate  of  period  reduction,  the  suspension  of  AB  and  the  re-initialization  of 
AB  at  a reduced  level.  Figure  4 shows  the  period  change  per  orbit.  The  largest  period 
change  per  orbit,  -93.9  min,  occurred  during  P15  when  the  density  was  78.3  kg/km3 
corresponding  to  a dynamic  pressure  of  0.90  N/m2.  Note  that  this  figure  was  truncated  at 
minus  30  min  period  change  in  order  to  clearly  resolve  smaller  changes.  From  P8  to  PI 5, 
seven  orbits  had  period  reductions  greater  than  30  minutes. 


Periapsis  Number 

Figure  1 Atmospheric  Density  At  Periapsis  Evaluated  At  The  Altitudes  Shown 
Throughout  AB  Phase  1 . 
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Osculating  Period  at  Apoapsis,  hr  Atmospheric  Density,  1 0'9  kg/m' 
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Figure  2 Atmospheric  Density  At  Periapsis  From  MOI  To  SPO. 
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Figure  3 Overview  Of  Period  Reduction  With  Corresponding  Periapsis  Altitudes. 
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Figure  4 Period  Changes  Per  Orbit  During  AB. 


ABMs  - Adjusting  the  Altitude  At  Periapsis-Passage  For  Corridor  Control 

During  the  main  phase  of  the  revised  AB  plan,  the  near  term  objective  was  to 
achieve  an  1 1.64  hour  orbit  period  by  3/22/98  but  no  later  than  4/22/98  near  the  start  of  the 
solar  conjunction  phase  of  the  mission.  While  this  provided  substantial  time  margin  for 
achieving  the  objective,  an  early  termination  of  AB  was  desirable.  This  would  allow  more 
science  data  acquisition  in  the  SPO  prior  to  solar  conjunction  which  shall  occur  on  5/13/98. 

In  principle,  the  plan  was  straightforward.  Stay  within  the  dynamic  pressure 
corridor,  achieve  the  expected  level  of  orbit  period  reduction  and  terminate  AB  as 
scheduled.  In  practice,  difficulties  arose  because  of  the  uncertainty  in  predicting  the 
atmospheric  density  throughout  the  drag  pass  even  one  orbit  into  the  future. 

Assembled  in  Table  4 are  all  of  the  AB  propulsive  maneuvers  (ABMs)  necessary 
for  MGS  to  remain  within  the  dynamic  pressure  (or  density  or  periapsis  altitude)  corridor 
established  in  the  overall  plan.  For  the  most  part,  third  body  perturbations  due  to  the  Sun 
and  Mars’  gravity  field  tended  to  increase  hp.  As  the  density  decreased,  period  reduction 
would  be  reduced  beyond  the  lower  limit  necessary  to  keep  AB  on  schedule.  Thus,  a 
“down”  ABM  would  be  executed.  Some  ABMs  were  executed  to  increase  hp  (an  “up” 
ABM)  either  as  a response  to  a)  the  Noachis  regional  dust  storm  (centered  approximately  at 
0 deg  longitude  and  40  deg  south  latitude)  on  A5 1 and  b)  approaching  or  exceeding  the 
upper  limit  of  the  corridor  thereby  threatening  the  already  weakened  solar  array  assembly. 
In  this  table,  “up”  ABMs  are  indicated  with  an  asterisk  and  “+”  signs  mean  the  ABM  was 
executed  several  hours  after  apoapsis 
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Table  4 


ABMs  FOR  WALK-IN  AND  MAIN  PHASE  AEROBRAKING 


Apoapsis 

and 

ABM 

Velocity- 

Change 

Magnitude 

('m/sec') 

Resultant 

Periapsis 

Altitude 

(km) 

Atmospheric 
Density  and  Dynamic 
Pressure  at  Periapsis 
(ks/krn3 : N/m2 ) 

36 

ABM-3 

1.9 

134.8 

2.25;  0.03  at  P37 

37 

ABM-4 

0.3 

128.6 

4.41 

0.05  at  P38 

39 

ABM-5 

0.2 

124.2 

— 

39 

ABM-6+ 

0.2 

120.2 

— 

39 

ABM-7+ 

0.5  * 

124.2 

12.1 

0.14  at  P40 

41 

ABM-8 

0.2 

120.5 

22.4 

0.26  at  P42 

49 

ABM-9 

0.1 

123.5 

12.2 

0.14  at  P50 

51 

ABM- 10 

0.1  * 

— 

— 

51 

ABM- 11+ 

0.25  * 

131.7 

5.40 

0.06  at  P52 

56 

ABM- 12 

0.1 

131.8 

15.7 

0.18  at  P57 

59 

ABM-13 

0.2 

130.0 

12.9 

0.15  at  P60 

61 

ABM-14 

0.2 

127.1 

13.8 

0.16  at  P62 

64 

ABM- 15 

0.1 

126.9 

12.5 

0.14  at  P65 

66 

ABM- 16 

0.1 

125.7 

15.6 

0.18  at  P67 

67 

ABM- 17 

0.1 

124.8 

17.9 

0.20  at  P68 

70 

ABM-18 

0.2 

122.4 

20.6 

0.23  at  P71 

76 

ABM-19 

0.1 

123.9 

17.2 

0.19  at  P77 

78 

ABM-20 

0.1 

123.4 

20.6 

0.23  at  P79 

80 

ABM-21 

0.1 

122.1 

23.5 

0.26  at  P81 

82 

ABM-22 

0.1 

120.8 

27.3 

0.31  at  P83 

89 

ABM-23 

0.17 

120.9 

20.2 

0.23  at  P90 

96 

ABM-24 

0.11 

121.3 

24.4 

0.27  at  P97 

99 

ABM-25 

0.11 

121.2 

19.9 

0.22  atPlOO 

101 

ABM-26 

0.12 

120.4 

24.5 

0.27  at  P102 

106 

ABM-27 

0.18 

121.7 

23.3 

0.26  at  P107 

107 

ABM-28 

0.18 

120.1 

20.8 

0.23  at  P108 

114 

ABM-29 

0.12 

121.0 

16.2 

0.18  at  PI  15 

116 

ABM-30 

0.06 

120.6 

13.0 

0.14  at  PI  17 

118 

ABM-31 

0.13 

120.0 

16.7 

0.18  at  PI  19 

120 

ABM-32 

0.07 

119.4 

12.3 

0.14  at  P121 

122 

ABM-33 

0.13 

118.6 

14.8 

0.16  at  P123 

123 

ABM-34 

0.13 

116.9 

28.7 

0.32  at  P124 

130 

ABM-35 

0.13 

117.3 

20.1 

0.22  at  P131 

136 

ABM-36 

0.13 

119.0 

15.8 

0.17  at  P137 

138 

ABM-37 

0.23 

117.4 

18.2 

0.20  at  PI 39 

140 

ABM-38 

0.15 

116.1 

37.4 

0.41  at  P141 

141 

ABM-39 

0.15  * 

118.4 

19.2 

0.21  at  P 142 

145 

ABM-40 

0.15 

116.8 

21.4 

0.23  at  P146 

154 

ABM-41 

0.15 

116.7 

24.8 

0.27  at  P155 

155 

ABM-42 

0.08 

116.2 

16.7 

0.18  at  P156 

159 

ABM-43 

0.09  * 

117.5 

31.4 

0.34  at  P160 

160 

ABM-44 

0.17  * 

119.4 

14.0 

0.15  at  P161 

165 

ABM-45 

0.09 

120.2 

14.3 

0.15  at  P166 

169 

ABM-46 

0.17 

118.0 

13.7 

0.15  at  P170 

171 

ABM-47 

0.17 

117.1 

14.6 

0.16  at  P172 

173 

ABM-48 

0.09 

117.0 

18.8 

0.20  at  P174 
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Atmospheric  Density  Prediction  Using  the  Mars-GRAM  Model 

The  Navigation  Team  used  the  exponential  model  as  the  basis  for  the  estimation  of 
the  base  density  from  doppler  data  analysis.  Since  the  base  altitude  was  always  chosen  to 
be  close  to  the  actual  periapsis  altitude,  this  density  was  essentially  a periapsis  density. 
However  for  predicting  densities  for  future  periapsis-passages,  we  used  the  Mars-GRAM 
(MG)  model.  One  significant  correction  was  made  to  Mars-GRAM  based  predictions. 
Based  on  our  estimate  of  density  for  past  orbits,  we  trended  the  density  and  the  following 
ratio  was  calculated: 

f = Navigation  determined  density  / MG  predicted  density.  (4) 

From  successive  orbits,  a three  orbit,  running  mean,  f-ratio  was  calculated.  Thus  the 
density  used  in  the  numerical  integration  of  the  drag  equations  of  motion  (Eq.  1)  was 
adjusted  as  follows: 

density(updated)  = f * density(MG)  (5) 

thus  providing  a more  accurate  density  for  future  predictions.  Initially,  the  MG  model  was 
under-estimating  the  density  (the  average  value  for  f was  1.21  for  P78  to  P103).  After 
PI 04,  the  MG  input  climate  factors  were  updated  to  account  for  actual  observations  made 
over  the  previous  orbits.  Initially,  the  density  predictions  were  reasonably  accurate. 
However,  thereafter  the  average  f-value  was  0.73  from  Pill  toP178  indicating  that  the 
model  was  over-estimating  the  atmospheric  density.  Figure  5 summarizes  these  results. 


Periapsis  Number 

Figure  5 Atmospheric  Density  Ratio  Used  To  Evaluate  MG  Model  Predictions, 
Trend  The  Density  And  Generate  A Three-Orbit  Running  Mean  f-Ratio. 
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When  this  density  ratio  was  plotted  against  the  east  longitude  of  the  periapsis- 
passage  location,  a periodic  trend  was  evident  and  unexpected.  As  shown  in  Figure  6, 
peaks  occurred  near  90  deg  and  270  deg  east  longitude.  We  believe  these  are  partially 
associated  with  the  gross  topography  of  Mars  which  also  exhibits  highs  near  these 
longitudes.  This  longitude  dependence  became  an  important  tool  for  predicting  densities, 
thus  providing  more  accurate  predictions  over  several  orbits. 


East  Longitude  (deg) 

Figure  6 Periodic  Trend  Evident  In  The  Density  Ratio  When  Plotted  As  A 
Function  Of  The  Longitude  Of  The  Periapsis-Passage  Location. 


TERMINATION  OF  PHASE  1 AEROBRAKING 

The  objective  of  the  exit  ABM  was  to  establish  the  SPO  with  a)  an  orbital  period  of 
1 1 hr  38  min  30  sec  (=  1 1.642  hours,  osculating  period  at  apoapsis)  with  a tolerance  of  1 
min  30  sec  and  b)  a periapsis  altitude  of  170.0  km  with  a tolerance  of  3.0  km.  This 
maneuver  was  nominally  targeted  for  A 199  and  once  designed  could  not  be  updated.  This 
period  was  selected  in  order  to  avoid  ground  track  repeat  patterns  at  nearby  periods  of 
1 1.664  hours  and  1 1.588  hours.  Criteria  for  the  selection  of  the  periapsis  altitude  included 
a)  consensus  input  by  the  scientists  for  optimal  observations,  b)  be  outside  the  atmosphere 
to  avoid  or  minimize  drag  perturbations,  and  c)  minimize  the  propellant  required  to  reach 
this  altitude.  Due  to  fluctuations  in  the  atmospheric  density  from  periapsis  to  periapsis  and 
the  necessity  of  executing  the  final  maneuver  at  a precise  orbital  period,  a “walk-out”  of  the 
atmosphere  was  executed  as  shown  in  Table  5.  This  resulted  in  the  exit  ABM  being 
executed  at  A201  instead  of  A 199.  In  addition  to  increasing  hp,  this  maneuver  also 
increased  the  orbit  period  by  1.9  min  as  shown  in  Figure  4.  Targeted  and  achieved  SPO 
elements  are  given  in  Table  6. 
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Table  5 


WALK  OUT  ABMs  EXECUTED  TO  END 

AEROBRAKING 

Apoapsis 

Velocity- 

Resultant 

Atmospheric 

and  ABM 

Change 

Periapsis 

Density  and  Dynamic 

Magnitude 

Altitude 

Pressure  at  Periapsis 

fm/sec) 

('km') 

ike/km3;  N/m2 ) 

191 

ABM-49 

0.09 

118.0 

22.4;  0.24  atP192 

193 

ABM-50  + 

0.17 

119.8 

14.8;  0.16  at  P194 

194 

ABM-51 

0.33 

123.4 

9.5;  0.10  at  P195 

201 

ABM-52 

4.43 

170.7 

0.08;  0.00  at  P202 

Table  6 

SCIENCE  PHASING  ORBIT  TARGETING  RESULTS 


Orbit  Element 


Target  Value 
For  A199  ABM 


Target  Value 
For  A201  ABM 


Achieved  Value 


Period,  hr :min: sec  11:38:30  11:38:24 

Periapsis  altitude,  170.0  170.58 


11:38:38 

170.7 


km 

NAVIGATION  CAPABILITY  COMPARED  TO  REQUIREMENTS 


Navigation  easily  satisfied  the  two  major  requirements  (predict  Tp  < 225  sec  and 
predict  hp  < 1.5  km)  for  all  orbits  from  MOI  to  the  end  of  AB.  This  was  monitored  by 

accurately  determining  or  reconstructing  the  Tp  (accuracy  <0.1  sec)  for  each  of  the  201 
orbits  by  the  doppler  analysis  strategy  previously  mentioned.  For  each  analysis,  at  least 
five  predicted  orbits  were  generated.  Differences,  such  as  Tp(reconstructed  for  orbit  n) 
minus  Tp(reconstructed  for  orbit  n-1  but  predicted  one  orbit  ahead  to  orbit  n),  were  plotted 
as  shown  in  Figure  7.  Almost  all  these  differences  are  less  than  2 sec  with  a few  as  high  as 
4-6  sec.  As  the  period  reduction  became  smaller,  the  predicted  Tp  accuracy 
correspondingly  improved.  A similar  analysis  was  made  for  hp  with  the  results  given  in 
Figure  8.  All  of  the  single  orbit  predictions  are  within  0.1  km  of  the  known  or 
reconstructed  altitudes  at  periapsis-passage.  For  two  orbit  predictions,  the  Tp  accuracy  was 

within  ±500  seconds  (except  for  five  predictions)  for  orbits  1 through  100  and  within  +200 
seconds  (except  for  three  predictions)  for  orbits  after  100.  The  hp  accuracy  was  within 
±0.1  km  for  all  two-orbit  predictions.  Note  that  over  this  time  interval,  the  latitude  of 
periapsis-passage  varied  from  32.1  deg  to  61.0  deg  North  and  the  orbit  period  was  reduced 
from  45.0  to  1 1.64  hours. 


1021 


Altitude  Difference,  km  T Difference,  sec 


Figure  7 Accuracy  Of  Tp  Predictions  When  Predicting  One  Orbit  Ahead. 
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Figure  8 Accuracy  Of  The  Periapsis  Altitude,  hp.  Predictions  When  Predicting 
One  Orbit  Ahead. 
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MARTIAN  ELLIPTIC  BALANCED  SATELLITE  ORBITS 

Viktor  W.  Kudielka* 

Highly  inclined  and  highly  elliptic  orbits  around  an  oblate  planet  are  sub- 
ject to  third  body  perturbations,  and  especially  the  eccentricity  may  vary 
dramatically,  owing  to  resonances  of  apsidal  and  nodal  motion.  There  exist 
only  a few  special  orbits,  where  the  perturbations  due  to  the  oblateness  of 
the  central  body  and  the  perturbations  by  the  third  body  cancel  out.  For 
these  “balanced”  orbits,  five  Kepler  elements  (longitude  of  node,  argument 
of  periapsis,  inclination,  semi-major  axis  and  eccentricity)  remain  constant 
in  the  long  term,  only  small  fluctuations  occur  with  double  the  period  of 
the  disturbing  body. 

A first  feasibility  study  for  a Mars  mission  in  a “balanced”  orbit  is  pre- 
sented. Compatibility  with  mission  objectives  and  spacecraft  configuration 
is  discussed.  A major  problem  is  to  find  a transfer  strategy  and  date,  where 
the  propulsion  requirements  are  near  the  theoretical  minimum. 

INTRODUCTION 

Preliminary  plans  for  a first  planetary  mission  have  been  made  by  the  radio  amateur 
satellite  community  (Ref.  6).  In  order  not  to  interfere  with  the  ongoing  research  on  the 
planetary  surface,  the  target  orbit  around  Mars  should  be  selected  with  the  goal  of  avoiding 
an  entry  in  the  atmosphere  or  an  impact  on  the  planet  or  on  the  moons  for  a long  time 
(decades,  centuries).  Due  to  the  restricted  propellant  mass,  only  a highly  elliptic  orbit  can 
be  considered. 

Taking  into  account  the  second  zonal  harmonic  of  the  planetary  gravitational  field  and 
the  major  third  body  perturbation  (in  the  case  of  Mars  it  is  the  Sun  only),  we  find  for 
planets  with  moderate  inclinations  of  the  plane  of  the  third  body  versus  the  equator  plane 
- like  Earth  or  Mars  - in  two  plaens  elliptic  orbits  which  are  in  an  equilibrium.  For  the 
plane  orthogonal  to  the  direction  of  equinox,  the  solutions  are  somewhat  hidden  in  results 
obtained  by  direct  integration  of  the  perturbation  equations  (Ref.  5).  The  other  plane  is 
aligned  with  the  direction  of  equinox  and  has  also  a high  inclination,  which  depends  on 
the  inclination  of  the  third  body  only.  These  solutions  have  been  found  by  an  analytical 
perturbation  model  proposed  by  G.E.  Cook  (Ref.  1)  and  finished  by  the  author  (Ref.  3,4). 
The  orbits  have  been  named  “balanced”,  since  it  was  not  a priori  obvious,  that  they  are 
stable.  They  originate  at  the  borders  of  stability  of  circular  orbits  (Ref.  7). 

"Retired  from  IBM  Vienna  Software  Development  Laboratory.  Member  of  AMSAT-NA/DL/TJK. 
E-mail:  oelvkw@oelxtu.ampr.org 
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This  paper  describes  the  potential  target  orbits  in  some  detail  and  discusses  possibilities 
of  reaching  these  orbits. 

BALANCED  ELLIPTIC  ORBITS  AROUND  AN  OBLATE  PLANET 
WITH  THIRD  BODY  PERTURBATIONS 


We  define  the  ratio  of  oblateness  and  third  body  perturbations  as  follows: 

7 = c2/c3 

= 2 J2  (nn0/n^)(n/n0)7/3 
= 2 J2  (mc/ rnd)(R/ a)0 (r d/ R)Z 

where 

c-2 

factor  of  oblateness  perturbation 

C.'S 

factor  of  third  body  perturbation 

J2 

2nd  zonal  harmonic  of  central  body 

R 

equatorial  radius  of  central  body 

a 

semi-major  axis  of  satellite  orbit 

n 

angular  mean  motion  of  satellite 

n0 

angular  mean  motion  for  a = R 

nd 

angular  mean  motion  of  third  body 

m.c 

mass  of  central  body 

md 

mass  of  third  body 

rd 

distance  of  third  body  from  central  body. 

For  7 = 4,  which  is  a significant  value  as  we  will  see  later,  the  period  of  a satellite  around 
Mars  is  52.12  hours,  compared  to  19.68  hours  around  the  Earth.  This  is  due  to  the  greater 

J2  of  Mars,  the  greater  distance  from  the  Sun,  and  the  absence  of  a massive  moon,  despite 
the  smaller  mass  of  the  planet.  Here  we  have  neglected  the  influences  of  Phobos  and  Deimos 
altogether. 

Balanced  Elliptic  Orbits  in  the  Plane  Orthogonal  to  the  Direction  of  Equinox 

In  the  plane  orthogonal  to  the  direction  of  equinox,  the  equilibria  for  elliptic  orbits 
(n  = w = i = e = 0)  are  at  u = id  and  = 7 r + id,  with  e = yj 1 — (7/4)2/0.  id  denotes 
the  inclination  of  the  disturbing  third  body,  that  is  the  inclination  of  the  orbital  plane, 
id  = 25.19°  for  Mars.  The  line  of  apsides  lies  in  the  orbital  plane.  The  four  possible  cases 
are  as  follows: 


n 

i 

u 

90° 

O 

O 

25.19°,  205.19° 

270° 

0 

0 

0 

334.81°, 154.81° 

The  following  table  presents  a few  examples  for  these  balanced  orbits,  with  height  of  peri- 
areon,  semi-major  axis,  eccentricity,  orbital  period,  and  the  corresponding  value  of  7. 
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h1M 

km 

sma 

km 

ecc 

period 

hrs 

7 

0250 

157300 

.976812 

526.14 

0.001799 

0500 

147452 

.973568 

477.51 

0.002486 

1000 

131157 

.966472 

400.59 

0.004465 

2000 

107765 

.949915 

298.35 

0.011923 

4000 

080358 

.907945 

192.11 

0.051712 

8000 

055454 

.794472 

110.13 

0.330431 

The  fairly  high  periods  of  100  to  500  hours  are  the  penalty  for  achieving  such  “balanced” 
orbits  around  Mars.  Mission  goals  have  to  be  evaluated  for  a match  with  such  orbits. 

A minor  problem  in  the  selection  of  an  elliptic  orbit  around  Mars  is,  to  avoid  collision 
with  Phobos  and  Deimos  in  the  long  run. 

Balanced  Elliptic  Orbits  in  Planes  aligned  with  the  Direction  of  Equinox 

In  planes  aligned  with  the  the  direction  of  equinox  we  find  for  elliptic  orbits  equilibria 
at  certain  inclinations  i = it, , which  can  be  defined  only  implicitly  (Ref.  3)  by 

(5  cos2  it,  — 1)  sin  2 (i^  — ib)  + 3 sin  2 ib  + 2 cos  it  sin(ife  — 2 id)  = 0. 

The  corresponding  eccentricity  evaluates  to 

e = yj  1 — (7  sin2ib/sin2(id  — i;,))2/5. 

The  inclination  for  Mars  balanced  orbits  evaluates  to  ib  = 94.88°.  The  line  of  apsides  lies 
in  the  direction  of  equinox.  The  four  possible  cases  are  here  as  follows: 


n 

i 

U) 

0° 

94.88° 

0°, 180° 

180° 

85.12° 

0°, 180° 

The  following  table  presents  some  examples  of  these  orbits,  with  very  similar  eccentricities 
and  orbital  periods  as  for  orbits  in  the  plane  orthogonal  to  the  direction  of  equinox. 


h-pa 

km 

sma 

km 

ecc 

period 

hrs 

7 

0250 

159820 

.977178 

538.84 

0.001662 

0500 

149811 

.973985 

489.02 

0.002296 

1000 

133248 

.966998 

410.21 

0.004125 

2000 

109468 

.950694 

305.45 

0.011023 

4000 

081601 

.909347 

196.59 

0.047892 

8000 

056261 

.797419 

112.54 

0.307410 

1027 


TRANSFER  STRATEGIES 


In  order  to  arrive  at  Mars  in  or  very  near  to  one  of  the  two  special  planes,  we  are  looking 
for  transfer  orbits  which  arrive  in  the  direction  of  Martian  equinox  or  orthogonal  to  it.  The 
direction  of  Martian  equinox  is  approximately  at  102°  with  respect  to  the  direction  of  vernal 
equinox  for  the  Earth. 

Direct  Ballistic  Transfer 

During  the  first  quarter  of  the  next  century,  there  will  be  eight  launch  windows  for  a 
direct  ballistic  transfer  to  Mars  requiring  minimum  energy.  Analysing  these  opportunities, 
we  find  that  for  only  one  of  them  (20  March  2016)  the  arrival  direction  will  be  differing 
15  degrees  from  the  wanted  direction.  All  others  will  deviate  between  30  to  40  degrees. 
Therefore  a direct  transfer  does  not  seem  feasible. 

Other  Strategies 

For  Mars  missions,  gravity  assists  by  Venus  have  been  proposed.  The  drawbacks  of  this 
approach  are  longer  flight  times  and  in  most  cases  much  higher  energy  requirements  for 
orbit  insertion  around  Mars. 

Another  interesting  strategy  is  that  one  planned  for  the  Japanese  PLANET-B  mission 
(Ref.  2).  Two  lunar  swing-bys  and  a gravity  assist  by  Earth  could  reduce  the  total  energy 
requirements  substantially.  Also  the  frequency  of  possible  launch  windows  seems  to  be  much 
higher  than  for  the  other  approaches. 

CONSIDERATIONS  FOR  THE  AMSAT  P5-A  MISSION 
Earth  Departure 

As  for  all  of  the  AMSAT  Phase  3 missions  (highly  inclined,  highly  elliptic  Earth  orbits), 
the  P5-A  spacecraft  is  intended  to  be  a secondary  payload  on  a commercial  flight  and  will 
be  released  in  a GTO  (geostationary  transfer  orbit)  at  an  inclination  of  about  7°.  In  order 
to  reach  the  orbital  plane  of  Mars  for  a direct  ballistic  transfer,  an  initial  inclination  change 
of  at  least  15°  (worst  case  32°)  would  be  necessary. 

In  case  of  a lunar  swing-by,  there  might  be  a chance  to  use  the  swing-by  also  for  the 
inclination  change,  but  the  necessary  initial  conditions  for  reaching  the  Moon  from  a specific 
GTO  might  reduce  the  number  of  potential  start  windows  substantially. 

Spacecraft  Configuration 

The  current  plans  for  the  propulsion  system  (based  on  P3-D)  are  as  follows: 

o One  400  N bipropellant  system  ( MMH  and  IV2H4),  specific  impulse  308  s 

o Two  115  mN,  750  W arc-jet  thrusters  ( IVlf 3),  specific  impulse  475  s (or  1.5  kW  arc- 
jets,  yet  to  be  qualified) 

o 12  resistojets  for  attitude  control. 
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Depending  upon  size  and  position  of  the  solar  panels,  battery  capacity,  and  power  budget, 
constraints  on  the  operation  of  the  arc-jets  have  to  be  taken  into  account. 

With  the  high-gain  antenna  and  the  main  thrusters  on  opposite  sides  of  the  hexago- 
nal structure,  only  an  omni-directional  antenna  will  be  available  for  (low  speed,  5 to  10 
bps)  communications  and  groundstation  tracking  during  orbital  manoeuvers.  Autonomous 
operation  is  asked  for. 

SUMMARY 

If  we  consider  balanced  elliptical  orbits  around  a planet,  the  match  with  mission  objec- 
tives is  crucial.  For  orbits  in  the  plane  aligned  with  the  direction  of  equinox,  the  periapsis 
remains  over  the  equator,  while  for  orbits  in  the  plane  orthogonal  to  the  direction  of  equinox, 
the  periapsis  lies  in  the  orbital  plane.  Specifically,  the  peri-areon  occurs  over  latitudes  in  the 
range  of  ±25°  only.  This  could  restrict,  for  example,  plans  for  remote  sensing  or  imaging. 

One  major  problem,  as  yet  unresolved,  is  to  find  a proper  transfer  strategy  from  a 
GTO  to  one  of  the  two  highly-inclined  planes  at  Mars,  with  propulsion  requirements  near 
minimum. 
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‘SOLAR  PHOTONIC  ASSIST’  TRAJECTORY  DESIGN  FOR  SOLAR 
SAIL  MISSIONS  TO  THE  OUTER  SOLAR  SYSTEM  AND  BEYOND 


M.  Leipold*  and  O.  Wagner** 

Innovative  scenarios  are  described  where  solar  sails  are  utilized  to  carry  a 
micro-sciencecraft  outwards  in  our  solar  system  to  a flyby  of  Pluto  and  targets 
beyond.  Advanced  micro-sciencecraft  design,  i.e.  high-performance  light-weight 
subsystems,  and  passive  low-thrust  propulsion  using  solar  sail  technology 
would  be  combined  to  completely  change  mission  planning  for  high-priority 
science  missions  to  the  outer  solar  system.  The  paper  describes  how  solar  sails, 
not  consuming  any  propellant  for  primary  propulsion,  as  a potential  low-cost 
interplanetary  delivery  system,  could  enhance  these  scenarios  by  employing  a 
‘solar  photonic  assist’  trajectory:  A navigation  approach  for  the  sail  was 
derived  and  simulated  numerically  where  the  sailcraft  first  builds  up  orbital 
energy  in  a trajectory  about  the  Sun  and,  subsequently,  performs  a ‘swing-by’ 
at  the  Sun  to  generate  the  necessary  Av  to  enter  a hyperbolic  orbit  for  fast 
transfers  to  targets  in  the  outer  region  of  our  solar  system.  This  low-thrust 
mission  opportunity,  first  described  by  C.  Sauer  from  JPL,  was  analyzed  and 
extended  to  several  variations,  including  ‘dual  solar  photonic  assist’ 
trajectories.  Utilizing  high-performance  solar  sails  in  combination  with  such  a 
trajectory  design  and  a close  solar  fly-by  can  also  lead  to  high-velocity  solar 
system  escape  missions  with  a travel  speed  of  more  than  30  AU/year. 


INTRODUCTION 

NASA’s  ‘Ice  and  Fire’  preproject  currently  under  investigation  consists  of  three  missions 
designed  to  explore  the  coldest  and  hottest  regions  of  our  solar  system.  Two  missions  to  ‘cold 
destinations’  are  under  consideration:  One  will  probe  Jupiter’s  moon  Europa  to  search  for  evidence 
of  liquid  water  beneath  its  icy  surface,  and  the  other  mission  will  explore  Pluto  and  its  moon  Charon, 
and  continue  to  explore  objects  in  the  Kuiper  belt  (Ref.  1).  In  the  baseline  scenario,  formerly  known 
as  the  ‘Pluto  Express’  mission,  the  sciencecraft  heading  for  Pluto  would  utilize  either  a 12.2  year 
VWJGA-trajectory  or  a 8.5  to  10  year  transfer  using  SEP  (Ref.  2,3).  After  a fly-by  of  the  Pluto- 
Charon  system  the  sciencecraft  is  expected  to  continue  its  journey  to  explore  the  small  planetesimals 
in  the  Kuiper  Belt.  On  the  other  side,  within  the  ‘Ice  and  Fire’  scenario,  the  mission  to  the  solar 
corona,  referred  to  as  ‘Solar  Probe’,  involves  a high  energy  launch  and  a Jupiter  gravity  assist  for  a 
3.6  year  trajectory  to  reach  a perihelion  of  0.02AU  (Ref.  4). 

Solar  sails  would  completely  change  this  scenario:  Bound  for  Pluto,  a sailcraft  would 
employ  a single  swingby  at  the  Sun  at  about  0.45AU,  referred  to  as  ‘solar  photonic  assist’  (Ref. 
5,6).  Thereby  it  can  generate  enough  thrust  to  enter  a hyperbolic  trajectory  out  to  Pluto.  A sailcraft 
with  a more  moderate  performance  concerning  maximum  acceleration  could  be  utilized  employing  a 
‘dual  solar  photonic  assist’,  performing  two  solar  approaches  before  proceeding  out  to  Pluto. 
Typical  trip  times  for  a C3  of  zero  are  between  10.4  and  13  years,  without  performing  an 
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intermediate  Jupiter  gravity  assist.  This  advanced  propulsion  technology  could  also  enable  or  at  least 
enhance  challenging  high  energy  missions  for  robotic  solar  system  exploration  which  require  a high 
Av  such  as  a Mercury  orbiter  mission,  missions  out  of  the  ecliptic  plane  to  e.g.  orbit  the  Sun  in  a 
close  polar  orbit,  and  comet  or  main  belt  asteroid  rendezvous  including  sample  return  (Ref.  5,6, 7,8). 


SOLAR  SAIL  PROPULSION  AND  NAVIGATION 


At  1 AU  solar  distance  the  light  pressure  exerted  on  1 m2  of  surface  area  is  only  9.  lmN  for  a 
perfect  reflector.  However,  the  acceleration  of  a sailcraft  due  to  momentum  transfer  of  photons 
accumulates  over  time  as  the  thrust  is  continuously  available.  The  acceleration  due  to  solar  pressure 
aSp,  assumed  to  be  always  directed  along  the  unit  vector  perpendicular  to  the  sail  surface  and 
defining  the  sail  attitude  around  two  axes,  can  be  expressed  by 
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The  parameter  r),  the  sail  efficiency,  includes  non-perfect  reflection  on  the  sail,  S0  is  the 
solar  constant  (l,368W/m2),  the  solar  distance  r is  expressed  in  [AU],  and  c is  the  speed  of  light 
(c=2.9979  108  m/s).  The  angle  P is  the  Sun  incidence  angle  between  the  sunlight  direction  and  the 
sail  normal  e„,  A is  the  sail  area,  and  mx  is  the  total  spacecraft  mass.  The  performance  of  a solar 
sail  is  generally  expressed  by  the  characteristic  acceleration  ac,  which  is  the  maximum  acceleration  a 
sailcraft  can  experience  at  1 AU  solar  distance.  Values  between  0.7mm/s2  and  l.Omm/s*  are  used  in 
this  analysis  since  this  range  represents  the  performance  level  required  in  order  to  realize  reasonable 
trip  times.  In  addition,  for  high-speed  transfers  leaving  the  solar  system  high-performance  sails  of  up 
to  3.0mm/s2  are  considered. 


The  ratio  of  the  total  spacecraft  mass  msc  to  the  sail  area  A is  furthermore  defined  as  sail 
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and  is  usually  expressed  in  terms  of  grams  per  square  meter  [g/m2].  In  addition,  in  order  to 
specify  the  level  of  light-weight  technology  available  for  the  sail  material  and  support  structure,  the 
sail  assembly  loading  0^1  is  introduced 
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Trajectories  are  generated  numerically  using  a variable  order  variable  step-size  Adams  - 
Bashford-Moulton  method  including  interpolation  for  the  output.  The  equations  of  motion  of  the 
sailcraft  are  expressed  in  a svstem  of  six  first  order  differential  equations: 

dr  = v (4) 
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Here,  fj.  is  the  gravitational  parameter  of  the  Sun,  r and  v are  the  heliocentric  radius  and 
velocity  vector,  respectively,  asp  is  the  acceleration  vector  due  to  solar  sail  propulsion.  Third  body 
perturbations  are  included  where  A*  and  pi  are  the  vectors  from  the  spacecraft  and  the  central  body. 
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respectively,  to  the  perturbing  body  with  index  i and  gravitational  parameter  . The  trajectories 
are  computed  in  a heliocentric,  ecliptic  cartesian  coordinate  system  where  the  x-axis  points  to  the 
vernal  equinox  of  1950.  For  the  numerical  simulation  of  interplanetary  solar  sail  trajectories  a 
program  has  been  developed  to  enhance  a local  thrust  vector  control  strategy  with  a parameter 
optimization  method  to  solve  two-point  boundary  value  problems  (Ref.  5).  A ‘local’  thrust  vector 
control  strategy  based  on  Lagrange’s  planetary  equations  for  the  perturbed  orbital  elements  is  used 
to  generate  approximate  solutions  and  associated  control  estimates  for  the  sail  attitude  angles  over 
the  estimated  flight  time.  These  control  estimates  are  used  to  generate  a reference  trajectory  and 
corresponding  trajectory  variations,  monitored  by  the  program  STROM  (Sequential  TRajectory 
Optimization  Method)  (Ref.  9).  This  allows  to  generate  the  input  for  the  non-linear  programming 
method  SLSQP  (Sequential  Least  SQuares  Programming)  (Ref.  10),  which  is  able  to  solve  general 
nonlinear  optimization  problems.  The  code  iteratively  updates  the  control  history'  to  satisfy  the 
terminal  constraints  within  a certain  accuracy,  i.e.  matching  the  state  vector  of  the  target  body, 
which  can  be  the  heliocentric  position  and  velocity.  This  allows  to  generate  rendezvous  trajectories 
to  e.g.  Mercury  or  main  belt  asteroids.  At  the  same  time  the  performance  index  can  be  expressed  as 
the  transfer  time  allowing  for  optimization  for  minimum  flight  time. 

Inward  and  Outward  Heliocentric  Spiral  Transfers 

In  principal,  any  target  in  the  solar  system  can  be  reached  by  either  spiraling  inward  or 
outward  once  the  sailcraft  has  left  the  gravitational  sphere  of  influence  of  the  Earth  as  shown  in 
Figure  1. 


Figure  1:  Spiraling  Inward  and  Outward  in  the  Solar  System 

The  force  resulting  from  the  solar  radiation  pressure  onto  the  sail,  which  for  perfect 
reflection  is  perpendicular  to  the  sail  area,  can  be  utilized  to  generate  a force  component  in  direction 
of  the  heliocentric  velocity  vector  which  then  results  in  an  outward  spiral  when  e.g.  heading  for  Mars 
or  main  belt  asteroids.  On  the  other  side,  the  sail  can  be  used  to  generate  a ‘breaking’  force 
component  in  the  anti-velocity  direction  in  order  to  perform  a descent  spiral  when  e.g.  heading  for 
Mercury.  By  turning  the  sail  to  generate  an  out-of-plane  thrust  component  the  heliocentric  inclination 
can  be  changed. 
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‘Solar  Photonic  Assist’  Trajectories 


The  outer  planets  are  so  distant  from  the  Sun  that  solar  sailing  is  not  very  effective  in  this 
region.  Since  the  solar  radiation  pressure  is  reduced  with  a 1/r2  relation  as  going  away  from  the  Sun, 
the  propulsive  capabilities  of  a solar  sail  are  more  and  more  limited  as  proceeding  into  the  outer 
regions  of  the  solar  system.  Consequently,  continuous  outward  spiraling  to  reach  the  outer  planets  is 
not  adequate.  However,  a sailcraft  may  gain  an  enormous  amount  of  orbital  energy  when  first 
approaching  the  Sun  before  proceeding  to  the  outer  planets.  By  performing  such  a ‘Solar  Photonic 
Assist’  the  transfer  orbit  about  the  Sun  can  turn  hyperbolic,  allowing  reasonable  trip  times  to  the 
outer  planets  without  applying  gravity  assists.  Such  ‘indirect’  trajectories  generally  have  the 
advantage  of  relatively  short  trip  times,  however,  the  hyperblic  approach  velocities  at  the  target  body 
are  high.  This  type  of  trajectory  was  first  discovered  by  C.G.  Sauer  and  described  in  (Ref.  1 1,12). 
Arrival  speeds  are  directly  related  to  the  trip  times  to  the  outer  planets:  Short  trip  times  will  result  in 
high  arrival  speeds  which  has  to  be  considered  if  e.g.  atmospheric  probes  to  the  outer  planets  are 
delivered. 

The  ‘indirect’  trajectories  imply  that  missions  to  the  outer  planets  will  almost  exclusively  be 
one-way  missions,  except  for  a Jupiter  mission:  Here  the  sailcraft  could  deploy  a payload  and  utilize 
a Jupiter  gravity  assist  to  return  to  the  inner  solar  system.  Figure  2 shows  the  orbital  parameters  for 
a typical  ‘solar  photonic  assist’  trajectory  for  a sail  with  a^l  mm/s2  and  with  C3=0.  The  size  of  the 
initial  heliocentric  orbit  in  this  case  is  1.77  x 0.45  AU.  As  can  be  seen  in  Figure  2,  the  trajectory 
turns  hyperbolic  after  perihelion  passage.  Beyond  about  1 .5  AU  the  curve  of  the  eccentricity  levels 
off,  indicating  the  decreasing  efficiency  of  solar  sail  propulsion. 


Figure  2:  Orbital  Parameters  for  Typical  “Solar  Photonic  Assist”  Transfer 

(C3  = 0,  ac  = 1.0  mm/s2 ) 

TO  PLUTO  WITH  SOLAR  SAILS 

Pluto,  the  only  planet  not  yet  visited  by  any  spacecraft,  is  believed  to  be  the  largest  of  a class 
of  primordial  bodies  at  the  edge  of  our  solar  system  which  have  comet-like  properties  and  have  not 
been  processed  by  solar  heating,  remaining  relatively  unmodified.  With  its  large  moon  Charon,  this 
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double  body  system  may  have  important  glues  to  the  origin  of  comets  and  the  evolution  of  our  solar 
system  (Ref.  2). 

For  transfers  to  Pluto  with  solar  sails,  only  ‘solar  photonic  assist’  trajectories  will  allow 
reasonable  trip  times.  The  advantage  of  this  kind  of  trajectory  is  that  an  intermediate  planetary  flyby 
to  gain  orbital  energy,  i.e.  a Jupiter  gravity  assist,  is  not  necessarily  required.  This  allows  high 
flexibility  with  respect  to  launch  window  planning.  Also,  a launch  at  essentially  zero  C3  can  be 
baselined.  Figure  4 shows  an  example  of  an  Earth  - Pluto  transfer  with  a single  'solar  photonic  assist' 
where  a direct  method  to  solve  the  two-point  boundary  value  problem  was  used  to  match  Pluto’s  out- 
of-ecliptic  position  for  the  flyby.  The  trajectory  reaches  hyperbolic  energy  after  an  initial  ‘solar 
flyby’  orbit  of  1.56  AU  x 0.49  AU.  The  transfer  time  is  4,805  days  (13.2  years),  and  the  relative 
flyby  velocity  at  Pluto  is  10.3  km/s.  Figure  3a  and  3b  show  the  ecliptic  projection  and  the  view  from 
within  the  ecliptic,  respectively. 


Figure  3a:  ‘Solar  Photonic  Assist’  Transfer  to  Pluto  (C3=0,  a*  = 1.0  mm/s2),  Ecliptic  Projection 


Figure  3b:  ‘Solar  Photonic  Assist’  Transfer  to  Pluto,  View  from  within  the  Ecliptic 


1035 


Using  this  approach,  the  trajectory  in  Figure  3b  shows  how  the  ‘solar  photonic  assist’  is 
utilized  to  propel  the  sailcraft  out  of  the  ecliptic  plane.  Whereas  the  initial  sail  attitude  control  law 
based  on  maximizing  the  rate  of  change  in  eccentricity  results  in  a trajectory  which  remains  within 
the  ecliptic  plane,  the  direct  optimization  method  applied  modifies  the  sail  attitude  profile  to  match 
Pluto’s  position  in  three-dimensional  space. 

Extending  the  basic  concept  of  ‘solar  photonic  assist’  trajectories,  transfer  options  were 
investigated  that  apply  two  consecutive  solar  approaches.  This  analysis  is  carried  out  in  order  to 
derive  scenarios  with  solar  sails  of  lower  characteristic  acceleration.  This  allows  the  application  of 
smaller  sail  sizes  and  reduces  the  requirement  for  the  sail  technology  aSaii  expressed  in  terms  of  g/m2. 
Figure  4a  shows  the  ecliptic  projection  of  a transfer  to  Pluto  using  a sailcraft  with  a characteristic 
acceleration  of  0.7mm/s2  and  a double  swing-by  at  the  Sun. 


Figure  4a:  ‘Dual  Solar  Photonic  Assist’  Transfer  to  Pluto  (C3=0,  a*  = 0.7  mm/s1),  Ecliptic  Projection 


Figure  4b:  ‘Dual  Solar  Photonic  Assist’  Transfer  to  Pluto,  View  from  within  the  Ecliptic 
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Table  1 shows  a comparison  to  the  recent  baseline  for  ‘Pluto  Express’  (Ref.  2)  using 
chemical  propulsion,  as  well  as  an  advanced  micro-sciencecraft  mass  example  with  a net  mass  of 
20kg.  Here  a sail  efficiency  r)  of  0.9  is  assumed  which  takes  into  account  non-perfect  reflection  of 
the  sail,  and  for  the  solar  sail  subsystem  a 30%  contingency  on  mass  is  added:  It  is  interesting  to  note 
that  considering  a net  sciencecraft  of  1 15kg  and  given  the  assumptions  for  the  sail  assembly  loading 
CTsaii  of  5.2g/m2  and  7.7g/m2,  respectively,  the  flight  system  mass  (launch  mass)  could  be  reduced 
compared  to  the  chemical  propulsion  baseline  of  ‘Pluto  Express’.  However,  the  sail  sizes  are  still 
relatively  large. 


Table  1: 

PROPULSION  COMPARISON  FOR  PLUTO  FLYBY  MISSION 


‘Pluto  Express’ 
(Chemical) 

Solar  Sail  Options 

Sciencecraft  Net  Mass 

100  kg 

100  kg 

20kg 

Russian  DROP  ZOND 

15  kg 

15  kg 

-- 

Propulsion  Module  / Sail 

392  kg 

(incl.  Propellant) 

154  + 46  kg 
<Jsai : 5.2g/m2 
ac=1.0  mm/s2 

175  +53  kg 
asafl : 7.7g/m2 
ac=0.7  mm/s2 

31  +9  kg 
CTs«a : 7.7  g/m2 
a«=0.7  mm/s2 

Sail  Size 

196m  x 196m 

171m  x 171m 

72m  x 72m 

Flight  System  Mass 

574  kg 

315  kg 

238  kg 

60  kg 

(incl.  30%  Sail  Conting.) 

-- 

(46  kg) 

(53  kg) 

(9  kg) 

Trajectory 

EVWJP1 

ESP2 

ESSP3 

ESSP3 

Transfer  Time 

11.8  years 

13.2  years 

10.4 

10.4 

Potential  Launch  Vehicles 

MOLNIYA 

TAURUS  / MED  LITE 

Pegasus  XL, 
ARIANE5  ‘Piggy-Back’ 

The  numbers  for  the  sail  assembly  loading  assumed  in  this  analysis  were  chosen  to  reflect 
sail  technologies  of  4 g/m2  and  6 g/m2,  respectively,  increased  by  a contingency  of  about  30%. 
Considering  furthermore  the  recent  advances  in  spacecraft  miniaturization  it  seems  feasible  to  build 
highly  capable  micro-spacecraft  with  a total  mass  on  the  order  of  a few  10  kg.  Utilizing  such 
technologies  a 20  kg  net  spacecraft  could  be  carried  by  a 72m  x 72m  solar  sail  with  a characteristic 
acceleration  of  0.7  mm/s2  on  a ‘Dual  Solar  Photonic  Assist’  trajectory  to  Pluto  (ESSP  transfer)  in 
10.4  years,  comprising  a launch  mass  of  about  60kg  (see  Table  1).  As  the  C3  is  still  essentially  zero 
in  this  scenario,  such  a sailcraft  comes  in  the  throw  mass  capability  of  a PEGASUS  XL  launch 
vehicle  (103  kg  for  C3=0).  Alternatively,  a ‘piggy-back’  launch  with  ARIANE  5 together  with  a 
small  chemical  kick  stage  to  insert  the  sailcraft  into  an  Earth  escape  trajectory,  or  a dedicated  launch 
with  a TAURUS/STAR37  or  Russian  ROCKOT  vehicle  at  relatively  low  cost  could  be  considered. 
If  the  payload  volume  constraints  can  be  met,  a highly  interesting  mission  to  Pluto  could  be 
performed  on  a low-cost  launch  vehicle,  avoiding  also  the  radiation  hazards  of  a Jupiter  gravity 
assist. 


1 EVWJP:  Earth- Venus-Venus-Venus-Jupiter-Pluto  Transfer 

2 ESP:  Earth-Sun  (single  photonic  assist)-Pluto  Transfer 

3 ESSP:  Earth-Sun-Sun  (dual  solar  photonic  assist )-Pluto  Transfer 
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HIGH-VELOCITY  SOLAR  SYSTEM  ESCAPE  TRAJECTORIES 


Solar  sail  missions  designed  to  go  beyond  Pluto’s  orbit  such  as  scenarios  to  reach  solar 
distances  of  500  to  1,000  AU  or  even  beyond  have  been  investigated  by  several  authors.  All-metallic 
sails  have  been  proposed  for  missions  to  the  heliopause  (Ref  13)  which  follow  heliocentric 
trajectories  characterized  by  orbital  angular  momentum  reversal  and  a perihelion  of  about  0.2  to 
0.3  AU.  This  requires  solar  sails  with  characteristic  acceleration  on  the  order  of  2.5  to  5 mm/s2  and 
involves  an  in-orbit  removal  of  the  plastic  film  after  sail  deployment  (Ref.  13).  Such  an  advanced 
solar  sail  design  has  also  been  described  in  (Ref.  14)  where  degradation  of  a UV-sensitive  plastic 
film  substrate  as  well  as  sail  film  perforation  are  proposed  to  finally  realize  ultra-light,  all-metallic 
sails.  Going  beyond  the  utilization  of  solar  radiation  pressure,  laser  pushed  lightsails  have  been 
proposed  to  achieve  high  speeds  to  leave  our  solar  system  (Ref.  15).  In  this  scenario  a one-way 
interstellar  flyby  probe  would  use  a 1,000  kg  lightsail  3.6  km  in  diameter  and  a space-based  65  GW 
laser  system  to  achieve  1 1%  of  the  speed  of  light  (0. 1 1 c).  Thus,  a Centauri  could  be  reached  within 
about  40  years  from  launch.  Another  mission  concept  calls  for  a mission  to  reach  550  AU  solar 
distance  to  utilize  the  gravitational  lens  effect  of  the  Sun  to  get  a largely  magnified  picture  of  the 
galactic  center  (Ref.  16). 

Coming  back  to  the  principle  of  single  or  multiple  ‘Solar  Photonic  Assist’  trajectories  with 
solar  sails,  some  examples  are  shown  here  which  outline  the  performance  of  advanced  solar  sails  to 
achieve  high  speeds  to  leave  our  solar  system.  Based  on  this  mission  concept  the  technological 
challenges  of  all-metallic  sails  or  high-power  laser  systems  could  possibly  be  avoided.  When 
assuming  ‘2nd  generation1  solar  sails  with  high  characteristic  acceleration  a*  on  the  order  of  1 mm/s2 
to  3 mm/s2  and  ultra-light  sail  structures  of  1 g/m2  to  5 g/m2,  very  high  speeds  could  be  obtained 
with  ‘solar  photonic  assist’  trajectories.  Allowing  furthermore  close  solar  approaches  to  0. 1 AU  or 
less,  using  special  sail  coatings  and  high  performance  materials  capable  to  handle  high  temperatures, 
escape  velocities  of  50  km/s  to  lOOkm/s  or  even  higher  could  be  achieved.  The  minimum  solar 
distance  a sail  can  operate  depends  on  the  thermal  and  structural  load  capacity  of  the  sailcraft 
design.  Ordinary  sail  designs  with  a high  backside  emissivity  are  estimated  to  be  operational  down  to 
0.2  AU  (Ref.  5,12),  while  specialized  sails  might  withstand  reaching  0.06  AU  (about  8 million  km, 
or  15  solar  radii  from  the  surface)  (Ref.  12). 

Figure  5 shows  an  example  of  such  a high-speed  heliocentric  escape  trajectory  for  a solar 
sail  with  a characteristic  acceleration  of  1.5  mm/s2.  Here  the  sailcraft  is  launched  with  a hyperbolic 
excess  velocity  of  5 km/s  (C3=25  km2/s2)  from  Earth.  The  sail  then  increases  its  heliocentric  distance 
to  about  9.9  AU  still  building  up  orbital  energy,  before  ‘falling  back’  towards  the  Sun  to  perform  the 
‘Solar  Photonic  Assist’.  The  perihelion  radius  for  this  case  is  about  0.1  AU.  After  this  close  solar 
fly-by,  assuming  the  sailcraft  is  capable  to  survive  the  severe  thermal  environment,  the  sailcraft  has 
accelerated  to  an  escape  velocity  of  86.7  km/s.  This  corresponds  to  a travel  speed  of  18.3  AU/year, 
or  0.0289%  of  the  speed  of  light.  This  transfer  option  has  not  yet  been  optimized  for  the  initial 
heliocentric  orbit  concerning  overall  minimum  flight  time.  A lower  initial  aphelion  distance  may  as 
well  be  suitable  to  achieve  similar  solar  system  escape  velocities.  Based  on  this  solar  system  escape 
velocity  it  would  take  3.8  years  to  reach  70  AU,  which  has  taken  the  Voyager  1 spacecraft  about 
20.5  years  to  reach  (Ref.  17).  Voyager  1 currently  travels  at  a speed  of  17.4  km/s  and  has  passed 
Pioneer  10  in  terms  of  solar  distance  on  February  17,  1998,  thus  now  being  the  most  distant  human 
made  object  from  Earth. 
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Figure  5:  ‘Solar  Photonic  Assist’  Heliocentric  Escape  Trajectory  (Cj=25  km2/s2,  ac  = 1.5  mm/s2), 
a)  Ecliptic  Projection  b)  Heliocentric  Velocity  vs  Flight  Time 


An  even  more  capable  sailcraft  with  a characteristic  acceleration  of  3.0  mm/s2  was 
considered  in  order  to  assess  the  feasibility  of  ultra-high  solar  system  escape  velocities.  Figure  6 
shows  an  example  for  a launch  with  a hyperbolic  excess  velocity  of  5 km/s  (C3=25  km2/s2)  from 
Earth.  Here  the  sailcraft  goes  out  slightly  beyond  the  orbit  of  Jupiter  before  performing  a solar  flyby 
at  about  0.05  AU.  This  initial  heliocentric  phasing  prior  to  the  solar  swing-by  takes  about  6.2  years. 
The  close  solar  approach  together  with  the  extreme  acceleration  capability  of  the  sailcraft  allows  to 
reach  an  escape  velocity  of  159.35  km/s,  or  33.6  AU/year.  This  corresponds  to  roughly  0.05%  of  the 
speed  of  light.  This  result  might  be  academic,  but  it  shows  the  potential  of  ultra-high  performance 
sails  to  leave  our  solar  system  with  high  travel  speeds. 
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Figure  6:  ‘Solar  Photonic  Assist’  Heliocentric  Escape  Trajectory  (C3=25  km2/s2,  ac  = 3.0  mm/s2), 
a)  Ecliptic  Projection  b)  Heliocentric  Velocity  vs  Flight  Time 

The  travel  time  starting  from  the  ‘solar  photonic  assist’  to  reach  40  AU,  a distance  similar  to 
Pluto’s  semimajor  axis,  is  only  469  days.  Compared  to  Voyager  1,  this  travel  speed  is  higher  by  a 
factor  of  about  9.1.  A solar  distance  of  1,000  AU  could  thus  be  reached  within  36.14  years  from 
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launch.  At  this  point  it  should  be  noted,  however,  that  the  purpose  of  this  paper  is  to  show  that  high- 
speed flights  into  interstellar  space  utilizing  high-performance  solar  sails  are  not  forbidden  by  the 
laws  of  physics.  Whether  it  can  be  engineered  and  is  financially  or  politically  feasible  has  to  be  left 
for  the  new  millennium  to  be  determined. 

The  trajectory  design  outlined  here  shows  that  close  solar  approaches  with  solar  sails  could 
enable  very  high  hyperbolic  excess  velocities  to  leave  our  solar  system.  The  ‘solar  photonic  assist’ 
provides  a method  to  apply  a high  Av  close  to  the  Sun.  In  analogy,  it  was  shown  in  another  analysis 
baselining  conventional,  chemical  propulsion  that  a 2-impulse  trajectory  leaving  Earth  to  descend  to 
the  Sun  to  about  0.2  AU  and  applying  a second  impulse  there  can  result  in  much  higher  solar  system 
escape  velocities  than  applying  the  same  total  amount  of  Av  for  a direct  escape  trajectory  (Ref.  18). 
This  principle  is  referred  to  as  the  ‘Hohmann  Paradoxon’  and  is  also  described  briefly  in  (Ref.  19). 


SAILCRAFT  CONFIGURATION  OPTION 

The  basic  sailcraft  configuration  for  a mission  to  Pluto  or  beyond  could  be  based  on  the 
recent  solar  sail  concept  feasibility  study  conducted  cooperatively  between  DLR  and  NASA/JPL 
(Ref.  20).  The  studies  led  to  the  baseline  concept  shown  in  Figure  7.  The  sail  structure  is  composed 
of  three  major  elements:  a central  deployment  module,  light-weight  Carbon  Fiber  Reinforced  Plastics 
(CFRP)  booms,  and  the  sail  film.  The  spacecraft  is  attached  to  the  sail  structure  via  a control  mast 
and  a 2-degree-of-ffeedom  gimbal  to  allow  an  offset  of  the  center-of-mass  to  the  center-of-pressure 
for  passive  attitude  control  using  solar  radiation  pressure. 


Figure  7:  Sailcraft  Baseline  Concept  - Partially  Deployed 


Figure  7 shows  a partially  unfolded  sail.  After  completion  of  the  deployment  sequence  the 
booms  support  four  triangular  sail  film  segments  in  the  diagonals  of  the  square  sail.  For  the 
proposed  solar  sail  demonstration  mission  in  Earth  orbit  ODISSEE  (Ref.  20)  a Kapton  film  with 
7.5  pm  thickness  and  CFRP  booms  with  a specific  mass  of  about  60  g/m  are  considered. 
Consequently,  a sail  loading  of  about  20g/m2  seems  feasible  for  a 40m  x 40m  sail.  In  order  to  realize 
a sail  loading  of  10  g/m2  or  less  as  required  for  the  missions  to  Pluto  and  beyond,  i.e.  thinner  film 
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materials  of  1 to  3 pm  thickness  are  required.  This  indicates  the  technological  challenge  to  construct 
ultra-light  weight  sails.  The  solutions  to  these  challenges  must  be  demonstrated  in  space  before  solar 
sail  propulsion  is  considered  viable  for  any  advanced  deep-space  mission. 


CONCLUSIONS 

Single  or  multiple  ‘Solar  Photonic  Assist’  trajectories  provide  a method  for  high-speed 
missions  to  the  outer  solar  system  and  beyond  utilizing  solar  sail  propulsion.  In  this  trajectory  design 
a solar  sail  would  first  build  up  orbital  energy  and  subsequently  perform  a close  solar  flyby  to  gain 
orbital  energy  and  reach  hyperbolic  heliocentric  velocities.  Considering  advanced  micro-spacecraft 
technologies  as  currently  being  developed  within  several  programs,  it  might  be  assumed  that  the  net 
spacecraft  mass  can  be  reduced  to  several  10s  of  kg.  Together  with  advanced  materials  and  ultra- 
light weight  components  for  the  sail  assembly  resulting  in  a mass-to-area  ratio  of  the  sail  of  less  than 
10g/m2,  relatively  small  sail  sizes  could  be  realized.  Such  a micro-sailcraft  could  utilize  a single  or 
dual  ‘solar  photonic  assist’  trajectory  to  reach  Pluto  within  10.4  to  13  years  from  launch.  In 
addition,  for  missions  designed  to  go  beyond  the  orbit  of  Pluto  some  examples  were  shown  which 
outline  the  performance  of  advanced  solar  sails  to  achieve  very  high  speeds  to  leave  our  solar 
system.  Involving  ‘2nd  generation’  solar  sails  and  close  solar  approaches  of  0.05AU  to  0.1  AU, 
assuming  the  sailcraft  can  survive  the  extreme  thermal  environment,  solar  system  escape  velocities  of 
80  km/s  to  160  km/s  could  be  obtained.  Compared  to  Voyager  1,  this  travel  speed  is  higher  by  a 
factor  of  about  9.1.  A solar  distance  of  1,000  AU  could  thus  be  reached  within  36.14  years  from 
launch.  It  should  be  noted,  however,  that  one  aspect  of  this  paper  is  to  show  that  high-speed  flights 
to  the  outer  solar  system  to  perform  a flyby  at  Pluto  or  objects  in  the  Kuiper  belt  or  going  beyond 
into  interstellar  space  utilizing  high-performance  solar  sails  are  not  forbidden  by  the  laws  of  physics. 
Whether  it  can  be  engineered  and  is  financially  or  politically  feasible  has  to  be  left  for  the  new 
millennium  to  be  determined.  In  any  case,  a low-cost  orbital  demonstration  mission  to  validate  the 
basic  principles  of  solar  sail  packaging,  deployment,  and  in-orbit  control  is  a necessary  first  step 
towards  considering  this  advanced  propulsion  technology  viable  for  any  future  deep-space  mission. 
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ACCURACY  OF  ORBIT  DETERMINATION  FOR  LOW 
THRUST  TRAJECTORY  TO  THE  MARS 

Efraim  L.  Akim,  Victor  A.  Stepaniants,  Andrey  G.  Tuchin* 


Spacecraft  with  low-thrust-engine  (LTE)  allows  to  research  of  Solar 
system  more  effective.  The  specific  thrust  of  such  engine  in  some  times 
exceeds  the  specific  thrust  of  liquid-propellant  one.  So  it  is  possible  to 
reduce  the  cost  of  space  mission  by  use  more  light  spacecraft.  The 
project  of  spacecraft  with  LTE  for  Mars  mission  is  considered  in  Russia 
now.  The  mission  profile  includes  the  insertion  of  spacecraft  into  the 
parking  LEO  and  transfer  on  trajectory  to  the  Mars  by  ordinary  liquid- 
propellant  engine.  Further  increase  of  energy  is  realized  by  the  electric 
LTE  on  trajectory  Earth-Mars.  Acceleration  due  to  LTE  generates 
considerable  problems  for  navigation  and  mission  control: 

• The  actual  acceleration  created  by  LTE  differs  from  nominal  value, 
due  to  attitude  and  thrust  value  errors.  As  a result  an  accuracy  of 
reconstructed  trajectory  and  spacecraft's  predicted  motion 
decreases. 

• It  is  not  possible  to  use  the  ordinary  impulse  scheme  to  control.  It  is 
necessary  to  consider  the  continuous  control  of  thrust  attitude  and 
value. 

The  paper  studies  an  accuracy  of  reconstructed  trajectory  and 
predicted  one.  The  paper  contains  some  results  of  expected  accuracy 
of  the  predicted  trajectory  for  different  measurement  sets. 


INTRODUCTION 

Errors  of  measurements,  as  well  as  errors  of  thrust  value  and  attitude  are  taken 
into  account  for  estimation  of  orbit  accuracy.  Two  approaches  are  considered:  an  error 
estimation  based  on  the  recursive  filter  of  Kalman,  and  a global  processing  of  sequence 
measurements.  In  the  first  case  the  continuous  model  of  LTE  error  is  used.  The  Kalman's 
filter  technique  is  suitable  for  an  estimation  of  a noise  part  of  error  with  given  correlation 
function.  In  the  second  case  a difference  of  the  actual  acceleration  and  nominal  one  is 
represented  as  piecewise  constant  function  with  given  limitation.  The  developed  in  KIAM 
technique  of  simultaneous  determination  of  orbit  parameters  and  time-extended  maneuvers 
are  used. 


’ Keldysh  Institute  of  Applied  Mathematics  RAS,  Russia 
phone:  (095)  333-80-67,  e-mail:  stepan@kiaml.rssi.ru 
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A scheme  presented  in  the  figure  1 illustrates  the  implemented  tools  for  estimation 
of  the  orbital  errors. 


Figure  1 The  stages  of  the  orbital  errors  estimate 


TRAJECTORY  OF  SPACECRAFT  WITH  LTE 

The  trajectory  of  a spacecraft  with  LTE  is  described  in  the  Earth-centered 
coordinate  system  J2000  by  equations  including  gravity  terms,  solar  pressure  and  jet 
acceleration.  The  additional  spacecraft  acceleration  w(t)  created  by  LTE  is  described  in 

the  J2000  coordinate  system  as  a time  function  corresponding  to  a nominal  trajectory. 
Function  w(r)  is  presented  in  the  tabular  form.  For  intermediate  points  acceleration  is 

calculated  by  interpolation.  Deviation  of  thrust  from  the  nominal  value  is  considered  as  a 
noise. 

ERRORS  OF  THE  THRUST  VECTOR 

The  acceleration  w and  ellipsoid  of  errors  are  presented  at  the  Figure  2.  The 


Figure  2 The  ellipsoid  of  the  acceleration  error 
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direction  of  thrust  vector  is  defined  by  the  angles  a and  8.  Error  of  actual  acceleration 
module  aw  is  expected  to  be  5%.  Expected  error  of  the  orientation  angles  aa  and  as  is 
5 angular  minutes.  The  components  of  w are  written  as 


wx  = w cos  a cos  S, 

wy  = w>sinacos£,  (1) 

w,  = wsinJ. 


Let  us  introduce  a vector  p-{ w,a,S}  and  assume  that  aw,  aa  and  <js  are 

independent  and  have  the  standard  distribution.  Then  we  obtain  the  covariance  matrix  of 

p 


o o" 
o*  0 . 
o o\) 


(2) 


The  required  covariance  matrix  AT- can  be  calculated  as 


dw 

dp 


K„=—K-p 


'dwV 


dP 


(3) 


dw 


The  matrices  of  partial  derivatives  — r are  calculated  by  differentiation  of  equations  (1): 

dp 


dw. 


dw 


dw. 


dw 

dw 


— = cosacosd,  — — — = -wsinacos#,  = -wcosasinJ, 
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dw 
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According  to  (1)  we  have 
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ORBIT  DETERMINATION  BY  THE  METHOD  OF  DYNAMIC  FILTRATION 
Linearization  of  the  dynamic  model 

Let  us  introduce  the  following  notations: 

***-(0  = *s  a state  vector  of  spacecraft,  corresponding  to  the  nominal 

trajectory, 

xr(t)  = (rr(r),vr(f)}  is  an  actual  state  vector  of  spacecraft, 

x(t)  = xr(t)-x^,(t)  is  a deviation  of  an  actual  state  vector  from  nominal  one. 

The  equations  of  spacecraft  motion  can  be  written  in  the  form 

= /■  (x A, 

nan  J nan  y nan'  J 5 

*J'»)  = 

Deviation  x(t)  satisfies  to  equation 

X = fr{*ncn,  +X,t)-  . 

A measured  function  depends  on  spacecraft  state  vector 

V = y/{x) . 

In  the  linearized  form  the  equations  (8)  and  (9)  are  written  as 


(7) 

(8) 
(9) 


where 


x = ,4(r)x(r)  + £(r)AH’(r), 
V = ¥(xnam)  + H{t)x , 


Sxr  dp  dx,^ 


and  Aw  is  a deviation  of  the  actual  LTE  acceleration  from  the  nominal  one. 


(10) 


(11) 


The  algorithm 

Continuous  processing  of  measurements  is  performed  by  the  Kalman's  filter.The 
estimation  £(/,.)  of  state  vector  at  a time  t,is  made  after  obtaining  of  the  current 
measurement.  The  algorithm  is  defined  by 
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(12) 


*(0 = v.M'm)]  - 

p, = v.-L«/[«AM^r+41^,  > 

Pm- 1 = ^(Si’ti-ijPi®  {tn^-i)  + Qt  ’ 


where 


Pt  is  a covariance  of  the  vector  x(t,-) , 

PiH_x  is  a covariance  of  the  vector  *(/,._,) , mapped  at  the  moment  t,. 


*Xnon,  {',) 

to  the  state  vector, 

if/”  is  /'-th  measurement. 


Qt=  j , r) ATw ( r) Or  (f, , r) dr  is  a covariance  of  spacecraft  state  vector  caused  by 

*1-1 

LTE  errors  at 

ORBIT  DETERMINATION  BY  GLOBAL  PROCESSING  OF  MEASUREMENTS 

Now  the  actual  acceleration  of  LTE  is  presented  as  a sum 


wncm(t)  is  a nominal  acceleration. 

Aw  is  a deviation  of  acceleration. 

We  consider  the  deviation  of  actual  acceleration  to  be  a piecewise  constant 


>K0=M;-m(r)  + Avv(f)> 


(13) 


where 


function 


Ah’(/‘)  = - 

at  [L-iT„], 


A^i  at  (14) 


(14) 


where  n is  number  of  steps. 


At  a time  t within  r,]  the  actual  state  vector  of  the  spacecraft  x{r(/),v(r)j  is 
expressed  by  recursive  relations: 
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(15) 


MO  = M'<- i)  + ^(r< 

MO  = Av(t,-i)M  -t^Aw,.,, 

r(t)  = Fo  (0  + MO  +y('~  0*  A^/> 
v(/)  = Vq(')  + Av(/,)  + (/- /,)Aw, 


Vectors  Aw,  are  included  in  the  set  of  estimated  parameters.  Their  mathematical 
expectations  are  equal  to  zero.  Deviation  of  Aw,  depends  on  LTE  performance  and  is 
described  by  the  covariance  Kwl  according  to  (3). 

Parameters  of  orbit  are  determined  by  minimization  of  the  functional 


where 

q is  a vector  of  esimated  parameters, 

KWJ  is  a covariance  of  AW, 
y/f  is  an  z'-th  measurement, 
y/‘  is  a calculated  value, 
cr,  is  a error  of  z'-th  measurement, 

W is  a number  of  measurements. 

We  use  the  technique  similar  to  [2]  and  [3]  to  minimize  (16)  and  obtain  the 
covariance  matrix  K ^ . 

ESTIMATION  OF  ORBIT  ACCURACY 

We  consider  trajectory  Earth-Mars  with  launch  on  June,  12,  2003,  and  the  Mars 
flyby  in  May,  8,  2004.  The  final  estimate  of  orbit  errors  is  constructed  by  the  comparative 
analysis  of  covariant  dependencies  of  Kalman's  filter  and  global  processing  of 
measurements.  However,  both  algorithms  assume  that  measurements  are  independent  and 
have  the  standard  distribution.  This  assumption  is  not  true  always.  So  to  increase  the 
reliability  of  the  estimate  we  simulate  of  Kalman's  filter  operation  on  the  disturbed  LTE 
acceleration  and  trajectory  measurements.  For  the  simulation  of  LTE  errors  we  used  the 
testing  results  of  similar  engines  and  some  random  functions  with  slow  variation  on  time. 

We  suppose  to  use  the  measurement  system  “Quant-D”  in  the  C-band.  The  errors 
do  not  exceed  50  m for  range  and  1 mm/s  for  range  rate.  We  considere  the  following 
configuration  of  tracking  stations. 

1.  There  are  three  tracking  stations  in  Eupatoria,  Ussuriysk  and  Medveji  lakes  (Moscow 
district).  All  tracking  stations  measure  range  and  range  rate. 

2.  There  are  three  tracking  stations.  Stations  in  Eupatoria  and  Ussuriysk  measure  range 
and  range  rate,  while  the  station  in  Medveji  lakes  measures  only  the  range  rate. 


(16) 
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3.  Present  configuration:  measurements  of  range  and  range  rate  are  performed  by  two 
tracking  stations  in  Evpatoria  and  Ussuriisk. 

4.  The  configuration  of  item  2 and  3 -way  dopier.  In  the  case  the  reemitted  by  spacecraft 
signal  is  received  by  two  tracking  stations  simultaneously.  Then  the  joint  data 
processing  is  performed. 

For  each  configuration  we  obtaine  covariance  matrices  by  the  Kalman's  filter 
technique  and  by  the  global  processing  of  measurements.  We  introduce  errors  of  LTE 
acceleration  and  errors  of  tracking  data  to  simulate  dynamic  filtration  process.  The 
following  sets  of  perturbations,  due  to  thrust  vector  errors  were  considered: 

1.  Perturbations  of  thrust  module  are  same  as  in  LTE  tests.  Orientation  errors  are  5 
angular  minutes. 

2.  The  same  kind  of  perturbations  but  without  orientation  errors. 

3.  There  are  no  errors  of  thrust  vector  module.  The  orientation  errors  are  simulated  by 
random  function  and  do  not  exceed  5 angular  minutes. 

4.  As  in  item  3 but  there  are  errors  of  thrust  vector  module  within  5%. 

The  results  for  position  and  velocity  errors  (in  the  worst  case)  are  summarized  in 
the  Table  1.  Arc  1 corresponds  to  duration  of  tracking  interval  up  to  3 months  aftet  the 
launch;  arcs  2,3,4  — up  to  3,2,1  months  before  encounter.  The  errors  correspond  to  the 
end  of  tracking  interval. 


Table  1 

MAXIMAL  ERRORS  OF  POSITION  AND  VELOCITY 


Variant  of 

Position  errors  (km) 

Velocity  errors  (m/s) 

Case 

mea- 

sure- 

ment 

set 

per- 

turba- 

tion 

Arc  1 

Arc  2 

Arc  3 

Arc  4 

Arc  1 

Arc  2 

Arc  3 

Arc  4 

1 

1 

1 

500 

5000 

3500 

2500 

1 

0.9 

0.9 

1 

2 

1 

2 

200 

700 

200 

250 

0.6 

0.2 

0.4 

0.1 

3 

1 

3 

100 

500 

300 

150 

0.5 

0.5 

0.5 

0.5 

4 

1 

4 

1000 

5000 

2500 

3000 

2 

2.4 

2.0 

3.0 

5 

2 

1 

500 

12000 

8000 

2500 

1.0 

2.0 

1.0 

1.0 

6 

3 

1 

1000 

27000 

10000 

2500 

1.0 

8.0 

2.0 

1.5 

7 

4 

1 

400 

4500 

1500 

1500 

0.8 

1.1 

0.6 

1.1 

Cases  1,2, 3,4  show  that  the  accuracy  depends  on  the  structure  of  perturbations, 
due  to  errors  of  thrust  module  and  orientation.  The  variants  1 and  4 are  similar.  The 
reason  is  that  the  errors,  obtained  in  LTE  tests  are  about  5%  of  the  thrust  module.  In 
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future  the  accuracy  can  be  increase  by  estimate  the  LTE  performance  from  the  tracking 
data.  For  this  purpose  it  is  possible  to  use  the  model  of  perturbations,  proposed  in  [1], 

Cases  5,6,7  show  that  an  accuracy  depends  on  a set  of  measurements.  Compare 
cases  1 and  6 we  can  see  that  for  orbit  determination  it  is  necessary  to  have  three  tracking 
stations.  Unfortunately  case  1 is  not  possible,  because  the  tracking  station  in  Medveji  lakes 
has  not  measurement  of  range.  As  result  an  accuracy  of  estimation  decreases  (see  case  5). 
By  the  3-way  dopier  we  can  obtain  a high  accuracy  (case  7). 


ESTIMATION  OF  ORBIT  ACCURACY  IN  A TARGET  PLANE 


The  trajectory  of  spacecraft  is  predicted  by  the  model  described  above.  As 
encounter  parameters  we  consider  coordinates  in  the  target  plane.  The  plane  is 

ortogonal  to  spacecraft  velocity  in  the  pericenter  of  the  Mars  centered  trajectory.  Axes  of 
the  coordinate  system  in  the  target  plane  are  defined  as: 


e2  xv~ 


/ X V 

\i  x 


(17) 


Here  vK  is  the  spacecraft  velocity  in  the  Mars-centered  coordinate  system  and  / is  an  unit 
vector,  directed  from  the  Mars  mass  to  the  Sun.  Spacecraft  coordinates  in  the  target  plane 
are 

£ = C = (18) 

where  rx  is  Mars-centered  radius-vector  of  a spacecraft. 

For  the  error  estimation  we  choose  the  most  probable  configuration  of  tracking 
stations  — variant  4.  The  covariance  matrices  K 5 are  obtained  by  global  processing  of 

measurements.  In  this  case  we  have  best  agreement  with  simulation  results. 

The  covariance  matrix  KP  in  the  target  plane  is 


K-P  = 


{dt 

K-a 

{ d pY 

J 

(19) 


Figure  3 illustrates  one  sigma  uncertainty  ellipses  for  different  trackiing  arcs.  Date 
shows  a time  of  measuremet  end.  We  can  see  how  errors  of  orbit  decreases  when 
measurement  base  increases  and  the  prediction  interval  decreases. 
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Figure  3 ellipses  of  error  in  the  target  plane 


DATA  FOR  ESTIMATION  OF  REQIRED  ENERGY 

The  spacecraft  control  must  provide  an  encounter  with  the  minimal  energy.  The 
estination  of  the  trajectory  accuracy  is  important  for  choice  of  the  control  strategy.  Let  us 
suppose  that  at  a time  t we  determine  a state  vector  of  the  spacecraft  A(r)  and  its 
covariance  matrix  Kx(t)  by  processing  of  previous  measurements.  We  can  use  the  result 
for  real-time  control  only  after  the  time  t+x.  Here  x is  a minimal  recuired  time  for 
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technological  operations,  such  as  orbit  determination,  calculation  of  control  parameters, 
sending  data  onboard,  checking  of  the  onboard  system  and  so  on.  At  the  time  t+  z errors 
of  the  state  vector  A(/+r)  are  described  by  a covariance  matrix  Kx{t  + z).  They  are 

produced  by  errors  of  orbit  determination  before  t and  LTE  errors  during  the  time  interval 
{t,t+z}.  Delay  z may  be  from  a day  to  several  weeks.  A change  of  accuracy  within  r 
should  be  taken  into  account  at  the  control  strategy,  in  particular,  for  estimation  of  energy 
expenditure.  To  solve  the  problem  we  prepared  required  data  as  following. 

A duration  of  mission  is  divided  into  intervals  (as  a rull  1 month, 

but  shorter  near  the  Earth  and  at  encounter).  For  each  time  tk  we  compute  the  covariance 
matrix  Kx(tk,tk)  of  ^(r*)  by  use  results  of  previous  measurements.  For  a given  time  interval 
the  covariances 

(f*  , *k+\  )>■••»  (fk  > ln ) 

are  computed  also  for  all  subsequent  times  till  the  Mars  flyby.  Constructing  these  matrices 
we  take  into  account  the  errors  of  orbit  determination  till  tk  and  LTE  errors  within  {tk,t,} . 

The  collected  covariance  form  a triangle  matrix.  Its  columns  correspond  to 
increasing  of  prediction  interval  and  its  rows  correspond  to  increasing  of  tracking  arc. 
Each  matrix  is  written  in  a separate  file  along  with  the  terminal  date  of  tracking  arc  and  the 
date  of  prediction  interval  end.  File  names  are  collected  in  the  table  2. 


Table  2 

A SET  OF  COVARIANCE  MATRIXES 


Prediction  interval 

End  of 
tracking  arc 

2003 

2004 

06/16 

06/23 

07/21 

08/25 

i09m 

10/20 

11/24 

12/22 

01/19 

02/23 

03/22 

04/05 

04/26 

05/03 

2003/06/16 

aOOlOOl 

a001002 

8001006 

aOOlOll 

a001015 

a001019 

a001024 

8001028 

8001032 

3001037 

&001041 

3001043 

8001046 

a001047 

2003/06/23 

8002002 

8002006 

8002011 

8002015 

a002019 

8002024 

8002028 

8002032 

3002037 

3002041 

8002043 

8002046 

8002047 

2003/07/21 

a006006 

8006011 

3006015 

a006019 

a006024 

3006028 

8006032 

a003037 

3006041 

3006043 

3006046 

a006047 

2003/08/25 

aO 11011 

8011015 

a011019 

8011024 

8011028 

8011032 

3011037 

3011041 

3011043 

8011046 

aOl 1047 

2003/09/22 

8015015 

3015019 

3015024 

8015028 

8015032 

8015037 

8015041 

3015043 

3015046 

aO  15047 

2003/10/20 

a0l9019 

aO 19024 

8019028 

8019032 

8019037 

8019041 

8019043 

8019046 

8019047 

2003/11/24 

8024024 

8024028 

8024032 

8024037 

8024041 

8024043 

8024046 

8024047 

2003/12/22 

3028028 

8028032 

3028037 

8028041 

8028043 

8028046 

8028047 

2004/01/19 

8032032 

8032037 

8032041 

3032043 

8032046 

303204- 

2004/02/23 

3037037 

8037041 

3037043 

a037046 

a037047 

2004/03/22 

3041041 

3041043 

3041046 

8041047 

2004/04/05 

3043043 

8043046 

8043047 

2004/04/26 

8046046 

3046047 

2004/05/03 

a047047 

Figures  4 and  5 illustrate  a dependence  of  position 

ar  = yfa[+al+^ 

and  velocity 

<r*  = yjcri  +o-*+cr« 


errors  on  the  value  of  tracking  arc  and  prediction  interval.  Her ea^a^cr^cr^a^o-?.  are 
diagonal  elements  of  a covariance  matrix. 
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Figure  4 Dependence  of  position  errors  (1000  km) 
on  tracking  arc  and  prediction  interval 


Figure  5 Dependence  of  velocity  errors  (m/s) 
on  tracking  arc  and  prediction  interval 
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ABSTRACT 

It  is  considered  the  problem  of  finding  the  optimal  trajectories  of  flight  to  the 
planets  of  the  Solar  system  of  space  vehicles  of  two  types: 

a)  equipped  by  the  traditional  thrusters; 

b)  equipped  by  the  low-thrust  engines. 

It  is  supposed,  that  in  both  cases  the  spacecrafts  are  inserted  into  a near-Earth 
parking  orbit  by  the  average  class  launch  vehicles  like  “Molnia-L”  or  “Soyuz”-”Fregat”. 

As  a test  of  optimality  were  considered  both  minimum  time  of  flight,  and 
maximum  of  a payload,  delivered  to  a target  planet. 

The  schemes  of  flights  to  the  Mars,  Venus,  Mercury  and  outer  planets  were 
analyzed. 

It  was  assumed,  that  on  the  way  to  the  target  planet  the  spacecraft  can  make  active 
- gravitational  manoeuvres  in  the  gravity  sphere  of  the  intermediate  planets,  including  the 
multiple  manoeuvres. 

The  terminal  conditions  of  interplanetary  missions  were: 

a)  flyby  the  target  planet; 

b)  landing  to  its  surface; 

c)  injection  into  an  orbit  of  a planet’s  artificial  satellite. 

For  the  decision  of  a variational  problem  on  optimization  of  low-thrust  flight 
scheme  the  maximum  principle  was  used.  In  this  case  an  optimal  control  of  thrust  and  the 
appropriate  optimum  trajectory  were  found  by  simultaneous  integration  of  the  equations 
of  a spacecraft  motion  and  a conjugate  system  of  the  differential  equations.  The  motion  of 
a spacecraft  was  described  in  a classical  Cartesian  coordinate  system,  and  the  action  of  all 
main  perturbing  factors  was  taken  into  account.  The  integration  of  a joint  system  was 
executed  with  the  help  of  an  original  effective  numerical  method. 

It  is  offered  the  original  way  of  choice  of  starting  approximation  for  the  solution 
of  an  appropriate  boundary-value  problem,  giving  good  results  of  convergence  of 
iterative  process,  including  the  difficult  cases. 

The  results  of  the  solution  of  a problem  at  the  choice  of  the  optimal  flight  schemes 
in  both  variants  are  given,  and  their  comparative  characteristics  are  analyzed. 
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CLOSE  APPROACH  TO  SUN  USING  GRAVITY  ASSISTS 
OF  THE  INNER  PLANETS 

A.A.  Sukhanov* 

Earth,  Mars,  and  Venus  gravity  assists  used  for  the  close  approach  to  the  Sun 
(down  to  15  - 30  solar  radii)  are  considered.  A few  spacecraft  trajectories  for 
launch  in  2002  are  suggested.  Launch  delta-V  in  LEO  is  3.6  - 4.1  km/s  and  flight 
duration  to  the  closest  approach  is  4.5  - 13.3  years  for  the  trajectories.  The 
advantages  of  this  way  of  performing  the  solar  mission  are  its  low  cost  relatively  to 
the  Jupiter  gravity  assist  and  the  possibility  of  frequent  approaches  to  the  Sun. 

Multiple  Mercury  flyby  is  also  possible.  Some  merits  of  the  electric  propulsion  use 
for  the  mission  are  considered:  it  can  perform  the  correction  maneuvers,  shorten 
the  flight  duration,  lower  the  perihelion,  turn  the  orbit  plane. 

INTRODUCTION 

A few  missions  to  the  Sun  were  considered  for  last  few  years  [1,  2].  The  missions 
concepts  usually  implied  Jupiter  gravity  assist  (JGA)  and  approach  to  the  Sun  down  to  4 - 
15  solar  radii  ( Rs ).  Since  the  poles  of  the  Sun  are  of  most  interest  near  polar  orbits  usually 
were  considered,  i.e.  after  the  Jupiter  swingby  the  spacecraft  orbit  has  high  inclination  to 
ecliptic.  Total  flight  duration  is  about  3.5  to  4 years. 

However  this  way  of  approachng  the  Sun  has  the  following  serious  disadvantages: 

• Launch  delta-V  is  very  high.  For  instance  in  order  to  approach  to  the  Sim  to  15  - 30  Rs 
for  the  launch  in  2002  the  delta-V  in  LEO  must  be  more  than  7 km/s  (without  turning 
the  orbit  plane)  what  corresponds  to  the  launch  C3  » 100  km2/s2.  The  polar  orbit  needs 
the  launch  delta-V  in  0.6  km/s  higher. 

• Flight  to  Jupiter  puts  additional  requirements  to  the  spacecraft  thermal  and  power 
supply  systems  (RTG  is  needed). 

• Period  of  the  final  spacecraft  orbit  is  longer  than  4 years.  This  means  that  actually  just  a 
single  approach  to  the  Sun  is  possible. 

The  launch  delta-V  can  be  lowered  by  means  of  VEGA  maneuver  (which  is  not  always 
possible)  or  AVEGA  one.  However  these  maneuvers  make  the  mission  longer  in  1 - 3 
years  and  even  after  them  the  total  delta-V  is  still  high;  for  instance  the  AVEGA  3~ 
maneuver  saves  just  about  1 km/s  of  the  delta-V. 


Senior  scientist  of  Space  Recearch  Institute  (IKI)  of  the  Russian  Academy  of  Sciences,  84/32  Profsoyuznaya  St., 
117810  Moscow,  Russia.  Phone:  +7  (095)  333-2433,  FAX:  +7  (095)  913-3040,  e-mail:  sukhanov@iki.rssi.ru. 
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The  gravity  assists  of  the  inner  planets  are  an  alternative  to  the  JGA  for  the  close  approach 
to  the  Sun.  The  alternative  provides  much  lower  launch  delta-V  and  a smaller  and  cheaper 
launch  vehicle  can  be  used  for  the  mission.  Also  the  spacecraft  distance  from  the  Sun  is 
always  within  200  - 260  million  kilometers  in  this  case  (depending  on  the  mission  option) 
and  no  RTG  is  needed.  All  this  makes  the  mission  cost  rather  low.  Another  advantage  of 
the  alternative  is  the  short  period  of  the  final  spacecraft  orbit  what  means  that  many 
approaches  to  the  Sun  are  possible. 

However  the  considered  alternative  to  the  JGA  has  some  disadvantages:  the  flight 
duration  is  longer  and  the  polar  orbit  is  practically  impossible  in  this  case.  Nevertheless 
the  advantages  of  the  solar  mission  using  the  inner  planets  gravity  assists  make  it  quite 
attractive.  Below  a few  spacecraft  trajectories  approaching  the  Sun  down  to  15  - 30  Rs 
after  Earth,  Mars,  and  Venus  swingbys  are  offered.  Also  use  of  the  electric  propulsion  for 
the  correction  maneuvers,  shortening  the  mission  duration,  lowering  the  perihelion,  or 
turning  the  final  orbit  plane  is  considered. 

PRELIMINARY  ANALYSIS 

To  approach  to  the  Sun  closely  after  an  inner  planet  swingby  the  spacecraft  should 
have  high  excess  velocity  near  the  planet.  Fig.l  shows  the  excess  velocity  necessary  to 
approach  to  the  given  distance  from  the  Sun  for  Earth  and  Venus. 
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Minimal  radius  of  perihelion  in  solar  radii 

Figure  1.  Excess  velocity  necessary  for  providing  the  given  perihelion 

Close  approach  to  the  Sun  can  be  done  in  the  following  two  steps: 

Step  1:  the  spacecraft  performs  a few  swingbys  of  the  inner  planets  in  order  to  get 
necessary  excess  velocity  near  the  last  swingbyed  planet. 
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Step  2:  the  spacecraft  performs  a few  swingbys  of  the  last  planet  of  the  step  1 in  order  to 
turn  the  excess  velocity  vector  to  the  direction  opposite  to  the  planet  velocity  vector  and 
thus  to  provide  closest  approach  to  the  Sun. 

Earth  and  Venus  are  the  only  inner  planets  having  the  gravity  field  powerful  enough  to  do 
the  second  step  for  a reasonable  time.  As  it  is  seen  on  Fig.l  the  difference  between  the 
necessary  excess  velocities  for  the  planets  is  rather  small;  however  if  Earth  is  used  for  the 
second  step  of  the  considered  maneuver  the  duration  of  the  step  is  much  longer  than  in 
case  of  Venus.  Therefore  below  only  Venus  will  be  considered  for  the  second  step. 

THE  MISSION  OPTIONS 

The  mission  options  for  the  launch  in  2002  will  be  considered  in  this  section.  Let  the 
E,  V,  and  M letters  denote  the  Earth,  Venus,  and  Mars  swingbys  respectively;  E also 
means  launch  from  the  Earth.  First  consider  EVEVEV  option  for  the  step  1 of  the 
multiple  gravity  assist  maneuver.  This  option  provides  excess  velocity  value  19.9  km/s 
during  the  last  Venus  swingby;  Fig.l  shows  that  this  value  allows  approaching  the  Sun 
down  to  1 6 Rs  after  the  second  step  of  the  maneuver.  There  are  many  different  options  for 
the  second  step;  table  1 gives  the  parameters  of  the  maneuver  including  the  EVEVEV 
option  and  one  of  the  options  for  the  second  step.  Fig.2  shows  the  corresponding 
spacecraft  trajectory. 


Table  1 

APPROACH  TO  16  Rs  USING  EVEVEV  OPTION 


Flyby  No.of  complete  S/major  Radius  of 
Planet  Date  AV  altitude  revolutions  axis  perihelion 
(d/m/y)  (km/s)  (103km)  s/c  Venus  (106  km)  (1 06  km)  (Rs) 


1 

Earth 

9/8/2002 

3.58 

0.2 

- 

- 

128.3 

104.8 

150 

2 

Venus 

7/12/2002 

0 

12.3 

0 

- 

148.2 

107.6 

154 

3 

Earth 

8/9/2004 

0 

4.6 

1 

- 

111.4 

66.3 

95 

4 

Venus 

19/1/2005 

0 

0.5 

0 

- 

164.0 

86.8 

124 

5 

Earth 

15/12/2005 

0 

0.4 

1 

- 

115.5 

53.3 

76 

6 

Venus 

13/1/2006 

0 

1.4 

0 

- 

94.0 

40.0 

57 

7 

Venus 

25/9/2007 

0 

3.4 

3 

2 

82.6 

31.1 

44 

8 

Venus 

17/12/2008 

0 

4.0 

(0.3) 

3 

2 

74.9 

(71.7) 

24.6 

(21.8) 

35 

(31) 

9 

Venus 

20/11/2010 

0 

1.9 

(0.3) 

5 

3 

68.2 

(67.0) 

18.6 

(17.5) 

27 

(25) 

10 

Venus 

2/7/2011 

0 

1.7 

(0.3) 

2 

1 

63.6 

(63.0) 

14.6 

(14.0) 

21 

(20) 

11 

Venus 

6/12/2013 

0 

2.2 

8 

3 

61.0 

12.3 

18 

12 

Venus 

17/10/2015 

0 

0.3 

7 

3 

59.7 

11.2 

16 
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As  it  is  seen  in  the  table  1 the  launch  delta-V  is  3.58  km/s  and  all  the  swingbys  are  free. 
1 1 swingbys  are  needed  and  total  flight  duration  is  more  than  13  years.  Note  that  if  such 
close  approach  to  the  Sun  is  not  needed  and  approach  to  20,  25,  or  30  Rs  is  required  then 
the  sequence  of  swingbys  can  be  interrupted  earlier;  corresponding  values  of  the  trajectory 
parameters  are  given  in  the  table  1 in  brackets.  The  orbital  periods  of  the  spacecraft  and 
Venus  are  not  commensurable  in  this  cases  and  further  lowering  the  perihelion  for  a 
reasonable  time  is  not  possible  anymore. 

Table  2 describes  the  multiple  gravity  assist  maneuver  using  EVMEV  option  as  the  first 
step,  Fig.3  shows  the  spacecraft  trajectory.  This  option  provides  excess  velocity  near 
Venus  equal  to  19.3  km/s;  according  to  Fig.l  this  gives  minimal  perihelion  distance  of 
about  17  Rs . The  flight  duration  is  in  5 years  shorter  in  this  case  than  in  the  previous  one, 
however  the  launch  delta-V  is  larger  in  460  m/s  (the  gravity  loss  is  not  taken  into 
account). 


Table  2 

APPROACH  TO  17  Rs  USING  EVMEV  OPTION 

Flyby  No.of  complete  S/major  Radius  of 


Planet 

Date 

AV 

altitude 

revolutions 

axis 

perihelion 

(d/m/y) 

(km/s) 

(km) 

s/c 

Venus  (106  km)  (106  km) 

(Rs) 

1 

Earth 

6/8/2002 

4.04 

0.2 

- 

- 

129.4 

107.0 

153 

2 

Venus 

19/12/2002 

0 

0.7 

0 

- 

180.4 

106.9 

153 

3 

Mars 

10/5/2003 

0 

1.7 

0 

- 

167.4 

91.9 

131 

4 

Earth 

2/5/2004 

0 

0.7 

0 

- 

116.8 

55.4 

79 

5 

Venus 

7/12/2004 

0 

1.3 

0 

- 

92.0 

39.9 

57 

6 

Venus 

10/9/2005 

0 

5.5 

1 

1 

79.3 

29.5 

42 

7 

Venus 

3/12/2006 

0 

1.6 

3 

2 

72.9 

23.7 

34 

8 

Venus 

21/6/2007 

0 

(0.3) 

5.1 

1 

0 

(71.6) 

68.2 

(22.5) 

19.4 

(32) 

28 

9 

Venus 

1/2/2008 

0 

(0.3) 

7.6 

2 

1 

(65.7) 

65.2 

(17.1) 

16.7 

(25) 

24 

10 

Venus 

26/9/2008 

0 

(0.3) 

0.3 

2 

1 

(63.0) 

61.5 

(14.7) 

13.3 

(21) 

19 

11 

Venus 

1/8/2010 

0 

0.3 

7 

3 

60.2 

12.1 

17 

The  values  in  the  brackets  in  the  table  2 as  well  as  in  the  table  1 correspond  to  the  cases 
when  longer  distance  from  the  Sun  is  required. 


A small  increment  in  launch  delta-V  in  the  EVMEV  option  makes  the  final  excess 
velocity  exceeding  20  km/s  and  allows  approaching  the  Sun  down  to  15.5  Rs ; however 
this  leads  to  the  longer  flight  duration.  The  values  of  the  maneuver  parameters  are  given 
in  table  3. 
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Figure  2.  Approach  to  16  Rs  (EVEVEV) 


Figure  3.  Approach  to  17  Rs  (EVMEV) 


Table  3 

APPROACH  TO  15  Rs  USING  EVMEV  OPTION 


Flyby  No.of  complete  S/major  Radius  of 
Planet  Date  AV  altitude  revolutions  axis  perihelion 
(d/m/y)  (km/s)  (km)  s/c  Venus  (106  km)  (1 06  km)  (Rs) 


1 

Earth 

12/8/2002 

4.10 

0.2 

- 

- 

129.6 

107.3 

153 

2 

Venus 

22/12/2002 

0 

0.3 

0 

- 

184.0 

107.2 

153 

3 

Mars 

7/5/2003 

0 

0.6 

0 

- 

167.6 

89.0 

127 

4 

Earth 

3/5/2004 

0 

0.4 

0 

- 

116.7 

53.3 

76 

5 

Venus 

9/12/2004 

0 

0.8 

0 

- 

91.5 

37.8 

54 

6 

Venus 

10/9/2005 

0 

5.7 

1 

1 

82.6 

30.9 

44 

7 

Venus 

4/12/2006 

0 

1.8 

3 

2 

73.3 

23.0 

33 

(0.3) 

(71.8) 

(21.6) 

(31) 

8 

Venus 

20/6/2007 

0 

0.8 

1 

0 

66.4 

16.8 

24 

(0.3) 

(65.7) 

(16.5) 

(24) 

9 

Venus 

27/9/2008 

0 

0.7 

4 

2 

62.2 

13.1 

19 

10 

Venus 

25/7/2010 

0 

11.3 

6 

2 

61.0 

12.1 

17 

(0.3) 

(59.9) 

(11.2) 

(16) 

11 

Venus 

4/6/2012 

0 

0.3 

7 

3 

59.6 

10.9 

15.5 

It  is 

seen  in 

the  table  3 that  almost  two  years 

are 

needed  to  lower  the  spacecraft  orbit 

perihelion  from  16  to  15.5  Rs- 

If  the  mission  goal  is  approaching  the  Sun  to  30  Rs  then  option  EVEV  can  be  used  for  the 
first  step  of  the  maneuver.  Parameters  of  the  maneuver  are  given  in  table  4,  the  spacecraft 
trajectory  is  shown  on  Fig.  4. 
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Table  4 

APPROACH  TO  30  Rs  USING  EVEV  OPTION 


Flyby  No. of  complete  S/major 


Planet  Date  AV  altitude,  revolutions  axis  Perihelion 
(d/m/y)  (km/s)  (km)  s/c  Venus  (106  km)  (106  km)  ( Rs ) 


1 

Earth 

3/8/2002 

3.58 

0.2 

- 

- 

128.3 

104.8 

150 

2 

Venus 

7/12/2002 

0 

24.3 

0 

- 

148.8 

107.3 

153 

3 

Earth 

20/9/2004 

0 

2.6 

1 

- 

108.9 

63.1 

90 

4 

Venus 

30/1/2005 

0 

0.4 

0 

- 

82.6 

40.7 

58 

5 

Venus 

24/4/2006 

0 

12.6 

3 

2 

77.0 

34.8 

50 

6 

Venus 

27/2/2008 

0 

0.5 

5 

3 

68.2 

25.0 

36 

7 

Venus 

9/10/2008 

0 

0.3 

2 

1 

64.8 

21.2 

30 

An  increment  in  launch  delta-V  in  the  EVEV  option  allows  to  approach  to  the  Sun  down 
to  27  Rs  for  approximately  the  same  time.  The  corresponding  values  of  the  parameters  of 
the  multiple  gravity  assist  maneuver  are  given  in  table  5,  the  spacecraft  trajectory  is 
shown  on  Fig.5. 


Table  5 

APPROACH  TO  27  Rs  USING  EVEV  OPTION 

Flyby  No. of  complete  S/major 

Planet  Date  AV  altitude  revolutions  axis  Perihelion 


(d/m/y)  (km/s)  (km)  s/c  Venus  (106  km)  (106  km)  (Rs) 


1 

Earth 

24/7/2002 

3.73 

0.2 

- 

- 

129.1 

106.0 

151 

2 

Venus 

10/12/2002 

0 

24.3 

0 

- 

149.8 

105.9 

151 

3 

Earth 

9/10/2004 

0.02 

2.6 

1 

- 

105.4 

58.0 

83 

4 

Venus 

16/2/2005 

0 

0.6 

0 

- 

82.6 

38.8 

55 

5 

Venus 

12/5/2006 

0 

32.4 

3 

2 

79.7 

35.9 

51 

6 

Venus 

8/9/2007 

0 

2.5 

3 

2 

71.1 

26.8 

38 

7 

Venus 

30/3/2008 

0 

3.5 

1 

0 

66.4 

21.8 

31 

(0.3) 

(65.1) 

(20.5) 

(29) 

8 

Venus 

21/11/2008 

0 

0.3 

2 

1 

63.6 

18.8 

27 

Times  of  the  flight  to  the  given  distance  from  the  Sun  and  periods  of  the  final  spacecraft 
orbits  for  the  considered  options  are  given  in  the  table  6.  The  values  in  brackets  for  the 
EVMEV-2  option  correspond  to  the  shortened  flight  down  to  the  distance  16  Rs  from  the 
Sun  (see  also  table  3).  As  the  table  6 shows  the  spacecraft  returns  to  the  Sun  every  3-4 
months.  Note  that  Mercury  flybys  are  possible  during  the  flight  in  the  final  orbit. 

The  perihelion  distance  versus  time  of  flight  for  the  considered  mission  options  is  also 
shown  on  Fig.6. 


1062 


Mars 


Mars 


Earth . • ' 


Earth. 


Figure  4.  Approach  to  30  Rs  (EVEV)  Figure  5.  Approach  to  27  Rs  (EVEV) 


Table  6 

FLIGHT  TIMES  AND  PERIODS  OF  THE  FINAL  ORBIT 


Minimal  distance  from  the  Sun  (Rs) 

Mission 

15-17  19-21 

24-27  29-32 

15  - 17 

19-21 

24-27 

29-32 

option 

Time  of  flight  (years) 

Period  of  the  final  orbit  (days) 

EVEVEV 

13.3  9.0 

8.4 

6.5 

92 

100 

110 

121 

EVMEV-1 

8.1  7.6 

5.0 

4.5 

93 

100 

106 

121 

EVMEV-2 

9.9  (8.1)  6.3 

5.0 

4.5 

92  (93) 

98 

106 

121 

EVEV-1 

- 

- 

6.4 

- 

- 

- 

104 

EVEV-2 

- 

6.5 

5.8 

- 

- 

101 

105 

Figure  6.  Perihelion  distance  versus  time  of  flight 
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LAUNCH  VEHICLE  AND  SPACECRAFT  MASS 


Thus  the  launch  delta-V  in  LEO  varies  from  3.6  to  4.1  km/s  for  the  considered 
mission  options.  This  means  that  a low-cost  launch  vehicle  such  as  Russian  Rockot  (SS 
19  missile)  can  be  used  for  the  mission.  This  launch  vehicle  can  deliver  about  1900  kilos 
to  LEO.  Assuming  that  a solid  motor  rocket  is  used  as  a kick-stage  for  Rockot  one  can 
obtain  that  the  spacecraft  wet  mass  can  be  about  370  kilos  for  the  EVEVEV  and  EVEV 
options  and  about  270  kilos  for  the  EVMEV  ones.  Table  7 contains  more  detailed 
information  about  the  spacecraft  initial  mass  for  all  considered  mission  options  and  for 
three  Russian  launch  vehicles. 


Table  7 


THE  SPACECRAFT  WET  MASS* 
Launch  vehicle 

Option 

Rockot 

Molniya 

Soyuz  2/Fregat 

EVEVEV 

370 

1190 

1450 

EVMEV- 1 

280 

- 

1120 

EVMEV-2 

270 

- 

1090 

EVEV-1 

370 

1190 

1450 

EVEV-2 

340 

1120 

1340 

SOLAR  ELECTRIC  PROPULSION 

As  one  can  see  on  the  figures  2-5  the  spacecraft  spends  most  of  the  flight  time  within 
the  Earth  orbit.  This  makes  reasonable  using  the  solar  electric  propulsion  (SEP)  for  active 
spacecraft  maneuvers.  Assume  the  following  SEP  characteristics: 

Power  = 4 W per  1 kilo  of  the  spacecraft  mass  near  Earth 
Specific  impulse  = 2000  s 
Efficiency  = 0.6 

Below  some  active  maneuvers  which  can  be  performed  by  means  of  SEP  are  described. 
All  assessments  below  are  approximate,  degradation  of  the  solar  arrays  with  time  is 
ignored.  In  the  reality  strong  Sun  radiation  can  cause  the  degradation,  however  it  is 
assumed  that  the  solar  panels  are  somehow  protected. 

Correction  Maneuvers 

Cost  of  the  correction  maneuvers  varies  from  20  to  50  m/s  for  each  swingby;  total  cost 
of  the  maneuvers  for  the  mission  options  considered  above  is  about  300  - 400  m/s.  To 
provide  such  delta-V  by  means  of  the  SEP  the  propellant  consumption  must  be  of  about  2 
percent  of  the  spacecraft  mass. 


* Launch  from  Baikonur  is  supposed. 
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Shortening  the  Flight  Duration  and  Lowering  Perihelion 

The  flight  duration  can  be  shortened  using  SEP  in  two  ways: 

• using  the  active  maneuvers  between  the  swingbys;  this  can  shorten  the  time  intervals 
between  the  swingbys  and  possibly  diminish  amount  of  them; 

• interrupting  the  multiple  gravity  assist  maneuver  earlier  during  its  second  step  and 
lowering  perihelion  of  the  final  orbit  by  means  of  SEP. 

The  second  way  will  be  considered  here.  As  it  is  seen  on  Fig.6  lowering  perihelion  below 
20  Rs  using  the  multiple  gravity  assist  maneuver  takes  a long  time.  It  can  be  done  much 
faster  using  SEP.  Consider  the  EVEVEV  option  and  assume  that  the  swingbys  are 
terminated  on  17/12/2008  (see  table  1)  and  further  lowering  of  the  perihelion  is  performed 
by  means  of  SEP.  Also  assume  that  the  SEP  runs  only  in  the  short  arc  of  about  40  degrees 
near  the  aphelion  in  order  to  diminish  the  gravity  loss.  The  perihelion  distance  versus  time 
of  flight  is  shown  in  Fig.  7;  the  solid  and  dashed  lines  correspond  to  the  maneuvers  using 
Venus  gravity  assists  and  the  SEP  respectively.  Change  of  the  spacecraft  mass  due  to  the 
propellant  consumption  is  also  shown  on  Fig.7. 


o 5 10  15 

Time  of  flight,  years 

Figure  7.  Perihelion  distance  and  spacecraft  relative  mass  versus  time 


As  one  can  see  on  Fig.7  the  perihelion  distance  16  Rs  can  be  reached  for  7.4  years  using 
SEP,  i.e.  almost  in  6 years  faster  than  in  case  of  the  Venus  swingbys  only;  this  operation 
will  take  the  propellant  amount  of  about  23  percent  of  the  spacecraft  mass.  Then  the 
perihelion  can  be  lowered  down  to  10  Rs  during  next  8 months  (two  revolutions  of  the 
spacecraft  around  the  Sun).  Total  propellant  consumption  will  be  of  about  35  percent  of 
the  spacecraft  mass. 


Turning  the  Orbit  Plane 

Assume  that  the  orbit  with  perihelion  distance  16  Rs  and  semi-major  axis  59.7  mil.  km 
is  somehow  reached  (this  corresponds  to  the  final  orbit  for  the  option  EVEVEV  or 
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EVMEV-2,  see  tables  1,  3).  Then  the  orbit  plane  can  be  turned  by  means  of  SEP.  Assume 
that  the  SEP  runs  only  within  the  30  degree  arc  near  aphelion  (this  corresponds  to  the  40 
days  of  continued  SEP  run).  Values  of  the  orbit  inclination  to  the  ecliptic  and  the 
spacecraft  relative  mass  versus  time  are  shown  on  Fig. 8. 


Figure  8.  Spacecraft  orbit  inclination  and  relative  mass  versus  time 

It  is  seen  on  Fig.8  that  the  inclination  of  about  40  degrees  can  be  reached  for  about  15 
months  (5  spacecraft  revolutions). 

General  Remarks 

Note  that  if  both  the  lowering  perihelion  and  turning  the  orbit  plane  are  needed  it  is 
better  to  do  the  maneuvers  simultaneously  using  an  optimal  low  thrust  direction.  This  will 
save  time  and  propellant. 

All  the  maneuvers  described  above  can  be  performed  faster  if  the  SEP  will  run  in  a longer 
arc  of  the  orbit;  however  this  will  lead  to  an  increased  propellant  consumption.  The  SEP 
also  can  be  used  for  the  phasing  orbit  in  order  to  encounter  Mercury  and  for  other 
spacecraft  maneuvers. 
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* To  be  correct  the  inclination  to  the  initial  spacecraft  orbit  plane  (i.e.  to  the  Venus  one)  is  shown  on  Fig.8. 
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